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bps 

bits  per  second 

BTU 

British  thermal  unit 

C 

Canberra  tracking  station— NASA  DSN 

CADM 

configuration  administration  and  data  management 

C«rCO 

calibration  and  checkout 

ecu 

central  control  unit 

CDU 

command  distribution  unit 

CEA 

control  electronics  assembly 

CFA 

crossed  field  amplifier 

eg 

centigram 

c.g. 

center  of  gravity  -- 

CIA 

counting/integration  assembly 

CKAFS 

Cape  Kennedy  Air  Force  Station 

cm 

centimeter 

c.m. 

center  of  mass 

C/M 

current  monitor 

CMD 

command 

CMO 

configuration  management  office 

C>MOS 

complementary  metal  oxide  silicon 

CMS 

configuration  management  system 

const 

constant 

construction 

COSMOS 

complementary  metal  oxide  silicon 

c.p. 

center  of  pressure 

CPSA 

cloud  particle  siae  analyzer 

CPSS 

cloud  particle  size  spectrometer 
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CPU  central  processing  unit 

CRT  cathode  »"ay  tube 

CSU  Colorado  State  University 

CTRF  central  transformer  rectifier  filter 


D 

DACS 

DCE 

DDA 

DDE 

DDU 

DDULBI 

DEA 

DEHP 

DFG 

DOB 

DHC 

DIO 

DIOC 

DIP 

DISS  REG 

DLA 

DLBI 

DMA 

DOF 

DR 

DSCS  II 

DSJT 

DSL 

DSN 

DSP 

DSU 

DTC 

DTM 


digital 

data  and  command  subsystem 
despin  control  electronics 
despin  drive  assembly 
despin  drive  electronics 
digital  decoder  unit 

doubly  differenced  very  long  baseline  interferometry 

despin  electronics  assembly 

di-2»ethylhexyl  phthalate 

^?ta  format  generator 

disk  gap  band 

data  handling  and  command 
direct  input/output 
direct  input/output  chaxmel 
dual  in-line  package 
dissipative  regulator 
declination  of  the  latinch  azimuth 

doubly  differenced  very  long  baseline  interferometry 
despin  mechanical  assembly 
degree  of  freedom 
design  review 

Defense  System  Communications  Satellite  II 

Deep  Space  Instrumei.«.ation  Facility 

duration  and  steering  logic 

NASA  Deep  Space  Network 

Defense  Support  Program 

digital  storage  unit 

design  to  cost 

decelerator  test  model 
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DTP 

DTU 

DVU 

E 

EDA 

EGSE 

EIRP 

EMC 

EMI 

EO 

EOF 

EOM 

EP 

ESA 

ESLE 

ESRO 

ETM 

ETR 

EXP 

FFT 

FIPP 

FMEA 

FOV 

FP 

FS 

FSK 

FTA 


ACRONYMS  AND  ABBREVIATIONS  (CONTINUED) 

dcGcenl  tiineF/proKrammer 
digital  telemetry  unit 
design  verification  unit 

encounter 

entry 

electronically  despun  antenna 
electrical  ground  support  equipment 
effective  isotropic  radiated  power 
electromagnetic  compatibility 
electromagnetic  interference 
engineering  order 
end  of  frame 
end  of  mission 
earth  pointer 

elastomeric  silicone  ablator 
equivalent  station  error  level 
European  Space  Research  Organization 
electrical  test  model 
Eastern  Test  Range 
experiment 

fast  Fourier  transform 
fabrication/inspection  process  procedure 
failure  mode  and  effects  analysis 
field  of  view 
fixed  price 

fran:e  pulse  (telemetry) 
federal  stock 
frequency  shift  keying 
fixed  time  of  arrival 
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G 

g 

G«A 

GCC 

GFE 

GHE 

GMT 

GSE 

GSFC 


Goldstone  Tracking  Station  - NASA  DSN 
gravitational  acceleration 

gravity 

general  and  administrative 
ground  control  console 
government  furnished  equipment 
ground  handling  equipment 
Greenwich  mean  time 
ground  support  equipment 
Goddard  Space  Flight  Center 


H 

KFFB 

HPBW 

htr 

HTT 


Haystack  Tracking  Station  - NASA  DSN 
Amec  Hypersonic  Free  Flight  Ballistic  Range 
half-power  beamv/idth 
heater 

heat  transfer  tunnel 


I 

lA 

IC 

ICD 

IEEE 

IFC 

IFJ 

IMP 

I/O 

lOP 

IR 

IRAD 

IRIS 

1ST 

I&T 

I-V 


current 

inverter  assembly 
integrated  circuit 
interface  control  document 

Institute  of  Electrical  and  Electronics  Engineering 
interface  control  document 
in-flight  jumper 

interplanetary  monitoring  platform 
input/ output 
input/otttput  processor 
infrared 

independent  research  and  development 
infrared  interferometer  spectrometer 
integrated  system  test 
integration  and  test 
current-voltage 
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JPL 

KSC 

L 

L.D/AD 

LP 

LPM 

LPTTL 

MSI 

LRC 

M 

MAG 

max 

MEOP 

MFSK 

MGSE 

MH 

MIC 

min 

MJS 

MMBPS 

MMC 

MN 

mod 

MOI 

MOS  LSI 

MP 

MSEC 

MPSK 

MSI 

MUX 

MVM 


Jet  Propulsion  Laboratory 
Kennedy  Space  Center 
launch 

launch  date /arrival  date 
large  probe 
lines  per  minute 

low  power  transistor-transistor  logic 
medium  scale  integration 

Langley  Research  Center 


Madrid  tracking  station  - NASA  DSN 

magnetometer 

maximum 

maximum  expected  operating  pressure 
M'ary  frequency  shift  keying 
mechanical  ground  support  equipment 
mechanical  handling 
microwave  integrated  circuit 
minimum 

Mariner  Jupiter -Saturn 

multimission  bipropellant  propulsion  subsystem 

Martin  Marietta  Corporation 

Mach  number 

modulation 

moment  of  inertia 

metal  over  silicone  large  scale  integration 

maximum  power 

Marshall  Space  Flight  Center 

M'?,'  y phase  shift  keying 

medium  scale  integration 

multiplexer 

Mariner  Venus -Mars 
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NAD 

Naval  Ammunition  Depot,  Crane,  Indiana 

N/A 

not  available 

NiCd 

nickel  cadmium 

NM/IM 

neutral  mass  spectrometer  and  ion  mass  spectrometer 

NRZ 

non-return  to  zero 

NVOP 

normal  to  Venus  orbital  plane 

OEM 

other  equipment  manufci'.cturers 

OGO 

Orbiting  Geophysical  Observatory 

OIM 

orbit  insertion  motor 

P 

power 

PAM 

pulse  amplitude  modulation  

PC 

printed  circuit 

PCM 

pulse  code  modulation 

PCM- 

PSK-PM 

pulse  code  modulation^ph'ase  shift  keying - 
phase  modulation 

PCU 

power  control  unit 

PDA 

platform  drive  assembly 

PDM 

pulse  duration  modulation 

PI 

principal  investigator 
proposed  instrument 

PJU 

Pioneer  Jupiter -Uranus 

PLL 

phase -locked  loop 

PM 

phase  modulation 

p.m. 

post  meridian 

P-MOS 

positive  channel  metal  oxide  silicon 

PMP 

parts,  materials,  processes 

PMS 

probe  mission  spacecraft 

PMT 

photomultiplier  tube 

PPM 

parts  per  million 
pulse  position  modulation 

PR 

process  requirements 

PROM 

programmable  read-only  memory 

PSE 

program  storage  and  execution  assembly 
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PSIA 

pounds  square  inch  absolute 

PSK 

phase  shift  key 

PSU 

Pioneer  Saturn-Uranus 

PTE 

probe  test  equipment 

QOI 

quality  operation  instructions 

QTM 

qualification  test  model 

RCS 

reaction  control  subsystem 

REF 

reference 

RF 

radio  frequency 

RHCP 

right  hand  circularly  polari.;ed 

RHS 

reflecting  heat  shield 

RMP-B 

Reentry  Measurements  Program,  Phase  B 

RMS 

root  mean  square 

RMU 

remote  multiplexer  unit 

ROM 

read  only  memory 
rough  order  of  magnitude 

RSS 

root  sum  square 

RT 

retargeting 

RTU 

remote  terminal  unit 

S 

separation 

SBASI 

single  bridgewire  Apollo  standard  initiator 

SCP 

stored  command  programmer 

SCR 

silicon  controlled  rectifier 

SCT 

spin  control  thrusters 

SEA 

shunt  electronics  assembly 

SFOF 

Space  Flight  Operations  Facility 

SGLS 

space  ground  link  subsystem 

SHIV 

shock  induced  vorticity 

SLR 

shock  layer  radiometer 

SLRC 

shock  layer  radiometer  calibration 

XXX 
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SMAA  eemimajor  axis 

SMIA  semiminor  axis 

SItIR.  signal  to  noise  ratio 

SP  small  probe 

gpC  sensor  and  power  control 

SPSG  spin  sector  generator 

SR  shunt  radiator 

SRM  solid  rocket  motor 

SSG  Science  Steering  Group 

SSI  small  scale  integration 

STM  structural  test  model 

STM/TTM  structural  test  model/thermal  test  model 
STS  system  test  set 

aync  synchronous 


TBD 

TCC 

T/D 

TDC 

TEMP 

TS 

TTL  MSI 

TLM 

TOF 

TRF 

TTM 

T/V 

TWT 

TWTA 


to  be  determined 

test  conductor's  console 

Thor /Delta 

telemetry  data  console 

temperature 

test  set 

transistor -transistor  logic  medium  scale  integration 

telemetry 

time  of  flight 

tuned  radio  frequency 

i.nermal  test  model 

thermo  vacuum 

travelling  wave  tube 

travelling  wave  tube  amplifier 


UHF  ultrahlgh  frequency 

UV  ultraviolet 
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I 

VAC  volts  alternating  current 

VCM  vacuum  condensable  matter 

VCO  voltage  controlled  oscillator  ] 

VDC  volts  direct  current  j 

VLBI  very  long  baseline  interferometry  ! 

VOI  Venus  orbit  insertion  j 

VOP  Venus  orbital  plane 

Viking  standard  initiator 
VTA  variable  time  of  arrival 

XDS  Xerox  Data  Systems 
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8.  PROBE  BUS  AND  ORBITER  SUBSYSTEM 
DEFINITION  AND  TRADEOFFS 


8.  1 ELECTRICAL  POWER  SUBSYSTEM 

S^i.l  fatroduction  and  Summary  A/C  IV  [ji^A/CIV 

The  electrical  power  subsystem  consists  of  the  solar  array,  power 
controls,  power  conditioning,  and  battery  plus  the  associated  command 
and  telemetry  provisions.  Design  of  this  subsystem  was  guided  by  the 
desirability  of  using  common  hardware  for  the  orbiter  and  the  probe  bus 
to  the  maximum  extent  feasible.  For  the  Atlas /Centaur  version,  empha- 
sis was  on  low  cost  and  low  development  risk,  unconstrained  by  weight  or 
volume  considerations. 

Figure  8.1-1  presents  all  the  essential  data  on  the  preferred  power 
subsystem  designs  for  the  orbiter  and  probe  bus.  This  preferred  design 
was  selected  primarily  on  the  basis  of  low  total  cost,  achieved  by  making 
extensive  use  of  Pioneers  10  and  11  hardware.  Design  features  include 
the  following  (letters  indicate  the  relevant  parts  of  Figure  8.  1-1): 

• A power  control  unit  controls  the  shunt,  charge,  and  discharge 
regulators  to  provide  ±2  percent  regulation  of  the  28-volt  bus. 
(See  Figure  8.1 -IB). 

• The  CTRF  (central  transformer  rectifier  filter)  receives  a 
61 -volt  AC  input  from  the  inverter  and  provides  secondary 
voltage  outputs  for  most  subsystem  loads.  Both  the  inverter 
and  the  CTKF  are  Pioneers  10  and  11  designs.  (See 
Figure  8.  1-lB). 

• The  orbiter  uses  a low-cost  and  risk  nickel-cadmium  battery. 
The  probe  bus  uses  a silver-zinc  battery  with  an  nonredundant 
discharge  regulator,  because  battery  power  is  required  during 
launch  and  probe  checkout  only  and  the  weight  and  cost  savings 
are  significant.  (See  Figure  8.  1-lB). 

• The  battery  chargers  are  consequently  different  for  the  probe 
bus  and  orbiter;  the  charger  for  the  probe  bus  is  designed  to 
float  the  battery  as  was  done  for  the  silver-zinc  battery  of 
Pioneers  6 through  9.  The  orbiter  charger  supplies  a maxi- 
mum of  2 amperes  during  Venus  orbit  eclipse  seasons,  and  is 
in  a trickle  charge  mode  during  cruise.  (See  Figure  8.  1-lC). 

• The  CTRF  for  the  probe  ’ us  uses  Pioneers  10  and  11  slices 
"/ithout  modification;  the  orbiter  needs  only  minimal  modifica- 
tions for  the  DSU  and  DTU  power  regulators.  (See  Figure 

8.  1-lD). 


8.  I-l 


A/C  IV  A/C  IV 

• The  inverter  is  a Pioneers  10  and  11  design  modified  to  accept 
the  2o-volt  input.  The  two  invertors  normally  share  the  load, 
but  cither  is  capable  of  handling  the  lull  CTRF  load  if  neces- 
sary. (See  Figure  8.  1 -IE). 

• The  nickel-cadmium  battery  for  the  orbiter  uses  cells  that  were 
flight-proven  on  the  DSP.  the  60  percent  maximum  depth  of 
discharge  is  conservative,  considering  that  only  1Z5  charge/ 
discharge  cycles  are  needed  and  only  a few  of  which  are  at  the 
maximum  depth.  (See  Figure  8.  1-lF). 

• The  probe  bus  battery  uses  cells  identical  in  design  to  those 
used  in  the  large  and  small  probes,  reducing  development  and 
test  costs.  (See  Figure  8.  1-lF). 

• The  0.39  radian  (22.  5-degree)  cone  angle  solar  arrays  provide 
nearly  constant  power  over  sun  aspect  angles  from  0 to  1,  57 
radians  (0  to  90  degrees).  Load  requirements  are  met  or  ex- 
ceeded under  all  conditions,  including  maximum  array  degra- 
dation. (See  Figures  8.  1-lF  through  8.  l-ll). 

• The  Pioneers  10  and  11  shunt  driver  is  used  unchanged  for  the 
probe  bus;  for  the  orbiter,  two  additional  shunt  power  trans- 
istor strings  in  separate  packages  are  added.  The  supplemental 
transistor  strings  are  identical  to  those  used  in  the  Pioneers  10 
and  11  PCU.  (See  Figure  8.  1-lJ). 

• The  orbiter  power  profile  during  per  laps  is  passage  shows  that  the 
battery  shares  the  load  with  the  radar  altimeter  turned  on,  pro- 
viding a total  of  9 watt-hours.  This  does  not  result  in  a depth 

of  discharge  beyond  the  60  percent  occurring  during  eclipse 
operation.  (See  Figure  8,  1-lK). 


Tradeoff  studies  and  initial  subsystem  definition  were  based  on  the 
orbiter  Version  III  science  payload  with  a Thor/ Delta  booster.  This 
was  the  most  stringent  design  because  of  weight  limitations.  The  probe 
bus  subsystem  was  derived  from  the  orbiter  to  maintain  maximum  com- 
monality. The  low  cost  Atlas/ Centaur  versions  were  derived  from  the 
Thor/Delta  orbiter  and  probe  bus  subsystems,  without  the  weight  con- 
straints. 

Details  of  the  effects  on  these  designs  of  the  Version  IV  science 
payload  are  given  in  Appendices  8,  ID  and  8.  IE,  wldch  supplement 
Figure  8.  1-1,  Appendix  8.  1-F  contains  detailed  power  budgets. 

The  complete  power  profiles  for  the  four  Version  IIJ  science  payload 
missions  analyzed  (Thor/Delta  orbiter  and  pn>be  bus,  and  Atlas/ Centaur 
orbiter  and  probe  bus)  are  shown  in  Figures  8.  1-2  tiu'ough  8.  1-5. 
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Figure  8.1-1.  Preferred  Orbrter  and  Probe  Bus  Power  Subsystem 
Summary  Atlas  Centaur/Verslon  IV  Science 
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Section  8.  1-2  presents  the  results  of  tradeoff  studies  leading  to 
definition  of  the  selected  Thor/Delta  subsystem.  Sections  8.  1-3  through 
8. 1-6  p -esent  details  of  the  orbiter  designs  and  design  studies  for  the 
Version  111  science  payload.  Section  8. 1.  7 discusses  the  changes  in 
vhese  designs  required  for  the  probe  bus.  Version  III  science  payload. 

Power  Subsystem  Tradeoffs.  Version  III  Science  Payln;>ri 

Two  major  tradeoff  studies  were  made  to  establish  the  recommen- 
ded Version  III  science  payload  subsystem  configuration  and  solar  array 
dcoigns.  The  results  apply  to  the  orbiter  and  probe  bus.  The  require- 

meniu  serving  as  a basis  for  tradeoff  studies  are  summarized  in 
Table  8.  1 - I . 
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iablo  8.  1-1.  Subsystem  Design  Requirements,  Version  III  Scienc  e Payload 


requirement 

ORBirtR 

PROBE  BUS  ] 

THOR/ 

DELTA 

ATLAS/ 

CENTAUR 

1 THOR/ 

DELTA 

atlas/ 

CENTAUR 

mission  duration,  days 

425 

425 

133 

133 

time  period,  years 

197B-/9 

1978-79 

1977 

1977 

orientation  of  spin  axis 

. TO  EARTH  LINE 

EARTH  POINTING  I 

magnetic  cleanliness. 

<5  oT 

<5  nT 

<5  nT 

<5  nT  1 

LAUNCH  POWER,  WATTS 

90.6 

107,2 

45.; 

59.3  1 

CRUISE  POWER,  WATTS 

100.7/157.9' 

118.4/194.7^ 

56.4/64.3’’ 

70.5 

ORBITAL  OPERATION/ 
ENCOUNTER  POWER,  WATTS 

225.7 

276.6 

78.2 

93.5 

VOLTAGE  TO  USERS 

subsystems,  VDC 
COMMUNICATIONS,  VDC 

±16,  ± l2,  +5 

28  i 2% 

}16,  ±12,  +5 

28  i 5% 

±16,  ±12,  +5 
28  ± 5% 

±16  ±12,  +5 

28  i 2%-16, 

±!2 

SCIENCE  VOLTAGE  INPUT 

NOT  SPECIFIED 

BATTERY  USAGF 

LAUNCH  AND  VENUS  ORBIT 
ECLIPSE 

LAUNCH  AND  PEAK  LOADS 
(SHORT  DURATION) 

'dual  POWEK  levels  indicate  transmitter  power  output  switching  from  16  TO  31  WATTS 

^TRANSMITTEi;  POWER  SWITCH  FROM  8.8  TO  35  WATTS 


^Transmitter  power  switch  from  3 to  6 watts 

8,  1.  2.  1 Power  Subsystem  Configuration  Tradeoff. 

Version  III  Science  Payload 

Fifteen  different  subsystem  configurations  were  evaluated  in 
arriving  at  the  recommended  Thor/Delta  design  as  shown  in  Figure  8.  1-6. 
The  orbiter  c onfi^  ration  was  used  as  the  basis  for  the  tradeoff  since  it 
requires  more  power  and  is  more  complex  than  the  probe  bus.  The  probe 
bus  subsys.tem  was  then  derived  from  the  orbiter  to  obtain  the  desired  com 
monality  with  minimum  redesign. 

Orbiter  Tradeoff  Configurations 

Configurations  i through  4,  8,  and  13  use  series  buck,  buckboost, 
or  shunt/boost  regulators  to  limit  array  voltage  to  33  VDC  or  regulate 
the  bus  voltage  to  28  VDC  ± 2 percent.  Systems  using  22-33  VDC  are 
equipped  with  an  off-the-shelf  22-cell  nickel-cadmium  battery,  a DC/DC 
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convortiT  whiih  provides  secondary  voltage  to  the  subsystems  and  a 
converter  whith  supplies  ^18  VDC  ±6  percent  to  the  communication  loads. 
The  battery  is  discharged  directly  to  the  bus.  The  28  VDC  ±2  percent 
systems  use  a 16-cell  battery  which  discharges  to  the  bus  through  a 
boost  regulator.  A DC/DC  converter  provides  subsystem  secondary 
voltages  and  the  communication  loads  operate  directly  from  the  bus. 

Configurations  5,  6,  11  and  15  use  a shunted  array  to  limit  the 
bus  voltage  to  33  VDC  or  regulate  the  bus  voltage  to  28  VDC  ±2  percent. 
Configurations  5 and  6 employ  nickel  cadimum  batteries  and  secondary 
power  conditioning  as  above.  Configuration  11  employs  an  AC  bus  to  the 
science  instruments,  while  15  uses  the  Pioneers  10  and  11  inverter/ 
central  transformer  rectifier  filter  (CTKF)  to  supply  t.  subsystems 
with  secondary  voltages. 

Shunt  array  control  provides  minimum  array  size  because  of  high 
efficiency  at  end  of  life  when  shunt  current  is  minimum.  This  method  of 
controlling  the  bus  voltage  is  identical  to  that  used  on  Pioneers  10  and  11. 
The  shunt  driver  in  the  power  control  unit  drives  either  a shunt  element 
assembly  (electronic)  or  a shunt  radiator  (resistive)  to  dissipate  a portion 
of  array  power  in  excess  of  load  requirements.  The  remainder  is  dis- 
sipated in  the  array  as  heat  due  to  operating  point  control  on  the  array  I-V 
curve  (constant  voltage). 

Configuration  7 is  a silver -cadmium  battery  version  of  configura- 
tion 6.  Similarly,  12  and  14  are  silver-cadmium  versions  of  1 1 and  15, 
respectively. 

All  of  the  above  configurations  employ  some  type  of  array  regula- 
tion which  reduces  the  bus  impedance,  and  results  in  minimum  voltage 
transients  on  the  bus  during  load  changes  or  pulse  load  activation. 

The  remaining  configurations  (9  and  10)  have  no  array  voltage  con- 
trols and  the  loads  operate  directly  from  the  high  impedance  array.  Bus 
voltage  ranges  from  22  to  70  VDC  with  the  upper  limit  established  by  the 
array  operating  point  at  eclipse  exit  with  a low  temperature  array.  Con- 
figuration 9 uses  a nickel-cadmium  battery  and  Configuration  10  a silver- 
cadmium.  Secondary  power  conditioning  consists  of  two  DC/DC  con- 
verters for  the  subsystems  and  communication  loads.  The  batteries  are 
discharged  directly  to  the  bus. 
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Dolailod  cost  and  weight  data  tor  cacli  major  compojiont  of  the  can* 
didate  siibsysten^s  is  presented  in  Appendix  8,  I -A, 

Or  biter  Tradeoff  Results 


The  weij^lit  and  cost  of  each  sul>systt»m  is  shown  in  Fij^ure  8.  1-7. 
The  cost  data  allows  for  sufficient  quantities  of  hardware  for  botli  the 
probe  bus  and  orbiter  missions.  Recurring  and  nonrecurring  costs  are 
included. 
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Configuration  14,  the  study  proposa  I base  line  subsystem,  is  a modified 
Pi  once  lb  10  and  11  type  subsysimn  with  a CTRF,  silver -cadmium  battery, 
and  inverter  to  convert  the  28  VDC  bus  to  a square  wave  AC  input  for  the 
CTRF.  This  configuration  (Figure  8.  1-8),  is  too  lieaw  for  the  Thor/Delta 

mission  because  it  provides 
isolated  secondary  o 1 1 a g e s 
for  each  user  to  meet  the 
stringiuU  magnetic  cleanliness 
rt^qui renu'nt s i>f  Pioneers  10 

and  11  (currents  in  ])1atform 

riki.irt'S.  l S.  OoiTfiiiurdtion  l4  Pionrprs  tOomi  II  Ivpi' Subsvslrm  t*l imina!  t'fl), 

Coniiguration  t>,  figure*  8.  1-0,  has  a shunt  connected  across  the 
array  lervninals  wlucii  controls  the  hus  upper  voltag('  limit.  The  haltery 
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Science  and  communication  loads 
operate  directly  from  the  regulated 
bus.  A DC/DC  converter  provides 
separate  isolated  windings  for  high 
current  loads  to  minimize  magnetic 
field  generation  duo  to  ground 
loops.  This  is  the  selected  Thor/ 
Delta  orbiter  configuration. 
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f iqiirp  8,  i-i>.  Configuration  ».  Regulated  Bus 


Three  other  systems,  characterized  by  low  cost  and  weight  were 
considered  for  the  Thor/Deita  missions.  Configuration  11,  which  sup- 
plies an  AC  bus  to  the  science  instruments,  was  eliminated  because  the 
nonstandard  science  power  interface  was  judged  to  be  high  risk.  Config- 
uration 5.  based  on  Intelsat  III  hardware,  was  suitable  for  the  orbiter 
but  required  extensive  PCU  modifications  for  the  probe  bus.  Configura- 
tion 9,  which  supplied  a completely  unregulated  bus  of  ZZ  to  70  VDC  to  the 
science  loads,  was  eliminated  because  of  high  risk  and  it  was  too  heavy 
for  the  probe  version.  (Configurations  7.  10.  and  1.1  which  were  lightest 
in  weight  were  eliminated  because  of  high  cost). 

The  AtJas/Centaur  subsystem  was  selected  for  low  cost  and  high 
reliability,  unconstrained  by  weight  or  volume  considerations.  This 

allowed  extensive  use  of  existing  hardware,  eliminating  many  develop- 
nient  risks. 
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SUftSVSUMS 


figure  *.  1-10.  ConfiguMtion  [b-  Pioneers  10  anK  1 1 Type  Subsystem 
<Nickel*Cddm(um  Battery) 


Configuration  15,  Figure 
8.  I-IO,  was  selected  for  low  cost 
Atlas/Centaur  versions.  Derived 
from  Configuration  14,  it  substitutes 
a nickel-cadmium  battery,  resulting 
in  substantial  cost  savings,  primar- 
ily due  to  the  deletion  of  the  cell 
bypass  circuits  and  simple  charge 
coni  rol. 
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Probe  Bus  Tradeoff  Configurations  and  Tradeoff  Reaulta 

Configurations  6 and  15,  selected  from  the  orbiter  trade  study* 
were  then  configured  for  the  probe  bus  mission  and  further  weight/ 
tradeoffs  performed.  Four  probe  bus  subsystems  based  on  the  lowi^st 
cost  and  weight  orbiter  configurations  were  defined  (Figure  8.  1-11). 

These  are  distinguished  by  the  voltage  characteristics  of  the  main  DC  bus 
(i.e.,  regulated,  voltage -limited  and  unregulated).  In  Configuration  1, 
the  PCU  includes  a battery  discharge  regulator  to  maintain  the  bus  at 
28  volts  ± 2 percent.  In  Configuration  2 the  battery  discharges  directly 
to  the  main  bus.  In  Configuration  3,  the  shunt  voltage  limiter  function  is 
deleted  and  bus  voltage  is  determined  only  by  solar  array  and  battery 
voltage  characteristics.  Configuration  4 is  similar  to  Configuration  1, 
but  uses  an  inverter/ CTRF  to  generate  secondary  voltages. 

In  each  configuration  a silver -zinc  battery  is  used  due  to  the  limited 
discharge  requirements  for  the  probe  bus.  The  selection  of  14  series 
cells  in  Configuration  1 permits  battery  charging  from  the  main  bus  since 
the  battery  full  charge  voltage  is  less  than  28  volts.  In  Configurations  2 
and  3,  more  series  cells  are  used  to  raise  the  bus  voltage  on  discharge, 
but  this  requires  a voltage  greater  than  28  volts  for  charging  from  the 
equipment  converter.  In  each  case  a simple  ground  command  controlled 
charging  capability  may  be  included  to  provide  operational  flexibility  in 
contingency  modes  should  power  demands  exceed  the  solar  array  capa- 
bility. In  normal  operation,  the  battery  is  used  only  during  the  first 
several  days  of  the  mission  to  support  eclipse  loads  and  peak  power 
requirements. 

Configurations  1 and  2 are  nearly  equal  in  cost  and  weight.  Con- 
figuration 3 is  highest  in  cost  and  weight,  and  was  eliminated.  Configura- 
tion 4 is  lowest  in  cost,  but  heavier  than  1 and  2. 

Configuration  1,  the  probe  bus  version  of  orbiter  Configuration  6, 
was  selected  for  the  Thor/Delta  missions.  It  provides  maximum  com- 
monality between  the  orbiter  and  probe  bus  subsystems.  Configura- 
tion 4,  the  probe  bus  version  of  orbiter  Configuration  15,  was  selected 
for  the  Atlas /Cent  aur  missions.  Tlie  lowest  cost  configuration,  it  also 
provides  maximum  commonality  between  orbiter  and  probe  bus  subsys- 
tems, includitig  the  use  of  proven,  off-the-shelf  hardware. 
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Figure  8. 1-11.  Probe  Bus  Power  Trodiolf  Studies  (Sizing  Bosed  on  Version  III  Science  Piylood  Ihor/Oelto) 

8. 1.2.2  Secondary  Power  Conditioning  Tradeoffs, 

Version  III  Science  Payload 

Requirements 

Secondary  loads  comprise  a mixture  of  active  redundant,  standby 
redundant,  and  internally  redundant  configurations.  All  are  required  for 
the  orbiter.  The  major  power  users  require  5-volt  regulated  power  and 
resulting  high  currents.  Each  load  is  internally  grounded  and  return  cur- 
rent fl-*w  in  the  spacecraft  structure  is  prevented  by  ^.-paratc  transformer 
windings  where  resultant  magnetic  fields  could  degrade  performance  of 
the  magnetometer.  Secondary  voltage  generation  and  distribution  provide 
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protection  against  any  component  or  wiring  failure  through  the  use  of 
redundancy,  current  limiting,  and  fault  isolation  for  each  load.  The  sec- 
ondary load  requirements  are  summarized  in  Table  8.  1-2, 

Table  8.  1-2.  Secondary  Load  Requirements,  Version  III  Science  Payload 


VOLTAGE 

EQUIPMENT 

MAXIMUM 

POVVER 

(WATTS) 

AVERAGE 

POWER 

(WATTS) 

45  t 5% 

CDU  ACTIVE  CHANNEL 

1.83 

1.34 

CDU  STANDBY  CHANNEL 

0.50 

0.50 

OSU,  THREE  ACTIVE  CHANNELS* 

4.50 

4.50 

DTU,  ACTIVE  CHANNEL 

2.99 

2.83 

DTU,  STANDBY  CHANNEL 

0.28 

0.27 

DDU,  TWO  ACTIVE  CHANNELS 

0.04 

0.04 

CEA,  INTERNAL  REDUNDANCY 

3.00 

3.00 

CONSCAN,  NONREDUNDANT* 

1.00 

0.8 

+12  ± 5% 

DTU,  TWO  ACTIVE  CHANNELS 

0.22 

0.22 

+12+  1.5% 

CEA,  INTERNAL  REDUNDANCY 

0.12 

0.12 

+12  ±3% 

CONSCAN,  NONREDUNDANT* 

0.35 

0.25 

-12  ±5% 

DTU,  TWO  ACTIVE  CHANNELS 

0.14 

0.12 

-12  ± 1.5% 

CEA,  INTERNAL  REDUNDANCY 

0.07 

0.07 

-12  ±3% 

CONSCAN,  NONREDUNDANT* 

0.35 

0.26 

+16  i 5% 

DDU,  TWO  ACTIVE  CHANNELS 

0.14 

0.12 

-16  + 5% 

DTU,  TWO  ACTIVE  CHANNELS 

0.30 

0.30 

DDU,  TWO  ACTIVE  CHANNELS 

0.14 

0.14 

‘ORBITER  ONLY 

Experiments  and  command  receivers  require  regulated  multiple 
secondary  voltages.  These  units  (which  will  be  powered  from  the  main 
bus)  will  provide  their  own  power  conditioning. 

Tradeoff  Designs 

Candidate  power  conditioning  designs  are  shown  in  Figure  8.  1-12. 
The  tradeoff  study  is  based  upon  the  interface  with  science  instruments, 
communication  loads  and  user  subsystem  power  requirements. 

Science  Power.  Configuration  1 iistributes  regulated  square  wave 
AC  power  to  transformer-rectifiers  in  each  experiment,  which  centralizes 
the  experiment  power  conditioning  Inversion  functions.  This  saves  weight 
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figure  8.  M2.  Candidate  Power  Conditioning  Designs.  Version  III  Science  Payload 

in  comparison  to  Configurations  2 and  3 which  use  DC/DC  converters  in 
each  experiment.  The  major  disadvantages  of  the  square  wave  AC  inter- 
face is  the  difficulty  in  specifying  transient  cliaracteristics  of  the  power 
bus  early  enough  to  minimize  program  risk  in  experiment  design  and  inte- 
gration, and  the  lack  of  accurate  AC  power  measurement  instrumentation. 
Also,  the  AC  interface  requires  control  of  load  power  factor  and  waveform 
rise  time  to  limit  radiated  EMI.  In  Configuration  3,  the  experiment  con- 
verters require  additional  parts  to  regulate  the  wider  bus  voltage 
variations. 

Communications  Power.  Configuration  3 requires  a separate  DC/ 
DC  conversion  function  to  t ^>pFy  regulated  28  volts  to  the  S-band  ampli- 
fiers. In  Configurations  1 and  2,  this  function  is  provided  by  the  bus 
regulation  control  directly. 

Subsystems  Power.  Configurations  1,  2 and  3 use  a central  DC/DC 
converter  to  supply  the  regulated  DC  voltages  required  by  the  spacecraft 
subsystems.  In  Configurations  lA,  2A  and  3A,  a central  transformer- 
rectifier  filter  (CTRF)  fed  from  an  inverter  performs  this  function. 
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i 

Although  heavier,  the  inverter /CTRF  approach  utiligses  modified  Pioneers 

10  and  11  equipment  to  minimise  development  cost  and  risk,  facilitating  i 

interfaces  with  other  elements  of  the  subsystem,  such  as  the  Pioneers  10 

and  11  inverter,  | 

Tradeoff  Results  i 

The  power  conditioning  weights  and  costs,  listed  for  each  config-  | 

( 

uration,  were  used  for  subsystem  level  weight/cost  tradeoffs,  Conligura-  1 

tion  2,  the  selected  Thor/Dclta  subsystem,  is  simple  and  lightweight. 

i 

Configuration  2A,  selected  for  Atlas/Contaur  missions,  is  the  most  ] 

cost-effective  approach.  It  combines  minimum  development  cost  and 
risk,  through  the  u^e  of  Pioneers  10  and  11  designs  and  hardware. 

8.  1,2.3  Conical  Versus  Cylindrical  Array  Tradeoff,  ! 

Version  III  Science  Payloads i 

For  the  Version  ITI  science  payloads,  the  recommended  orbiter  spin 
axis  is  perpendicular  to  the  earth  line,  diile  the  recommended  probe  bus 
spin  axis  orientation  is  earth  pointing,  . owever,  during  orbiter  AV  and 
periapsis  maintenance  maneuvers,  the  angle  between  the  sun  and  spin  axis 
may  be  as  small  as  0,35  to  0,52  radian  (20  to  30  degrees).  The  probe  bus 
spin  orientation  varies  between  0,  17  and  0.  555  radian  (10  and  32  degrees) 
from  the  sun  line  normally,  with  angles  as  large  as  1.487  radians 
(85  degrees)  possible  during  probe  release  maneuvers.  A comparison  of 
conical  and  cylindrical  arrays  was  made  because  of  this  wide  variation 
in  sun  angles  present  during  both  missions. 

Figure  8.  1-13  shows  the  relative  power  output  capability  as  a func- 
tion of  angle  for  conical  and  cylindrical  arrays  sized  to  produce  approxi- 
mately equal  power  at  1.658  radians  (95  degrees)  sun  angle.  The  conical 
array  power  output  is  relatively  flat  for  sun  angles  from  0 to  1.6t>  radi- 
ans (0  to  95  degrees),  while  the  cylindrical  array  power  approximates  a 
cosine  function  and  requires  battery  discharge  to  support  the  required 
load  with  small  sun  angles.  The  cone  permits  performance  of  AV , peri- 
apsis  maintenance,  and  probe  release  maneuvers  in  a leisurely  fashion 
independent  of  battery  capacity  limitations.  Large  probe  thermal  control 
is  achieved  through  orientation  of  the  bus  to  the  desired  sun  angle.  Earth 
pointing  and  spin  axis  perpendicular  options  arc  retained  without  signifi- 
cant impact  on  design. 
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Figure  8. 1 '3.  Orbiter  Array  Paver  Versus  Sun  Angle,  225. 7*Watt  Recommended  Thor/Delia 

Table  8.  1-3  contains  quantitative  comparison  data  for  the  cone  and 
cylinder.  Note  that  weight  and  cost  deltas  are  quite  low.  TRW  has  exten- 
wive  design,  manufacturing,  and  flight  experience  with  conical  arrays  used 
on  the  DSP.  This  flight-proven  technology  is  a resource  directly  appli- 
cable to  the  Pioneer  Venus  conical  array  design.  Consideration  of  the 
operational  advantages,  flight -proven  design,  and  modest  weight  and  cost 
increases  led  to  the  selection  of  the  conical  array  for  Pioneer  Venus. 

The  Thor/Delta  orbiter  array  is  sized  to  provide  battery  indepen- 
dent operation  near  Venus  when  oriented  with  the  spin  axis  perpendicular 
to  the  earth  line.  The  minimum  sun  angle  near  Venus  is  0.  52  radian  (30 
degrees)  for  periapsis  maintenance.  The  array  power  decreases  for  sun 
angles  near  0.  52  radian  (30  degrees).  Load  reduction  is  permissible 
during  periapsis  maintenance  which  is  performed  at  apoapsis  (radar  off). 

The  probe  bus  array  for  the  1977  launch  is  sized  to  preclude  battery 
discharge  for  all  possible  sun  angles  from  0 to  1.65  radians  (0  to  95 
degrees)  at  earth  and  Venus.  The  minimum  cone  angle  which  satisfies 
this  requirement  is  0.33  radian  (19  degrees),  (See  Appendix  8.  lE). 
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T/DIII  Table  8.  1-3.  Thor/Delta  Orbiter  and  Probe  Bus  Comparison  of  Conical 

and  Cylindrical  Arrays  for  Version  III  Science  Payload 


SIZING  CONDiriONS:  106.96  GIG AMtURS  (0.715  AO),  SUN  ANGU  1 .66  RAD  (95  DEG),  PiOAD  WAFTS 

2 » ? CM  CELLS,  7 m IO^  CQUIVALCNI  I MeV  EliCTRONS  (ORSTTCR),  CELLS 


1.  ORBITER 

CONFIGURATION 

106.96  GIGAMETERS  k,„w.„  riP 
(0.715  AU)  '^UMB  R OF 

POWER 

(WATT) 

NUMBER  OF 
SERIES 
CELLS 

TOTAL 

CELLS 

V/UGHT 
IKG  (LB)| 

0.33  RAD  (19  DEG)  CONE 

727  150 

77 

11  550 

14.8  (32.6) 

CYLINDER 

226  I3B 

77 

10  626 

13.6  (30.0) 

ACELLS 

924  AW 

^ 1.2  (2,6) 

COST  OF  924  CELLS 

13.es  K 

COST  OF  TOOLING  + LAYUP  = 

5,n  K 

ACOST  S 

18.85  K 

7.  PROBE  BUS  USES  4960  CELLS; 

CELLS  CONE  VERSUS  CYLINDER  = 

402  CELLS 

P^oad  '56.4W  CRUISE 

COST  OF  402  CELLS 

6.05  K 

78 .299  ENCOUNTER 

COST  OF  TOOLING  + LAYUP  - 

2.5  K 

ACOST  $ 

B.55K 

TOTAL  COST  $ 

27.4  K 

A cone  angle  of  0,33  radian  (19  degrees)  (common  to  both  the  orbiter 
and  probe)  was  selected  to  minimize  array  substrate  tooling  costs  while 
meeting  the  power  requirements  of  both  missions  over  the  required  sun 
angles. 


8.1.3  Orbiter  Power  Subsystem  Tradeoffs*  fsiw  fsiw 
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Two  study  areas  concerned  solely  with  the  orbiter  are  the  orbiter 
battery  and  the  sunlit  periapsis  pass  array  sizing. 

8«  1.3. 1 Orbiter  Battery  Tradeoff* 

Version  in  Science  Payload 

The  orbiter  battery  supplies  power  to  the  loads  during  launch,  solar 
eclipses  at  Venus  and  whenever  load  requirements  exceed  array  capability. 
The  battery  is  sized  by  the  eclipse  loads  and  profile  shown  in  Figure 
8. 1-14,  There  are  two  eclipse  seasons;  a long  season  of  short  eclipses 
(0.48  hour  maximum)*  and  a short  season  of  long  eclipses  (1.42  hour 
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? T ^ I maximnm).  There  in  only  one  eclipse 

during  each  i4-hour  orbit.  Between 
eclipse  seasons  the  spacecraft  is  in  100 
percent  sunlight  and  battery  discharge 
is  not  required.  The  total  number  of 
eclipsi»s  i$ 

The  cycle  life  and  wet  stand  capa- 
bility of  three  types  of  rechargeable 
battery  cells  are  compared  in  Table  8.1-  e. 
Cycle  life  data  for  silver-cadmium, 
silver-zinc  (secondary),  and  nickel- 
Fiqun.8.114,  OrtMterPiyioadiciipseioad^^nd  Profile  cadmium  cells  are  in  Appendix  8.  IB. 

Table  8.  1-4.  Orbiter  Battery  Selection  Summary, Version  III  Science  Payload 


31  W 

^ T/D  I 


NI-CD 

AG-CD  WITH  BYPASS 

AG-7.N  (SECONOARYI 

CYCLt  LtFr 

predictaple 

TEST  OAIA  SCATTERED 

TEST  DATA  SCATTERED 

TIME  DEPENDENT 
CAPACITY  LOSS 
<4?5  DAYS^ 

APPROXIMATELY  UPiS 

20  TO  50“b 

HIGHER  THAN  AG-CD 

RECOMMENDED 
MAXIMUM  DEPTH 
OE  DISCHARGE 

m. 

60*0  (WITH  BYPASS! 

3CTo 

tWPERAfUPE  range 

; TO  -TT'-'C 

S TO  ?5°C 

5 TO  2S°C 

STATUS 

FLIGHT  PROVEN  CELLS 

FLlGhf  PROVEN  DESIGN  i 
(PIONEERS  10  AND  li) 

NOT  PROVEN  IN 
PLANETARY  CYCLIC 
DISCHARGE  OPE.TATION 

RISK 

LOVV 

MODERATE 

HIGH 

MAGNETIC  PKCPERTIES 

APPROXIMATELY  3000 
AT  30.5  CM  O AMP, 
DISCHARGING* 

17  AT  30.5  CM  | 

(OPEN  CIRCUIT) 

COMPARABLE  TO 
AG-CD 

CONnOURATION 

16  24  A-MK  CELLS 

16  30  A-HR  CELLS  1 

1?  60  A-HR  CELLS 

WEIGHT 

l^.s  h o TH.6  LBl 

13.9  KG  '30.7  LBl 

n.6  KG  (75.6  LB) 

COST 

S585K 

Silver- Zinc 

Data  for  silver-zinc  cells  show  a cycle  life  of  100  to  200  days  for 
24 -hour  cycles  at  2‘S^C  and  depths  of  discharge  ranging  from  20  lo  00  per- 
cent. Under  the  most  favoi  able  circutnstances  a silver-zinc  secondary 
battery  would  probably  complete  this  mission.  The  cycle  life  data  is 
widely  scattered,  indicating  an  apparent  lack  of  understanding  and  control 
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of  the  causes  of  wide  variability  in  siiver-zinc  cell  performance.  This 
unpredictability  leads  to  reduced  depths  of  discharge  resulting  in  higher 
weight.  Another  factor  is  the  paucity  of  flight  experience  for  silver -zinc 
batteries  operated  in  charge/discharge  cycling  regimes.  Silver-zinc 
cells,  applied  to  the  orbiter  mission,  would  result  in  a design  of  unac- 
ceptably high  risk  and  they  were  rejected. 

Silver -Cadmium 

Silver-cadmium  cells  have  a theoretical  energy  density  considerably 
greater  than  that  for  nickel-cadmium  cells  and  are  magnetically  clean. 
However,  a number  of  factors  act  to  reduce  the  usable  energy  density  for 
the  orbiter  mission.  These  include  time  dependent  capacity  loss,  tendency 
toward  leakage  and  cell  shorting.  Appendix  8.  IB  shows  data  for  capacity 
loss  ac  a function  of  time.  For  this  analysis  a capacity  loss  of  20  percent 
was  assumed  (float  charge  method  used)  and  an  additional  20  percent  was 
allowed  for  capacity  loss  due  to  cycling.  The  maximum  depth  of  discharge 
allowable  is  approximately  60  percent. 

Silver-cadmium  cells  have  substantial  flight  experience,  but  there 
have  been  notable  in-flight  failures  due  mainly  to  high  temperature  sus- 
ceptibility and  inability  to  accept  high  charge  rates.  Cycling  data  pre- 
sented in  Appendix  8.  IB  shows  scattered  performance  similar  to  sUver- 
zinc  cells,  although  the  cycle  life  is  somewhat  better. 

Because  overcharge  current  is  highly  sensitive  to  applied  voltage 
limit  in  these  cells,  and  because  the  I-V  characteristic  of  each  cell  is  dif- 
ferent, the  cell  voltage  dispersion  tends  to  become  larger  with  operating 
time.  For  this  reason  individual  cell  overcharge  limiting  was  used. 
Additionally,  the  60-percent  depth  of  discharge  was  made  possible  by  using 
cell  bypass  circuits  which  protect  against  cell  reversal.  This  is  the  tech- 
nique employed  on  Pioneers  10  and  11.  The  requirement  for  cell  bypass 
protection  results  in  substantially  higher  battery  costs.  The  cost  data  shown 
in  Table  8.  1-4  also  includes  allowance  for  a life  test  which  is  necessary 
because  of  the  lack  ol  data  for  silver-cadmium  batteries  used  in  planetary 
missions  having  long  cruise  times  followed  by  charge-discharge  cycling. 
Nickel  "Cadmium 

The  relaxed  magnetic  cleanliness  requirements  of  Pioneer  Venus 
vis  a vis  Pioneers  10  and  11  made  nickel-cadmium  batteries  a viable 
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^ A/C  III  candidate,  A discussion  of  the  magnetic  field  impact  on  magnetometer  boom 
^ T/DIII  is  provided  in  Section  3.  2.  2.  Nickel-cadmium  batteries  are  char- 

acterized by  superior  cycle  life  at  high  depths  of  discharge,  simple  charge 
control,  low  cost,  and  extensive  flight  experience,  Most  recently,  a 
single  nickel-cadmium  battery  was  successfully  employed  during  the  9 
months  or  orbital  operation  on  the  Mariner  Mars  '71  mission  (70  percent 
maximum  depth  of  discharge,  126  cycles).  Manufacturer  process  controls 
and  materials  usage  have  improved  to  the  point  performance  predictability 
is  far  superior  to  silver -cadmium  and  silver-zinc  cells  Appendix  8,  IB 
shows  that  cycle  life  even  at  80  percent  depth  of  discharge  is  considerably 
in  excess  of  the  orbiter  mission  requirement  of  125  charge/discharge 
cycles.  Conservative  cycle  life  rating  together  with  careful  cell  matching 
procedures  eliminates  the  need  for  cell  bypass  circuits.  The  battery  re- 
liability is  calculated  to  be  0.  998  for  425  days. 

While  battery  cell  open  circuit  failure  would  cause  loss  of  power 
during  eclipse,  the  likelihood  of  such  a failure  is  virtually  nil.  Battery 
redundancy  (two  batteries  in  parallel)  would  increase  orbiter  weight  by 
approximately  18.2  kilograms  and  would  cost  375K  including  charge 
control  and  cabling.  Cell  bypass  circuits  would  add  3.63  kilograms  and 
$198K  to  the  weight  and  cost  of  the  orbiter  battery. 

The  cost  of  the  nickcl-cadmium  battery  is  approximately  one-half 
that  of  the  silver-cadmium  battery.  It  is  3.  6 kilograms  heavier.  The 
low  nsk,  low  cost  nickel-cadmium  battery  is  the  recommended  Thor/ 

Delta  and  Atlas /Centaur  orbiter  design. 


8. 1.3.2  Sunlit  Periapsis  Pass  Array  Sizing  Tradeoffs 
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Approximately  0..65  hour  cifter  the  1. 42-hour  eclipse,  the  space- 
craft will  pass  close  to  Venuu  on  the  sunlit  side.  The  added  light  intensity 
due  to  planetary  albedo  causes  array  heating  which  reduces  the  array 
voltage.  Figure  8, 1-15  depicts  the  periapsis  pass  situation.  It  should  be 
noted  that  this  condition  exists  for  only  a few  orbits  during  the  mission. 
The  Thor /Delta  array  has  been  sized  to  provide  226  watts  at  28  volts  at 
a temperature  of  50°C  and  sun  angle  of  1.657  radians  (95  degrees). 


The  increased  array  temperature  reduces  the  power  available  at 
28  VDC.  The  shaded  area  above  the  array  power  versus  time  curve 
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Figure  8.1-b.  Orbiter  Per  laps  is  Pass  Situation.  Version  m Science  Payload 


shows  that  the  array  capability  falls  below  the  load  requirements  for  a 
short  period.  The  battery  is  discharged  to  support  the  load.  The  total 
battery  energy  used  is  49  W-hr  or  only  10  percent  of  the  battery  capacity. 
..  uring  the  time  after  the  i.  42-hour  eclipse  and  before  periapsis,  the 
battery  is  charged  with  15  W-hr.  The  Section  8.  1.  4.  5 shows  that  the 
battery  depth  of  discharge  is  66  percent  during  the  1. 42-hour  eclipse. 
Hence,  using  the  attery  to  supplement  the  array  results  in  a maximum 
depth  of  discharge  of  73.  5 percent. 

Increasing  the  number  of  series  cells  on  the  array  would  preclude 

battery  discharge  at  high  array  temperatures,  but  this  would  add  weight 

and  cost.  Since  the  battery  is  easily  capable  of  supplementing  the  array 

during  the  periapsis  hot  pass  condition  and  discharge  is  required  only 

during  a few  orbitc.  Battery  discharge  during  the  hot  pass  is  the  selected 
approach. 

8.  1.4  Recommended  Thor/Delta  Orbiter  Subsystem 
Design,  Version  III  Science  Payload 

8. 1.4, I Configuration 

The  Thor /Delta  power  subsystem  was  selected  for  low  weight  with 
reasonably  low  cost,  A detailed  block  diagram  of  the  Thor/Delta  orbiter 
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power  subsystem  is  shown  in  Figure  K,  l-ln.  Tlie  recornmendi^d  subsys- 
tem uses  a highly  successful  bus  vollagt^  control  metliod  piM^v-.-n  on 
Pioneers  10  and  11,  Appendix  H.  1C  provides  a descriptioii  v>f  the  various 
operating  modes.  The  powt'r  con!  rol  unit  contains  a tuuit  ral  control  unit 
(CCU)  which  senses  Hu'  bus  voltagi'  to  ioiable  tiu'  sliunl  \vlu*n  mh*  array 
power  exc.i*eds  load  povvi-r,  A shunt  driver  acts  as  a variable  load  to  con- 
trol shunt  radiator  current  and  dissipation.  The  charge  regulator  is 
enabled  wht  never  array  power  exce<‘ds  load  power.  When  the  bus  voltage 
decreases  sliglitly  due  to  load  diMTiand  exce^'ding  arrav  ca|).d>ili1  v,  the  dis- 
charge regulator  is  enabled  and  llu-  hatltM-y  s upper  is  the  l>us.  The  CCU 
logic  precludes  shunting  tind  disch.arging  simultaneously*  CJommands  and 
ttdemetry  arc  processed  in  the  PCU,  The  nickel-cadmium  hatterv  pro- 
vides a Inghly  reliable  energy  source  for  eclipse  power.  Tiie  DC/DC  con- 
verter provides  secondary  voltages  to  the  subsystems. 
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Figure  8. 1-16.  Recomniendwl  Thor/OelU  Orbiler  Subsysleir  Block  Diagram 
1?8  VOC  t Z Peixent  RegjKited  Bus) 


Redundancy  has  been  incorporated  in  critical  areas  to  preclude 
single  point  failures.  The  central  control  unit  employs  two  of  three  major- 
ity voting  circuitry.  The  shunt  driver  is  quad  redundant  to  prev^ent  loss  of 
shunt  control  due  to  opett  or  short  failure  modes  in  the  power  amplifiers. 
The  charge  and  discharge  regulators  are  redundant  to  prevent  loss  of  the 
battery.  The  DC/DC  converter  supplies  redundant  secondary  voltages  to 
redundant  iiser  subsystems.  Each  secondary  output  is  current -limited  to 
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prevent  fault  propagation.  The  shunt  power  capability  has  been  sized  to 
allow  for  single  failures  in  the  strip  resistors  (open-circuited  resistive 
element}  of  the  shunt  radiator.  Possible  faults  in  the  solar  array  are 
isolated  by  blocking  diodes  in  the  arra-  harness. 

H. 1,4,2  Power  Control  Unit 

The  power  control  unit  for  the  Thor /Delta  orbiter  (Figure  8.  1-17) 
uses  existing  Pioneers  10  and  11  designs  waerever  possible  to  minimize 
costs.  The  central  control  unit,  shunt  driver,  and  overload  sensor 
off-the-shelf  Pioneers  10  and  11  designs.  Because  of  the  change  from 
RTG's  (radioisotope  thermoelectric  generators)  to  a solar  array  and  the 
use  of  a nickel -cadmium  battery  in  a cycling  mode  new  designs  arc  required 
for  the  battery  charger,  bus  filter,  and  discharge  regulator  slices.  Telem- 
etry and  command  circuitry  will  be  minimally  modified  Pioneers  10  and  11 
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The  shunt  dissipation  as  a function  of  shunt  current  is  also  shown  in 
Figure  8.  1-17.  Peak  PCU  dissipation  within  the  equipment  compartment 
due  to  the  shunt  driver  losses  is  40  watts.  The  shunt  radiator  is  simply  a 
resistive  load  (5.  9 ohms)  and  its  dissipation  varies  as  the  square  of  the 
current.  A maximum  shunt  current  of  4,5  amperes  is  possible  at  Venus  if 
the  array  degradation  and  load  are  minimum.  The  peak  current  capability 
of  the  shunt  driver  with  one  power  transistor  inoperative  is  4.5  amperes. 
Therefore,  the  shunt  driver  capability  is  adequate  even  for  failure  mode 
conditions.  A discussion  of  shunt  sizing  is  in  Appendix  8.  ID. 

The  shunt  radiator  maximum  dissipation  is  119  watts.  The  location 
and  size  of  the  shunt  radiator  has  been  selected  to  accommodate  a tempera- 
ture range  of  -156.5  to  +121. 5°C  (-250  to  +250°F).  The  shunt  radiator 
size  is  38  by  32  by  3.3  cm  (15  by  12  by  1.3  inches). 

The  nickel-cadmium  battery  charger  is  located  in  the  PCU.  The 
charge  control  method  selected  has  been  flight-proven  on  OGO,  Intelsat  III, 
and  Manner  Mars  '71.  The  battery  voltage  is  limited  as  a function  of 
temperature  by  a series  dissipative  regulator  to  prevent  battery  thermal 
runaway.  The  maximum  charge  current  is  limited  to  2 amperes  with 
switch  to  trickle  charge  when  the  voltage  limit  is  reached.  The  0.  15- 
ampere  trickle  charge  rate  can  be  selected  by  ground  command  to  limit 
battery  dissipation  during  cruise.  During  the  orbital  phase  of  the  mission 
the  0.3-ampere  trickle  charge  rate  can  be  used  to  increase  the  battery 
State  of  charge. 

Battery  charging  power  is  derived  from  turning  off  science  instru- 
ments which  only  desire  data  near  periapsis.  This  provides  a minimum 

of  22  hours  battery  charging  capability  during  orbits  with  a maximum 
eclipse. 

The  PCU  contains  a redundant  discharge  regulator  (nondissipative 
switching  type)  which  boosts  the  16-  to  24-volt  battery  to  28  VDC.  The 
discharger  efficiency  is  greater  than  65  percent  at  230  watts  load.  Redun- 
dancy is  provided  to  preclude  singl  - part  failures.  Six  pounds  have  been 
allocated  for  the  redundant  discharge  regulator.  The  discharger  dissipa- 
tion of  35  watts  for  maximum  load  conditions  requires  a good  thermal  path 
to  the  spacecraft  platform  through  the  shunt  slice. 
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8, 1,4.3  Equipment  Converter 

Parallel  redundant  DC/DC  converters  in  a single  package  are  used 
(Figure  8,  1-18),  Each  converter  input  is  fused  to  protect  the  main  DC 
bus  against  converter  faults.  Output  power  switching  is  by  command  to 
select  converter  channels  for  internally  redundant  loads  (DSU,  switched 
5 volts  for  DTU,  CEA)  and  to  provide  complete  fault  isolation  for  each  load 
fed  from  a common  output.  Only  compatible  loads  requiring  low  currents 
are  supplied  from  common  outputs  to  assure  noninterference  and  eliminate 
magnetic  fields  generated  by  return  currents  in  the  structure  which  could 
affect  the  magnetometer. 

Each  converter  channel  supplies  11  isolated,  regulated  outputs.  All 
secondary  power  grounds  are  located  in  the  load  equipment.  The  dissipa- 
tive type  output  regulators  provide  excellent  dynarr.ic  response  to  load 
variations  and  also  provide  current  limiting  in  the  event  of  overload  to 
protect  the  converter.  Overvoltage  protection  is  provided  for  each  output. 
Each  channel  is  capable  of  supporting  the  total  secondary  load.  The  loads 
are  approximately  equally  divided  between  channels  during  normal  opera- 
tion to  maximize  converter  efficiency. 

This  approach  was  selected  for  the  recommended  Thor /Delta  sub- 
system because  of  weight  savings  achieved  by  combining  transformers 
Into  one  multiple -secondary  power  transformer  per  channel. 

8. 1.4,4  Solar  Array 

The  Thor /Delta  orbiter  array  was  sized  to  provide  at  least  225.7 
watts  at  Venus  with  a 1.657-radian  (95-degree)  sun  angle.  There  are 
many  interrelated  factors  which  affect  the  size  of  the  solar  array.  The 
temperatures  predicted  for  a 0.33-radian  (19-degree)  cone  angle  vary 
with  solar  aspect  angle  and  distance  from  the  sun,  and  range  from  -4  to 
71*^0,  while  the  light  intensity  varies  from  0.87  to  1.96  times  the  mean 
intensity  at  earth. 

The  most  efficient  combination  of  series  and  parallel  cells  was 
determined  by  an  iterative  computer  analysis  considering  the  required 
range  of  solar  intensity  and  temperature  after  radiation  degradation.  The 
different  sun  angle  requirements  for  the  orbiter  and  probe  lead  to  differ- 
ent numbers  of  cells  in  series  as  well  as  parallel  for  the  two  missions. 
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The  cell  characteristics  were  determined  from  measured  proper- 
ties of  JPL  cells  at  high  intensity  adjusted  for  the  configuration  and 
thickness  best  suited  to  these  missions  (Reference  1), 

Radiation  Environment 

Tlio  dominant  factor  in  radiation  degradation  for  the  Pioneer  Venus 
solar  array  is  solar  flare  protons*  Passage  through  the  earth*s  trapped 
radiation  bolts  has  a negligible  effect. 

The  radiation  factors  used  are  based  upon  NASA  predictions  for  the 
time  period  of  interest,  and  over  20  percent  of  the  orbiter  array  is 
required  to  make  up  for  anticipated  radiation  losses. 

The  radiation  model  used  throughout  the  analysis  was  based  upon 
NASA*s  predictions  for  the  peak  of  the  21st  solar  cycle.  Three  NASA 

documents  (References  2,  3,  and  4) 
were  reviewed  describing  space 
environment  criteria  guidelines  for 
use  in  space  vehicle  development  for 
the  time  period  between  H77  and  1^82. 
All  agree  with  the  curv'^ed  line  shown 
in  Figure  8.  1-19,  An  independent  JPL 
analysis  (Reference  5)  intended  for  the 
20th  solar  cycle  is  shown  as  a straight 
line. 

There  is  more  than  an  order  of 
magnitude  difference  between  the 
observed  peak  of  the  20th  solar  cycle 
and  the  predicted  peak  for  the  2 1st 
cycle.  The  data  for  the  21st  cycle  is 
based  upon  the  cycle  19  (19RQ)  peak 
which  was  the  worst  event  in  188  years 
of  measured  data.  Cycle  20(1968-1969) 
data  shows  that  it  was  a typical  medium  peak.  Basing  the  solar  array 
degradation  on  cycle  21  data  results  in  a conservative  array  design  which 
increases  array  weight  and  cost. 
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A lees  conservative  approach  might  be  to  use  the  maximum  pre- 
dicted point  for  the  20th  cycle.  JPL  is  currently  using  the  low  point  (1975) 
of  this  cycle  for  the  Mariner  Venus  Mercury  mission.  Assuming  use  of 
the  predicted  20th  cycle  would  reduce  the  size  and  cost  of  the  solar  array. 

It  was  assumed  that  the  425-day  orbitcr  mission  would  incur  425/ 

2 

365  times  the  anni!al  150  gigameters  (1  AU)  fluence,  adjusted  for  1/r 
during  its  mission  to  Venus  in  1978-1979.  Solar  flares  are  discrete 
events,  and  there  may  be  two  to  four  in  a year  with  random  spacing.  For 
approximately  60  days  the  orbiter  will  be  over  150  gigameters  (I  AU)  from 
the  sun  and  the  proton  fluence  used  was  60/365  times  the  annual  150  giga- 
meters (1  AU)  fluence.  The  proton  fluence  was  converted  to  equivalent 
1 MeV  electrons  as  shown  in  Table  8.  1-5. 


Table  8.  1-5.  21  st  Cycle  Used  for  Thor/Delta  Array  Design  , 

20th  versus  21st  Solar  Cycles  (Peak) 


20TH 

21ST 

PEAK  YEAR 

1969 

1980 

60  DAYS,  EARTH 

7.7  X 10’^  (1  MEV' 

5.8  X 10'^  OMEV) 

DEGRADATION 

1 

0 

5.3  PERCENT 

1 

365  DAYS,  VENUS 

3.2  X MEV) 

7 X 0 MEV) 

DEGRADATION 

2.6  PERCENT 

22.5  PERCENT 

Solar  Cell  and  Coverglass  Selection 

The  cost  of  solar  cells  decreases  with  thickness  due  to  breakage  of 
thinner  cells.  Added  material  cost  above  about  10  mils  is  negligible,  but 
thicker  cells  have  somewhat  higher  power  output.  After  a moderately 
heavy  radiation  dose,  however,  the  output  of  cells  is  independent  of 
thickness. 

Similar  conditions  hold  for  fused  silica  covers,  except  that  material 
cost  is  a higher  fraction  of  total  cost,  with  20-mil  fused  silica  covers 
least  expensive.  Microsheet  Is  generally  used  only  in  6-mil  thickness, 
which  is  considerably  cheaper  tlian  fused  silica.  For  the  intended  mis- 
sion, microsheet  darkening  will  not  be  significant. 
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In  order  to  make  a selection  (Figure  8,  1-20),  it  was  asBumed  that 
5000  cells  of  10  fJcm  base  r<?sistivity  10  mils  thick,  with  6-mil  micro- 
sheet at  150  gigameters  (1  AU)  from  the  sun,  28^C  and  1 year  of  radia- 
tion were  used.  This  formed  an  arbitrary  baseline  for  comparison, 
considering  cost,  weighl»  and  mmiber  of  cells,  lidding  output  power  con- 
stant. Cost  includ^'S  installation  on  the  substrate. 

The  10  fi-cm  cells  were  slightly  preferred  over  2 f2-cm,  but  since 
reliable  data  was  not  available  on  10  fl-cm  cells  at  higli  intensity  and  the 
cost  difference  was  small,  the  2 fl-cm  cell  was  selected.  With  12-  or 
20- mil  fused  silica  covers  the  cost  is  slightly  less,  but  the  weight  is 
increased  by  a pouud  or  two,  which  imposes  an  even  higher  penalty  and 
negates  the  cost  improvement. 

Array  Temperature 

The  solar  array  temperature  varies  as  a function  of  solar  distance 
and  distance  from  Venus  near  periapsis.  Appendix  8,  IE  shows  the  array 
temperature  data  upon  which  the  design  is  based.  Temperature  variation 
as  a lunction  of  solar  distance,  cone  angle  and  sun  angle  was  included  in 
the  array  sizing  calculations. 

Array  Sizing  Summary 

The  sizing  factors  are  presented  in  Table  8.  1-6. 

The  array  consists  six  equal-sized  panels  arranged  to  form  a 
cone  with  a 0.33  radian  (1 -degree)  half  angle.  The  packing  factor  is 
0.  84  percent.  The  strings  are  comprised  of  modules  containing  3 parallel 
by  (>  series  2 x 2 cm  cells.  The  selected  Thor/Della  array  configuration 
is  shown  in  Figure  8.  1-21. 

8.  i.  4.  5 Batte ry 

The  recommended  Thi>r/Deita  orbiter  has  a load  of  182.  n watts 
during  the  maximum  eclipse  time  of  1.42  hours.  This  is  a total  energy 
of  181.  X 1.42  2^s8  W-hr  (303  W-hr  including  discharger  loss). 

Sixteen  24-A-hr  cells  provide  462  vv-hr  assuming  an  average  dis- 
charge voltage  of  10.2  volts  (1.2  volts/cell).  Each  ceF  weiglus  0.01  kilo- 
gram {Z  pounds)  vvhicli  results  in  a total  batUu-y  weight  of  17.  b kilograms 
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Fiaure  8.1-20.  Solar  Cell  and  Coveiglass  Selection 


a'  T/DIM  Table  8.  1-6. 


Thor/Delta  Orbiler  Solar  Array  Sizing  Factors 


1.  TiMPCRATURt 

4.  RADIATION 

MAXIMUM  MINIMUM 

1 Mi>v  r CM'^  ' l.no 

iAPTH 

ALi  OAV.  AT  f ARTH  S.a  X 10*-'’  S..1 

1 r.p . nt  r A MO  t- wx  - 1 . Au- 

07  DAYS  AT  170,66  aiCAMt  llKS  1.7  lU*^  t?,6 

,0.8a  All- 

1 

,(Nlh  *I  10 

TMAKAiVOJIlS  7 X 77. 

?.  (MHiR  mr.RA(vnoN  i aciors  h^ip 

S.  CONS  IP  not  ION 

! 

INSlAllAllON  ANP  MINMAIlM  -1  PIKi  (Nl 

Ul  lKAVlOin,  COUR  ANP  ApMf‘lV'I  1 PfKriNI 

Af : OTHFR  f AfTOPv  1 PfRCrNT  : 

array  BACf-WIRfn  SIMM  AK  TO  PIONU  RS  A IHROUGH 
10MlNIMI7f  MAGNfTIC  HUDS 

: ARRAY  rOMPRISni  r\  3 cn  1 PY  6 Cf  11  MOPUU  s oi 

PKOVtN  PtSlCN  lPIONttKS^  t'SP,  PSCSH 

1 

i 

3.  cut  CHARAf  llRlsnC^ 

|6.  k owk  pi  script UON 

f 

2 X 2 CM  X 0,C?:»  (0.010  IN.UHICK 

j ?x7C'-  r ve '“M  (O.tXlfc  IN J THICK 

N P SILICON,  s:0  COATING 

CORNING  0?n  MICROSMUl 

?U  CM  RA'^f  RtSlSMX  ITY 

410  NANOMtUR  Ml  UR 

n A AT  470  , 78'‘V . Ix'  OICAMtHRS  - 1 AU 

R63489  ADHLSIVl 

w 

T/0  HI 


OBSlTf* 


CONI 

ANOLf 


V 


,i4.4lN.'  ^ \ 

0.974M  ^ \ 

* L.  _MIN.  J 

n 2J34W  I 


NO,  Of  cuts 
NO.  Of  SfclUtS 
NO.  Of  PAR  Alia 
NO.  Of  PANtlS 
CONt  ANOlt 
DiriGN  POWtP 


5.3M*“  <5/. 17  FiS 
11550 
77 
150 
6 

0.33  ^AP  |19  mO' 
2?5.7WAft5 


Figiire  8. 1-21.  Ihor/Delti  Orbiler  Sdar  Array 


(38.  6 pounds)  including  case,  terminals,  wiring,  and  connectors.  Ihc 
depth  of  discharge  is  66  percent  during  the  maximum  eclipse. 

8.  1.  5 Atlas/Centaur  Orbiter  Subsystem,  (atw 

Version  111  Science  Payload  ^ A/C  III 

8.  1.5.1  Configuration 

The  Atlas /Centaur  power  subsystem  block  diagram  is  shown  in 
Figure  8.  l-ZZ.  The  m^^thod  of  controlling  the  bus  voltage  to  ^8  VDC  ± 2 
percent  within  the  PCU  is  identical  to  that  of  Section  8.  ?.  3.  1.  The  major 
differt^nce  involves  use  of  Ihe  more  cost-eftective  Pioneer  10  and  llCTRl* 
and  inverter  in  place  of  the  DC/DC  converter.  The  battery,  solar  army, 
and  shunt  radiator  design  approach  is  identical  to  tlie  Thor /Delta  ver.sion. 
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Redundancy  and  fault  isolation  have  been  included  to  eliminate  single 
point  failure  modes.  The  inverter  and  CTRF  are  parallel  redundant.  For 
details  of  the  PCU  design  and  operation  .see  Section  8.  1.3.2. 

8,  1.5.2  Inver*^er  and  Central  Transformer 
Rectif:.^r  Filter  (CTRF) 


The  inverter  (Figure  8.  1-23)  is  a modified  Pioneers  10  and  11 
assembly.  Two  2,4  kHz  inverters  each  having  a maximum  power  capa- 
bility of  4b  watts  are  operated  in  parallel.  Fault  isolation  at  the  inputs 
is  provided  by  fusing.  Relays  are  used  to  cross -strap  the  AC  bus  input 
to  the  CTRF  power  regulators. 
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Deletion  of  the  Pioneers  10  and  11  RTG  telemetry  circuit  board 
permits  installation  of  a redundant  oscillatoi*  board.  The  main  power 
switching  transistors  and  transformer  are  modified  for  2^^  VDC  input. 
Characteristics  of  the  inverter  output  waveform  are  identical  to  the 
Pioneers  10  and  11  AC  bus  to  minimize  CTRF  redesign.  The  inverter 
size  is  1 1 . 4 X 1 5.  2 X 17 . 8 centimeters  (4.5  x6  x 7 inches)  and  the  weight 
is  2.32  kilograms  (5.  i pounds). 


The  CTRF  provides  redundant,  multiple  secondary  output  voltages 
to  each  subsystem  load  which  is  redundant.  A typical  CTRF  slice  block 
diagram  is  shown  in  Figure  a.  1-24.  The  Pioneers  10  and  11  CTRF  is 
used  with  only  minor  modifications:  the  DTU  A and  D circuit  boards  are 
repackaged  into  a base  slice  replacing  the  transmitter  driver  slice,  a 
slice  is  added  for  DSU  2 and  3,  and  the  +5-volt  switched  CTU  circuit 
board  is  repackaged. 
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Figure  8.1-24-  Atlas/Centaur  Typical  Paialiel  Redundant  CTRF 


Series  dissipative  regulators  provide  current  limiting  and  over- 
voltage protection  at  each  output.  The  common  AC  bus  input  is  protected 
against  low  impedance  faults  in  the  TRF  by  fuses.  The  total  power  output 
is  approximately  20  watts.  All  slices  are  flight -proven  designs.  Fig- 
ure 8.  1-25  shows  the  orbiter  CTRF  weight  and  size. 

The  inverter/CTRF  overall  efficiency  is  60  percent. 

8.1.5.3  Solar  Array 

The  Atlas/Centaur  orbiter  solar  array,  Figure  8.  1-26,  was  sized 
to  supply  276.  6 watts  at  Venus  with  a 1.  66- radian  (95- degree)  sun  angle. 
Sizing  factors  used  are  identr  to  those  of  Section  8.  1.  3.  4.  The  same 
Polar  cells  and  coverglass  thicKness  are  used  as  for  the  Thor/Delta  ver- 
sion. The  major  difference  in  array  sizing  is  due  to  the  spacecraft 
diameter  increase  to  2.62  meters  (103  inches). 
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f luure  it.  I ?6.  Atlas/Cenidur  Orbiter  Solar  Array  Summary, 

Version  III  ScitMice  Payload 

The  array  tempt*!* atures  were  e.ssamed  to  be  the  same  as  for  the 
Thor/Deita  orbitcr.  This  assumption  is  conservative  since  the  Atlas/ 
Centaur  array  is  shorter,  providing  a larger  radiating  area  at  the  top  i:>f 
tlie  spacecraft, 

H.  1 . 5.4  Battery 

The  Atlas/Centaur  orbiter  has  a load  of  Z19.  4 watts  during  the 
maximum  eclipse  time  of  1. 42  hours.  This  is  a total  energy  of  219.  4 x 

I. 42  - 312  watt -hr.  The  discharger  efficiency  is  85  percent  so  the  battery 
must  supply  366  watt-1  r.  An  l8-ccll,  24  A. -hr  battery  supplies  this  load 
at  a depth  of  discharge  of  70  pc* r cent.  The  battery  weight  is  estimated  at 
19.6  kilograms  including  wiring,  case,  terminals,  and  connectors. 

1*6  Qrl)iier  Options,  Version  III  Science  Payload 

Solar  array  and  battery  si^sing  are  main  areas  of  difference  between 
the  rc*commended  Thor/Delta  and  Atlas/Cenlaur  power  subsystems,  and 
those  in  the  optional  missions.  Power  control  unit  design  variations  are 
minimal.  Tlie  array  design  power  varies  from  156.2  watts  for  Thor/ 
Delta  earth -pointe r to  276.6  watts  for  the  Atlas/Centaur.  The  range  of 
battery  siKing  power  requirements  is  from  111.9  to  219.4  .vatts  during  the 
1 . 42-hour  eclipse. 
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[||]-T/DIII  Table  8.  1-7  summarizes  the  solar  array  size  and  weight  for  the 

, Version  III  science  payload  recommended  and  optional  configurations. 

***  Tliese  sizes  and  weights  are  based  upon  the  load  power  requirements  of 
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Section  8.  1,2, 


Fable  8.  1-7.  Orbiter  Solar  Array  Si/.ing  Summary, 

Version  III  Science  Payload 
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Table  8.  1-8  summarizes  the  battery  weight  and  cell  size  for  the 
Version  III  science  payload  recommended  and  optional  missions.  The 
maximum  eclipse  depth  of  discharge  is  less  than  80  percent  for  all 
versions. 

The  secondary  power  conditioning  requirements  are  invariant  except 
for  versions  which  require  additional  secondary  voltages  for  the  despun 
reflector  motor  and  electronics.  This  results  in  a net  increase  in  weight 
of  1.8  kilograms  for  the  CTRF  or  0.45  kilograms  for  the  DC/DC  converter, 

8.1.7  Probe  Bus  ALL  VERSION  III  SCIENCE  PAYLOAD 

The  probe  bus  power  subsystem  configurations  recommended  in 
Figure  8.  1-11  for  the  Thor /Delta  and  Atlas/Centaur  missions  are 
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discussed  in  the  following  sections.  Descriptions  of  the  units  comprising 
the  subsystem  are  presented  where  they  differ  significantly  from  the 

orbiter  versions.  The  probe  bus  design  is  based  on  the  requirements 
presented  in  Table  8.1-2. 

Table  8.  i-8.  Orbiter  Battery  Sizing  Summary,  Version  III  Science  Payload 
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Recommended  Thor/Delta  Probe  Bus  System  (^T/OMI 

A block  diagram  of  the  Thor/Delta  probe  bus  power  subsystem  is 
shewn  in  Figure  8.  1-27.  The  commonality  with  the  orbiter  subsystem 
(Figure  8. 1-16)  is  apparent. 

Power  Control  Unit 


The  power  control  unit  is  identical  to  that  of  the  orbiter  with  the 
following  exceptions: 


JJrniSl-mf ® nonredundant  and  has  been  changed  to  be 

compatible  with  silver -zinc  battery  charging  * 

discharge  regulator  is  deleted  since  the  bus 
battery  is  only  required  during  launch  and  for  peak  loads. 


The  power  control  unit  is  shown  in  Figure  8.  1-28.  The  weight  and 
size  are  less  than  ttie  orbiter  PCU  because  of  deledons  of  redundant 
functions . 
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Figure  8.1-27,  Recommended  Thor/DeUa  Probe  Bus  Configuration 
128  VDC  i 2 Percent  Regulated  Bust 
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Figure  8. 1-28.  Recommended  Probe  Bus  Power  Control  Unit.  Thor/Oelta  end 
Attes/Centeur Missions.  Version  lit  Science  Payload 
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The  resistance  of  the  shunt  radiator  is  increased  to  10.2  ohms 
which  decreases  the  shunt  current  and  reduces  the  peak  shund  driver 
dissipation  to  20  watts.  This  eases  PCU  thermal  interface  with  the 
remainder  of  the  spacecraft. 

The  battery  charger  is  a simple,  low-cost  design  which  provides 
three  current-limiting  resistors  for  control  of  charge  current.  The  bat- 
tery voltage  is  limited  1o  28  VDC  by  the  shunt  regulator.  Selection  of 
curreiit-limiting  resistors  during  charging  is  l>y  ground  command  with 
telemetry  monitoring  of  battery  current,  temperature  and  voltage  pro- 
vided. This  method  of  charging  is  used  primarily  after  launch  when  depth 
of  discharge  is  deepest.  Although  returning  the  battery  to  full  charge  is 
not  possible,  sufficient  state  of  charge  is  maintained  for  pulse  load  sup- 
port, probe  checkout  and  possible  contingency  mode  operation. 

Power  Conditioning 

The  DC/DC  converter  is  identical  to  that  of  the  orbiter  (see  Sec- 
tion 8.  1.4.3).  Redundancy  is  provided  by  dual  windings  and  regulators 
for  each  voltage  output  to  redundant  loads. 

Solar  Array 

The  Thor/Delta  probe  bus  array  was  sized  to  supply  56.4  watts  near 
earth  and  78,2  watts  at  Venus,  The  sun  angle  for  the  earth -pointing  probe 
bus  IS  normally  0,  17  to  0,  56  radian  ( 10  to  32  degrees).  During  probe 
release  maneuvers  the  sun  angle  may  be  as  high  as  1.48  radians  (85 
grees).  Therefore,  the  array  was  sized  to  meet  the  load  requirements 
over  a large  range  of  sun  angles  from  earth  to  Venus.  The  array  sizing 
factors  are  as  shown  in  Section  8,  1.6. 

The  radiation  environment  differs  from  the  orbiter  because  of  the 

decreased  mission  time.  The  probe  mission  was  sized  for  0.  5 times  ihc 

2 

annual  fluence  with  a 1/r  relationship  as  a function  of  AU-  assumed. 

The  array  cliaracteristics  are  sumniarized  in  Figure  8.  1-29. 
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Figure  8. 1-29.  Thor/DeHa  Probe  Bus  Array,  Version  HI  Science  PayloaC 


Battery 

The  probe  bus  battery  supplies  power  during  launch  and  possibly  for 
one  eclipse  while  in  a 185-kilometer  parking  orbit  near  earth.  The  bat- 
tery supplies  power  for  probe  checkout  approximately  104  days  after 
launch.  The  battery  sizing  calculations  are  shown  in  Figure  8.  1-30. 
During  launch  and  earth -orbit  eclipse  the  depth  of  discharge  is  46.6  per- 
cent. After  insertion  into  the  trans -Venus  trajectory  the  battery  is 
recharged  oy  ground  command. 
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Figure  8. 1-50.  Thor/Delta  Probe  Bus  Battery  Sizing,  Version  III  Science  Payload 


During  large  probe  checkout  the  solar  array  and  bus  battery  operate 
in  a sharing  mode  to  supply  power.  Bus  science  loads  are  turned  off  to 
maximize  array  power  available  to  the  probe  and  minimize  battery  dis- 
charge. The  array  capability  is  86  watts  at  104  days  from  launch.  The 
bus  load  is  56.4  watts  which  provides  29.6  watts  for  four  minutes  of  the 
probe  checkout  prior  to  probe  transmitter  turn-on.  The  total  energy 
required  from  the  bus  battery  is  70  W-hr, 
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s.  1.7.2  Recommended  AUa./ Centaur  Probe  Hue  Subsyetem. 

Varsipn  ni  Science  Payload  — 

A block  diagram  of  the  Atlas/Centaur  probe  bus  power  subsystem  is 
shown  in  Figure  8.  1-31.  Commonality  with  the  orbiter  power  subsystem 
(Figure  8,1-22)  is  provided.  The  major  difference  between  the  orbiter 
and  bus  subsystems  is  the  PCU  charge  and  discharge  control  for  the  silver 
zinc  battery  and  use  of  the  inverter/CTRF  for  generation  of  secondary 

voltages. 


Figures  1-3L  AUes/Cenlaur  Probe  Bus  Pomer  Subsystem  Block  0la9ram. 
version  111  Science  payload 


Power  Control  Unit 

The  power  control  unit  design  is  identical  to  the  Thor/Delta  bus 
version  except  that  AC  power  from  the  inverter  is  used  to  generate  inter- 
nal secondary  voltages  for  PCU  operational  amplifiers  and  current  moni- 
tors. The  descriptive  data  presented  in  Figure  8.  1-28  apply  to  the  Atlas/ 

Centaur  bus  PCU. 

Inverter  and  Central  Transformer 

Rectifier  Filter  (CTRF) 

The  Inverter  deei(n  i.  identical  to  that  of  Section  8. 1 . 5. 2.  The 
CTRF  1.  modified  a.  shown  in  Figure  8. 1-J2.  Change,  from  the  orbiter 
include  deletion  of  the  conecan  and  DSU  .lice,  and  the  retention  of  the 
receiver  and  transmitter  driver  .lice..  The  remaining  slice,  are  com- 
mon  with  the  orbiter  and  bu..  Redundancy  1.  provided  for  each  output. 
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ARE  INDEPENDENT  WITH  NO 
ELECTRICAL  CONNECTIONS 
BETWEEN  SLICES  INTERNAL 
TO  THE  HOUSING 


• DELETE  DSU  SLICE 

• DELETE  CON5CAN  SLICE 

WEIGHT  =5.02  KG  (11.02  LB) 

SIZE  =20  K 17.6  X 23.7  CM  (8  X 7 X f .3  IN.) 


Figure  8. 1’32.  Atlas/Centaur  Probe  Bus  Central  Transformer  Rectifier  Filter, 
Version  III  Science  Payload 


Solar  Array 


The  Atlas/Centaur  probe  bus  solar  array  is  sized  to  supply  70.5 
watts  near  earth  and  93.5  watts  at  Venus.  The  design  sun  angles  and 
radiation  environment  are  presented  in  Section  8.  1.7«  1«  Other  sizing 
factors  are  discussed  in  Section  8.  1.5.  1.  The  array  characteristics  are 
summarized  in  Figure  8.  l-33« 
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0.33  RAD  (19  DEG) 
70.5  WATT  EARTH 


Figure  8. 1-33.  Atias/Centaur  Probe  Bus  Solar  Array 
Version  III  Science  Payload 


Battery 

The  Atlas/Centaur  bus  load  during  launch  exceeds  that  of  the  Thor/ 
Delta  version  by  about  14  watts.  Calculations  of  launch  and  power  and 
probe  checkout  load  sharing  profile  is  shown  in  Figure  8.  1-34.  The 
silver-zinc  battery  for  the  Atlas/Centaur  small  probe  uses  cells  rated  at 
10,6  A-hr,  For  commonality  these  cells  have  been  selected  for  the  probe 
bus.  Depth  of  discharge  during  the  launch  and  earth  orbit  eclipse  is 
16.3  percent.  The  battery  is  charged  after  insertion  into  the  trane -Venus 
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^ A/C  111  trajectory  by  ground  command#  Operation  during  probe  checkout  is  simi- 
lar to  that  described  for  the  Thor/Dclta  version  in  Section  8.  It7,  !• 
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Figure  8. 1-34.  AUasiCentaur  Probe  Bus  Battery  Sizing.  Version  1 1 1 Science  Payload 
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A/CIH8.1.7.3  Power  Interface  with  Probes  (Umbilical) 

A/CIV  The  power  interface  with  the  probes  consists  of  power  switching  and 

fault  isolation  in  the  probe  bus  power  control  unit.  The  block  diagram 
^^*^  ***  Figure  8.  1-35,  shows  the  bus/probe  power  interface.  The  bus  PCU  pro- 
vides fusing  for  each  of  the  four  probes  and  a power  on/ off  relay  which 
permits  probe  checkout  by  ground  command.  Bilevel  telemetry  status 
points  indicate  the  on/off  position  of  the  probe  power  control  relays.  The 
fuse  module  is  mounted  external  to  the  PCU  for  easy  access. 


Fioure  8. 1-35.  Probe  Bus  Power  l.'tertace 
Version  III  Scienci  PaylooU 
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COAIMUNICATIQNS  SUBSySThJM 


M ^ , 1 Xnt  roduction  riud  Suinm.iry  A/C  IV  A/C  IV 

b umiutiri/.cii  Uu;  Ij.ihit  data  on  the*  c.ummunicatioutj 
siiL:iyt»tom  that  h ii:j  ]>oet;  del’inud  for  tho  Vorfiion  IV  3cionco  couflgura-“ 
lion  of  tlx*  ])rohi*  bus  ^tad  orbitor.  assiuning  AUas/Contaur  launches 
lor  botlu 

As  the  tabic  indicates,  nearly  ail  of  the  components  are  derived 
from  other  programs  and  are  flight-proven,  off-the-shelf  designs 
with  very  low  development  cost  and  risk*  Tlic  weight  margin  availa- 
ble with  the  Atlas /Centaur  launch  vehicle  makes  it  possible  to  choose 
components  primarily  on  the  basis  of  development  cost  and  risk,  with- 
out the  iiocessity  for  new  designs  with  maximum  use  of  advanced 
lightweight  technology.  The  only  component  identified  as  new  is  the 
6-watt  po\/er  amplifier;  in  this  case,  two  existing  units  have  been 
identified  that  may  be  suitable,  but  require  some  modification  and  a 
flight  qualification  program.  As  will  be  discussed  in  detail  in  later 
subsections,  some  of  the  existing  units  arc  not  only  existing  designs, 
but  physically  existing  residual  units  from  the  Pioneers  10  and  11  pro- 
gram that  can  bo  used  without  modification. 

Points  of  particular  interest  are: 

9 The  communications  subsystem  allows  for  adequate  link  mar- 
gins and  bit  rates  under  all  conditions,  including  spacecraft 
attitudes  and  attitude  maneuvers  that  are  required  for  thermal 
reasons,  probe  deployment,  entry  flight  path  angle,  science 
instrLuiient  pointing,  and  orbit  insertion.  This  has  been 
achieved  without  constraining  mission  or  subsystem  perfor- 
mance or  placing  severe  requirements  on  other  subsystems. 

• The  64-meter  ground  stations  are  required  for  only  brief 
periods  during  the  probe  mission,  intermittently  over  a 
9-day  period  during  probe  release  and  retargeting,  and  again 
for  about  3 hours  at  the  time  of  probe  and  bus  entry. 

• The  entire  orbiter  mission  can  be  handled  by  the  26-meter 
stations  except  for  the  second  flip  maneuver  and  orbit  inser- 
tion. If  shorter  readout  times  are  desired  before  and  after 
periapsis  passage,  the  64-iueter  stations  can  be  used  to 
increase  the  data  rate  for  these  readout  periods,  at  a mini- 
mum bit  rate  of  1024  bits/s. 


1 


l|^A/ClV  • 


The  occult'ition  experiment  j-ecpures  only  pi  ej>oaUii3iiing  oi 
ihe  ajjcu  et  r.ilt  spin  axis, 

Pruvisiuii  aiude  lor  u O-l-bit/s  reauout  rate  tor  tlu*  orbi- 
ter,  even  though  the  mission  i ould  be  accomplislied  witl\  .« 
3^-bit/s  maximum  teluiuetry  rate  at  a slight  saving  in 
antunna  cost,  'iiuj  04 -bit/s  capability  is  provided  to  reduce 
the  amount  of  ground  station  personnel  and  equipment  tied 
up  in  reading  out  the  stored  data.  At  32-bit/s  readout  rate, 
nearly  24-hour  covertigo  would  be  needed  at  the  three 
26~meter  stations,  while  at  the  b4  bit/s  rate  only  two  sta- 
tions are  needed . Over  the  mission  lifetime,  this  amounts 
to  a considerable  saving  in  program  costs. 


• The  occultation  experiment  makes  use  of  the  two  aft -mounted 
horn  antennas,  which  are  pointed  toward  earth  during  the 
first  35  days  in  Venus  orbit.  Horn  antenna  beamwidths  allow 
for  offsetting  the  spin  axis  0,21  radian  (12  degrees)  from  the 
earth -pointing  direction  while  still  maintaining  communica- 
tions up  to  the  point  of  occultation;  the  offset  is  necessary  to 
provide  for  near -maxim uni  antenna  gain  at  the  point  of  maxi- 
mum defocusing  by  the  Venusian  atmosphere. 

• After  35  days  in  Venus  orbit,  the  spacecraft  is  reversed  to 
point  the  high-gain  antenna  at  the  earth,  providing  maximum 
data  rate  capability  (64  bit/s  witli  the  26-meter  stations)  up 
to  the  end  of  the  mission*  The  occultation  experiments  will 
have  been  completed  before  this  reorientation. 


8,2.2  Requirements  ALL  CONFIGURAriONS 

Table  8.2-1  lists  the  communications  subsystem  requirements 
used  to  derive  subsystem  designs  based  on  the  various  spacecraft  con- 
figurations considered  throughout  the  study.  These  requirements 
were  either  given  by  the  study  guidelines,  derived  from  interface 
requirements  with  other  spacecraft  subsystems  and  science  experi- 
ments, or  were  imposed  and/or  interpreted  from  operational  constraints 
on  the  mission  and  existing  spacecraft  hardware. 

Notice  that  two  requirements,  bit  rate  and  X-band  occultation, 
were  affected  by  the  Version  IV  update  of  the  science  payload.  Prior 
to  this  update,  various  interpretations  of  the  desire  for  orbiter  real- 
time versus  nonreal-time  science  data  led  to  variations  in  the  rcal- 
timo  data  rate  from  8 to  128  bits/s.  This  in  turn  led  to  different 
combinations  of  transmitter  power  and  antenna  gain  for  the  various 
spacecraft  configurations  and  also  in  the  same  configuration. 
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SUBSYSTEM  FEATURES 


• FUGHT-PROVEN  COMPONENTS,  MINIMUM  DEVELOPMENT  COST 

• ACCOMMOOAiES  ALL  ATTITUDE  CHANGE  REQUIREMENTS 

• NO  SINGLE-POINT  FAILURE  MODES 

• SWITCHABLE  DUAL  MODULATION  INDEX  ON  ORBITER  TO 
ACCOMMODATE  CARRIER  AND  OCCULTATION  REQUIREMENTS 

• MINIMUM  USE  OF  64-METER  GROUND  TRACKING  ST/  TIONS 

• OCCULTATION  EXPERIMENT  DOES  NOT  REQUiRE  PRECESSION 
OR  GIMBALS 

• ALL  SOLID  STATE  DESIGN 


COMPONENT  SUMMARY 


NUMBER 

USED 

WEIGHT 

(KG) 

POWER 

(WATTS) 

DERIVATION 

NOTES 

FORWARD 

OMNI* 

] 

0.14 

- 

PIONEERS 
^0  AND  11 

AFT  OMNI* 

1 

0.41 

- 

DSP 

AFT  HORN 

1 

1.7 

- 

PIONEERS 
10  AND  11 

ANTENNA** 

1 

6.0 

- 

PIONEERS 
10  AND  11 
DSCS-M 

FEED 

REFLECTOR 

OIPLEXER 

2 

0.95 

• 

PIONEERS 
ID  AND  11 

COAXIAL 

SWITCH 

it** 

0.3 

- 

PtONECRS 
10  AND  n 

RECEIVER 

2 

2.45 

2 

PIONEERS 
10  AND  11 

.VIMNG 

ORSITIR 

TRANSMITTER 

DRIVER 

2 

0.64 

1.5 

PIONEERS 
10  AND  11 

(VIKING 

ORBlTER' 

POWER 

AMPLIFIER 

CONSCAN 

signal 

PROCESSOR  * * 

2 

1 

0.3 

0.?,4 

19 

1.2 

NEW 

NOKFKS 
|j  AN.-)  n 

EXISTING 
BUT  NOT 
FLIGHT- 
QUALIFIED 

X-BAND 

HORN-i^+ 

1 

GFt 

GFE 

X-BAND 

TRANSMITTER 

1 

GFE 

OFE 

+ FORV.'ARD  AND  Afl  OMNIS  ARE  REVERSED  C ORBITLR  SPACECRAFT 
" ORBITER  ONLY 


A PROBE  BUS  COMMUNICATIONS  SUBSYSTEM  BLOCK  DIAGRAM 
(ATLAS/CENTAURI 


» « 0 RAO  (0  OCG)  pROet  SPACfCHArr 


FORWARD  OMNI  ~ 

AFT  OMNI  _.I,  :j!r 


MEDIUM 
GAIN  HORN 


COMMANDS 

TODDU 


9^^,i4MOmeOiGi 


':UBCAPRIFft 

from  otu 


PIONEERS  10  AriO  n 
LEXER  I 


I — f 

I COHERENT 

Lr— ‘ — iDRive^ 


n receiver 


COHERENT  A 1 50 

PRlVLr  ^ I |Mw 
T ITRANSMITTER  I 


FORWARD 

OMNI 

PIONEERS 

1C  AhiD  i: 


D ORBITER  TELEMETRY  RATE  HISTORY 

- — DISH HORN — »4-—  DISH<>-»j 
1024  I I |t64M  ([aPABIIITY 


AFT 

, HORN  05  5 OB;) 
PIONEERS  10  AND  11 


POWER 
AMPLIFIER 
NO.  2 


1024 
^ 512 

£ 256 

^ 128 

s 04 

S 

16 

o 

o 

0 

0.1 

14.96 

L-yPiiPJ..-j LiJ 

lUNCH  + no  DAYS) 

^ ♦vQTrTT  ^1* 

0.2  0.4  0.6  0.81.0  1.7  2.0  (AU) 

29.92  59.84  89.76  149.60  254.32  (GIGAMLTERS) 

RANGE 


110  225  DAYS  IN  ORBIT 


C ORBITER  COMMUNICATIONS  SUBSYSTEM  BLOCK  DIAGRAM  (ATLAS/CENTAUR) 

9=  0 RAO  (0  DEG)  TE 


ORBITER  SPACECRAFT 
^FORWARD  OMNI 


TELEMETRY  . 
TO  OTU 


COMMAND 

TONIS 

TODDU 


32.768  KHi 
- SUBCARRIER 
FROM  OTU 


9»3.14  RAO  (180 DEG) 


MEDIUM 
GAIN  HORN 


PIONEERS  F AND  G 


TRANSMITTER 
DRIVER  NO.  T 


I 1— 

[TRANSPONDER  NO.  1 

|tr>ln$^d«no72^ 

I I “I 


125  MW 
MINIMUM 


(TRANSFER  SWITCH! 
(REDUNDANT)  j 


TRANSMITTER 
DRIVER  NO.  2 


I L, r H h 


AFT  OMNI 
(PIONEERS 
F AND  G) 


TELEMETRY 
TO  OTU 


AFT 
HORN 
(15.5  DBt) 
(PIONEERS 
F AND  G) 


CONSCAN 

SIGNAL 

PROCESSOR 


COMMANDS 
FROMOCU  ' 


. PIONEERS 

10  AND  11 


TRANSFER  SWITCH  j 
|(REDUNDANn  I 


FORWARD 
OMNI  (DSP) 


CLOCK/ 

CONTROL 

FROM 

DTU 


X-8ANO 

TRANSMITTER 


FROM 

TRANSMITTER 

DRIVERS 

(2F) 


6 WATTS  **OWER 

52  ® AMPLIFIER  ^ ‘ 

I NO.  1 50  MW 


POWER 
AMPLIFIER 
NO.  2 


X-BAND  SCIENCE  EXPERIMENT 

(NOT  PARI  OF  COMMUNICATIONS  SUBSYSTEM 


NEW  ^ 
COMMANDS 


FigureB.'M. Preferred  Atlas/Centaur  Communication  Subsystem  Description 
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ALL  CONFIGURATIONS 


Table  8.^-1.  Communications  Subsystem  Requirements 


LOW  COST  (AWXIMUM  USE  OF  EXISTING  HARDWARE,  COMMONALITY  BETWEEN  BUS^'ORBITER/PROBES) 

- THOR/DELTA:  LIGHTWEIGHT 

- ATLAS/CENTAUR:  LOWEST  COST  WITHOUT  REGARD  TO  WEIGKf 


• OMNI  DIRECTIONAL  COVERAGE  FOR  SPACECRAFT  MANEUVERS  AND  ORBIT  INSERTION 


PROVIDE  TELEMETRY,  TRACKING,  AND  COMMAND  FUNCTIONS  TO  64.33  GIGAMETERS  (BUS)  AND 
254,32  GIGAMETERS  (ORBITER)  10.43  AU  (BUS)  AND  1.7  AU  (ORBITER)l 


TELEMETRY: 

(PCM/PSK/PM) 


BIT  RATES  (BITS/S) 

BUS  ORBITER 


P»E-  13  APRIL  1973 
POST-  13  APRIL  1973 

ERROR  RATE: 


ENTRY 

SRUISE 

IN-ORBIT 

CRUISE 

512 

16 

8-128 

16 

1024 

16 

i6A 

16 

FRAME  DELETION  RATE 

TRACKING: 

COMMAND: 


COHERENT  (TWO-WAY)  DOPPLER  TRACKING  (NO  (ANGING) 


PCM/FSK/PM  (1  BIT/S) 
BIT  ERROR  RATE:  IQ-^ 


DSN  COMPATIBLE: 


UPLINK  FREQUENCY:  2115  ±5  MHZ 

DOWNLINK  FREQUENCY:  2295  ±5  MHZ  S-BAr,'D 

~8400  X-BAND  (VERSION  IV  SCIENCE 
PAYLOAD) 

TURNAROUND  RATIO:  240/221  S-BAND 

880/221  X-BAND 

26-METER  NETWORK:  ROUTINE  TRACKING 


TURNAROUND  RATIO: 


26-METER  NETWORK: 
64-meter  NETWORK: 


CRITICAL  MANEUVERS  AND  OCCASIONAL  HIGH 
DATA  RATE  READOUTS 


♦ S-BAND  OCCULTATION  EXPERIMENT 
X-BANO  OCCULTATION  EXPERIMENT 


• ENVIRONMENT: 

• DOPPLER  RATES: 


160.0;’TO  104.71  GIGAMETERS  (1.07  TO  0.7  AU) 

MAGNETICS:  FACTOR  OF  5 LESS  SEVERE  THAN  PIONEERS  10  AND  11 


BUS  -35  HZ/S  AT  ENTRY 
ORBITER  -45  HZ/S  AT  PERIAPSIS 


• MISSION  DURATION:  BUS 1 14  DAYS 

ORBITER  - -425  DAYS  (225  DAYS  IN  ORBIT) 


• ACQUISITION  THRESHOLD  (LOOP  SNR  =6  DB):  -148  DBM,  OMNI  AT  END  OF  MISSION  WITH  26-METER 

COMMAND 


Preferred  subsystem  designs  for  both  the  Thor/Delta  and  Atlas/ 
Centaur  launch  vehicles  weie  chosen.  The  Version  IV  science  pay- 
load  directive  specified  the  Atlas /Centaur  vehicle,  increased  the  sci- 
ence data,  and  added  an  X-band  occultation  experiment.  The  Atlas/ 
Centaur  recommended  subsystem  design  was  then  changed  and  updated 
to  the  final  prefe.-red  version.  It  is  described  in  Section  8.2.4,  along 
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with  the  recommended  Thor /Delta  design  which  does  not  reflect  the 
new  (Version  IV)  science  requirements*  The  various  options  that 
were  considered  in  this  study  as  a result  of  the  varying  science 
requirements  are  pr(  mted  in  Section  8.2*5. 

8.2.3  Tradeoffs  ALL  CONFIGURATIONS 

The  following  tradeoffs  present  cost*  weight,  power,  and  risk 
comparisons  for  various  anteimas,  transponders,  and  power  amplifi- 
ers that  were  considered  in  arriving  at  the  many  spacecraft  configura- 
tions examined  during  the  study*  Based  on  these  and  other  spacecraft 
and  DSN  tradeoffs,  final  preferred  Atlas /Centaur  and  recommended 
Thor /Delta  spacecrafe  and  subsystem  configurations  were  chosen. 
(These  are  presented  in  Section  8.2.4.) 

8.2.3. 1 High-Gain  Antennas  - Orbiter  ALL  ORBITER  CONFIGURATIONS 

The  high-gain  antenna  for  the  orbiter  spacecraft  was  required 
to  be  compatible  with  each  candidate  spacecraft  configuration  in  size, 
weight,  mass  properties,  and  pointing  mode,  i.e,,  spinning  and  point- 
ing along  the  spacecraft  spin  axis  (earth-pointers),  despun  and  point- 
ing perpendicular  to  the  spin  axis  (despun  antennas),  or  spinning  and 
pointing  perpendicular  to  the  spin  axis  (fanbeam  antennas).  Perfor- 
mance requirements  for  the  antennas  were  established  by  system 
EIRP  and  radiation  pattern  coverage  requirements  during  transit, 
orbit  insertion,  and  orbit  phases  of  the  mission. 

Tradeoff  studies  were  made  of  antenna  designs  capable  of  meet- 
ing the  following  basic  communication  system  RF  performance 
requirements. 

• Earth-pointer  with  conscan  and  system  EIRP  greater  than 
62  dBm, 

• Despun  antenna  with  system  EIRP  greater  than  62  dBm. 

• Fanbeam  antenna  with  system  EIRP  greater  than  55  dBm. 

Since  weight,  primary  power,  and  costs  were  critical  tradeoff  para- 
meters, subsystem  tradeoff  studies  were  made  to  establish  parame- 
ter characteristics  which,  when  combined  with  other  interfacing  sys- 
tem parameters,  could  lead  to  the  selection  of  an  optimum  system. 
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ALL  OflBITER  CONFIGURATIONS 


The  antenna  weights  and  gains  (as  a function  of  aperture  size),  shown 
in  Figure  8,2-i,  were  used  in  system  lev'el  tradeoffs  that  included 
power  aanplifiers  and  solar  arrays.  The  antenna  designs  selected  for 
tliese  tradeoffs  represented  proven  designs  requiring  minimum  devel- 
opment (minimum  cost  and  risk).  From  system  level  tradeoffs,  the 
nominal  subsystem  performance  and  design  requirements  were  estab 
llshed  for  further  tradeoffs  involving  cost  and  detailed  designs. 


Figure  8.2-2.  Orbiter  High-Cain  Antenna  Tradejit  Characteristics 


As  indicated  by  the  curves,  antenna  weight  is  a function  of  the 
design  concept  and  aperture  area,  while  antenna  gain  is  a functirn  of 
the  efficiency  and  aperture  area,  Beamwidths  are  also  a function  of 
aperture  gain  at  coverage  angles  of  interest,  beamwidths  were  not 
critical  tradeoff  parameters.  From  the  detailed  design  and  cost  trade- 
offs, preferred  antenna  configurations  for  each  spacecraft  pointing 
mode  were  selected.  The  antenna  designs  vere  not  directly  affected 
by  the  type  of  launch  vehicle,  Thor /Delta  versus  Atlas /Centaur, 

Candidate  earth- pointing  antenna  designs  were  all  parabolic 
antenna  configurations  of  different  diameters  and  feed  designs  because 
peak  gain  requirements  exceeded  28  dBi  with  6-watt  transmitters  as  a 
baseline.  The  orbiter  configurations  were  all  spin  stabilized:  there- 
fore, the  high-gain  antenna  requirements  included  an  offset  beam  and 
a first  pattern  null  position  greater  than  0, 17  radian  (10  degrees)  off 
the  spin  axis  for  cons  can  attitude  determination  and  acquisition. 
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ALL  ORBITER  CONFIGURATIONS 


Dcaign  ir  idcolf  studies  consisted  of  feed  defocusing,  as  shown  in 
Figure  H.Z-i,  to  establisli  an  o.^timum  dish  diameter  and  feed  location 
which  provide  the  required  gain  for  telemetry  coverage  at  the  end  of 
the  mission  and  the  best  pattern  performance  for  conscau:  a 1 dB 

I unscan  crossover  and  acquisition  beyond  0,  17  radian  (10  degrees)  off  of 
tlie  spin  axis.  Already  developed  high-gain  antenna  designs  such  as  those 
usi-d  on  the  1973  MVM  and  1975  Viking  program  were  considered,,  but 
those  designs  required  modifications  to  provide  the  conscan  capability. 
Other  configurations  included  the  use  of  the  Pioneers  10  and  11  high-gain 
antenna  feed  in  various  diameter  dishes.  Since  use  of  an  existing  feed 
represented  a low-cost  approach,  new  feed  designs  were  not  seriously  con 
sidered.  Feed  movement  mechanisms  were  considered,  but  tJiis  repre- 
sented significantly  higher  cost  for  only  I dB  gain  improvement. 


f igure  8.2-3.  Aniemid  PetJern  With  Oefocusbimj 
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The  results  of  the  design  and  cost  tradeoffs  indicated  that  the  pre- 
ferred earth  pointing  high-gain  antenna  configuration  is  a 1.  bi-meter  disli, 
sumlar  in  construction  to  designs  flown  on  the  DSCS-II  spacecraft,  of 
aliuninmn  honeycomb  construction  with  fiberglass  facesheets  and  vacuum 
deposited  aluminum  reflecting  surface,  with  the  Pioneers  10  and  11  high- 
gain  antenna  feed.  The  cost  of  parabolic  reflectors  that  are  from  2 to  3 
meters  in  diameter  such  as  those  used  on  the  MVM  1973,  Viking  1975, 
and  the  selected  Pioneer  Venus  earth  pointing  orbiter  are  essentially  the 
same.  If  reflector  tooling  or  residual  reflectors  are  available  from  the 
MVM  or  Viking  programs,  the  only  development  costs  will  be  those  for 
incorporating  the  conscan  capability.  Based  upon  Pioneers  10  and  11 
experience,  the  development  effort  should  be  min'  nal.  The  selected  earth 
pointing  design  is  a simple,  lightweight,  lowest  cost  design  which  meets 
system  requirements  and  is  based  upon  flight -qualified  design  concepts. 

The  candidate  despun  orbiter  high-gain  antennas  shown  in  Figure 
8.2-4  represented  preferred  configurations  derived  from  subtrades  within 
the  same  class  of  similar  design  configurations.  Aperture  size,  gain, 
weight,  despin  mechanical  assembly/despun  electronics  assembly  (DMA/ 
DEA)  configuration,  omni  antenna  impact,  and  cost  were  subtrade  para- 
meters for  mechanically  despun  antennas;  gain,  weight,  despin  technique, 
and  development  status  were  primary  subtrade  parameters  for  elec- 
tronically despun  antennas . Antenna  gain,  primary  power,  weight,  and 
prograi-n  costs  were  determined  from  the  combination  of  antenna,  power 
amplifier,  and  solar  array  sizes  required  to  meet  a minimum  system 
EIRP  of  62  dBm.  Relative  program  costs  included  nonredundant  and 
redundant  costs  for  two  flight  systems.  Reliability  is  based  upon  standby 
electronic  assemblies  for  mechanically  despun  antennas  and  a redundant 
driver  amplifier  for  the  electronically  despun  antenna. 

Redundancy  and  spares  were  not  included  in  the  cost  and  weight 
tradeoffs,  since  each  type  of  system  (earth  pointer,  mechanically  or  elec- 
tronically despun  antennas)  requires  a unique  redundancy  and  component 
spares  scheme.  Cost  and  weight  does  include  essential  system-associated 
equipment  such  as  rotary  couplers,  caging  equipment,  special  test  equip- 
ment, and  forward  omni  antenna.  Also  shown  for  the  despun  par.ibolic 
cylinder  antenna  are  cost  and  weights  associated  with  tlie  use  of  the  Helios 
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Figure  8. 2-4.  Candidate  Oititer  Despun  High -Gain  Antenna  Tradeoff  Configurations 
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antenna.  Detailed  weight  and  cost  estimates  used  in  the  tradeoff  study  are 
shown  in  Tables  8,2>2  and  8,2-3,  Tor  comparison,  the  earth-pointing 
antenna  subsysteni  characteristics  are  included  in  the  detailed  evaluation. 

As  each  major  subsystem  component  such  as  the  antenna,  the  DMA, 
and  power  aunplifier  was  being  evaluated,  it  was  clear  that  the  greatest 
design  and  cost  uncertainties  were  associated  with  unqualified  design  con- 
cepts. The  electronically  despun  antenna  system  performance  character- 
istics were  attractive;  however,  costs  were  high  and  performance  predic- 
tions were  thought  to  be  optimistic  in  view  of  producing  a space -qualified 
design.  Performance  degradation  due  to  manufacturing  tolerances  and 
environmental  escposures  are  critical  to  the  design,  and  are  the  areas  of 
greatest  performance  uncertainty  and/or  cost  uncertainty  for  assurance  of 
qualification.  The  requirement  for  additional  power  amplifiers  for  omni- 
directional antennas  or  the  increased  design  complexity  required  to  incor- 
porate an  Omni  mode  into  the  despiui  array  were  significant  factors  against 
the  electronically  despun  antenna. 

Since  the  largest  weight  and  cost  item  in  the  mechanically  despun 
anteima  system  is  the  DMA/DEA,  candidate  mechanically  despun  antennas 
were  designed  for  use  with  flight- qualified  DMA's.  These  were  the  Skynet 
DMA,  the  Atmospheric  Explorer  DMA,  the  Helios  DMA,  and  the  DSCS-U 
DMA,  Each  DMA/DEA  considered  requires  modifications  for  low  spin 
rate  operations;  however,  other  problems  such  as  caging  requirements, 
magnetic  cleanliness,  weight,  pippers  for  position  information,  slip  rings, 
redundancy,  and  diameter  of  despun  shaft  were  considered  in  the  selection 
of  the  antenna  configuration  for  each  DMA  and  in  the  cost  of  the  DMA/DEA, 
DMA  subtrades  have  indicated  that  the  Helios  DMA  may  be  the  only  exist- 
ing unit  suitable  for  use  with  Pioneer  Venus  mission  mechanically  despun 
antennas. 

Because  of  the  development  status  of  the  Helios  DMA/DEA  and  the 
possibility  of  using  the  qualified  Helios  antenna  interchangeably,  <Jie  pre- 
ferred despun  antenna  for  the  Thor /Delta  Version  111  science  payload  and 
Atlas/Centaur  Version  III  science  payload  is  the  despun  parabolic  cylinder 
reflector,  TRW's  design  would  use  the  qualified  Helios  DMA/DEA  with 
minor  modifications  for  low  spin  rate  operations,  and  a shortened  Pioneer 
6 through  9 Franklin  array  as  the  feed  for  the  despun  reflector. 
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Candidate  orbiter  antenna  deiiigns  for  the  reduced  EIRP  spacecraft 
configuration  were  tlie  flight- qualified  Pioneers  6 through  9 fanbeam 
antenna  and  a reduced  EIRP  elcci:ro;aically  despun  antenna,  as  shown  in 
Figure  8,2-5.  Tradeoff  parameters  include  the  system  impact  of  required 
power  amplifiers,  solar  array  sizes,  and  omni  antennas,  Prograun  costs 
include  nonredundant  and  redundant  costs  for  two  systems. 
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Figure  8. 2"5.  Caiujidate  Orbiter  Reduced  E!RP  Antenna  Tradeoff  Characteristics 

As  indicated  from  Figures  8,2-4  and  8.2-5,  the  cost  saving  is  mini- 
mal for  the  reduced  ElKP  electronically  despun  antenna,  since  EIHP 
reduction  is  accomplished  only  by  reducing  the  number  of  array  elements. 
The  only  cost  saving  is  in  material  costs  for  array  elements  and  power 
dividers,  which  may  be  eliminated.  A reduction  in  the  number  of  active 
columns  in  the  array  would  not  reduce  costs  significantly,  since  there 
would  be  no  reduction  in  the  munber  of  components  required  for  the  com- 
plete array  design.  A reduction  in  the  array  diameter  was  considered; 
however,  the  expected  reduction  in  EIRP  was  excessive  and/or  spin  ampli- 
tude and  phase  ripple  were  considered  to  be  major  problems  if  the  array 
diameter  or  the  number  of  columns  in  the  circular  array  were  reduced. 

The  requirement  for  additional  power  amplifiers  for  an  omnidirectional 
antenna  was  also  an  unattractive  feature  of  the  electronically  despun 
antenna. 
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Four  fanbeam  configurations:  the  Atlas/Centaur  and  Thor /Delta 
Version  III  science  payload  (12-watt)  and  the  Atlas/Centaur  and  Thor/ 

Delta  Version  III  sc.once  payload  (31-watt)  were  considered  for  use  with 
the  flight -qualified  Pioneers  6 through  9 Franklin  array.  The  low  power 
versions  are  compatible,  at  the  longer  ranges,  oirly  with  the  64 -meter 
DSN  stations.  The  31-watt  version  is,  however,  compatible  with  the 
26-meter  DSN  stations  (Version  III  science  payload  requirements)  and 
uses  identical  power  amplifiers  with  the  large  probe,  resulting  in  procure- 
ment savings.  A fanscan  (uplink)  and  omni  antenna  would  replace  the  two 
Omni  antennas  of  the  existing  Pioneer  antenna  package.  This  is  the  loweat 
cost  of  all  the  antennas  considered.  Since  minimum  conductor  spacing  in 
the  existing  design  is  on  the  order  of  0.2  centimeter,  the  design  is  capa- 
ble of  handling  RF  power  levels  greater  than  100  watts. 

Rotary  Joints 

Rotary  joints  were  investigated  for  mechanically  despun  antenna 
configurations  which  could  have  required  both  an  S-  and  X-band  capability. 
If  the  spacecraft  antenna  configuration  has  a rotary  joint  requirement,  the 
use  of  a single-channel  S-band,  noncontacting  coaxial  type  design  could  be 
the  recommended  approach.  The  single -channel  design  which  uses  fre- 
quency up-conversion  equipment  on  the  despun  side  of  the  rotary  coupler 
represents  the  lowest  risk,  lowest  cost  rotary  joint  approach.  If  the 
bandwidth  of  the  single -channel  design  can  be  made  broad  enough  to 
accommodate  both  S-  and  X-band  without  significantly  increasing  the 
design  complexity  and  cost,  then  this  design  would  be  preferred  for  hand- 
ling both  S-  and  X-band.  Unless  the  despun  motor  assembly  has  slip  rings 
to  provide  power  and  commanf^'s  to  a switch,  a minimum  of  two  S-band 
channels  are  requi  red  to  feed  a forward  omni  antenna  and  the  despun  high- 
gain  antenna.  Shown  in  Figure  8.2-6  are  the  characteristics  and  status  of 
1,  2,  and  3 channel  coaxial  rotary  joints.  The  results  of  the  rotary  joint 
survey  indicates  that,  although  single  and  multiple  channel  S-band  rotary 
joints  have  been  developed  by  a number  of  companies,  i.e,,  SAG£),  Philco- 
Ford,  and  TRW,  none  of  these  to  our  knowledge  have  been  flown.  Circu- 
lar waveguide  designs  were  flown  on  the  Intelsat  III  and  the  Skynet  space- 
craft, but  these  designs  would  be  undesirable  because  of  the  exceissive 
size  and  weight  of  an  equivalent  S-band  system.  Until  multi  pie -channel 
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coaxial  rotary  coupler  designs  are  qualified,  they  represent  high  design 
risk  equipment  witl)  associated  development  cost  uncertaintjes , 


I 


Figure  S.2-6.  Rclary  Joints  tNoncontacting  Inner  and  Outer  Conductors) 

S-band  Electronically  Despun  Antennas 

Electronically  despun  antennas  (EDA)  were  investigated  for  possi- 
ble applications  as  the  orbiter  despun  high-gain  antenna.  Shown  in  Table 
8.2-4  are  characteristics  of  three  S-band  systems  which  represented 
designs  which  had  progressed  beyond  the  analytical  phase  of  antenna 
development.  The  antenna  designs  by  Texas  Instruments  and  Radiation 
Systems  were  the  only  ones  which  were  sized  for  the  Venus  mission  fre- 
quency of  2300  MHz. 

The  Texas  Instrmnents  (TI)  EDA  system  was  selected  for  further 
tradeoffs  because  it  has  the  highest  gain  and  lightest  weight,  and  cost 
estimates  were  available.  The  basic  difference  between  the  Tl  concept 
and  the  others  is  the  use  of  Tl  power  euiiplifiers  between  the  inherent 
lossy  beam  steering  circuits  and  the  antenna  array.  In  this  configuration 
the  power  amplifiers  are  switched  on  and  off  at  the  DC  power  supply  level 
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Table  8.  2-4.  S-Band  Electronically  Despun  Antennas 
(Transmit  Only  Capability) 


ANTENNA  | 

PARAMETER 

SYNCHRONOUS 

meteorological 

SATELLITE  (SMS) 
PHItCO  PORD 

TEXAS  INSTRUMENT  (Tl) 
STUDY  FOR  AMES 

RADIATION  systems  INC.  (RSI) 
DEVELOPMENT  FOR  GODDARD 

TRANSMITTER  FREQUENCY 
(GHZ) 

1700* 

(RECEIVE  ON  2030) 

2300 

2S00 

RF  SWITCHING 

YES 

NO 

YES 

GAIN  (PEAK,  DB) 

18.7 

22 

16 

(19  PREDICTED) 

3-OB  BEAMWIDTH  [RAD (DEG)] 

AZIMUTH 

ELEVATION 

0.19  (-11.0) 
0.29  (18.6) 

0.19(10.5) 

0.28(16.3) 

0.17  (10) 
0.31  08) 

EFFECTIVE  POWER  AMPLI- 
EfER  OUTPUT  (WATT) 

20*  (30) 

13 

(5G-WATTTRANSMITTERREQUIRED) 
(CAN  ONLY  HANDLE  20) 

LOSSES  (DB) 

1.7 

0.4 

1.2 

EIRP  (PEAK,  DBM) 

60*  (62) 

62.3 

62 

WEIGHT  (KGM) 

12.55* 

(INCLUDES  POWER  AMPLI- 
FIERS, RECEIVE  PHASE 
SHIFTERS  AND  COMBINEI^ 
SW) 

7.79 

(INCLUDES  POWER  AMPLI- 
FIERS AND  BEEM  STEERING 
CONTROL  UNITS) 

28.05 

(11.3  PROPOSED) 

(INCLUDES  BEAM  STEERING 
CONTROL  UNITS) 

SIZE: 

DIAMETER  ^M) 
HEIGHT  (CM) 

142,0* 

53.4* 

76.1 

58.4 

91 .4 
3B.I 

DEVELOPMENT  STATUS 

P'  . '.lOPED  (JO  BE  F!^“‘vr: 
IN  1974?) 

UNDEVELOPED 

PROTOTYPE  (NO  FURTHER 
DEVELOPMENT  SINCE  1970) 

COST: 

DEVELOPMENT  (SK) 

RECURRING  (3  UNITS) 
(JK) 

PHILCO-FORO  DECLINED 
TO  QUOTE 

510 

570 

*MOO(FICAIION  REQUIRED  FOR  PIONEER  VENUS  TO  PROVIDE  128  RITS/5  AT  1 .7  AU  (EIRP  OF  62  DBM) 


eliminating  the  need  for  RF  switching,  a major  advantage.  With  this 
arrangement,  where  beEim  steering. circuit  losses  are  absorbed  at  low 
P.F  power  levels,  lower  power  final  amplifiers  can  be  used  to  obtain  the 
required  EIRP.  This  results  in  lower  prime  power  requirements  with 
associated  cost  and  weight  savings. 

The  XI  dosign  has  a unic^ue  disadvantage.  Since  low  power  (l~watt) 
modular  amplifiers  are  used  in  the  array,  a separate  higher  power  ampli- 
fier (~6  watts)  is  still  required  to  transmit  with  the  omni  antennas  during 
third  midcourse  and  orbit  insertion,  if  a downlink  is  desired  at  those 
times. 
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Medivau^Gaiu  Aulemia 

Modium-^ain  antouna  conliguiMtions,  shown  in  Figvu’o  8.2-7,  wcx*e 
considori^ul  for  uso  on  the  Thor /Delta  and  Atlas /Ccntaur-launched  probe 
bus  and  ox’biter  spacecraft*  These  configui*ations  represent  existing 
flight-qualified  or  breadboard  antennas*  which  were  considered  for  use  on 
the  earth -pointing  and  spin  axis  norma] -to-the-ecliptic  spacecraft  mis- 
sions. The  dish  and  horn  antennas  provide  a beam  along  the  axis  of  the 
antenna  while  the  Franklin  array  and  the  bicone  array  each  provide  fan- 
beam  normal  to  the  array  axis. 


I S Mali  urn  Antenna  I'onliqu  ration 


Botli  types  of  antennas  arc  required  for  the  spin  axis  normal-to- 
the-ecliptic  probe  bus  mission,  where  liigher  gain  along  the  spacecraft 
axis  is  requii'od  during  probe  entry  and  coverage  normal  to  the  spin  axis 
is  required  diuTng  transit*  Since  the  baseline  probe  bus  is  oartli- pointing, 
the  medium-gain  antenna  candidate  narrowed  to  a tradeoff  between  the 
dish  and  the  horn.  Both  candidates  are  flight -qualified  designs;  available 
hax’dware  includes  engineering  models  and  a flight  horn  antenna.  The 
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horn  was  selected  over  the  dish  for  the  probe  bup  because  of:  1)  the  wider 
beamwidth  needed  for  the  1978  bus  entry  and  2)  lower  program  costs  for 
three  units  (including  cost  savings  for  available  Pioneer’s  10  and  11 
hardware)* 

Medium*gain  antennas  were  considered  for  the  orbiter  spacecraft 
for  a number  of  different  applications: 

• As  a backup  antenna  for  the  despun  high-gain  antenna 

• As  a primary  communication  antenna 

• As  a conscan  antenna  for  attitude  determination 

• As  an  S-band  occultation  antenna# 

For  the  earth -pointing  missions,  the  primary  candidates  are  the  dish  and 
the  horn#  The  dish  is  preferred  over  the  horn  on  configurations  which 
require  higher  gains  and  where  weight  is  critical#  The  major  advantage 
of  the  horn  is  its  coverage  gain;  where  maximum  gain  over  a broad 
(<0.35  radian  (<20  degrees}]  coverage  angle  is  required,  the  horn  would 
be  preferred  over  the  dish#  Various  horn  designs  were  evaluated  to  estab- 
lish an  optimum  design  for  the  baseline  spacecraft  configurations.  As 

shown  in  Figure  8.2-8,  a tradeoff  between 
the  gain  and  pattern  coverage  for  new 
design  optimum  conical  horns  and  the 
existing  Pioneer  10  and  11  corrugated 
horns  shows  the  corrugated  horn  best  for 
both  the  probe  bus  and  the  orbiter.  The 
use  of  an  existing  qualified  design  and 
commonality  between  bus  and  orbiter  is 
the  lowest  cost  medium-gain  antenna 
approach  for  the  earth-pointing  space- 
craft configurations. 

The  fanbeam  antenna  is  required  for  the  spacecraft  mission  which 
has  its  spin  axis  normal  to  the  earth  line#  The  preferred  fanbeam  antenna 
is  the  flight -^qualified  Pioneers  6 through  9 design#  The  Pioneers  6 through 
9 antenna  is  a lightweight  antenna  which  provides  antenna  gains  efficiently 
up  to  approximately  12  dBi  with  an  addition  or  reduction  in  the  number  of 
cleir.ents  in  the  array#  Modifications  to  the  existing  design  to  reduce  the 


0 0.07  O.u  0.21  0.38  0.35  (RAD) 

Figure  8. 2-8.  Horn  Gain  vs.  Pattern  Angle 


8.2-18 


ALL  CONFIGURATIONS 


number  of  array  elements  or  to  remove  integral  oinni  antennas  are  con- 
sidered  minor  modifications.  Removal  of  the  existing  omai  antennas 
would  significantly  reduce  the  design  complexity  and  manufacturing  costs. 
The  existing  design  utilizes  concentric  coaxial  transmission  lines  to  ser^ 

used  to  service  a high“gain  11  dBi  array,  a shortened  array  for  fanscan, 
and  an  omni  antenna.  To  minimize  the  feed  system  complexity,  miniature 
coaxial  cables  would  be  used  to  feed  tlie  fanscan  and  omni  antenna.  Pro- 
gram costs  shown  in  Figure  8,2-7  are  for  the  shortened  array  with  omni 
antennas  removed.  Utilization  of  the  full  array  to  obtain  the  li-dBi  gain 
measured  on  Pioneers  6 through  9 units  would  not  significantly  increase 
costs, 

8,2,  3.3  Low  Gain  (Omni)  Antennas 

Omni  antenna  configuratio»^s  considered  for  use  on  the  bus  and  orbi- 
ter  are  shown  in  Figure  8, 2-9.  The  horn,  which  is  used  as  a pattern  fill 
in  antenna,  and  the  other  candidate  antenna  configurations  are  existing 
flight- proven  designs  which  provide  the  two  basic  types  of  broad  radiation 
pattern  coverage  obtainable  from  spacecraft  omni  antenna  elements.  Each 
omni  antenna  provides  approximately  half  the  spherical  radiation  pattern 
coverage  required  for  the  orbiter  and  probe  missions.  The  required  near- 
spherical  coverage  and  gain  is  achievable  with  conibinations  of  two  or 
more  of  the  candidate  antenna  configurations.  Primary  tradeoff  considera- 
tions were:  1)  coverage  and  gain  during  critical  phases  of  the  missions, 

2)  weight,  and  3)  program  costs,  which  included  the  cost  of  throe  units 
witli  cost  savings  for  avaikible  hardware  (engineering  models  of  some  con- 
figurations  are  av'^ailablc).  Also  considered  in  the  tradeoff  was  polariza- 
tion compatibility  with  other  spacecraft  antennas  for  miniimuii  DSN  opera- 
tional impact  and  equipment  commonality  between  the  orbiter  and  probe 
spacecraft. 

Except  for  the  reduced  EIRP  orbiter  spacecraft  coiofiguration,  the 
two  conical  log  spiral  antennas  were  the  selected  omni  antennas  for  all 
probe  bus  and  orbiters  because  of  their  good  overlap,  proven  design,  per- 
formance, and  low  cost.  With  a log  conical  spii'al  on  the  forward  and  aft 
ends  of  the  spacecraft,  near  s|)herical  cover<n;e  is  obtained.  Pattern 
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RADIATION 

PATTERNS 


PEAK  GAIN  (dBi) 

POLARIZATION 

WEIGHT.  <G  (LB) 

DEVELOPMENT 

STATUS 


RELATIVE  PROGRAM 
COSTS  (SK) 


0.4  (0.9) 


FLOWN  ON  DSP 


0.14  (0.3) 

FLOWN  ON 
PIONEERS 
10  AND  n 


FLOWN  ON 
PIONEERS 
6 THROUGH  9 


FLOWN  ON 
PARTICLES  AND 
FIELD  fAPOLLO 
PROGRAM^ 


Figure  8.?  9.  Canriiclate  Probe  Bus  ami  Orbiler  Lo^v^Gdin  (Omni)  Antenna 

interference  between  antennas  is  minimized  by  connecting  each  antenna  to 
different  transmitters  and  receivers.  For  the  reduced  EIRP  spacecraft 
configuration,  the  slot  array  and  horn  were  selected  to  provide  near 
spherical  coverage  except  for  a pattern  null  along  the  forward  axis  of  the 
spacecraft.  The  slot  array  was  selected  because  of  its  linear  polariza- 
tion, which  is  orthogonal  to  the  linear  polarization  of  the  faiibeam  antenna. 
With  orthogonal  polarizations,  maximum  isolation  is  obtained  between  the 
omni  antenna  and  fanbeam  antennas.  The  aft  horn  was  selected  to  comple- 
ment the  slot  array  and  provide  aft  coverage  for  entry.  The  spinning  cir- 
cularly polarized  horn  provides  full  aft  coverage  to  a linearly  polarized 
ground  antenna. 

Antenna  Spin  Doppler  Considerations 


For  spinning  spacecraft,  the  location  of  antennas  with  respect  to 
spin-doppler  effects  must  be  considered.  The  sinusoidal  doppler  rate  (D) 
as  seen  by  a tracking  station  depends  on  spacecraft  spin  frequency  (o>, 
rad/s),  location  of  antenna  from  spin  axis  (r,  meters),  conom unication 
angle  (0,  depr^es)  off  the  spin  axis;  and  the  carrier  frequency  (F,  Hz); 


r F sin  0 


Hz/s 
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whore  c is  tlie  speed  o£  light  in  m/s.  The  tracking  loop  bandwidth 
(Z  11,  , Hz)  required  is  approximately 

(2  ^ 2tiD/210,  Hz 

where  A0  is  the  aH  :>wed  loop  static  phase  error  in  radians.  The  loop  sta 
tic  phase  error  is  a function  of  receiver  signal-to-noise  ratio  in  2 
These  relationships  are  plotted  as  a family  of  curves  in  Figure  8.2-10, 
showing  the  allowable  spacecraft  spin  speed  as  a function  of  antenna  dis- 
tance from  spin  axis,  tracking  loop  threshold  bandwidth,  and  received 
signal-to-noise  ratio  in  that  bandwidth.  A worst-case  communication 
angle  of  1.57  radian  (90  degrees)  and  an  allowable  static  phase  error  of 
0.4  radian  is  assumed. 


figure 


Allowable  Spacetrall  Spin  Speed  it\  Versus  Antenna  Oistanc*» 
from  Spin  Axis  Iri  and  Receiver  loop  Bandwidth  I2Bl» 
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The  x-eaulta  ahow  tlial,  Xoj  the  preferred  nominal  cruise  spin  speed 
of  about  0.S2  rad/a  {5  rpm),  there  ja  no  problem  with  10  Hi'.  2 b.incl- 
width  trackint>.  However,  for  high  spin  rates  like  6.28  rad/s  (60  rpm), 
for  special  mission  events  like  bus  ertry  or  orbit  insertion,  either  a 
30  Hz  loop  bandwidth  or  an  anteniui  mounted  near  the  spin  axis  must  be 
used.  For  the  preferred  Atlas /Centaur  orbiter  configuration,  the  Pioneers 
10  and  11  forward  omni  is  mounted  on  the  axis  and  there  is  no  dopplei 
problem  for  orbit  insertion.  However,  if  we  desired,  for  doppler  tracking 
attitude  control  reasons,  to  mount  the  omni  at  the  edge  of  the  1,52-meter 
(5-foot  dish),  tliere  is  enough  margin  to  perform  the  insertion  tracking  at 
6.28  rad/s  (60  rpm)  with  a 30  Hz  loop.  The  margin  is  provided  by  using 
a 0.54  radian  modulation  index  (i.e.  more  power  in  the  carrier). 

8. 2, 3,4  Solid  State  Versus  TWTA  Power  Amplifiers 

The  tradeoff  studies  of  the  various  S-band  power  amplifiers  required 
for  the  different  missions,  launch  vehicles,  and  options  covered  both 
solid-state  amplifiers  and  traveling  wave  tube  amplifiers  (TWTA's)  at 
RF  power  levels  from  3 to  36  watts.  Each  particular  requirement  was 
reviewed  and  potentially  usable  hardware  was  considered  for  size,  weight, 
cost,  efficiency,  development  risk,  and  availability.  The  power  ampli- 
fiers sized  for  the  various  orbiter  and  probe  bus  options  are; 

• 3 /b -watt  amplifier  (d’  -al  mode) 

• 3/ 12-watt  amplifier  (ou  j.  mode) 

• 8 -watt  amplifier 

• 9/36 -watt  amplifier  (dual  mode) 

• 16/36-watt  amplifier  (dual  mode). 

In  addition  to  these  there  are  large  and  small  probe  options  witli  output 

in  this  range.  The  tradeoffs  have  considei'ed  the  commonality  of 
requirements  and  its  potential  effect  in  reducing  unit  costs. 

Survey  of  S-band  Power  Amplifiers 

A survey  was  made  of  available  solid-state  and  TWTA's  (including 
power  supply  and  control  circuitry)  with  emphasis  on  lightweight  charac- 
teristics for  the  Thor/Delta  application  and  minii'min  cost  and  develop- 
ment risk  for  the  Atlas/Centaur  configuration. 
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The  source  cjf  space -qualified  TWT's  for  S-band  is  principally 
limited  to  two  companies,  i.e,,  Watkins  Johnson  nd  Hughes  Aircraft 
Coiiipaiiy  (HAG).  An  analysis  of  previous  program  cost  histories  clearly 
indicates  that  both  new  TWT  development  and  the  integration  of  tubes  with 
power  supplies  (particularly  when  supplied  by  different  vendors)  are  risky 
and  costly  endeavors.  It  was  therefore  decided  to  restrict  our  attention 
to  qualified  TWTA  iinits  now  under  development  for  similar  space  applica- 
tions, nr  a combination  of  an  existing  TWT  and  a power  supply  requiring 
only  minor  modifications.  These  survey  criteria  gr  eatly  reduced  the  num- 
ber of  candidates  for  consideration  and  highlighted  the  fact  that  the  TWTA 
market  (and  TWT's  also)  is  essentially  divided  by  frequency,  with  Watkins 
Johnson  controlling  the  S-band  market  and  HAG  controlling  the  X-band 
market.  Although  HAG  was  a leader  in  the  development  of  TWT's  for 
space  communications,  the  S-band  development  work  fone  by  Watkins 
Johnson  has  clearly  rrxade  it  the  leading  supplier  of  space -qualified  S-band 
TWTA's.  The  notable  exception  is  the  dual  mode  TWTA  used  on  Ma..iner, 
where  the  10/20-watt  tube  is  provided  by  HAG  and  the  power  supply  by 
Watkins  Johnson.  A recent  change  in  this  program  has  replaced  the  HAG 
10/20-watt  TWT  with  a more  efficient  l6/36-watt  tube  from  Watkins 
Johnson. 

A summary  of  the  characteristics  for  the  TWTA's  considered  for 
Pioneer  Venus  is  given  in  Table  8.2-5.  Three  designs  are  clearly  much 
lighter  and  more  efficient  than  all  the  others,  i.e.,  the  8-watt  1171-1  ser- 
ies flown  on  Pioneers  10  and  11,  the  10/20-watt  1171-3  series  qualified 
for  the  Helios  program,  and  the  16/ 36 -watt  unit  being  supplied  to  MVM 
1973.  Since  these  units  cover  the  power  range  of  interest,  they  are  the 
leading  contenders  for  the  TWTA  application. 

The  results  of  the  solid-state  amplifier  survey  are  also  given  m 
Table  8.2-6  for  comparison  purposes.  Although  only  four  suppliers  are 
listed,  it  is  anticipated  that  firm  bids  will  be  received  from  a number  of 
other  sources  with  space  hardware  experience.  Note  on  Table  8.2-6  that 
even  the  lightest  TWTA  on  the  list  (Pioneers  10  and  11,  1171-1)  is  much 
heavier  than  the  heaviest  solid-state  unit,  and  that  cost  considerations 
also  make  the  solid-state  amplifier  attractive. 
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Table  8.  2-5.  Survey  of  S- Band  Power  Amplifiers 


WE  If  .HI 

MANUrACUJRtff 

PHOGRAM 

STATUS 

(kg 

<LBil  ' 

RAOlAnON  INC 

TtCHNOLOGY 

program 

GSfC 

OtLIVERtO 

O.H 

(0  3)* 

IRW 

model  35 

ENGINEERING 

MODEL 

0.36 

ff)  p; 

WATKINS  JOHNSON 

PIONCtRS  10AP40  1 1 

FLIGHT 

1 .8 

(4) 

WATKINS  JOHNSON 

LKTS 

flight 

4.1 

(9) 

WATKINS  JOHNSON 

APOLLO  - CCS 

FLIGHT 

6.4 

(14) 

SVATMNS  JOHNSON 

NASA  HUMlSVILlt 

LAB/ TEST 

S.4 

02) 

WATKINS  JOHNSON 

KCA 

flight 

3.9 

(8.5) 

WATKINS  JOHNSON 

VIKING  LANDER 

qualified 

AUGUST  1973 

4.4 

(9.6) 

WATKINS  JOHNSON^ 
HAC 

MARINER 

FLIGHT 

4.5 

(10) 

WATKINS  JOHNSON 

MVM  73 

OtVELOPMENT 

4.5 

00) 

WATKINS  JOHNSON 

PROPOSED 

DEVELOPMENT 

2.3 

(5) 

WATKINS  JOHNSON 

HELIOS 

QUAl 

2.2 

(4.0/ 

MSC 

COMMERCIAL 
OFF  SHELF 

MUST  qualify 

0.14 

(0.3)* 

MSC 

COMMERCIAL 
OFr  SHELF 

MUST  QUALIFY 

0.3 

(0.6)* 

MSC 

COMMERCIAL 
OFF  SHELF 

MUST  qualify 

0.3 

(0.6)* 

PHILCO  FORD 

PROPOSED 

0.45 

0.9 

0) 

(2) 

1.5 

(3.3) 

motorola 

PROPOSED 

0.63 

Vi 

DC  POWER 

Rf  POWER 

COMMENTS 

(WATT) 

(WAMI 

18 

6 

must  modify  DFSIGN  (NEW  POWER 
TRANSISTORS!  TOHEPUCi  JUNCTION 
TEMPERATURE 

15 

4 

30  D6  gain 

28 

6 

WATKINS  JOHNSON  II7M 

85 

20 

WATKINS  JOHNSON  1176 

95 

15 

132 

50 

DELIVERED  FOUR  UNITS 

85 

20 

CLASSIFIED  program 

1 06  ‘ 

20 

WATKINS  JOHNSON  1185 

i 

40/80 

10/20 

52/10^ 

16/31 

NEW  TUBE,  MODIFIED  MARINER  P.S. 

55/ « '>6 

16/31 

NEW  TUBE/ MODIFIED  HELIOS  P.S. 

45,  70 

10/20 

WATKINS  JOHNSON  1171-3 

IV 

6 

1 

CUSTOMER  MAY  HAVE  QUALIFIED 

44 

12 

CUSTOMER  MAY  HAVE  QUALIFIED 

80 

20 

CUSTOMER  MAY  HAVE  QUALIFIED 

27 

5 

5-WATT  UNIT  QUALIFIED  ON  ATS 

40 

10 

105 

20 

25 

5 

50 

10 

100 

20 

’lOW  GAIN  VERSION 


0 


Table  8.2-6.  Solid-State  versus  TWTA  Tradeoffs  for  6 Watts 


TWTA  n 

SOLID  STATE  j 

PIONEERS  lO&n 

HELIOS 

MSC 

RADIATION  INC. 

TRW 

RF  POWER  (WATT) 

8 

10/20 

6 

6 

6 

WEIGHT,  KO  (L8) 

1 .8  (4) 

2.2  (4.8) 

0,2  (0.5)* 

0.2  (0.5)* 

0.2  (0.5)* 

EFFICIENCY  (%) 

28 

22/29 

32 

33 

33 

RELIABILITY  (BITS) 

33B2 

4000  (EST) 

1115  (EST) 

1115  (EST) 

1115  (EST) 

STATUS 

FLIGHT  PROVEN 

qualified 

COMMERCIAL 

limited  QUALIFICATION 

QUAL  3.5  WIN  1973 

RF  POWER  ADJUSTMENT 

NONE 

dual  level  twt 

VOLTAGE 

VOLTAGE 

VOLTAGE 

UNIT  COST  (6tACH) 

(SK) 

72*' 

80** 

NA 

23 

20 

modifications 

REQUIRED 

NONE 

increased  spacecraft 

PRIME  POWER 

REPACKAGED  FOR 
SPACE  USE 

REDESIGN  TO  REDUCE 
JUNCTION  TEMPERATURE 

REDESIGN  TO  6 WATTS 

INCREASE  GAIN 

*HIGH-GAIN  VERSION 

"vendor  cost  LIVtI. 


Solid  State  Versus  TWTA  Tradeoffs  for  6 Watts 

1)  TWTA' 8.  While  there  are  many  TWT's  available  for  S-band  use, 
there  are  few  lightweight  TWTA's  (including  the  power  supply).  At  the 
8 -watt  level,  the  most  efficient  and  lightweight  unit  available  is  the 
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Pioneors  lO  and  11  unit,  l^or  higher  power,  the  dual  mode  TWTA  devep 
oped  for  Helios  is  the  lightest  weight  unit  available,  Thu  uost  q£  batli  uiiitg 
is  shailar.  Table  8,  2-6  shows  that  the  weight  and  cost  of  the  TWTA  is 
considerably  greater  than  the  solid  state  units  shown, 

2)  Solid  State  Power  Ainplificrs,  A cost  analysis  leads  to  the  con- 
clusion that  it  is  cheaper  to  qualify  solid  state  units  than  to  use  the  quali- 
fied TWTA's  presently  available.  In  addition  to  the  three  sources  of  solid 
state  units  given  in  Table  8,2-6,  Motorola,  Philco-Ford,  and  Teledyne 
are  capable  of  providing  the  required  units;  however,  at  present  the  three 
sources  shown  are  preferred  because  of  existing  and  ongoing  programs. 

Due  to  the  anticipated  number  of  sources  available,  it  is  not  necessary  to 
limit  the  selection  at  this  time.  Since  all  available  sources  presently  use 
Microwave  Semiconductor's  (MSC)  transistors,  it  might  scem  obvious  that 
the  MSC  power  amplifier  should  be  chosen;  but  the  company's  limited 
experience  with  space -qualified  hardware  will  require  them  to  be  critically 
reviewed.  Based  on  ongoing  efforts  both  MSC  and  TRW  are  expected  to 
have  qualified  solid  state  power  amplifiers  in  time  for  use  on  Pioneer 
Venus,  Radiation,  inc,  has  done  limited  qualification  testing  on  a low- 
gain  amplifier  for  NASA/GSFC,  but  the  unit  must  be  redesigned  to  increase 
its  gain  and  to  reduce  junction  temperatures;  no  efforts  are  presently  being 
expended  toward  this. 

Solid  State  Versus  TWTA  Tradeoff  for  36- Watt,  There  is  a require- 
ment for  36-watt  nominal  (31  watts  minimum)  for  some  configurations. 
Slightly  modified  TWTA's  have  been  compared  to  solid  state  units  for  this 
application, 

i)  TWTA's,  As  mentioned  earlier,  the  high  efficiency  S-band 
TWTA  market  is  dominated  by  Watkins  Johnson,  Although  HAC  has 
experimental  tubes  at  50  watts,  the  most  logical  choice  for  this  power 
level  is  the  TWT  being  supplied  to  MVM  1973,  Watkins  Johnson  is  under 
contract  now  to  replace  the  existing  10/20- watt  tube  with  a 14/31 -watt 
(miniir.um)  tube  with  much  greater  efficiency.  Unfortunately,  the  power 
supply  used  on  Mariner  is  heavy,  resulting  in  a TWTA  weight  of  approxi- 
mately 4,5  kilograms  (10  pounds).  For  Pioneer  Venus  the  best  choice 
would  appear  to  be  to  use  the  new  MVM  1973  TWT  with  a modified  Helios 
power  supply.  These  modifications  wouJ.d  be  slight,  limited  to  a few  com- 
ponent parts. 
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2)  Power  Amplifiers,  The  requirement  for  a.  single 

36-watt  unit  {31  watts  minimum)  cannot  be  satisfied  with  ejaating  hard- 
ware* Mici'owave  Semiconductors  has  a 90*  000  scries  unit  which  can 
provide  an  output  power  of  30  watts*  The  low  advertisiid  efficiency 
(22  percent)  of  the  unit  makes  it  unattractive* 


If  new  transistors  from  the  4000  series  are  substituted,  tlie  solid 
state  unit  becomes  more  competitive*  A TRW  proposed  design  shows  an 
efficiency  of  28  percent  at  about  20  watts.  For  purposes  of  lliis  study,  it 
is  proposed  that  two  nominal  20-watt  amplifiers  be  paralleled  to  provide 
the  36  watts.  This  approach  is  less  costly  since  only  one  design  is  icquired 
for  both  the  orbiter  and  the  large  and  small  probes.  A preliminary  cost 
estimate  shows  a saving  of  approximately  $200,  000  if  a parallel  approach 
is  chosen  over  a new  36 -watt  solid  state  design* 


3)  Tradeoffs*  Table  8*2-7  summarizes  pertinent  data  for  the  MVM 
1973  TWTA  and  a solid  state  approach  using  parallel  20- watt  units.  Note 
that  the  TWTA  is  more  efficient,  but  heavier  and  more  costly*  The  pres- 
ent baseline  uses  the  MVM  1973  TWTA  for  the  Thor /Delta  orbiter  because 
its  greater  efficiency  is  compatible  witli  the  solar  array  capability  of  the 
Thor/Delta  design*  On  the  Atlas /Centaur  Version  III  orbiter,  where 
more  solar  cell  output  is  available,  the  parallel  2f  -watt  solid  state  units 
are  baselined  because  of  reduced  cost* 


Tabic  8.2-7.  Solid-State  versus  TWTA  '1  radcolfs  lor  36  Watts 


TWTA 

MVM73/HEUOS 

SOI  ID  STATE 
(4005  TRANSISTORS) 

iPAKAULl  20-WATT  UNlTSl 

COMMENTS 

KF  HOWEK  (WATT')) 

16.-  36  (NOM) 
14/3)  (MIN) 

9 36  (NOM) 
7.8  31  (MIN) 

DC  POWtK  (WATTS  1 

55/106 

68/136 

FFFlCltNCY  (%) 

29/34 

14  28 

ASSUMES  ONE  20-VMTT  ON  - 
ONE  OFF 

WtIGHT,  KG  (IB) 

2.2  161 

l*0«2.2) 

SS  INCLUDES  TWO  HYBRIDS 

REllABtUTY 

6450  (tST) 

STATUS 

TWT  TO  RE  QUALlFltD 
P.S.  IS  MODIf  ILD  VERSION 
UE  OUALIMED  UNIT 

COMMIRUAl  - MUST 
QLJAUTY 

KF  POWtK  ADJUST  MINI 

iMjAl  ItVtl  Ivvt 

!HPN Utf  fHlE  20-VVAlTUNII 

ur-nreosT  iSk) 

IH/ 

(/  UK. Ill  ' SPAIU  1 QUAL 
KLOUIKIU) 

H6 

(4  E EK.Ill  * SPARE  • UUAl 
REQUIKID) 

ASSUME  S COMMON Al  ITV  vVIlH 
LAKt.L  AND  SMALl  PKOlHS 

MO U II  K.  A 1 lO r 4 J K l U U 1 K 1. 1> 

OlANtA  P.S.  VUlTAOt 
AND  eUKKlNl 

Kt  PACK  age  EOR  SPACI  - 
C HANOI  IRANSISTOR  lYPl 
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Power  AmpHfior  Combiniiift  Technif|uea 

We  limited  the  number  of  power  amplifiers  that  must  be  devoioped 
and  qualified  by  eontinuously  considering  commonality  of  desi<>n  requires 
munts  between  the  bus,  orbiter,  and  probes,  A further  effort  was  made 
to  reduce  Uks  new  designs  by  using  modvdar  combining  ter.haiquas. 

Figure  H.2-11  shows  four  techniques  which  allow  tlie  use  of  one  btu-ic 
6-watt  design  to  serve  the  dual  purpose  of  providing  10  to  It  waits  for  tiio 
urbiler  and  6 watts  for  the  probe  (noarodundant).  Four  methods  of  doing 
this  are  shown  in  Figure  8,2-ilB,  C,  D,  and  E,  along  with  ..  List  of  char- 
acteristics. A 12-watt  amplifier  is  also  included  for  compar:..®or\  iu 
Figure  8. 2-  llA, 

The  method  shown  in  Figure  8, 2-1  IB  utilizes  redundant  paraije.1 
6-watt  power  amplifiers  combined  with  hybrids  to  provide  approximtUely 
11  watts  of  output  power. 

The  method  ehown  in  Figure  8. 2-1 1C  allows  the  generation  of  the 
required  11  watts  using  only  three  power  amplifiers  for  a redundant  three- 
for-two  system  using  five  additional  transfer  switches.  This  approach  is 
heavy,  as  space -qualified  relays  weigh  0,3  kilogram  (0,6  pound)  each. 

The  method  shown  in  Figure  8. 2-1  ID  utilizes  diode  switched  quarter 
wave  transmission  lines  to  provide  three-for-two  redundancy  without  the 
use  of  transfer  relays.  An  alternate  version  of  this  approach,  shown  in 
Figure  8, 2- HE,  uses  a diode- switched  Wilkinson  hybrid  combiner.  They 
differ  in  that  the  Wilkinson  approach  does  not  require  isolators  to  reduce 
interaction  between  amplifiers.  Although  this  approach  has  been  used  on 
communication  transponders  where  numerous  power  levels  must  be 
accomplished,  its  complexity  (including  telemetry  and  command  inter- 
faces) does  not  make  it  attractive  for  the  Pioneer  Venus  application. 

After  reviewing  all  the  data  in  Figure  8,2-11,,  the  method  in  Figure  8. 2-1  IB 
has  been  chosen.  When  firm  cost  estimates  are  available  from  each  of  the 
vendors,  and  the  baseline  transmitters  powers  have  been  selected,  tlie 
number  of  power  amplifier  designs  will  again  be  considered. 

Although  not  illustrated,  the  same  techniques  can  be  used  to  pro- 
vide 36  watts  nominal  from  a 20-watt  design.  The  exact  values  in  tlie 
BUiTunary  table  will  change,  but  the  relative  values  are  still  useful  in 
making  the  tradeoff  decision. 
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8, 2. 3,5  Lightweight  Versus  Standard  Weight  Transponders 

The  survey  of  transponders  has  shown  that  only  three  companies 
are  actively  engaged  in  the  manufacture  of  coherent  DSN- compatible 
(240/Z2 1 turnaround)  transponders,  i#e.,  Philco-Ford,  Motorola,  and 
TRW.  Available  and  developmental  hardware  can  be  further  segregated 
into  lightweight  and  standard  designs*  A summary  of  candidate  hardware 
is  given  in  Table  8.  2-8. 


Table  8.2-8,  DSN  Compatible  Transponders 


manufactuklk 

program 

STATUS 

WEIGHT 
IKG  (LB)J 

DC 

POWER 

(WATTS 

RF 

POWER 

(WATTS) 

COST” 

(SK) 

modifications  required 

ATIAS/CENTAUR  OR  BITER 

1 LIGHT^VtlGHT  IRANSPONDEkS 

PHiLCo  for  J 

VIKING 

lander 

IN  QUAL 

1.7 

|3.8) 

7.0 

0.125 

1 50-200 

CONSCAN  AGC“  ‘ OUTPUT 
COilFRENT  INHIBIT  CONTROL 
MODULATION  CIRCUIT 
INTERFACE  FACTORS 

iKVv 

COMPANY- 

FUNDED 

ENGINEERING 

model 

1.5 

(3.4) 

7.5 

0.125 

153 

COHERENCE  RATIO 
REDUCE  LOOP  BANDWIDTH 
MODULATION  CIRCUIT 

MOIOKOLA 

COMPANY- 

FUNDED 

ENGINEERING 

1.6 

(3.5) 

7.0 

0.125 

--- 

EARLY  DEVELOPMENT 

motorola 

COMPANY- 

FUNDED 

DEVELOPMENT 

2.4 

(5.3) 

7.0 

0.125 

--- 

WILL  SELL  MlD-1973 

ATLAS/CENTAUR  PROBE  BUS 

{standard  transponders 

TRW 

PIONEERS  I0&  II 

FLIGHT 

3.1 

(6.8) 

3.5 

0.06 

194 

NONE 

TRW 

P&F 

FLIGHT 

4.3 

(9.5) 

15.2 

0.7 

80* 

REDUCE  LOOP  BANDWIDTH 
IMPROVE  NOISE  FIGURE 

MOTOROLA 

ERTS 

FLIGHT 

5 

(U) 

1.0 

65* 

REDUCE  LOOP  BANDWIDTH 
IMPROVE  NOISE  FIGURE 

MOTOROLA 

MARINER 

FLIGHT 

6.2 

(18) 

27 

0.2 

110 

POWER  SUPl'LY 

MODIFICATION  COSTS 
V'.i'.DOR  COST  LEVEL 

*-*avutomatic  gain  control 


Lightweight  Transponders 

Thor/Delta-launched  payloads  require  the  use  of  lightweight  hard- 
ware. Only  one  company  presently  is  supplying  lightweight  transponders, 
i.e.,  Philco-Ford.  For  deep-space  applications,  the  Viking  Lander 
presently  being  qualified  meets  the  Pioneer  Venus  requirements  with 
certain  modifications.  Motorola  is  in  the  early  development  of  a 1.6-kilo- 
gram  (3.  5-pound)  unit,  but  expects  to  sell  a somewhat  heavier  design 
[2.4  kilograms  (5.3  pounds)]  by  mid- 1973.  TRW  is  continuing  the  develop 
ment  of  a microminiature  transponder  with  the  goal  of  developing  a DSN 
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compaliblo  unit  by  Into  1973.  A Defense  Support  Program  (DSP)  design 
is  presently  being  tested. 

Although  it  is  expected  that  all  three  suppliers  will  bo  able  to  supply 
DSN  compatible  units  to  the  Pioneer  Venus  schedule,  the  Viking  Lander 
unit  has  been  selected  for  the  Thor/Delta  probe  bus  and  orbiter  configuia- 
tions  and  for  the  Atlas /Centaur  orbiters.  The  stability  of  the  auxiliary 
oscillator  must  be  improved,  or  as  an  alternate,  the  Pioneers  10  and  11 
oscillator  could  be  included  in  the  package.  These  modifications  are  con- 
sidered minor  and  should  have  minimal  cost  impact  on  the  Viking  Lander 
design. 

Standard  Transponders 

The  Atlas /Centaur -launched  payloads  are  not  severely  weight 
limited,  and  heavier  transponders  can  be  considered  where  there  is  a 
cost  or  development  risk  reduction.  Only  TRW  and  Motorola  have  pro- 
vided standard  weight  DSN- compatible  hardware  in  recent  years.  The 
Motorola  ERTS  equipment  is  not  designed  for  deep  space  and  would 
require  both  an  increased  threshold  sensitivity  and  a reduced  loop  noise 
bandwidth  to  be  usable.  The  Motorola  Mariner  equipment  is  adaptable 
with  only  minor  changes,  but  is  extremely  heavy  and  is  being  phased  out 
as  the  lightweight  designs  become  available, 

A TRW  transponder,  supplied  to  the  NASA  Particles  and  Fields 
Program,  is  designed  for  near- space  applications  and  would  require 
modifications  to  increase  the  sensitivity  and  reduce  the  loop  noise 
bandwidth. 

The  Pioneers  10  and  11  hardware  is  usable  as  is  and  requires  no 
modification.  Moreover,  residual  units  are  available  as  spares,  proto- 
types, and  qualification  items  which  afford  a significant  program  cost 
savings  if  assigned  to  Pioneer  Venus,  Based  on  the  availability  of  the 
Pioneers  10  and  11  residuals,  the  present  baseline  system  will  use  the 
Pioneers  10  and  11  receiver,  transmitter  driver,  and  i 6-watt  solid-state 
amplifier  for  the  Atlas/Centaur  probe  bus.  The  Atlas/Cuntaur  orbiter 
will  use  the  modified  Viking  Lender  hardware. 
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8*2*  3. 6 Raugiug  Versus  Combination  S-  and  X^band 

TradtM)f£s  wuro  made  between  adding  citlicr  a ranging  or  a combina- 
tion and  X-band  capability  to  the  spacecraft.  Corresponding  capabili- 
ties; ease  of  spacecraft  implementation;  power,  weight,  and  cost  factors 
were  compared.  Neither  ranging  nor  X-band  is  required  for  spacecraft 
tracking  and  the  preferred  configurations  do  not  include  eitlier  capability 
explicitly. 

The  section  first  presents  a summary  of  the  tradeoff,  then  the 
detailed  antenna  and  transponder  tradeoffs,  and  finally  the  ranging  and 
S-band  perfoimiance  capabilities,  assuming  tliey  were  to  be  imi^lemented 
in  the  spacecraft.  This  section  does  not  deal  witli  the  X-band  occultation 
parameters  and  capabilities.  The  preferred  S-  and  X-band  occultation 
implementation  is  described  in  Section  8*  2«4. 1. 

Table  8.  2-9  summarizes  che  advantages  and  disadvantages  of  add- 
ing either  a ranging  capability  or  an  X-band  downlink  (880/221  coherency 
ratio  with  the  S-band  uplink)  to  the  spacecraft.  Weight,  power,  and  cost 
penalties  are  also  shown  for  the  Atlas /Centaur  and  Thor /Delta  Version 
III  science  payloads. 

Table  8.  2-9-  Ranging  vs.  Combination  S-  and  X-Band  Tradeoff  Summary 
(Spacecraft  Spin  Axis  Perpendicular  to  Earth  Line) 


RANGING 

VIKING 

TRANSPONDER 

PIONEERS  10  AND  11 
TRANSPONDER 

X-BANL"^ 

FEATURES 

• NO  MODIEICATIONS 

• EXTENSIVE 
MODIFICATIONS 

• REQUIRES  X-BAND  TRANS- 
MITTER AND  ANTENNA 

• DEGRADED  DOWN- 
LINK TELEMETRY 

• DEGRADED  DOWN- 
LINK TELEMETRY 

• NO  S-BAND  DEGRADATION 

! • ADDITIONAL  EXPERIMENT 
1 CAPABILITY  iX-BAND 
j OCCULTATION! 

j 

POWER  PENALTY 

NONE 

0.5  WATTS 

63VVATTS  (20-WATT  TWTA) 

WEIGHT  PENALTY 

NONE 

KC  (13.3  LB^ 

4.6  KG  H 0.1  IB) 

Pia'ORAM  COS1 

Nv'JNt ' 

<S?0  K 

a ELIGHT,  1 SrARO 

SI  30  K - ANU  NNA 
S666  K - TRANSMITTER 

{DRIVER  ^ TWTA) 
a HIGHT.I  SPARE) 

‘MOST  LIGlUVVriGMT  CANmnATr  TKANSrnNDLK^  BUNG  LHA  tLOBtl)  BKOVIDL  A RANGING 
CABABJUTY  ANP  ONI  V A SMALl  COS!  SAVINGS  MIGHT  tU  Rt  AUZtD  BY  PROCURING  A 
TRANSPONDTR  VVITH(TUT  A RANOINCi  KtQUIKtMEBTT . 
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One  of  the  rciisons  for  adding  eitlier  a ranging  or  an  X-band  capa- 
bility to  the  spacecraft  is  to  iitrprove  trajectory  and  orbit  tracking 
accuracy.  One  <■(  the  largest  errors  in  doppler  tracking  is  introduced  by 
the  frequency  shifting  effects  of  interplanetary  charged  particles , These 
effects  can  effectively  be  calibrated  out  by  the  use  of  eitlier  ranging  or  a 
combination  of  two  widely  separated  frequencies,  c.g.,  S-  and  X-band, 
Mission  analysis  (Task  4132-08)  has  shown  that  neither  is  required  to 
accomplish  the  basic  mission  objectives.  However,  if  desired,  an 
improvement  in  tracking  by  calibrating  out  the  effects  of  charged  particles 
is  possible  to  the  following  accuracies  (see  JPL  Technical  Report  32-1526, 

Volume  XI,  page  42):  Charged  Particle 

Calibration  Range  Error  (l<r) 

Combination  S-  and  X-band  downlink  0.5  m 

Ranging  (differenced  range  versus  1.0  m 

integrated  doppler,  DRVID) 

Table  8.2-10  shows  that  the  ranging  capability  exists  on  the  orbiter 
baseline  and  costs  little  to  implement.  The  telemetry  degradation 
depends  on  the  chosen  telemetry  and  ranging  modulation  indices  and  could 
range  from  a fraction  of  a dB  to  many  dB's,  However,  since  for  almost 
the  entire  mission  ranging  would  be  performed  with  the  64-meter  DSN 
with  about  10  dB  greater  sensitivity,  G/T,  the  normal  cruise  telemetry 
rate  would  be  sustained  while  ranging.  The  Pioneers  10  and  11  transpon- 
der circuitry  does  not  have  the  necessary  wideband  response  for  ranging 
and  would  require  extensive  modifications. 

X-band,  on  the  other  hand,  even  though  more  expensive  to  imple- 
ment, has  the  added  attraction  of  providing  an  additional  experiment, 

X-band  occultation.  For  weight,  power,  and  cost  comparisons,  a TRW 
X-band  transmitter  driver  and  a 20-watt  Hughes  TWTA  were  used.  The 
MVM  1973  200-mW  transmitter  by  Motorola  is  included  in  the  following 
tradeoffs.  For  Thor/Delta  an  8-  to  10-watt  TWTA  would  be  preferred  to 
save  on  DC  power.  However,  some  development  would  be  required  for  a 
10-watt  tube.  The  X-band  antenna  used  in  Table  8.2-10  is  an  11-dB 
X-band  version  of  the  Franklin  fanbeam  array,  about  0,36  meter  (14  inches) 
long,  and  corresponds  to  spacecraft  configurations  perpendicular  to  the 
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oarth  lint'.  For  an  earth- pointing  c anilguration  i iiO-walt  TWTA  would 
not  be  required  (a  *iOO-m\V  driver  would  be  suf£icient)i  as  an  aft  horn 
(probe  bus  and  orbiter)  and  a forward  1.5  meter  antenna  (orbiter)  would 
be  used.  The  X-band  costs  would  tiierefore  be  somewhat  lower  than  those 
shown  iix  Table  S. 

Combination  S/X-band  Antenna  Designs 

Each  candidate  spacecraft  antenna  subsystem  design  was  evaluated 
for  the  possible  addition  of  an  X-band  capability.  The  ant-uma  configura- 
tions described  below  represent  the  best  candidate  designs  compatible 
witli  earth-pointing  and  spin-axis -porpendicula::  orbiter  spacecraft  con- 
figurations. Figure  8. 2- 1*2  shows  various  S/X-band  antenna  designs. 

Eg  rill- Pointing  Antenna  Configurations.  X-band  antennas  for  tlie 
probe  bus  and  aft  end  of  tlie  orbiter  can  be  a simple  horn  and  do  not  have 
a significant  impact  on  the  design.  X-band  antemtas  on  the  forward  end 
of  tlie  orbiter,  where  higher  gain  is  needed,  do  have  an  impact#  Foi*  this 
case,  the  X-band  antenna  was  to  have  maximum  gain  and  was  to  be  com- 
patible with  forward  looking  S-band  disli  antennas.  The  S-band  feed  was 
laterally  defocused  for  conscan  and,  to  minimize  costs,  no  feed  nuwement 
mechanism  was  added.  Throe  approaches  to  the  S-  and  X-band  antonnt\ 
system  which  used  the  S-band  ilish  for  TT'VC  and  conscan  are  shown  in 
Figure  8,2-12.  The.  <*  are  the  dish  with  a dual  frequency  S-  and  X-band 
feed,  tlie  dish  wTth  separate  S-  and  X-band  feeds,  and  tlie  dish  with  a 
separate  X-band  horn  antenna.  The  preferred  design  for  those  orbiters 
was  tlie  S-band  dish  with  separate  S-  and  X-band  feeds . This  design  was 
selected  because  of  its  lighter  weight,  mi’.anum  development,  and  maxi- 
iiuuii  X-band  gain  witliout  any  defocussing  penalty# 

The  occultatioii  exporimenti  per  the  Version  IV  science  payload,  is 
conducted  from  Uic  aft  end  of  the  baseline  Atlas /Centaur  earth-pointing 
orbiter  mission,  because  of  the  revised  mission  requirements  and  more 
emphasis  on  X-baud  coverage  gain,  lower  gain  antennas  with  broader 
bciimwidths  imply  horn  designs  for  simplicity  and  lowest  cost.  The 
medium-gain  antenna  lr*ideo£fs  of  Section  8. 2.  3.  2 showed  the  Piouei'rs 
10  and  11  luuvu  to  bo  the  preferred  S-band  aaitenua  based  upon  being  a 
(gialified  design,  with  optinuim  coverage  gviiu  iiud  minimum  costs.  The 
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same  maximui7i  coverage  gain  requirements  are  applicable  to  the  X-band 
antenna;  therefore,  an  existing  X-band  iiiediiun  gain  horn  design  would  be 
the  preferred  X-band  antenna  because  of  minii7ium  costs#  New  designs  or 
scaled  S-band  horns  were  considered,  but  new  development  represents  a 
significant  cost  increase#  The  preferred  X-band  horn  for  the  aft  looking 
orbiter  is  the  existing  qualified  DSCS-II  earth  coverage  receive  horn# 
Figure  8#Z-13  describes  tlie  existing  design  and  radiation  pattern  at 
8.4  GHz. 


CHARAaemsTics 

FREQUENCY: 

POIARIZATION: 

PEAK  GAIN: 

HALF-POWER  BEAMWIOTH: 

VSWR: 

AXIAl  RATIO  [±  0.17  RAD  (HO  DEG)): 
WEIGHT  (INCLUDING  POLARIZER); 


8.4  GHZ 
RHCP 
20.0  DBI 

0.30  RAO  (17.0  DEG) 
1.2:1 

1.5  DB 

).?  KG  (2.4  LB) 


DESCRIPTION 

• FIN  COMPENSATfD  OPTIMUM  HORN,  13  CM^  APERTURE 

• LIGHTWEIGHT  HONEYCOMB  CONSTRUCtlON 

• FLOWN  ON  DS  :S-M  PROGRAM 


Figure  8. 2-13.  X-Band  Occultalion  Experiment  Antenna 

Mechanically  Despun  Antenna  Configurations#  The  primary  design 
problem  in  adding  an  X-band  capability  to  the  mechanically  despun  antenna 
(DMA)  system  is  that  an  added  despun  channel  must  be  accommodated  by 
either  the  feed  system  in  the  despun  reflector  approach  or  in  the  rotary 
coupler /DMA  system  in  the  despun  antenna  approach  (see  Figure  5#8-lZ). 
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Separate  channels  are  required  for  the  omni  antenna,  the  S-band  high- 
gain  antenna,  and  the  X-band  antemia.  The  despun  antenna  approach  using 
a dual  frequency  S-  and  X-band  feed  is  the  simplest  antenna  design;  how- 
ever, this  concept  requires  a three-channel  rotary  coupler  or  a DMA  witli 
slip  rings  for  switching  and  frequency  multipliers,  A rotary  coupler 
increases  the  system  complexity  and  cost#  A multiple  coaxial  feed  sys- 
tem similar  to  the  Pioneers  6 through  9 antenna  can  be  used  for  the  despun 
reflector  approach#  Since  the  dual  reflector  system  has  been  flown  on  the 
ATS-III  program,  this  approach  has  been  shown  to  be  feasible#  The  dual 
reflector  system  is  the  preferred  S-  and  X-band  approach  for  the  MDA  for 
the  Atlas /Centaur  and  Thor /Delta  Version  III  science  payload  configurations# 

Fanbeam  Antenna  Configurations#  The  candidate  fanbeam  X-band 
antenna  configurations  considered  were  the  same  ones  considered  for  the 
S-band  fanbeam  antenna:  collinear  arrays  and  biconical  horn  apertures* 
Because  of  size,  weight,  and  cost  advantages,  the  proven  Pioneers  6 
through  9 Franklin  array  design,  scaled  for  X-band,  is  the  preferred 
approach#  Fanbeam  antennas  having  gains  much  greater  than  12  dBi  are 
not  considered  to  be  cost  effective  because  the  relative  size  and  feed  sys- 
tem inefficiency  increases  significantly  for  small  increases  in  gain-  With 
three  S-band  antennas  located  on  the  forward  side  of  the  spacecraft,  the 
X-band  antenna  would  be  separately  fed  anc’  located  on  the  aft  side  of  the 
spacecraft  to  minimize  the  complexity  of  tlie  S-band  antenna  stack#  The 
scaled  X-band  array  [about  0#36  meter  (14  inches)  long]  would  provide  the 
same  performance  as  the  S-band  antenna# 

X-Band  Transmitter 

As  part  of  this  study,  various  methods  were  considered  for  generat- 
ing RF  power  at  X-band  (8400  MHz)#  For  the  earth-pointing  and  mechani- 
cally despun  options,  200  mW  is  sufficient  and  the  MVM  1973  unit  is  a 
logical  choise#  For  the  fanbeam  antenna  options  (11  dB  gain),  6 watts  is 
required  for  real-time  tracking  out  to  254#  32  gigameters  (1#7  AU)# 

With  a power  requirement  of  6 watts  the  system  needs  a TWTA#  A 
solid-state  design  which  is  an  extension  of  a TRW  IRt^CD  development  of  a 
200  mW  design  has  been  considered  for  tradeoff  purposes,  and  it  appears 
reasonable  to  consider  a solid-state  design  up  to  a 1#  5-watt  x-equirement# 
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A 6-wa.tt  requiromcat  is  not  considered  possible  at  this  time  witix  solid- 
state  devic«;s  at  reasonable  elficiency.  Bulk  effect  amplifiers  such  as  the 
avalanche  diode  amplifier  (ADA)  can  produce  Uie  required  power  in  a 
laboratory  environment,  but  at  very  low  effit  iency  (<5  percent).  .VDA's 
operatiiig  in  liie  TltAPAT  mode  have  shown  greater  efficiency  (40  percent) 
using  gali  uvi  arsenide  diodes,  but  these  units  must  bi^  considered  labora- 
tory cui'iosities  at  this  time.  It  is  also  possible  to  use  crossed  field 
amplifier  (CFA)  for  these  powers  for  efficiencies  of  30  to  40  percent,  but 
these  amplifiers  (linear  field)  are  still  developmental  items. 

For  higher  powers  and  increased  efficiency,  tlie  TWTA  must  still 
be  considered  the  most  promising,  if  not  the  only,  candidate.  As  men- 
tioned previously,  Hughes  Aircraft  Company  (HAC)  supplies  most  of  the 
X-band  TWTA's.  Watkins  Johnson  built  the  IDCSP  amplifier  at  2-1/2-watt 
output,  but  this  unit  must  be  considered  obsolete.  HAC  has  built  TWTA's 
for  ATS-F  and  DSCS-U  and  has  provided  TWT's  from  1 to  20  watts  to 
numerous  spacecraft  progreuns.  The  DSCS-II  TWTA  is  the  latest  built  by 
HAC  for  TRW.  The  HAC  Model  1202H  is  a space- qualified  TWTA  utilizing 
the  265  TWT.  It  produces  an  output  power  of  22  »vatts  for  a maximum 
input  power  of  98  watts.  Other  TWT's,  such  as  the  219H  developed  by 
NASA/Langley  or  the  240H  developed  for  TACSAT  and  Skynet  II,  could 
also  be  utilized  in  this  amplifier.  However,  the  TWTA  is  relatively  heavy, 
4,3  kilograms  (9.5  pounds),  and  somewhat  inefficient  (3^20  percent), 

NASA  has  sponsored  programs  at  both  HAC  and  Watkins  Johnson  to 
develop  high  efficiency  X-band  TWT's  at  the  20-watt  level  for  the  TOPS 
program.  The  Watkins  Johnson  tube  was  the  WJ3703.  Since  Watkins 
Johnson  has  no  contract  on  TOPS,  they  are  continuing  on  company  funds  to 
complete  the  development  by  the  end  of  1973,  They  expect  the  tube  to  be 
45  percent  efficient  and  weigh  1 to  1-1/2  pounds.  A Helios  type  posver 
supply  would  be  80  to  85  percent  efficient  and  weigh  1.36  to  1.81  kilograms 
(3  to  4 pounds). 

The  HAC  tube  developed  for  NASA  was  the  28 5H.  HAC  has  indicated 
that  the  285H  has  been  tested  to  a JPL  specification.  This  tube  shows  a 
nominal  efficiency  of  46  percent  and  a minimiun  efficiency  of  44  percent. 
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To  provide  0 t required  6 watts  at  8400  MHz,  two  options  are  con- 
sidered most  attractive.  The  first  would  be  to  use  the  TRW  or  MVM  1973 
unit  as  a driver  and  mate  the  HAC  28 5H  with  a lightweight  power  supply 
{comparable  to  the  Watkinc  Johnson  Helios  unit)  to  provide  20  watts 
(16  watts  minimum  after  filtering)  of  output.  Tlii  is  a relatively  low  risk 
approach  requiring  only  power  supply  modification  and  repackaging.  For 
Atlas /Centaur,  where  the  extra  prime  power  is  available,  this  approach 
would  be  acceptable.  On  the  Thor /Delta,  where  prime  power  is  v*ery 
important,  the  TWT  would  be  scaled  down  in  power  to  8 watts  nominal. 
HAC  has  indicated  that  this  should  add  about  $50,  000  to  their  program. 

Table  8.  2-10  summarizes  the  pertinent  characteristics  for  a 
1-1/2-watt  solid-state  transmitter  and  an  8-  and  16-watt  TWTA  using  a 
solid-state  driver. 


Table  8.2-10.  Transmitter  Tradeoffs  (High  Power  Outputs) 


SOLID  STATeO 

DRIVER  PLUS  TWTA^^  | 



ATLAS/ CENTAUR  OR9ITER 

THOR/  DELTA  ORBITER 

INPUT  FREQUENCY  (MH2^ 

95.625  (lOF) 

95.625  (lOF) 

95.625  (lOf) 

ORIVt  POWER  RtQUtRtO  rOBMI 

0 f 1 OB 

0 i 1 DB 

0 i 1 DB 

INPUT  POWER  (WATTS > 

24 

63 

37 

OUTPUT  POWER  tWATTSi 

s'-* 

MOOULAtlON 

NONE 

NONE 

NONE 

WEIGHT  iKG  ae)| 

1.1  (2.5) 

4.3  |9.5)'^ 

3.9  (8.5)'^ 

DEVELOPMENT  STATUS 

DRIVER 

REDESIGN  OF  EXISTING 
UNIT'® 

SEE  APPENDIX  BD 

TWTA 

HAC  rWT  <'285H  HAS  QUALN 
FIED  TO  JPL  SPECIFICADON. 
POWER  SUPPLY  IS  NEW 
LIGHTWEIGHT  PACKAGE. 

HAC  TWT  ^285H  MUST  BE  MODI- 
FIED. POWER  SUPPLY  IS  NEW 
LIGHTWEIGHT  PACKAGE. 

MODIF  ‘CATIONS  REQUIRED 

INCREASE  S-BANO  DRIVER 
POWER  - MORE  EFFICIENT 
MULTIPLIER 

DRIVER  AS  DESCRIBED  IN 
APPENDIX  8D  . TWT  AS  IS  - 
REPACKAGE  POWER  SUPPLY 

DRIVER  AS  DESCRIBED  IN 
APPENDIX  0D.  scale  TWT. 
REPACKAGE  POWER  SUPPLY. 

COST  PER  UNIT 
SOLID  STAft  DRIVER,  Sk' 
TWTA,  %K 

; 130 

7S 

250 

75 

283 

allows  OPtRATlON  TO  O.V  AH 

^^AlLOvVS  OPLKATiuN  To  LND  Of  MISSION  - OlOAMtllKS  {\  J AU) 

^ ^ ALl  U wV  S 1 DB  f OK  I SO  f 1 1 T f R , Ilf  f AN  D TL  MP(  R A T UR  I 
Allows  1 DBIOK  f llliK  ANUUNt  U.)SS 

^ A I SI  I No  howsik  suinv  foK  osls  II  vvolrd  al^l»  muik  u‘  iiu 

BAttU  OT4  Klin  SION  Ul  IKV*,  S-HANL>  TKANSMITTIK 
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Low  Power  Output  (Solid-State) 

The  DSN  requires  an  X-band  signal  which  is  coherently  related  to 
the  received  S*b'.nd  signal  by  a ratio  of  880/221*  Several  methods  of 
acnieving  this  ratio  were  considered;  all  were  constrained  by  the  coherent 
dri.vc  signals  available  from  tlic  S-band  receiver  used  in  the  baseline  sys- 
tem, since  only  om  receiver  is  used  to  drive  both  the  S-band  and  the 
X-band  transmitters.  Three  different  approaches  were  studied  in  provid- 
ing the  X-band  transmitter: 

• If  a new  design  is  considered,  it  requires  the  development  of  a 
Xil  multiplier,  since  11  is  a prime  nxunber  in  the  880  coherence 
term.  High- order  multipliers  tend  to  have  stability  problems  and 
may  present  severe  filtering  problems*  Luckily,  two  approaches 
based  on  existing  designs  were  found  which  removed  the  necessity 
for  a new  design.  A completely  new  design  was  also  not  consid- 
ered cost  effective,  since  only  one  flight  unit  and  a spare  would 
probably  be  required. 

• A second  approach  utilizes  an  existing  unit  produced  by  Motorola 
for  the  MVM  1973  program.  Interface  changes  are  necessary  to 
allow  its  use  with  either  the  Viking  Lander,  Pioneers  10  and  11, 
or  TRW  microminiature  receivers  and  transmitter  drivers.  No 
interface  changes  would  be  required  if  used  with  the  Motorola 
receiver  and  driver.  A list  of  pertinent  characteristics  for  the 
Motorola  MVM  1973  unit  are  given  in  Table  8.2-11.  Figure 
8.2-14  includes  a block  diagram  of  this  X-band  transmitter. 

m A third  approach  utilizes  a simple  modification  of  a TRW  S-band 
transmitter.  A block  diagram  of  the  proposed  transmitter  as 
modified  is  given  in  Figure  8,2-14.  By  using  a mixer  to  provide 
a coherent  signal  at  220  f,  the  requirement  for  a times  11  is 
removed.  Only  slight  retuning  of  the  power  amplifiers  (from  240 
to  220  f)  is  required  to  allow  their  use  as  a driver  for  a balanced 
varactor  quadrupler.  The  additional  multiplier  and  an  isofilter 
are  packaged  in  one  additional  module  in  the  modified  transmitter. 
A list  of  pertinent  characteristics  for  the  TRW  and  Motorola 
X-band  transmitters  is  given  in  Table  8.  2-11. 

No  X-band  transmitter  has  been  selected  at  this  time  since  it 
appears  clear  that  eitlier  approach  discussed  will  provide  a usable  system. 
A modification  of  the  Philco-Ford  S-band  transmitter  similar  to  tliat  pro- 
posed for  the  TRW  unit  may  also  be  attractive.  TRW  wotild  pronose  to 
make  a source  selection  for  the  X-band  transmitter  after  firm  cost  pro- 
posals are  received. 
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UaiiHing  and  X-bancl  Pcrformanco 

Raagiug  ia  a nvethod  i'or  estimating  the  earth- spacer raJt  distance  by 
measuring  the  delay  of  a signal  transmitted  to  the  spacecraft  and  traas- 
ponded  back  to  earth.  This  is  normally  accomplislicd  with  squarewave - 
modulated  carrier  signals  which  are  coded  in  certain  ways  to  reaolv** 
ambiguities  in  the  range  measurement.  There  are  presently  two  types  of 
planetary  ranging  codes  used  by  the  DSN,  the  so-called  "Tau"  and  "Mu" 
codes  which  are  described  in  some  detail  in  the  Telecommunications  Sys- 
tem Design  Handbook  (JPL  Technical  Memorandimi  33-571),  The  major 
difference  between  the  two  systems  is  the  time  required  to  acquire  the 
ranging  code  with  probability  U,99.  Those  times  are  given  by  JPL  lOM 
3300-73-70): 

1850  ■= — for  Tau  ranging 
R 

No 

75  ■= — for  Mu  ranging 

where  enough  code  components  are  chosen  for  a given  range  ambiguity, 
here  5000  kilometers,  is  the  receiver  noise  spectral  density  in  watts/ 
is  the  ranging  signal  power  in  watts,  and  is  in  seconds. 

Recommended  Thor/Delta  Configuration  (See  Section  8,  2, 4,  2). 

Table  8.  2-13  shows  an  uplink  ranging  design  control  table  for  the  orbiter 
at  the  end  of  the  mission.  The  ranging  code  is  phase-modulated  onto  the 
uplink  carrier,  demodulated  in  the  spacecraft  ranging  channel,  limited, 
and  rcmodulated  onto  the  downlink  carrier.  Some  budget  parameters  for 
the  ranging  channel  were  taken  from  the  MVM  1973  Telecommunications 
Link  Performance  document  (JPL  615-11,  Revision  A).  The  final  para- 
meter, ranging  suppression,  is  the  amoui.t  of  ranging  signaj.  power  in  tlie 
squarewave  plus  noise  output  of  a unit  amplifier  limiter. 

The  uplink  iissumes  64-metcr  station  with  a 20- kW  transmitter. 
Higher  outputs,  up  to  400  kW,  are  available  and  could  be  used  to  reduce 
acquisition  time.  Table  8.2-13  shows  the  corresponding  downlink  design 
control  table  for  ranging.  The  data  subcarrier  and  ranging  are  phase 
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Table  8.2-11.  X-Daml  Tx'ansniitter  Tradeoffs 


MOTOROLA  MVM  1973 

TRW 

INPUT  FK:0UEr4CY  (MH/; 

19,125  (Pf) 

95.625  UOfi 

DRIVE  POWER  REQUIRED 

0DBMt2DB 

Cl  DBM  1 1 DB 

INPUT  POWER  (WATTS) 

12  w 

lOV/ 

OUTPUT  FREQUENCY  (MHZ) 

8415  (8b'0f) 

84 1 5 (880f> 

OUTPUT  POY'fft  (WATTS) 

0.2  MINIMUM 

0,2  MINIMUM 

modulation 

LINEAR  PM  (NOT  REQUIRED) 

NOT  REQUIRED 

SIZE  (IN.) 

2 X 6.9k  8 

K52  X 4.52  X 4.53 

V/ElGHT  KG  (LB): 

1.8(4) 

0.9  (2) 

EMI  (DB) 

HARMONICS  Of  IV.  125  MHZ 

-30 

-40 

SPURIOUS 

-50 

-60 

PO'ENTIAL  interference  (22lf) 

POWER  AMPLIFIER  AT  176f 

POWER  amplifier  AT  220f 

DEVELOPMENT  STATUS 

QUALIFIED 

MODIFICATION  OF  TRANSMITTER 
TO  BE  QUALIFIED  FOR  DSP 

COST  ($K) 

250 

150 

1 FLIGHT 

1 FLIGHT 

I SPARE 

(JPL  TYPE  PROGRAM) 

1 SPARE 

RECEIVER  MODIFICATIONS  REQUIRED 

MOTOROLA  (MICROMIN) 

N/A 

ADD  X5  TO  transmitter 

MOTOROLA  (STANDARD) 

NONE 

ADD  X5  TO  TRANSMITTER 

PHILCO  FORD  (MICROMIN) 

ADO  BUFFER  AMPLIFIER  TO 
RECEIVER  AND  PROVIDE 
VCO  OUTPUT  AT  21 

ADD  BUFFER  AMPLIFIER  TO 
RECEIVER  AND  PROVIDE 
VCO  output  at  2f. 

ADO  X5  TO  transmitter 

TRW  (MICROMIN) 

ADO  BUFFER  AMPLIFIER 
TO  RECEIVER  AND 
PROVIDE  VCO  AT  ?f 

NONE 

TRW  (PIONEERS  10  AND  D) 

ADD  BUFFER  AMPLIFIER 
TO  RECEIVER  AND 
PROVIDE  VCO  OUTPUT 
AT2f. 

ADD  BUFFER  AMPLIFIER 
TO  RECEIVER  AND  PROVIDE 
VCO  OUTPUT  AT  2f. 

ADD  X5  TO  transmitter 

BX)Ii)OUT  FKAME 

I 


•i! 


ALLCONFiGURATU 


' I KAfvV''iLr 


WOTOrOLA 
X «eANO 
TSANiMimH 
UVM-^  il 


ADO  TO  TRANSMITTER 


AJ)DT*  TPANSMITTEH 


Handpa^ 

t FILTER  1“ 

ISOlATCRj 


RLTUNE  FROM  240  tC  *201 


X-fiANO 

► 08Of 

250  MW 


TRW 

X -band 
TRANSMITTER 


’’not  REQljlRtO 


TRANSMITTER 

CONVtRTER 


RtTURN  <0  VDC 


Fl9ure  8. 2-14.  K-Band  Transminer  Block  Diagrams 
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Table  8.  Z-IZ.  Uplink  Ranging,  Recommended  Thor /Delta  Orbilcr 


NO. 

parameter 

NOMINAL 

ADVERSE 

NOTES 

1 

FREQUENCY  (MHZ) 

211$ 

- 

- 

2 

RANGE  :G)GAM£T£R  (AU)] 

254.32 

(1.7) 

" 

" 

3 

TRANSMITTER  POWER  (DBM) 

73.0 

0 

20  KW 

4 

TRANSM.TTER  ANTENNA  GAIN  (OB) 

60.6 

0.7 

64  METER 

5 

SPACE  LOSS  (DB) 

-267.1 

- 

- 

6 

RECEIVER  ANTENNA  GAIN  (DB) 

3.5 

0.3 

UPLINK  FANSCAN 

7 

POINTING  LOSS  (DB) 

-0.6 

0.2 

0.01 7RAD  H DEG)  POINTING  ERROR 

8 

POLARIZATION  LOSS  (DB) 

-0.1 

0.1 

0.17  RAO  (10  DEG)  OFFSET  LINEAR 

9 

RECEIVER  CIRCUIT  LOSS  (DB) 

-1.3 

0.2 

■ 

10 

TOTAL  RECEIVED  POWER  (DBM)  (3+4+5+6+7f8+9) 

-132.0 

- 

- 

n 

RECEIVER  NOISE  SPECTRAL  OENSiT  f (DBM\/H2) 

-169.0 

1.0 

^SYS  " ^ 

12 

P/Nq  (DB-H2)  (10-11) 

37.0 

1.3 

RSS  TOLERANCE 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  modulation  LOSS  (DB) 

-11,5 

0.7 

1.3  RAD 

U 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

13.0 

1.0 

20  HZ  LOOP 

IS 

LOOP  SNR  (OB)  (12+13-14) 

12.5 

- 

* 

16 

REQUIRED  LOOP  SNR  + LIMITER  LOSS  (DB) 

6.3 

• 

LIM  LOSS  ^ -0.3  DB 

17 

PERFORMANCE  MARGIN  (DB)  (15-16) 

6.2 

1.8 

RSS  TOLERANCE 

RANGING  CHANNEL  PERFORMANCE 

IB 

RANGING  MODULATION  LOSS  (DB) 

-0.3 

0.1 

1 .3  RAD 

19 

RANGING  BANDWIDTH  (DB-HZ) 

61 .8 

0.8 

1.5  MHZ 

20 

SNR  AT  LIMITER  INPUT  (DB)  (12+18-19) 

-25.1 

1.5 

RSS  TOLERANCE 

2) 

RANGING  SUPPRESSION  (DB) 

-2U 

* 

615-11  (JPL) 

NO. 


FhEQUENCY  (MH3^ 
RANGE  [GIG 


TRANSMITTER  f 
TRANSMITTER  CM 
TRANSMITTER  * 
POINTING  L05J 
POLARIZATION  | 
SPACE  LOSS  ( 
RECEIVER  ANTI 


10  i TOTAL  RECEIV 


n i RECEIVER  NOlStj 


12 

P^Nq(PB.HZ)| 

i 

CARRIER  TRACKII 

13  i 

CARRIER  MODWl 

.4  ! 

THRESHOLD  Lod 

15 

LOOP  SNR  (DB)| 

16 

required  LOOP^ 

17 

PERFORMANCE  I 

■1 

DATACHANNH| 

IB 

data  modula| 

19 

data  BIT  RATE' 

20 

RECEIVER  LOSS* 

21 

Eg/No  (DE) 

22 

required  E^ 

23 

PERFORMANCE 

ranging  ch< 

24 

ranging  mo 

25 

TOTAL  RANOrt 

26 

P^/Nq  (OB-HI 

^OUT 

I 


if 


Table  8.2-13.  Downlink  Ranging,  Recommended  Thor/Delta  Orbiter 


NO. 

parameter 

NOMINAL 

ADVERSE 

NOTES 

1 

' 

FREQUENCY  (MHZ) 

2300 

2 

range  'GIGAMETER  (AU)1 

254.32 

(1.7) 

3 

TRANSMITTER  POV/ER  (DBM) 

45.2 

0.3 

33-WATT  NOMINAL  (31 -WATT  ADVERSE) 

4 

TRANSMITTER  CIRCUIT  LOSS  (OB) 

-0.5 

0.1 

- 

5 

TRANSMITTER  ANTENNA  GAIN  (OB) 

11.0 

0.3 

FANBEAM 

6 

POINTING  LOSS  (OB) 

-0.3 

0.2 

- 

7 

POLARIZATION  LOSS  (DB) 

-O.I 

0.0 

0. 17  RAD  (10  DEG)  OFFSET  LINEAR 

8 

SPACE  LOSS  (DB) 

-267.8 

- 

- 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

61.6 

0.4 

64  METER  (0. 1 DB  LOSS  AT  0.35  RAD 
(20  DEG)  ELEVATION 

10 

TOTAL  RECEIVED  POWER  (DBM)  (3+4^5f6i-7+8+9) 

-150.9 

- 

- 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBM/H2) 

-184.0 

0.6 

0.5i  RAD  (29  DEG)  K;  0.35  RAD  (20  DEG) 
ELEVATION 

12 

P^/Nq  (M-HZ)  (10-11) 

33.1 

0.8 

RSS  TOLERANCE 

CARRIER  TRACKING  PERFORMANCE 

13 

1 CARRIER  MODULATION  LOSS  (DB) 

-8.8 

2.5 

1.15;  Bp  = 0.46  RAD 

M 

1 THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

10.0 

0.4 

10  HZ  LOOP 

IS  i 

1 LOOP  SNR  pB)  (12+13-14) 

U.3 

« 

- 

16  1 

\ REQUIRED  LOOP  SnR  (OB) 

10.0 

- 

- 

17  1 

PERFORMANCE  MARGIN  (OB)  (15-16) 

4.3 

2.7 

RSS  TOLERANCE 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  MODULATION  LOSS  (DB) 

-B.6 

0.8 

8jj  = 1.1 5 RAD;  = 0.46  RAO 

19 

DATA  BIT  RATE  (DB-BITS/S) 

24.1 

- 

256 

20 

RECEIVER  LOSS  (DB) 

-2.7 

0.5 

- 

21 

E^Nq  (DB)  (12+18-19+20) 

4.5 

- 

- 

22 

REQUIRED  E^Nq  (OB) 

3.0 

- 

10‘^  DELETION  RATE 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

1.5 

1.3 

RSS  TOLERANCE 

RANGING  CHANNEL  f^RFORMANCE 

24 

RANGING  MODULATION  LOSS  (OB) 

-14.7 

3.1 

Sq  = 1.15  RAD;  Bjj  -0.46  RAD 

25 

total  RANGING  LOSS  (DB)  (21  UL  + 24) 

-41.8 

1.5 

- 

26 

P^/Nq  (W-HZ)  (12+25) 

-8.7 

3.4 

RSS  TOLERANCE 

fOLDOUT  FRAMIC 
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ALL  CONFIGURATIONS 


modulated  on  the  downlink  carrier  at  1,15  and  0.46  radian,  respectively. 
In  the  ranging  channel  the  total  loss  is  the  sum  of  the  modulation  loss  and 
the  uplink  ranging  suppression.  Figure  8.2-15  shows  acquisition  times 
versus  spacecraft  range  for  each  ranging  code  for  the  64-meter  DSS.  The 
Mark  I ranging  for  the  26-meter  subnet  could  provide  ranging  to 
2 million  kilometers  (0.  012  AU)  early  in  the  mission,  but  wovild  be 
replaced  by  the  64-meter  DSN  for  the  remainder  of  the  mission. 


Figure  8. 2*15.  Range  AcquisiHon  Time  versus  Range  (Preferred  Thor/Oelta  Orbiter^ 

An  X-band  design  control  table  for  the  orbiter  at  the  end-o£-mission 
is  shown  in  Table  8.  2-14.  Assuming  a separate  X-band  fanbeam  antenna 
with  all  dB  of  gain,  a spacecraft  transmitter  power  greater  than  6 watts 
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ALL  CONFIGURATIONS 


8.C-1  1.  X-J3aiul  Downlink 


NO 

PARAMETER 

NOMINAL 

ADVERSE 

NOTES 

1 

FREQUENCY  (MHZ) 

8400 

_ 

_ 

2 

range  GIGAMETER  (AU) 

254.32 

(1.7) 

- 

END-OF -MISSION 

3 

TRANSMITTER  POWER  (DBM) 

43,0 

0.5 

20-VVATT  TWTA 

4 

transmitter  circuit  loss  (DB) 

-l.C 

0.2 

- 

5 

transmitter  antenna  gain  (DB) 

u.o 

0.3 

fANBEAM 

6 

POINTING  LOSS  (OB) 

-0.3 

0.2 

- 

7 

ATMOSPHERIC  LOSS  (D8) 

-0.2 

0.4 

0.52  RAD  (30  DEC)  ELEVATION  NOMINAL 
0.17  RAD  (10  DEG)  ADVERSE  ) 

B 

SPACE  LOSS  (DB) 

-279,0 

0.0 

- 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

! 

71.6 

0.3 

1 

0.4  MtTER,  0.52  RAD  (30  DEG)  ELEVATION; 
30  MPH  WIND 

10 

total  RECEIVED  POWER  (DBM)  (3Uf5t6*7t8^9) 

-154. V 

1 - 

n 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBM  HZ) 

-182.7 

2.3 

0.52  RAD  (30  DEG)  ELEVATION,  39°K 
NOMINAL  , 66'“'’K  ADVERSE 

12 

P^  Nq(DB-HZ)  (10-11)  ! 

27.6 

2.4 

j 

KSS  TOLERANCE 

CARRIER  TRACKING  PERFORMANCE  j 

13 

CARRIER  MODULATION  LOSS  (DB) 

0.0 

0.0 

NO  MODULATION 

14 

THRESHOLD  LOOP  BANDWIDTH  (OB-HZ) 

10.0 

0.4 

10  HZ  LOOP 

IS 

LOOP  SNR  (DB)  (12413-14) 

17.8 

- 

- 

16 

REQUIRED  LOOP  SNR  (DB) 

ir.u 

- 

- 

17 

PERFORMANCE  MARGIN  (DB)  (15-16)  j 

7.8 

2.5 

RS5  TOLERANCE 

is  needed  for  the  carrier  margin  to  exceed  tlie  adverse  tolerance.  If 
20  watts  of  output  power  is  assumed,  the  X-band  system  can  operate  out 
to  1.7  AU  with  the  carrier  margin  about  5 dB  in  excess  of  the  tolerance. 

A plot  of  excess  margin  versus  range  is  given  in  Figure  8.2-16,  One  to 
two  watts  is  the  approximate  state-of-the-art  in  solid-state  X-band  ampli- 
fiers; therefore,  a TWTA  is  required.  A 10-watt  TWTA  would  be  suffi- 
cient to  254.32  gigameters  (1.7  AU)  with  about  2 dB  margin,  but  a 20-watt 
off-the-shelf  TWTA  is  chosen  as  baseline  on  the  basis  of  cost  (no  develop- 
ment cost).  Note  that  the  plot  of  margin  versus  range  in  Figure  8,2-16  is 
for  a 20- watt  TWTA, 

Preferred  Atlas /Centaur  Configuration 

Prior  to  the  Version  IV  update  of  tlie  science  payload  definition,  the 
recommended  Thor /Delta  and  the  preferred  Atlas /Centaur  subsystems 
wei-e  essentially  the  some  and  were  based  on  a spacecraft  configuration 
whose  spin  axis  was  perpendicular  to  the  earth  line.  Version  IV  changed 
the  Atlas/Centaur  spacecraft  configuration  to  earth -pointing  (spin  axis 
parallel  to  the  earth  line). 
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Figure  8.2-16.  X-8and  Margin  versus  Range  (Preferred  Thor/Delta  Orbiter) 


Tables  8.  2-15  and  -16  present  the  ranging  design  control  tables  at 
end' of -miss ion  with  the  64-meter  network.  The  accjuisition  times  are  not 
plotted,  since  the  calculated  numbers  using  Equation  (1)  above  are  below 
the  80-second  minimum  quoted  in  JPL  lOM  3300-73-70.  The  signal-to- 
noise  ratios  are  much  higher,  since  the  antenna  gains  are  higher  than  for 
the  recommended  Thor/Delta  configuration. 

The  X-band  transmitter  output  power  can  be  reduced  (also  reducing 
cost)  over  the  Thor/Delta  version  for  real  time  tracking  to  254.32  giga- 
meters  (1.7  AU).  The  200  mW  MVM  1973  unit  would  be  sufficient  with  a 
1.52-meter  (5-foot)  X-band  dish  (utilizing  a dual  S-  and  X-band  feed 
design)  since  greater  than  35  dBi  gain  is  available.  The  margins  would 
exceed  those  shown  in  Figure  8,2-16  for  a 20-watt  TWTA  and  an  11  dB 
fanbeam  antenna. 
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Preferred  Subsystem  Description  A/C  | v [ A/C  I V 


This  section  descr  ibes  the  preferred  Atlas /Centaur  communication 
subsystems  based  on  the  Version  IV  science  payload  and  the  1978  probe 
mission  launch. 
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Both  the  probe  bus  and  the  orbiter  are  based  on  the  preferred  space- 
craft configuration  — earth  pointing.  The  main  communication  modes 
are  therefore  designed  around  antennas  pointing  along  the  spacecraft  spin 
axis. 

8.  2.4#  1 Probe  Bus  ^ A/C  IV 

The  block  diagram  for  the  probe  bus,  Figure  8.2-17,  shows  a 
redundant  set  of  transponders  and  a redundant  set  of  6- watt  solid-state 
power  amplifiers  connected  through  switches  and  diplexers  to  an  aft  omni, 
forward  omni,  and  aft-pointing  horn.  Maximum  reliability  and  minimum 
cost  is  reflected  in  this  configuration  in  that  all  equipment  except  the 
power  amplifiers  has  been  flight-proven.  Similar  6-watt  amplifiers  of 
slightly  less  efficiency  have  been  designed  and  built  by  Microwave  Semi- 
conductors Corporation  (MSC)  and  qualified  and  space  flown  by  Teledyne. 

The  transponders  selected  for  the  baseline  are  residual  Pioneers  10 
and  11  units  (two  flight  spares  and  two  prototypes  which  will  be  vipgraded). 
The  forward  omni,  switches,  diplexers,  and  aft  medium-gain  horn  are 
also  identical  to  Pioneers  10  and  11  hardware  and  the  aft  omni  is  a 
Defense  Support  Program  (DSP)  unit.  The  Pioneer  horn  was  chosen  to 
provide  the  minimum  13  dBi  gain  requirement  at  0.21  radian  (12  degrees) 
off-axis  pointing.  This  angle  for  bus  entry  is  required  by  the  science 
instruments  for  the  new  1978  baseline  bus  targeting.  The  gain  of  the  horn 
[l3.5  dBi  at  0.21  radian  (12  dcgrees)|  and  the  6-watt  transmitter  provide 
an  entry  EIRP  of  49*9  dBm  (including  0,1  dB  polarization  loss),  sufficient 
to  provide  1024  bits/s  with  the  64 -meter  station. 

The  6-watt  solid-state  power  amplifier  was  chosen  over  residual 
Pioneers  10  and  11  TWTA's  on  the  basis  of  cos..  Knowing  that  there  are 
only  enougli  residual  TWTA’s  for  the  bus,  6-wati  solid-state  units  would 
have  to  be  procured  for  the  orbiter  (^)r  vice  versa).  Preliminary  esti- 
mates Ldiow  that  it  would  be  loss  expensive  to  procure  two  extra  6- watt 
units  for  the  bus  (and  have  commonality  with  the  orbiter  for  integration, 
test,  and  spares)  than  it  would  be  to  relurbisJi  the  FWTA’s  to  provide  two 
flight  units  plus  a spare  as  a ininimuin.  On  the  other  hand,  on  the  basis 
of  cost,  the  Pioneers  10  and  11  residual  receivers  and  transmitter  drivers 
were  chosen  over  the  procurement  of  extra  transponders  for  the  orbiter 
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Table  8.  2-15.  Uplink  Ranging,  Preferi'ed  Atlas/Centaur  Orbiter 


(t^v-A/CIV 


figure  8 ? 


NO. 

parameter 

NOMINAL 

ADVERSE 

NOTES 

1 

FREQUENCY  (MHZ) 

2115 

- 

2 

RANGE  'Gl gamete R (AU) 

254.32 

(1.7) 

- 

- 

3 

TRANSMITTER  POWER  (DBM) 

73 

0 

20  KW 

4 

TRANSMITTER  ANTENNA  GAIN  (06) 

60.6 

0.7 

64  METER 

5 

SPACE  LOSS  (Dfi) 

-267.1 

0 

254.32  GIGAMETERS  (1 .7  AU) 

6 

RECEIVER  ANTENNA  GAIN  (06) 

27.5 

0.5 

1.52  METER  DISH 

7 

POINTING  LOSS  (06) 

-2.3 

0.2 

CONSCAN  (1  DB)  +-  (1  OEG) 
POINTING  ERROR 

8 

POLARIZATION  LOSS  (08) 

-0.2 

0.1 

- 

9 

RECEIVER  CIRCUIT  LOSS  (DB) 

-1.9 

0.2 

- 

10 

total  RECEIVED  POWER  (06M)  (3+4+5+0+7+8+9) 

-110.4 

- 

- 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (OBH/HZ) 

-169.0 

1.0 

Tjys^910®K;  NF  =6  DB 

12 

P^/Nq(DB-H2)  (10-11) 

58.6 

1 .4 

R5S  TOLERANCE 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  (DB) 

-11.5 

0.7 

1 .3  RAO 

14 

threshold  LOOP  bandwidth 

13.0 

1.0 

20  HZ  LOOP 

15 

LOOP  SNR  (DB)  (13+13-14) 

34.1 

• 

- 

16 

REQUIRED  LOOP  SNR  + LIMITER  LOSS  (DB) 

6.3 

0 

LIM  LOSS  = -0,3  DB 

17 

PERFORMANCE  MARGIN  (DB)  (15-16) 

27.8 

1.6 

RSS  TOLERANCE 

RANGING  CHANNEL  PERFORMANCE 

18 

RANGING  MODULATION  LOSS  (DB) 

-0.3 

0.1 

1.3  RAD 

19 

RANGING  BANDWIDTH  (DB-H2) 

61.8 

0.8 

:.5MHZ 

20 

SNR  AT  LIMITER  INPUT  (DB(  (12+18-19) 

-3.5 

1 .6 

RSS  TOLERANCE 

21 

RANGING  SUPRESSION  (DB) 

-6.0 

1.6 

- 

A/CIV 


17.  Atijs  Centaur  Probe  Bus 
r 0 mini  .mir  at  ions  Subsystem 
BlO(  k Diagrain 


SUfiCARRO 


AFT 

. HORN  (tS.SOSO 
PIONECRS  in  AND  II 


:4K)UT  Flu‘»*v3m 


ontaur  Orbiter 


NOTES 


1£R 

GlCAMCTERS  0.7  AU) 
DISH 

SCAN  (I  06)  + {\  DEG) 
^ING  ERROR 


= 910®K;  NF  = 6 08 
^LERANCE 

^0 

S:  LOOP 

^OSS  = -0.3  DB 
-^OLERANCE 

SAD 

"TOLERANCE 


32.768  KHZ 
SUeCARRIER 
FROM  OTU 


A/C  IV 


Tables.  2-16.  Downlink  Ranging,  Preferred  Atlas/Centaur  Orbiter 


NO. 

PAf.AMETER 

NOMINAL 

ADVERSE 

NOTES 

I 

FREQUENCY  (MHZ)  ! 

2300 

- 

- 

2 

range  ^GIGAMETERS  (AU)] 

254.32 

(1.7) 

- 

END-OF-MISSION 

3 

TRANSMITTER  POWER  (DBM) 

37.8 

0. 

6 WATTS  NOMINAL 

4 

TRANSMITTER  CIRCUIT  LOSS  (DB) 

-1.4 

0.1 

- 

5 

TRANSMITTER  ANTENNA  GAIN  (DB) 

28.0 

0.5 

1.52  METER  (5  FT)  DISH 

6 

POINTING  LOSS  (DB) 

-2.8 

0.3 

CONSCAN  LOSS  PLUS  1 PERCENT 
ATTITUDE  ERROR 

7 

POLARIZATION  LOSS  (DB) 

-0.1 

0.1 

- 

8 

SPACE  LOSS  (DB) 

-267.8 

0 

254.32  GIGAMETERS  (1.7  AU) 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

61.6 

0.4 

64  METER  (0. 1 DB  LOSS  AT  20  DEG 
ELEVATION 

10 

TOTAL  RECEIVED  POWER  (DBM)  (3+4t5+6f7+8+9) 

-144.7 

0.8 

RSS  TOLERANCES 

1) 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBV(/H2) 

-184.0 

0.6 

29®K  AT  20  DEG  ELEVATION 

)2 

P/Nq  (DB-MZ)  (IO-H) 

39.3 

1.0 

RSS  TOLERANCES 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MOUDLATION  LOSS  (DB) 

1 -6.? 

1.8 

- 1 .05  ±10%  RAD;  ^ = 0.37  ±10%  RAD 

14 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

0.4 

♦0  HZ  LOOP 

15 

LOOP  SNR  (dB)  (12+13-14) 

22.6 

2.1  ' 

RSS  TOLERANCES 

16 

REQUIRED  LOOP  SNR  (DB) 

10.0 

0 

RECOMMENDED  810-5 

17 

PERFORMANCE  MARGIN  (DB)  <15-16) 

12.6 

2.1 

RSS  TOLERANCES 

DAT  A C H ANN  EL  PERFORMANC  E 

18 

DATA  MODULATION  LOSS  (DB) 

-1.8 

0.7 

ijj  ^ 1 .05  ±10^6  RAD;  = 0.37  ±10%  RAD 

19 

DATA  SIT  RATE  (DB-BITS/S) 

30.1 

0 

1024  BITS/S 

20 

RECEIVER  LOSS  (DB) 

-1.3 

0.5 

ESTIMATED  FROM  NASA/ARC  DATA 

21 

E^Nq  (DB)  0 2+18-19+20) 

6.1 

1.3 

RSS  tolerances 

22 

REQUIRED  E,/Nq  (DB) 

3.6 

0 

10'^  FRAME  DETECTION 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

2.5 

1.3 

1 RSS  TOLERANCES 

RANGING  CHANNEL  PERFORMANCE 

24 

RANGING  MODULATION  LOSS  (DB) 

-14.9 

2.7 

- 1 .05  ±10®b  RAD;  = 0.37  ±10®/o  RAD 

25 

TOTAL  RANGING  LOSS  (DB)  (21  UL  + 24) 

-20.9 

3.1 

RSS  TOLERANCES 

26 

V^O  <’2  + 25) 

18.4 

3.3 

RSS  TOLERANCES 

?)X)lLD0OT  FRAR’  ’ 


Table  8.  Probe  Release  (64-Meter) 


NO. 

PARAMETER 

NOMINAL 

ADVERSE 

NOTES 

■31 

r 

I 

EREQUENCY  (MHZ) 

2300 

0 

2 

RANGE  « OIGAMETERS  (AU>1 

50.86  (0.34) 

- 

E-ll  DAYS  (LAST  RETARGET) 

3 

TRANSMITTER  POWER  (DBM) 

37.8 

0.4 

6 WATTS  NOMINAL 

4 

TRANSMITTER  CiRCUfT  LOSS  (DS) 

-1.3 

0.1 

j 

5 

TRANSMiTTtR  ANTCNNA  GAIN  (Dft) 

-l.O 

1.0 

OMNI  COVERAGE 

1 

6 

POINTING  LOSS  (OB) 

0 

• 

Table  8.  2-18.  ’ 

7 

POLARIZATION  LOSS  (DB) 

-0.2 

0.1 

a 

SPACE  LOSS  (DB) 

-253.6 

50.86  OiOAMETERS  (0.34  AU) 

DSI 

PARAMETER  \ 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

61.6 

0.4 

64-METER  CO.  1 OB  LOSS  AT  0.35  RAD  (20  DEG) 

ELEVATION] 

1 

FREQUENCY  (MHZ)  | 

10 

TOTAL  RECEIVED  POWER  (DBM)  0+4+5+6+7+8+9) 

-156.9 

1.2 

2 

RANGE  C GIG  AMETERS  (AU)  ] 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBH/H2) 

-184.0 

1.0 

29®K  AT  20  DEG  ELEVATION 

3 

TRAr^lSMlTTER  POWER  (DBM) 

[0.26  RAD  (15  DEG)  ELEVATION  ADVERSE] 

4 

TRANSMITTER  CIRCUIT  LOSS  PB) 

12 

P/Nq  (OB-HZ)  (10-11) 

27.1 

1.5 

5 

TRANSMITTER  ANTENNA  GAIN  (DB) 

CARRIER  TRACKING  PERFORMANCE 

6 

POINTING  LOSS  (DB)  | 

13 

CARRIER  MODULATION  LOSS  (DB) 

-4.1 

1.1 

0.9  ± 10%  RAD 

1 

14 

THRESHOLD  LOOP  BANDWIDTH  (DB-H2) 

10.0 

0.4 

2B,^q«  10HZ±  10% 

7 

POLARIZATION  LOSS  (DB)  | 

15 

LOOP  SNR  PB)  (12+13-14) 

13.0 

1.9 

RSS  TOLERANCES 

8 

SPACE  LOSS  (DB)  | 

16 

REQUIRED  LOOP  SNR  (DB) 

10.0 

0 

RECOMMENDED  6lO-5 

9 

RECEIVER  ANTENNA  GAIN  (OB)  | 

17 

PERFORMANCE  MARGIN  (DB)  (15-16) 

1.9 

RSS  TOLERANCES 

10 

TOTAL  RECEIVED  POWER  (DBM)  (3^4+5+6+7«| 

11 

RECEIVER  NOISF  SPECTRAL  DENSITY  (DBAVl 

DATA  CHANNEL  PERFORMANCE 

1 

IB 

DATA  MODULATION  LOSS  (D^) 

mm 

0.9*  10%  RAD 

12 

P/Nq  (DB-H2)  (10-11)  1 

19 

DATA  BIT  RATE  (DB-BITS/S) 

Hi 

32  BITS/S 

CARRIER  TRACKING  PERFORMANCE  | 

20 

RECEIVER  LOSS  (DB) 

HI 

ESTIMATED  FROM  NASVARC  DATA 

13 

CARRIER  MODULATION  lO^S  (OB)  | 

21 

(12+18-19+20) 

5.9 

1.7 

RSS  TOLERANCES 

U 

THRESHOLD  LOOP  BANDWIDTH  (OB-HZ)  I 

22 

REQUIRED  E^Nq  (DB) 

2.5 

0 

10‘^  FRAME  DELETION  RATE 

15 

LOOP  SNR  PB)  (12+13-14)  I 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

3.4 

1.7 

RSS  TOLERANCES 

16 

REQUIRED  LOOP  SNR  (DB)  | 

PERFORMANCE  MARGIN  (DS)  (15-16/ 

DATA  CHANNEL  PERFORMANCE 
DATA  MODULATION  LOSS  (DB) 

DATA  BIT  RATE  (DB-BITS/S) 

RECEIVER  LOSS  (DB) 

E^Nq  (OB)  (12+18-19+20) 

REQUIRED  E^Nq  (DB) 
PERFORMANCE  MARGIN  (DS)  (21-22) 


I 


JUMlXk  iSil 


Table  8.2-18,  Bus  Pre-Entry  (26-Mcter) 


PARAMETCR 

(MHZ) 

3AMETERS  (AU)] 
m POWER  (DSM) 

3R  ORCUn  LOSS  (DS) 
jR  AMTENNA  GAIN  (OB) 

-.OSS  (DB) 

tDN  toss  (DB) 

(OB) 

VIENNA  GAIN  (OB) 

VED  POWER  PBM)  (3^5+«^7+8^9) 
tOlSE  SPECTRAL  OENSiTY  (DBM/HZ) 

-H2)  (10-11) 

SC  KING  PERFORMANCE 
ADULATION  toss  (DB) 

3LOOP  BANDWIDTH 
^B)  (12^13-14) 

::OOP  SNR  (DB) 

rr.E  MARGIN  (DB)  (15-16) 

PERFORMANCE 
LATiON  toss  (DB) 

(DB-BITS/S) 

SS  (DB) 

XT2»TB- 19+20) 

(DB) 

REMARGIN  (OB)  (21-22) 


NOMINAL 

ADVERSE 

NOTf 

2300 

- 

64.33  (0.43) 

- 

17  DECEMBER  1978  ENTRY 

37.8 

0.4 

6 WATTS  NOMINAL 

-1.3 

0.2 

15.5 

0.3 

PEAK  GAIN 

-2.0 

0.5 

0.21  RAD  (12  DEG)  NOMINAL,  0.23  RAD 
(13  DEG)  ADVERSE 

-0.1 

-255.8 

Hi 

64.33  GIGAMETERS  (0.43  AU) 

53.3 

26-METER 

-152.6 

wm 

RSS  TOLERANCES 

-181.9 

m 

4?^K  AT  0.26  RAD  <15  OEG)  ELEVATION 
[0. 17  RAD  (10  DEO)  ELEVATION  ADVERSE] 

29.3 

1.3 

RSS  TOLERANCES 

-4.1 

1.1 

0.9  ± 10%  RAD 

10.3 

0.5 

10%  RAD 

14.9 

1.8 

RSS  TOLcRANCFS 

10.0 

0.0 

RECOMMENDED  810-5 

4.9 

1.8 

RSS  TOLERANCES 

-2.1 

m 

0.9  ± ICP/o  RAD 

IB.l 

Hi 

! 64  BITS/S 

-4.8 

FROM  NASVARC  data 

4.2 

1,5 

RSS  TOLERANCES 

2.7 

0 

10’^  FRAME  DELETION  RATE 

1.6 

1.5 

RSS  TOLERANCES 

RSS  TOLERANCES 


Table  8.2-19-  Bus  Entry  (64-Meter) 


PARAMETER 


FREQUENCY  (MHZ) 

range  :gigameters  (AU)1 

TRANSMITTER  POWER  (OBM) 
TRANSMITTER  CIRCUIT  LOSS  (DB) 
TRANSMITTER  ANTENNA  GAIN  (OB) 
POINTING  LOSS  (OB) 


P^/Nq(OB-hZ)  (10-11) 

CARRIER  TRACKING  PERFORMANCE 
CARRIER  MODULATION  LOSS  (OB) 
THRESHOLD  LOOP  BANDWIDTH  (OB-H2) 
LOOP  SNR  (DB)  (12+13- U) 
required  loop  SNR  (OB) 

PERFORMANCE  MARGIN  (DB)  (15-16) 

data  channel  performance 
data  modulation  loss  (OB) 
data  BIT  RATE  (DB-6ITS/S) 
receiver  loss  + DOPPLER  LOSS  (0.1  Dl) 
E^Nq  (OB)  (12+18-19+20) 

REQU.'.ED  E^Nq  (OB) 

PERFORMANCE  MARGIN  (OB)  (21-22) 


NOMINAL  ADVERSE 


23J0 

64.33  (0.43) 
37.8 
-1 .3 
15.5 
-2.0 


POLARIZATION  LOSS  (DB) 

SPACE  LOSS  (OB) 

RECEIVER  ANTENNA  GAIN  (OB) 

TOTAL  RECEIVED  POWER  (DBM)  (3+4+5+6+7+B+9) 
RECEIVER  NOISE  SPECTRAL  DENSITY  PM/HZ) 


17  DECEMBER  »978  ENTRY 
6 WA  ti  NOMINAL 


PEAK  ' .AIN 


FOLDOUT  rUAMl^ 


0.21  RAD  (12  DEG)  NOMINAL,  0.23  RAD 
(13  DEG)  ADVERSE 


04.33  GIGAMETERS  (0.43  AU) 


M-METER  to.  1 OB  LOSS  AT  0.26  RAD  (20  DEG) 
elevation  i 


RSS  TOLERANCES 


29^K  AT  0.35  RAO  (20  DEG)  ELEVATION  ^ 
[0.26  RAD  (15  DEC)  ELEVATION  ADVERSE! 

RSS  tolerances 


-4.1 

1.1 

0.9  RAD  + 10% 

10.0 

0.4 

2 B^^  » 10  HZ 

25.6 

1.7 

RSS  TOLERANCES 

10.0 

0 

RECOMMENDED  810-5 

15.6 

1.7 

RSS  TOLERANCES 

-2.1 

0.7 

0.9  RAO  ± 10% 

30.1 

- 

1024  BITS/S 

-1.4 

0.6 

FROM  NASVARC  at  17  OB  SNR 

6.1 

1.6 

3.6 

0 

10"^  FRAME  DELETION  RATE 

2.5 

1.6 

RSS  TOLERANCES 
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since!  the  rufurbishmeut  cost  will  be  much  less  than  extira  new  transponder 
costs. 

Telemetry  Mission  Profile 

Figure  8.Z-18  shows  the  telemetry  rate  profile  during  the  mission. 
Tables  S.  Z-17,  -18,  an<l  -19  show  telemetry  design  control  tables  for 
probe  release  (64-meter),  bus  pre-entry  (26-meter),  and  bus  entry 
(64-meter).  Table  8.  2-20  shows  an  uplink  carrier-tracking  link  budget 

for  a 26-meter  station.  See 
Appendix  8.  2D  for  a discussion  of 
the  receiver  losses  used  in  the  tele- 
metry design  control  tables.  For 
the  first  50  days  after  launch  the 
bus  attitude  is  not  earth -pointing, 
and  26-meter  cruise  communications 
are  handled  by  the  aft  omni. 

fi<|(ire  « ? 18  Prolie  Bus  Iclemctrv  Rale  Hrufile 


During  this  tune  the  two  omni  antennas  are  independently  connected 
to  the  two  receivers  and  two  transmitters.  The  forward  omni  is  not 
nominally  required,  but  is  provided  as  an  attitude  control  failure  backup. 
For  the  rest  of  the  mission,  except  for  probe  release,  earth -pointing  is 
maintained  and  the  mediiun-gain  horn  is  used.  Switch  S3  or  S4  is  acti- 
vated to  connect  the  horn  to  a receiver  and  transmitter  as  the  forward 
omni  is  disconnected.  Switch  S4  is  included  to  prevent  a single  point  bus 
entry  mission  failure  if  switch  S3  failed  in  the  forward  omni  position. 

Just  prior  to  entry  the  bus  pointing  is  offset  0.21  radian  (12  degrees) 
in  order  to  meet  the  angle-of-attack  requirements  for  ram  experiments. 
Th...  angle  represents  about  a 2 dB  drop  in  antenna  gain,  but  the  EIRP  is 
still  sufficient  to  support  64  bits/s  with  the  26-meter  station  prior  to 
entry  and  1024  bits/s  with  the  64 -meter  for  the  last  hour  before  entry. 
During  probe  release  and  bus  retargeting  the  64-meter  station  is  needed 
when  the  aft  omni  is  used  at  the  required  release  and  retargeting  atti- 
tudes. Return  to  earth-pointing  after  each  maneuver  can  be  accomplished, 
if  desired,  thereby  returning  tracking  capability  to  the  26-meter  network. 
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T ibli-  a.  .^-^0.  Ikui  Entry  (For  I wo 
No  Coimoaiul  Moduli 


PARAMFTER 


»Way  Fracking, 
Uitui) 


fBCQLItNCY  »MH/) 

KAWGfe  GIGAmIUK*.  l/Uli 
ISAMi'AlTUR  POWCR  (0«M) 
l»AN!kMtniR  ANFINNA  GAIN  (Pft) 
^jRACetOSS 

RtCnVtR  ANTtNNA  GAIN  (D8) 

POINlING  lO^S  (Oft) 

POIARIZATION  loss  (Oft) 

RtCllVtR  CIRCUIT  LOSS  (Oft) 
lOlAtHCEIVtD  POWtS  (DftM)(3«4>5^^*?^®*V) 
RtCtlVtR  NOiSfe  SPECTRAL  DENSITY  (DftM.  Hi) 
^ Nq  (Oe-MZ)  (lO-U) 
rAggim  tracking  PERfQRMANCt 
CARRIER  modulation  loss  (OB) 
threshold  loop  bandwidth  (D8-M2) 

LOOP  SNR  (DB)  (124I3-I4) 

required  loop  SNR  ♦ IIMITER  LOSS  (DB) 

PERFORMANCE  MARGIN  (DB)  (15-16) 

command  channel  performance 
DATA  modulation  loss  (Oft) 

DATA  BIT  RATE  (Dft-BIT  S) 

RECEIVER  LOSS  (DB) 

E^  Nq  (DB)  (I2+I8-TP*20) 
required  E^  Nq  (DB) 

PERf  ORMANC  E MARGI N 


NOMINAL 

A0VTR5T 

NOIL*! 

2)15 

- 

(IPUN)^ 

M.J3  (0  M) 

At  ENTRY 

n 0 

0 

20  KW 

5). ft 

u.v 

26-MI  T(S  ('**5 

*255.) 

- 

64.33  CUiAMMIRb  (0.43  AU) 

14.5 

0.3 

pf  Afi  GAIN 

0.3 

0 21  RAD  112  DIG)  OffilT  PEAK  GAIN 

0 23  RAP  (13  PEG)  ADVERSE 

-0.2 

0.1 

-1.5 

0.1 

-)I9.2 

1.0 

R55 

• 16? 

1.0 

Sy5  NE  6UB 

49.8 

1.4 

RSS 

0 

0 

13.0 

1.0 

2 B^o  20  H2  AT  6 OB  SNR 

36.8 

- 

6.3 

0 

limiter  loss  0.3  Dft 

30.5 

1.8 

RSS  TOLERANCES 

NO  COMMAND  MODULATION 


A single  modulation  index,  0.9  radian,  is  used  throughout  the  bus  mis- 
sion with  the  Pioneers  10  and  11  transmitters.  A second  modulation 
imiex  could  be  implemented  U 2 to  3 dB  more  margin  were  required  dur- 
ing probe  release,  but  the  existing  Pioneers  10  and  11  transmitter  would 
have  to  be  modified  to  accommodate  two  modulation  indices . 

Note  that  all  three  probe  bus  antennas  are  located  off-axis.  This 
is  advantageous  for  altitude  control,  as  the  offset  location  provides  space- 
craft pointing  information  through  doppler  spin  moduiation.  i or  this  rea- 
son a conical  scan  antenna  capability,  con.can.  is  not  required  on  tl.e 
probe  bus  mission.  For  delaUs.  see  Section  8.  5,  Attitude  Determination 

and  Control. 
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DSN  Coi^flt»ur ation  During  Probe  and  Bua  Entry 

Ii  is  dcsi  able,  from  the  atandpoint  of  the  number  of  available 
roceivera  at  th-  uwo  64-meter  tracking  atationa  at  entry,  to  have  the  bus 
tracked  in  a two«way  mode  by  the  26-meter  stations.  Two  constraints 
prohibit  the  26-meter  stations  from  tracking  the  bua  all  the  way  through 
bus  entry:  the  two-way  doppler  rate  and  the  entry  high  data  rate  require- 
ment (1024  bits/s).  The  buildup  of  the  two-way  doppler  rate  from  2 hours 
before  bus  entry  (~0  Hz/s)  to  entry  (~60  Hz/s)  Imtits  the  Block  III  receiver 
tracking  capability  to  about  one-half  to  I hour  before  entry  (10  to  25  Hz/ s) 
(sec  JPL  Technical  Report  .12-1526,  Vol.  XIU,  page  23,  and  also  Vol.  X, 
page  168),  Also,  the  26-meter  station  can  support  no  more  than  64  bits/s 
at  entry.  For  both  these  reasons  the  bus  entry  is  delayed  as  much  as  pos- 
sible without  losing  communication  during  the  dual  Goldstone /Canberra 
overlap  period.  The  preferred  probe  and  bus  entry  sequence  is  as 
follows: 


Large  probe  and  small  probe  1 entry: 
Guard  space: 

Small  probe  2 and  small  probe  3 entry: 
Guard  space: 

Bus  Entry 


~70  minutes 

~20  minutes 

~65  minutes 

~25  minutes 

~180  minutes  after 
large  probe  entry 


The  0.26-radian  (15 -degree)  Goldstone /Car berra  overlap  period  is 
200  minutes  (3  hours,  20  miinutes),  sufficient  to  cover  the  above  sequence. 
This  sequence  allows  two  receivers  per  probe  per  station  (e.g,,  one 
Block  III  and  one  Block  IV)  with  predetection  recording  possible  on  a fifth 
receiver  (Block  III)  operated  open-loop  at  each  station.  Approximately 
1 hour  before  bus  entry  at  least  one  Block  IV  receiver  at  either  Goldstone 
or  Canberra  would  have  to  be  switch'^d  from  one  of  small  probes  2 and  3 
to  track  the  bus  during  the  last  hour  of  bus  entry.  The  64-meter  station 
is  required  to  give  the  1024  bits/s  capability  and  the  Block  IV  receiver  is 
required  to  track  (in  a programmed  o.<Jciliator  mode)  the  bus  two-way 
dopppler  (see  Appendix  8.2B).  The  recommended  approach  is  to  switch 
to  the  bus  one  Block  IV  receiver  at  Goldstone  from  small  probe  2 and  one 
Block  IV  receiver  at  Canberra  from  small  probe  3, 
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This  still  leaves  a total  o£  three  receivers  each  for  probes  I and  3 
during  the  last  half  of  their  entry,  four  receivers  being  available  for  the 
first  half  of  the  entry  (high  altitude),  whicli  is  more  critical  ii’  terms  of 
search,  lockup,  and  dopplcr.  For  a detailed  diagram  of  tlie  entry  coiifig- 
uraticn  in  terms  of  bus,  probes,  stations,  and  receivers,  see  Section  10./ 
of  Mission  Operations  and  Flight  Sui>port. 

Antennas.  The  baseline  antennas  for  the  bus  spacecraft  are  exist- 
ing, flight-proven  designs.  The  results  of  antenna  tradeoff  studies  have 
shown  that  the  selected  equipment  represents  the  lowest  cost,  lowest  risk 
approach  in  meeting  communications  requirements  for  the  preferred  probe 
bus  configuration. 

The  bus  antennas  consist  of  three  separate  antennas,  providing  omni- 
directional TT&C  coverage  during  transit  and  probe  entry  phases  of  the 
mission,  as  shown  in  Figure  8,2-19.  Two  flight-qualified  conical  log 
spiral  antennas  on  opposite  ends  of  the  spacecraft  provide  low-gain  spheri- 
cal omnidirectional  coverage.  There  is  no  interferometer  region  because 
the  antennas  are  connected  to  separate  transmitters  and  receivers,  A 
corrugated  conical  horn,  Pioneers  10  and  11,  located  on  the  aft  end  of  the 
spacecraft  provides  higher  gain  for  higher  bit  rate  communications  during 
probe  entry.  For  compatibility  and  minimum  DSN  operational  effect,  all 
the  probe  bus  spacecraft  antennas  are  right-hand  circularly  polarized. 
Model  tests  to  verify  omni  antenna  coverage  and  gain  performance  have 
shown  that  the  effects  of  the  large  probe  and  spacecraft  structure  upon 
omni  antenna  pattern  performance  are  negligible.  Shown  in  Figure  8.2-20 
are  full-scale  spacecraft  mockups  used  in  the  tests  and  a measured  pat- 
tern for  the  combined  forward  and  aft  omnis;  existing  engineering  model 
antennas  were  used  in  the  tests.  While  the  tests  performed  with  the  model 
did  not  establish  an  optimum  location  for  the  antennas,  they  did  indicate 
that  adjusting  antenna  height  accomplishes  a certain  amount  of  pattern 
reshaping  to  fill  in  low -gain  areas.  Pattern  ripple  shown  on  the  measured 
patterns  is  primarily  due  to  test  range  reflections,  which  will  be  reduced 
in  future  testing. 

The  use  of  existing  qualified  hardware  is  the  lowest  cost  approach  to 
selecHng  diplexers  and  HF  switi  hes  fc  r the  probe  and  orbiter  spacecraft 
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PROBE  BUS  spacecraft  OMNI  ANTEMTiAS 


Figure  8.2-19.  Baseline  Probe  Bus  Spacecrafl  Antennas 
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MCASURCO  OMNI  ANTENNm  •»  - 0 OCG  (0  RAO' 


PLANE:  o VARIABLE  0 = 90  DF.G 

(1.57  RAD' 


FORWARD  OMNI  ON 
SPACECRAFT  MOCKUP 


AFt  OMNI  ON 
SPACECRAFT  MOCK  UP 


Figure  8. 2-20.  Probe  Bus  Model  Tests 


OIPLCKER  (PIONEtRS  10  AND  11  TYPE  h 


RF  TRANSFER  SWITCH 
(PIONttRS  10  AND  in 


PERFORMANCE  CHARAg ERISTICS; 


RECEIVE 

TRANSMIT 

PASSBAND  FREQUENCY 

2115  ♦ 5 MHi! 

2295  t 5 MHZ 

PASSBAND  INSERTION 
LOSS 

<0.75  DB 

<0.3  DB 

PASSBAND  VSWR 

<1.51 

<1.51 

OUT-OF-BAND 

REJEOtON 

DB 

>60  OB 

ISOLATION 

'»B5  DB 

^85  OB 

POWER  HANOI  INC 

^12  W CW 

WEIGHT 

vO.95  KG 

FREQUENCY 

2110  TO  2120 
MHZ 

.790  TO  2300 
MHZ 

VSWR 

’^1.2:1 

<1.2:1 

POWER  SWITCHING 
CAPA6IUIV 

> 9 W CW 

INSERTION  LOSS 

vO.2  OB 

«.0.?  DB 

ISOLATION 

^ 60  DB 

WEIGHT 

V O.aKG 

Figure  8.2-21.  Baseline  Probe  Spacecraft  DiDlexer  and  RF  Switch 


system.  The  Pioneer  10  and  11  Type  II  diplexer  and  RF  switch  (see 
Figure  8.^-2!)  were  usable  as  is  for  the  probe  missions  and  therefore 
were  the  selected  designs* 

Transponder.  Section  8. 2.  3,  5 summarized  the  characteristics  of 
available  lightweight  and  standard  weight  transponders.  It  was  noted  that 
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only  llirt'o  companios  ar«  presently  engaged  in  the  manufacture  of  DSN 
compatible  S-baud  transponders.  The  use  of  hardware  available  from  all 
Uuee  vendors  will  be  considered  in  following  sections  for  ali  applications 
except  the  Atlas /Centaur  probe  bus.  For  the  Atlas /Centaur  probe  bus  the 
residual  units  from  the  Pioneers  10  and  11  program  .ire  recommended. 

A brief  scunmary  of  the  characteristics  of  tliis  transponder  follows. 

1)  Pioneers  10  and  11  Receiver.  The  Pioneers  10  and  11  receiver 
differs  somewhat  in  design  from  botli  the  TRW  and  Philco-Ford  lightweight 
designs,  since  it  utilizes  triple  down-conversion.  Because  the  design  was 
accomplished  witli  discrete  components,  the  weight  is  considerably 
heavier  (^.45  versus  1.36  kilograms  (5.4  versus  3 pounds)!  and  larger  in 
size.  The  present  design  is  usable  for  the  bus  wit  'ut  modilu  alion. 
Although  not  required  lor  the-  probe  bus,  a conscan  omput  for  use  with  an 
existing  c onscan  signal  processor  to  provid.’  spacecraft  pointing  informa- 
tion is  available  from  this  unit.  A brief  list  of  the  receiver  characteristics 
is  given  in  Table  8.  3-.11.  A block  diagram  of  the  receiver  is  shown  in 

Figure  8.2-33. 

2)  Pioneers  10  and  11  Transmitter  Driver.  The  transmitter  driver 
from  Pioneers  10  and  l^is  capable  of  generating  a phase-modidated 
S-band  signal  of  50  to  80  niW.  It  has  an  internal  oscillator  used  to  provide 
' a stable  frequency  output  when  the  receiver  is  not  phase-locked  to  an 
uplink  signal.  It  has  provisions  for  accepting  RF  inputs  from  extlier  of 
two  receivers  for  coherent  operation.  The  transmitter  driver  is  phase- 
modulated  by  a square  wave  frequency  of  32  kHz, 

The  transmitter  driver  consists  of  two  circuit  boards.  The  oscilla- 
tor board  contains  a voltage  regulator,  TCXO.  with  switch  circuit,  buffer, 
amplifier,  and  a X3  multiplier.  The  driver  modide  contains  the  phase- 
modulator  witli  modulation  limiter,  buffer  amplifier,  RF  limiter,  inter- 
mediate power  amplifier,  X2  mvatiplier,  power  amplifier,  XIO  multiplier, 
and  bandpass  filter.  The  unit  weighs  3.0  kilograms  (1.4  pounds)  and 
requires  1#  5 watts, 

A list  o£  pertinent  characteristics  for  the  transmittci  drivei  arc 
given  in  Table  K.  3-33.  A block  diagram  is  shown  in  Figure  8.2-23. 
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In  an  initial  attempt  to  minimize  costs,  a preliminary  decision  was 
made  to  use  TWTA's  (8-watt  output)  from  the  Pioneers  10  and  11  residuals. 
After  considering  the  costs  of  refurbishing  »ind  retesting,  and  the  program 
costs  of  carrying  two  different  types  of  amplifiers,  it  was  found  less 
costly  to  buy  addPional  6-watt  solid-state  amplifiers  than  to  use  the 
residual  8-watt  TWTA's  (6-watt  solid-state  units  must  be  procured  for 
the  orbiter).  Details  of  a 6-watt  solid-state  versus  TWTA  tradeoffs  liave 
previotisly  been  covered  in  Section  8.  2.  3.4. 

The  choice  of  a solid-state  power  amplifier  in  lieu  of  existing 
TWTA  designs  is  possible  due  to  the  improved  performairce  available 
from  S-band  power  transistors.  Figure  8.2-24  shows  two  block  diagrams 
for  power  amplifiers.  The  first  is  the  preferred  approach,  as  it  uses  a 
new  family  of  high-gain,  high  efficiency  transistors  from  Microwave 
Semiconductors  Corporation.  Since  no  power  supply  is  necessary  to  work 
from  the  regulated  28-watt  bus,  the  overall  efficiency  is  equal  to  or 
superior  to  existing  TWTA's,  such  as  the  Pioneers  10  and  11  unit. 


AMninU  ni'ilON  .UHVi  tRANSISlOKM 

figure  8. 2-24.  Two  o-Watt  Solid  Stdte  Pwer  Amplifier  Designs 

Sa^nce  the  4000  series  transistors  have  not  been  flight  proven,  it 
might  be  considered  wise  to  use  the  3000  series  instead.  A look  cit  the 
block  diagram  of  this  alternate  approach  will  show  that  an  additional  tran- 
sistor is  required.  By  the  time  Pioneer  Venus  is  in  tlie  development 
cycle,  TUW  believes  the  4000  series  wBl  be  qualified  and  available  for 
high  reliability  space  applications. 
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As  luenLiouotl  in  the  previous  power  combining  tradeoff  charts,  the 
present  O-watt  amplifiers  t an  be  combined  to  provide  10  to  11  watts  (12 
watts  nominal),  as  required  for  Uie  Atlas/Centaur  orbiter  options. 

T.ible  8.  2-2  i lists  some  pertinent  characteristics  for  the  6 -watt 
solid-stale  and  Pioneers  10  and  11  TWTA  power  amplifier. 
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Subsystem  Weight  and  Power  Summary#  The  preferred  Atbis/ 
Centaur  probe  bus  communication  subsystem  weight  and  power  are  siun- 
marized  in  Table  8.  2-24. 
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The  block  diiigiMtn  for  Uie  orbiter,  Pigure  8.2-25, 
danl  set  of  tiansponders,  conscan  signal  processor,  and 


shows  a rodun- 
a redundant  set 
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I iium*  8 i Atids  Centaur  Oiljiter  Communiutions  Siibsvstem  BUkK  Dianram 


of  6-watt  solid-state  power  amplifiers  connected  through  switches, 
hybrid-couplers,  and  diplexers  to  aft  and  forward  on\nis,  an  aft-pointing 
horn,  and  a forward- pointing  dish.  An  X-band  science  occultation  experi- 
ment, consisting  of  a ZOO-mW  transmitter  and  an  aft-pointing  horn,  is 
also  shown  in  the  diagram,  (For  the  study  it  was  considered  not  to  be 
part  of  the  communications  subsystem, ) The  X-band  interface  with  the 
S-band  transmitters  and  its  occultation  capabilities  will  be  covered  later 
in  this  section. 

The  transponders  selected  for  the  baseline  are  Viking  Lander  units 
with  minor  modifications  (e,g,,  the  addition  of  conscan  output,  coherent 
inliibit,  and  possibly  an  X-band  drive),  A conscan  signal  processor  is 
used  on  tlie  orbiter  for  attitude  control  when  the  high- gain  dish  is  pointed 
at  earth,  Conscan  is  required  because  offset-omni  doppler  modvUation 
cannot  be  used  after  the  first  37  days  in  Venus  orbit  when  the  spacecraft 
is  flipped  to  point  nose  to  eartli.  The  6-watt  omni  d .wnlink  docs  not  have 
sufficient  EIllP  for  tracking,  even  witli  the  b4-meter  station,  past  that 
time. 
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The  powur  amplifier  a are  6- watt  solid-state  devices,  the  same  as 
those  used  on  the  bus.  The  forward  and  aft  omni  are  also  the  same  as 
those  used  on  the  bus  but  reversed,  i.e.,  tiie  bus  forward  omni  is  the 
same  as  the  orbiter  aft  omni  (Pioneers  10  and  11).  The  aft  horn  is  the 
same  as  on  the  bus  (Pioneers  10  and  11),  but  the  5-fout  dish  is  new.  The 
feed  for  tlie  dish  is  the  Pioneers  10  and  11  high-gain  feed  and  is  perma- 
nently offset  for  conscan  capability  and  also  slightly  defocused  to  extend 
the  conscan  acquisition  range  to  about  0.  17  radian  (10  degrees). 


The  EIRP  of  the  orbiter  in  the  high-gain  antenna  mode  is  61.5  dBm, 
assvui\ing  0.017  radian  (1  degree)  attitude  pointing  error  and  '^.l  dB  polari- 
zation loss.  This  is  s*jfficlent  for  a 64  bits/s  downlink  at  254,32  gaga- 
meters  (1.7  AU)  with  a modulation  index  of  1.05  radian  and  a 26-meter 
tracking  station.  This  permits  readout  of  an  entire  orbit  of  stored  data 
in  approximately  10  hours.  A slightly  lower  EIRP  could  have  been  chosen, 
at  a slightly  reduced  spacecraft  cost,  to  provide  only  a 32  bits/s  capa- 
bility, but  this  would  have  required  full  24-hour  coverage  by  a 26-meter 
network  consisting  of  three  stations.  The  10-hour  readout  capability 
requires  only  two  stations  and  the  cost  savings  in  ground  operations  is 
anticipated  to  be  more  than  the  increased  spacecraft  cost,  thus  reducing 
total  program  cost. 


A further  increase  in  EIRP  (and  hence  data  rate)  for  an  anticipated 
one- station  readout  capability  was  ruled  out  on  the  basis  of  our  preferred 
store-and-d\imp  capability;  this  requires  two  data  dumps  per  orbit,  one 
of  which  is  required  near  periapsis.  Since  periapsis  passes  are  variable 
with  respect  to  ground  station  coverage,  two  stations  would  be  required 
anyway  at  one  time  or  another.  For  further  discussion  of  this,  see 
Section  8.3,  Data  Handling. 


Telemetry  Mission  Profile 

Figure  8.2-26  shows  the  tele- 
metry rate  profile  during  chc  cruise 
and  orbit  phases  of  the  mission. 
Tables  8.  2--B,  S.Z-Zh,  and  8.  2-27 
are  telemetry  design  control  tables 
for  orbit  insertion,  the  second  flit 
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maneuver,  and  ihe  iUKl-of-mission,  respectively.  Table  8.  J! 7 shows  the 
uplink  command  design  control  table  at  end-of-mission.  From  lauiu  li  to 
the  first  flip  maneuver  (110  days)  the  high-nain  dish  is  p.iint.-d  at  earth 
and  provides  1024  bits/s,  tlie  limit  of  the  digital  telemetry  unit  (DTU)  as 
modified  for  Pioneer  Venus.  After  tlte  first  flip  the  aft  horn  is  pointed  at 
earth  and  provides  bit  rates  from  512  to  64  bits/s  until  tlu-  second  flip 
maneuver  35  days  after  orbit  insertion. 

Both  flip  maneuvers  are  required  for  sun  heating  (thermal)  consid- 
erations and  are  not  constrained  by  tlie  communications  subsystem.  For 
the  remainder  of  the  mission  the  high-gain  dish  is  pointed  at  earth  and 
provides  bit  rates  also  from  512  to  64  bits/s.  Whenever  a 64-meter  sta- 
tion is  used  in  the  mission,  a bit  rate  of  1024  bits/s  can  be  supported 
reducing  the  readout  time  for  a /ull  orbit  of  stored  data  to  less  tlian  an 
hour.  For  a discussion  of  orbiter  doppler  effects,  which  do  not  impair 
the  mission  but  may  cause  short  (iU  to  15  minutes)  periods  of  ground 
loss-of-lock  tracking  at  some  periapsis  passes,  see  Appendix  8.  2D. 

Band  and  X-band  Qccultation 

Tables  8.  2-28  and  8.  2-29  show  the  received  power  shortly  after 
orbit  insertion  with  the  64-meter  station  for  tlie  preferred  S-band  and 
X-band  spacecraft  configuration.  For  ease  of  implementation  and  mini- 
mum cost,  occultation  capability  is  provided  for  the  first  35  days  only, 
when  the  aft  end  of  the  spacecraft  is  pointed  to  earth.  The  S-  and  X-band 
horns  are  aligned  with  the  spin  axis  of  the  spacecraft,  providing  maximum 
gain  in  that  direction.  The  horn  beamwidths  are  sufficient  to  allow  pre- 
positioning of  the  spacecraft  spin  axis  off  the  earth  line  to  the  desired 
refraction  angle  (a)  prior  to  entry  before  the  start  of  occultation.  h.eal 
lime  S-band  communications  is  maintained  at  128  bits/s  prior  to  occulta- 
tion but  shortly  after  refraction  (and  attendant  defocusing)  begins  ((about 
0.05  radian  (3  degrees)  and  15  dB  loss,  sec  Figure  8.  2-27))  carrier 
tracking  is  lost.  Digital  recording  and  processing  must  be  used  to  furtl'.er 
extract  the  carrier  from  the  increasingly  refracted  and  defocused  ray. 

!•  igure  8,  2-28  is  a plot  of  defocusing  loss  versus  refraction  angle 
taken  from  data  prepared  by  Dr.  Gunnar  Fjeldbo  and  included  in  ,i  letter 
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Table  8.  Orbit  Insertion  Design  Control  Table 


NO. 

PAHAMCTtR 

NOMINAL 

ADVtKSe  1 

NOTES 

1 

FREQUENCY  (MHZ) 

2300 

0 

2 

RANGE  ' GIGAMEFERS  (AU) 

59.8  (0.4) 

0 

ORBIT  INSERTION 

3 

TRANSMITTER  POWER  (DBM) 

37.8 

0.4 

6 WATTS  NOMINAL 

4 

TRANSMITTER  CIRCUIT  LOSS  (D&) 

-1.5 

0.1 

S 

fWW5teinE&.  NTENNA  CAIN  (08) 

2.0 

0.3 

FORWARD  OMNI  AT  1.05  RAD  (60  DEG) 

6 

POINTING  LOSS  8) 

0 

0 

7 

POLARIZATION  LOSS  (08) 

-0.2 

0.1 

8 

SPACE  LOSS 

-255.2 

0 

59.8  GIG AMETERS  (0.4  AU) 

9 

RECEIVER  ANTENNA  CAIN  (08) 

61.6 

0.4 

64-M  DSS  '0.1  08  LOSS  AT  0.3S  RAD  (20  DEO) 
ELEVATION  ^ 

10 

total  RECEIVED  POWER  (0BM)(3+4+5t6t7-i-8t9) 

-154.5 

- 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (OMB/HZ) 

-184.0 

0.6 

Tjys  " 29® K;  0.35  RAD  (20  DEG)  ELEVATION 

12 

P^/Nq  (DB-HZ)  (10-11) 

29.5 

1 .0 

RSS 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  (DB) 

-6. 1 

1 .7 

S ^ 1.05  RAO  ±10% 

14 

threshold  loop  BANDWIDTH  (D8-H2) 

10.0 

0.4 

2 = 10  HZ 

15 

LOOP  SNR  (DB)  (12+13-14) 

13.4 

16 

REQUIRED  LOOP  SNR  (DB) 

10.0 

0 

17 

PERFORMANCE  MARGIN  (DB)  (15-16) 

3.4 

2.0 

RSS  TOLERANCES 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  modulation  LOSS  (08) 

-1.2 

0.6 

a ^ 1.05  RAO  ±10% 

19 

DATA  BIT  RATE  {DB -BITS/5) 

18.1 

0 

64  BITS/S 

» 

RECEIVER  LOSS  (OB) 

-4.8 

0.5 

ESTIMATED 

21 

DOPPLER  LOSS  (OBJ 

0 

0 

INSERTION  BEHIND  PLANET 

(DB)  (12+10-19+20+21) 

5.4 

- 

23 

REQUIRED  E^Nq  (t  1 

2.7 

0 

10*^  DELETION  RATE 

24 

PERFORMANCE  MARGIN  (DB)  (22-23) 

2.7 

1.3 

RSS  TOLERANCES 

J 


Table  8.  l-Zb.  | 

_3 

PARAMETER  j 

II 

FREQUENCY  (MM2)  I 

D 

range  :c(Gameters  (AU)]  1 

D 

TRANSMITTER  POWER  (DBM)  | 

■ 

TRANSMITTER  CIRCUIT  LOSS  (dJ 

■ 

transmitter  antenna  GAM 

H 

POINTING  LOSS  (DB)  M 

a 

POLARIZATION  LOSS  (D8)  j 

8 

SPACE  LOSS  (OB)  | 

9 

RECEIVER  ANTENNA  GAIN  (Dl| 

to 

total  received  POWER  (DBM)I 

n 

RECEIVER  NOISE  SPECTRAL 

12 

p/Nq  (OB-hz)  (10-11)  1 

CARRIER  TRACKING  PERFORM^ 

13 

CARRIER  MODULATION  LOSS  fl 

14 

THRESHOLD  LOOP  BANDWIDTM 

15 

LOOP  SNR  (DB)  (12+13-14) 

16 

REQUIRED  LOOP  SNR  (DB) 

17 

PERFORMANCE  MARGIN  (01)  C 

DATA  CHANNEL  PERFORMANC 

18 

DATA  MODULATION  LOSS  (DH 

19 

DATA  BIT  RATE  (DB-filTS/S)  j 

20 

RECEIVER  LOSS  (DB) 

21 

E^O  (12+18-19+20) 

22 

REQUIRED  E^Nq  (DB) 

23 

PERFORMANCE  MARGIN  (0B)( 
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Flip  No.  2 Maneuver  (On  Omni  Antennas) 
Design  Control  Table 


^LDOUT  FRAilP 


' t 


t 


PARAMeUR 

NOMINAL 

ADVERSE 

NOTES 

3£QU£NCy  (MHZ) 

2300 

- 

^.MGE'GIGAMETER!;  (AU)j 

97.24  (0.65) 

- 

35  days  AFTER  ORBIT  INSERTION 

^HSMITTER  POWER  p8M) 

37. B 

0.4 

6 WATTS  NOMINAL,  5.5  WATTS  MINIMUM 

a>^NSMlTTER  CIRCUIT  LO»  (DB) 

-1.5 

0.3 

m 

ANSMITTER  ANTENNA  CAl;-.  (OB) 

-1.0 

1.0 

OMNI  COVERAGE 

tPINTING  LOSS  (08) 

0 

- 

Table  8.  2-27.  End-of 

i^LARiZATlON  LOSS  <D8) 

-0.2 

0.1 

*ACt  LOSS  (Dfi) 

-259.4 

. 

64-METER 

NO. 

PARAMETER 

NOMINA 

.CEIVER  ANTENNA  GAIN  (08) 

6)  .7 

0.4 

1 

FREQUENCY  (MHZ) 

2)00  ^ 

tOTAL  RKtIVCO  fOWIR  (DBM)(3+445<^7fSflP) 

-162.6 

1.2 

RSS  TOLERANCES 

- CEiVER  NOISE  SPEC  fRAL  DENSITY  (DBM/HZ) 

-164.6 

0.6 

T = 25®K  AT  0.79  RAO  (45  DEG)  ELEVATION 

2 

RANGE  lGIGAMETERS  (AU)] 

254.32  (rj 

[0.35  RAD  (20  DEG)  ELEVATION  ADVERSE] 

3 

TRANSMITTER  POWER  (DBM) 

37.it 

(DB-MZ)  (IO-M) 

22.0 

1.3 

RSS  TOLERANCES 

4 

TRANSMITTER  CIRCUIT  LOSS  (06) 

=jarr(er  tracking  performance 

5 

TRANSMITTER  ANTENNA  GAIN  (OB) 

=^R|ER  MODULATION  LOSS  (pB) 

-1.3 

0.4 

0.54  RAD  ±1(m> 

6 

POINTING  LOSS  (OB) 

KO 

-MRESMOLO  LOOP  BANDWIDTH  (DB«MZ) 

10.0 

0.4 

2B^q=  lOHZ 

7 

POLARIZATION  LOSS  (DB) 

rOOP  SNR  (DB)  (l2f13>U) 

10.7 

• 

6 

SPACE  LOSS  (DB) 

-267,» 

SQUIRED  LOOP  SNR  (DB) 

9.0 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

KS 

SRFORMANCE  MARGIN  (DBHl 5-1 6) 

1.7 

1.5 

RSS  TOLERANCES 

10 

TOTAL  RECEIVED  POWER  P6M)OM+5f6+7fa»9) 

w 

-i»A. 

.^TA  CHANNEL  PERFORMANCE 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBM7HZ) 

ATA  modulation  loss  (D8) 

-5.8 

0.9 

0.54  RAO  ±10% 

12 

P^Nq  (DB-HZ)  (10-11) 

30«* 

AU  BIT  RATE  (DB-BITS/S) 

9.0 

• 

8 BITS/S 

:s:0£iv£R  toss  (DB) 

-3.2 

0.5 

ESTIMATED  FROM  PIONEER  9 DATA  AND 
NEW  SOA  AND  SSA 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  (DB) 

;5^Nq  (OB)  (124^18-194-20) 

4.0 

• 

14 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

SQUIRED  E^Nq  (OB) 

2.3 

- 

10’^  FRAME  DELETION  RATE 

15 

LOOP  SNR  PB)  (12413-14) 

■Eli 

-^RPORMANCE  MARGIN  (DB)  (21-22) 

1.7 

1.7 

RSS  TOLERANCES 

16 

REQUIRED  LOOP  SNR  (DB) 

17 

PERFORMA.4CE  MARGIN  (08)  (15-16) 

sM 

M 

DATA  CHANNEL  PERFORMANCE 

k 

18 

DATA  MODULATION  LOSS  (DB) 

19 

DATA  BIT  RATE  (OB-BITS/S) 

20 

RECEIVER  LOSS  (DB) 

21 

E^Nq  (OB)  (12418-19420) 

22 

REQUIRED  E^Nq  (OB) 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

_a 

Table  8.  2-27. 


End-of-Mission  Design  Control  Table 


oa 

PARAMETER 

NOMINAL 

A0VERS.I 

NOTES 

FREQUENCY  (MHZ) 

2300 

•• 

RANGE  tGIGAMETERS  (AU)J 

254.32  (1.7) 

- 

F.N(;  OF  MISSION 

TRANSMITTER  POWER  (OBM) 

37.6 

0.4 

6 WATTS  NOMINAL 

TRANSMITTER  CIRCUIT  LOSS  (D8) 

-1.4 

0.1 

TRANSMITTER  ANTENNA  GAIN  (08) 

28.0 

0.5 

1.52-METER  (5-FOOT)  DISH 

D 

POINTING  LOSS  (DB) 

-2.B 

0.3 

CONSCAN  LOSS  PLUS  0.017  RAD  (1  DEC) 
ATTITUDE  ERROR 

POLARIZATION  LOSS  (DB) 

-0.1 

0.1 

6 

SPACE  LOSS  (OB) 

-267.8 

0 

254  .32  GIGAMETERS  (1 .7  AU) 

9 

RECEIVER  ANTENNA  GAIN  (DB) 

53.3 

mm 

26  METERS 

10 

TOTAL  RECEIVED  POWER  (DBM)(3^S^7«d^) 

-153.0 

RSS  TOLERANCES 

M 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBA^HZ) 

-1BI.9 

■1 

47®K  AT  0.26  RAO  (15  DEG)  ELEVATION 
"0. 17  RAO  (10  DEG)  ELEVATION  ADVERSE] 

12 

Pj/Nq  (0B-H2)  00.11) 

2B.9 

1.3 

RSS  TOLERANCES 

CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  (DB) 

-6. 1 

1.7 

1 .05  t 10%  RAO 

U 

THRESHOLD  LOOP  BANDWIDTH  (DB.HZ) 

10.3 

0.5 

2B^q  = 10.8*  10%  HZ 

1$ 

LOOP  SNR  (DB)  (12^13-14) 

12.5 

2.2 

RSS  TOLERANCES 

u 

REQUIRED  LOOP  SNR  (OB) 

10.0 

0 

RECOMMENDED  810-S 

\? 

PERFORMANCE  MARGIN  (OB)  (tS-16) 

2.5 

2.2 

RSS  TOLERANCES 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  MODULATION  LOSS  (DB) 

-1.2 

0.6 

1.05  4 10%  RAD 

19 

DATA  BIT  RATE  (OB-BITS/S) 

18.1 

0 

64  BtTS/S 

20 

RECEIVER  LOSS  (DB) 

-4.B 

0.5 

ESTIMATED  FROM  NASVARC  DATA 
(10  OB  LOOP  SNR) 

2) 

V*^0  02*I6-I9420) 

4.8 

1.5 

RSS  TOLERANCES 

22 

.^snuiRED  E^-^Nq  (OB) 

2.7 

0 

10“^  FRAME  DELETION  RATE 

23 

PERFORMANCE  MARGIN  (OB)  (21-22) 

2.1 

1.5 

RSS  TOLERANCES 

8.2-63 


v:: 


TO  EAftTM 


Figure  8.2-27.  Spacecraft  Occultation  Positioning 


Table  8.  2-28.  Uplink  Command  Design  Control  Table 


NO. 

PARAMETERS 

NOMINAL 

ADVERSE 

NO^ES 

1 

FREQUENCY  (MHZ) 

2115 

- 

2 

RANGE  :CIGAMETERS  (AU)’ 

254.32  (1.7) 

- 

3 

TRANSMITTER  POWER  (DBM) 

73.0 

0 

20  KW 

4 

TRANSMITTER  ANTENNA  GAIN  (DB) 

51.8 

0.9 

26-METER  DSS 

5 

SPACE  LOSS 

-267. 1 

~ 

• 6 

RECEIVER  ANTENNA  GAIN  (DB) 

27.5 

0.3 

t. 52  METER  (5-FOOT)  DISH 

7 

POINTING  LOSS  (DB) 

-2.3 

0.2 

CONSCAN  0 DB)  + 0.017  RAD  (1  DEG) 
POINTING  ERROR 

8 

POLARIZATION  L;^SS  (D8) 

■0.2 

0.1 

, 9 

RECEIVER  CIRCUIT  LOSS  (08) 

-1.9 

0.2 

10 

TOTAL  RECEIVED  POWER  (08M)(3+4+5-t^7+8+9) 

119.2 

1.0 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBM/HZ) 

-169 

1.0 

T^Y5  =910®K;  NF  »6DB 

‘ 12 

Pj/Nq  (DB-HZ)  (10-11) 

49.8 

1.4 

CARRIER  TRACKING  PERFORMANCE 

. 13 

CARRIER  MODULATION  LOSS  (DB) 

-2.8 

0.3 

9 = 1 .09  RAD 

. 14 

THRESHOLD  LOOP  BANDWIDTH  (OB-HZ) 

13.0 

1.0 

2 e^Q  = 20  HZ  AT  6 DB  SNR 

15 

LOOP  SNR  (OB)  (I24>)3-)4) 

34.0 

1.8 

16 

REQUIRED  LOOP  SNR  ^ LIMITfcR  LOSS  (DB) 

0.3 

- 

LIMITER  LOSS  --  0.3  DB 

17 

PERFORMANCE  MARGIN  (DB)  ()5-l6) 

27.7 

i.e 

RSS  TOLERANCES 

COMMAND  CHANNEL  PERFORMANCE 

18 

DATA  MODULATION  LOSS  (DB) 

-3.6 

0.4 

e - 1.09  RAD 

\9 

DATA  BIT  RATE  (DB-BITS/S) 

0 

- 

1 BIT/S 

20 

RECEIVER  LOSS  '06) 

-1.1 

RECEIVER,  FILTER,  AND  LIMITER  LOSS 

21 

E^Nq  (DB)  (12+18-19+20) 

45.1 

1.5 

22 

REQUIRED  E^Nq  (OB) 

17.3 

1.0 

10“^  BIT  ERROR  RATE 

33 

PERFORMANCE  MARGIN 

27.8 

1.8 

R55  TOLERANCcS 

Table  j 

NO. 

PARAMETER  j 

1 

FREQUENCY  (MHZ) 

2 

RANGE  [GIG AMETERS  (AU)}  j 

3 

TRANSMITTER  POWER  PBM) 

4 

TRANSMITTER  CIRCUIT  LOSS  (DB) 

5 

TRANSMITTER  ANTENNA  GAIN 

6 

POINTING  LOSS  (DBf  * 

7 

POLARIZATION  LOSS  (OB)  i 

8 

SPACE  LOSS  (OB)  i; 

9 

RECEIVER  ANTENNA  GAIN  (DB)  ' 

10 

TOTAL  RECEIVED  POWER  (DBM)(3«4«| 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY^ 

12 

P/Ny  (OB-HZ)  (10-11) 

CARRIER  TRACKING  PERFORAAANCU 

13 

CARRIER  MODULATION  LOSS  (DB)  ' 

14 

THRESHOLD  LOOP  BANDWIDTH  (DI4 

15 

LOOP  SNR  (DB)  (12+13-14)  1 

16 

REQUIRED  LOOP  SNR  (DB) 

17 

PERFORMANCE  MARGIN  (DB)  (!5-!i>^‘ 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  MODulAI  lOiN  LOSS  (DB)  ] 

19 

DATA  BIT  RATE  (DB-BITS/S) 

20 

RECEIVER  LOSS(DB) 

21 

E^No  P8)  (12+18-19+20)  ? 

22 

REQUIRED  E^/Nq  (DB)  i 

23 

PERFORMANCE  MARGIN  (DB)  (2|-2Stj 

OFFLINE  DIGITAL  PROCESSING  POtf 

24 

CARRIER  MODULATION  LOSS  (DB)  1 

2$ 

digital  RECORDING  LOSS  (DB)  j 

’6 

PROCESSING  BANDWIDTH  REQUIRBIj 

27 

REQUIRED  SNR  (DB)  (IN  3 HZ)  1 

28 

PERFORMANCE  MARGIN  (DB)  < 

NOTE:  4.2  DB  LESS  MARGIN  At  35  DAYS  [f 


^RADi  <DEG> 


Table  8.  2-29. 


S-Band  Occultation 


RAMITER 

NOMINAL 

ADVERSE 

NOTES 

2300 

- 

(AL»1 

59,04  (0.4) 

- 

ORBIT  INSERTION 

<DBM) 

37.8 

0.4 

6 WATTS  NOMINAL 

LOSS  (D8) 

-1,2 

0.1 

r^A  GAIN  (DS) 

15.5 

0.5 

AFT  HORN 

»=» 

-5 

0.1 

0.35  RAO  (20  DEG)  POINTING  ERROR 

(DB) 

-0.1 

0.1 

-255.2 

0 

59.84  GIGAMETERS  (0.4  AU) 

HtJAIN  (DB) 

61.6 

0.4 

64-METER  [0.1  DB  LOSS  AT  0.35  RAD  (20  DEG) 
ELEVATION] 

(DBM)<at4«-546f7_8f>9) 

-146.6 

0.8 

RSS  TOLERANCES 

TRAi  DENSITY  (DBNV7H2) 

• IB4.0 

0.6 

29^tC  AT  0.35  RAO  (20  DEG)  ELEVATION 
[0.26  RAD  (15  OEG)ELEVATiON  ADVERSE] 

U 

37.4 

1.0 

RSS  TOLERANCES 

CRFORMANCI  (REAL  TIME) 

N LOSS  (DB) 

-1.3 

0.3 

0.54  ir  10%  RAD 

4SIDWIDTH  (DB-HZ) 

10.0 

0.4 

2 6^0  ^10  HZ 

:3-14) 

26.1 

1.1 

RSS  TOLERANCES 

(OB) 

10.0 

0 

RECOMMENDED  810-5 

^IN<0a)O5«l6) 

16.1 

1.1 

RSS  TOLERANCES 

: ORMANCE 

LOSS  (OB) 

-5.8 

0.9 

0.54  ± 10%  RAD 

DTS/S) 

2U 

0 

128  BITS/S 

0.5 

ESTIMATED  FROM  NASA/ARC  DATA  (25  DB 
LOOP  SNR) 

rS>20J 

1.4 

RSS  TOLERANCES 

Bl) 

mm 

0 

10"^  FRAME  DELETION  RATE 

I31N  (DB)  (21-22) 

mm 

1.4 

RSS  TOLERANCES 

^ OCESSING  PERFORMANCE 

:ziHLOSS(OB) 

-1.3 

0.3 

0.54  RAD  ± 10% 

^ LOSS  (DB) 

-0.5 

0.5 

ESTIMATED 

t ^<9lDTH  REQUIRED  (DB-HZ) 

4.8 

1.2 

3 HZ,  ESTIMATED 

::.IN  3 HZ) 

0 

1.0 

ESTIMATED 

:1s  IN  (DB) 

35.6 

1.9 

THIS  MARGIN  ASSUMES  POINTING  LOSS 
(ITEM  6)  IS  0 DB  (TOTAL  RECEIVED  POWER  = 
-141.6  DBM) 

AT  35  DAYS  [97.24  GIGAMETtRS  (0.65  AU)'i 


\ 


0.44  p 


0.35 


0.26 

ATMOSPHERIC 

DEFOCUSING 

fCONE* 

ANGLE  (O) 


0,17  - 


0.09  h 


4 


PARAMETER 

NOMINAL 

m 

FREQUENCY  (MHZ) 

8400 

2 

RANGE  [GIGAMETERS  (AU)  ■ 

59.84  (0.4) 

3 

TRANSMITTER  POWER  (D8M) 

23.0 

- 

4 

TRANSMITTER  CIRCUIT  LOS'^  (DB) 

-0.5 

5 

TRANSMITTER  ANTENNA  GAIN  (OB) 

20.0 

6 

POINTING  LOSS  <OB) 

-O.l 

7 

POLARIZATION  LOSS  (DP) 

-0.1 

6 

SPACE  LOSS  (DB) 

-266.4 

' 

9 

ATMOSPHERIC  LOSS  (OB) 

-0.2 

10 

RECEIVER  ANT  iNNA  GAIN  (DB) 

71.6 

11 

TOTAL  RECEIVED  POWER  (DBM) 

-152.7 

12 

RECEIVER  NOISE  SPECTRAL  DENSITY  (D8M/HZ)  ! 

-182.7 

13 

P^/Nq{06-HZ)  (II-IJ) 

CARRIER  TRACKING  PERFORMANCE  (REAL  TIME) 

30.0 

\ 

j 

14 

CARRIER  MODULATION  LOSS  (OB) 

0 

1 

1 

15 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

10 

\ 

16 

LOOP  SNR  (OB)  (13+I4-15) 

20.0 

i 

17 

required  LOOP  SNR  (OB) 

10.0 

18 

PERFORMANCE  MARGIN  (OB)  (16-17) 

OFFLINE  OICITAI  PROCESSING  PERFORMANCE 

10.0 

\ 

i 

\ 

19 

PROCESSING  BANDWIDTH  REQUIRED  (OB-HZ) 

4.8 

j 

20 

digital  RECORDING  LOSS  (OB) 

0.5 

2) 

required  SNR  (08) 

0 

22 

PERFORMANCE  MARGIN  vJB. 

24.7 

■ ■4 

note 

4.2  06  LESS  MARGIN  AT  35  DAYS  '97.2;  GIGAMETERS  (0.65  AU) 

/ i 

Figure  8. 2-28.  Occultation  Defocuslng  Loss 

1 

I 

i 

/ 

versus  Defocuslng  Angle 

1 

L-J 

1 1 

(S-band  and  X-band) 

1 

1C  ^ 

i 

i 

1 

1 

j 

IC  - 

?0  ^ 

j 

10 

DEfOCUSING  LOSS  (dB) 

Table  8.  2-30 

. X-Band  Occultation 

NOMINAL  I ADVERSE 


PARAMETER 
FREQUENCY  (MHZ) 

range  :GIGAMETERS  (AU)  : 59.S4  (0  4) 

TRANSMiTTER  POWER  (DBM)  23 -0 

transmitter  circuit  loss  (DB)  *0.5 

TRANSMIHER  antenna  gain  (DB)  20.0 

POINTING  LOSS  (DB) 

POLARIZATION  LOSS  (DB)  'O'* 

SPACE  LOSS  (OB) 
atmospheric  LOSS(DB) 

RECEIVER  ANTENNA  GAIN  (DB)  71.5 

total  received  power  (DBM)  “»52.7 

RECEIVER  NOlSt  SPECTRAL  DENSITY  (DBMV^HZ)  -192-7 

P^/Nq  (DB-HZ)  01-12)  30.0 

CARRIER  TP^>^‘NG  PERFORMAI  -CE  0 tAL  TIM^ 

; CARRIER  MODULATION  LOSS  (DB)  ° 

I threshold  loop  bandwidth  (DB-HZ)  * 

LOOP  SNR  (DB)  (I3fl4-15) 
required  loop  SNR  (DB) 

PERFORMANCE  MARGIN  ^OB)  (16-17) 

r>PPt  iNE  DIGITAL  PROCESSING  PERFORMANCE 

proce^ing  bandwidth  required  PB-HZ)  4.8 

digital  recording  loss  (DB) 

I KEOUIREO  SNR  (OB)  ^ 

I performance  Margin  (DB) 


L:  4.2  OB  less  margin  At  35  DAYS  ' 97.24  GIGAMETERS  (0.65  AU)i 


ORBIT  INSERTION 
200  MW 

BORESIGHT 

0,017  RAO  (I  DEG)  ATTITUDE  ERROR 


0.52  KAD  (30  DEG)  ELEVATION 

TO.  17  kAD  (10  DEG)  ELEVATION  ADVERSE] 

0.52  R/‘0  (30  DEG)  ELEVATION  (30  MPH  WIND) 
64-MEIER 

RSS  TC  LERANCIS 

39®K  0.52  RAD  (30  DEC)  ELEVATION 
(66®k  ADVERSE) 

RSS  TOLERANCES 

I 

I NO  DATA  OR  RANGING 

2Bj^q-10HZ 

RSS  TOLERANCES 

recommended  810-5 

RSS  TOLERANCES fMARGIN  IS  4 DB  WITH 
0.21  RAD  i\i  OEGl  OFFSET  POINTINGI 

3 HZ,  ESTIMATED 
ESTIMATED 
ESTIMATED 
RSS  TOLERANCES 


liDLDOUT  PRAMK 


8.2-64 


iJ^A/CIV 

to  John  Love  of  TRW  from  Dr.  Arrydas  J.  Kliore  dated  2 April  1973. 

Tables  8.2-30  and  8.2-31  show  that  for  received  S-  and  X-band  carrier 
levels  of  -142.9  and  -152.7  dBm,  respectively,  defocusing  losses  of 
35.8  and  24,7  dB  can  be  tolerated.  These  numbers  correspond  to  refrac- 
tion angles  of  about  0.  3 radian  (18  degrees)  for  the  S-band  link  and  about 
0.  17  radian  (10  degrees)  for  the  X-band  link.  These  calculations  assume 
a required  processing  bandwidth  of  about  3 Hz  and  a required  carrier-to- 
noise  ratio  in  3 Hz  of  0 dB  (a  -178.7  dBm  minimum  S-band  carrier  level 
and  a -177.4  dBm  minimum  X-band  carrier  level).  Conversation  with 
Dr.  Fjeldbo  has  revealed  that  extraction  of  received  signals  with  levels 
as  low  as  -190  dBm  or  smaller  is  possible  with  increased  processing  inte- 
gration time  and  a possible  reduction  of  processing  bandwidth.  Also, 
under  favorable  conditions  ground  station  noise  levels  may  be  lower  than 
those  used  here,  which  were  taken  from  JPL  DSN  Standard  Practice, 

810-5,  Revision  C.  The  increased  integration  times  are  possible  under 
special  situations  where  the  received  signal  at  the  maximum  defocusing 
angle  may  remain  constant  for  several  minutes,  depending  on  the  atmos- 
pheric and  orbit  geometry. 

The  occultation  capability  quoted  in  the  previous  paragraph 
[0.31  radian  (18  degrees)  at  S-band,  0.17  radian  (10  degrees)  at  X-band) 
assumed  defocusing  losses  only.  Atmospheric  attenuation  (absorption) 
also  contributes  to  losses  and  may  be  several  dB  at  S-band  (up  to  6 dB  was 
experienced  with  Mariner  5 as  shown  in  Figure  8.2-29;  and  possibly  higher 
at  X-band.  These  losses  may  somewhat  reduce  the  proposed  capability, 
but  it  can  probably  be  regained  with  increased  data  processing.  Atmos- 
pheric turbulence  fading  may  also  contribute  to  reduced  received  signal 
strength,  but  this  effect  is  random  and  time  varying  and  the  average  fad- 
ing loss  should  be  zero.  This  assumption  is  based  on  the  conservation-of- 
energy  approach  to  turbulence  fading;  for  a more  detailed  discussion,  see 
Appendix  7.  6A,  Probe  Communications. 

A question  remains  whether  a one-way,  two-way  coherent,  or  two- 
way  noncoherent  mode  of  operation  will  be  recommended  for  the  S-band 
occultation  experiment.  Dr.  Fjeldbo  has  indicated  (in  private  communi- 
cations) that  because  of  atmospheric  effects  (defocusing,  absorption. 
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Pig.  8.  Comparison  of  the  amplitude  variations  produced  by 
the  atniosphere  of  Venus  at  423.3  and  2297  MHz  during  im- 
mersion: No  filtering  was  employed.  The  423.3-MHz  spacecraft 
receiver  went  out  of  lock  OJ  mitt  before  eacouttferT' 


6U0 


g 6100 
3 


o 6095 


6085 


r^ir.HTSlOf 


Ofiucu‘.iNr. 

R['.v:>V{  ) UbIUG 
423.3 

IIUDI  DATA 


1 50 
14!>  r> 


■ DEFOCUSfNG 
REMOVED  USING 
2297  MHr  00PPI^^^ 

DATA 


S-BANO  lOiS  -:P1 


Fig.  9.  Atmospheric  [propagation  loss  at  S band  versus  the 
altitude  of  the  lowest  point  on  the  radio  ray : Tor  the  fuU^drtru’n 
cunct  the  defocusing  was  removed  by  using  the  423.3-.M1U 
amplitude  data.  Fov  the  stippled  curve,  the  defocusing  was  com- 
puted from  the  Doppler  data. 


Fig.  13.  Unfiltered  amplitude  perturbations  produced  by  the 
atmosphere  of  Venus  at  2297  MHa  during  emersion;  Changes  ip 
the  spacecraft  antenna  gain,  caused  by  refraction^  nave  T»een 
removed  from  the  data. 


Fig,  18.  Atmospheric  propagation  loss  at  S band  versus  the 
altitude  of  the  lowest  point  on  the  radio  ray. 


Figure  8. 2-29.  Mariner  V Occupation  Data* 


*0ata  from  the  Astronomical  Journal.  76.  No.  2.  March  1971,  No.  1387. 
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, „ ,w„-w..y  cohcro,,.  link  „,.y 

' 

«.bly  cause.  U.C.  spacecraft  downlink  to  alternate  between  the  coherent  ‘ 
uplink  and  the  auxiliary  oscillator.  If  a two-way  link  is  not  recommended 
one-way  link  would  want  a stable  oscUlator;  however,  spacecraft  oround’ 
operations  may  wan,  a cmnmand  uplink  to  the  spacecroit  rrinX  occt 
on  ime  period,  hence  the  two-way  noncoherent  mode.  But  out  recom- 
mented approach  for  occultation,  prepositioning  the  spacecraft  prior  to 
=n»y  Witt  no  spacecraft  precession  or  antenna  gimballlng  required,  may 
reduce  the  des.re  for  an  uplink  command  capabUity  at  that  time. 

direc,’^"','"”"  '»  i,"Pl=ment  may  have  a 

cos  impact  on  the  procurement  of  a spacecraft  transponder.  The 

only  existing  X-band  transmitter  has  been  an  MVM  1973  unit  built  by 

Mrtorola  to  be  compatible  with  the  Motorola  S-band  receiver  and  trans- 

Si^  T x-band  transmitter  requires  a 2F  frequency  drive 

mg^  (upin^  is  ggip.,,  either  in  the  coherent  mode  from  the  receiver  or 
in  the  noncoherent  mode  from  the  S-band  driver  auxiliary  oscUlator.  The 

o^^ter 

des-  “ alternate  being  a TRW  or  Motorola 

ign.  Both  the  Viking  unit  and  TRW  development  are  presently  noncom- 
patible with  the  Motorola  X-band  transmitter,  which  represents  a potential 
cost  impact  to  accommodate  X-hAnri  ir 

see  Section  „.  ‘ “ W-=timate  cost  estimate, 

A question  also  exists  on  the  desirabUity  of  turning  off  the  data 

XerlTthr  leaving  ail  the  transmitter 

rZa^^  P-fa«ed  orbiter  configuration  ha.  a dual 

modulation  index  capability  for  data  reasons.  An  extra  advantage  of  this 

dual  modulation  index  capability  is  that  the  low  radian  index  can  be  used 

r occultation,  leaving  all  but  1.3  dB  of  the  total  transmitted  power  in 

•he  carrier.  This  level  is  4.8  dB  higher  than  the  carrier  power  in  the 

normal  commumcations  mode,  providing  about  0.07  radian  (4  degrees) 

more  defocusing  capability,  and  this  mode  is  recommended  or  the  oil- 
tation  experiment.  occul- 
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The  defocusing  capabilitius  of  tho  S-  and  X-bancl  Jinkrf  aro  nut  tlu> 
sumo  and  the  respective  Jiorn  beamwidtlis  arc  nut  identical  (based  un  low 
cost  off-tJie-sljelf  aateimas).  Therefore,  which  angle  to  choose  ior  pre- 
positiouuig  the  spacecriift  prior  to  occidtation  is  not  obvious.  The  opti- 
mum angle  for  X-band  above  would  be  0,  17  radian  (10  degrees);  at  tins 
angle  the  pointing  loss  due  to  tlie  antenna  pattern  would  be  about  5 dli,  but 
the  EIRP  would  still  be  sufficient  to  maintain  real  time  tracking  prior  to 
occultation.  For  S-band  the  optimum  angle  would  be  0,31  radian 
(18  degrees),  corresponding  to  about  5 dB  pointing  loss  and  real  time 
traci'ing  at  128  bits/s,  A compromise  offset  angle  recommended  here  for 
the  chocen  antennas  is  about  0,21  radian  (12  degrees).  At  this  offset 
angle,  the  X-band  defocusing  angle  of  0.17  radian  (10  degrees)  is  achieved 
witliin  a few  tenths  of  a dB  of  beam  peak  and  the  S-band  0.  31-radian 
(18-degree)  defocusing  coverage  is  accomplished  by  "riding"  up  one  side 
of  the  antenna  beam  0.21  radian  (12  degrees)  to  beam  peak  and  0,  10  radian 
(6  degrees)  over  the  other  side,  only  0,5  dB  down,  A slightly  larger  off- 
set angle  would  be  recommended  if  digital  processing  sensitivity  were 
increased  beyond  tlie  -178  dBm  carrier  level,  as  mentioned  previously. 

The  reconrmended  approach  discussed  here  is  to  have  occultation 
capability  during  entrance  (immersion)  only  and  none  during  exit  (emersion) 
to  minimize  spacecraft  operations.  Also,  no  occultation  capability  is 
planned  with  the  high  gain  dish,  after  tlie  second  flip  maneuver,  since  the 
narrow  beamwidth  and  the  conscan  mode  would  require  spacecraft  preces- 
sion to  follow  the  defocused  ray. 

Antennas . The  preferred  orbiter  spacecraft,  antenna  subsystem  con- 
sists of  four  separate  antennas  which  are  used  for  conscan  and  TTS:C  dur- 
ing the  transit,  orbit  insertion,  and  Venus  orbit  phases  of  the  mission. 

As  shown  in  Figure  8,2-30,  the  primary  downlink  antennas  are  the  forward 
dish  antenna  and  aft  horn.  An  offset  feed  in  the  dish  provides  a 1 dB  beam 
crossover  reference  for  conscan,  while  an  off  axis  aft  omnidirectional 
antenna  provides  aft  pattern  coverage  for  launch  and  doppler  attitvide  ref- 
erence between  110  and  235  days  of  the  mission,  A forward  omnidirec- 
tional antenna  provides  TTV’C  coverage  during  orbit  insertion.  Use  of 
existing  flight  qualified  designs  was  the  major  factor  in  the  selection  of 
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A ANTENNA  LOCATIONS 

(I  0 RAD  (0  DEG 

Oi^ftllER  SPACECRAf  I 

1 ..  f-ORVv Aft D OMNI 

fy^ 

c 

•JT  ^ ^MEDIUM  GAIN 

r ^ A/  ^ 

AFT  OMNI-'-^ 

7 1^ 

0 O.U  RAO  (leo  DEG) 

B ORBITER  SPACECRAFT  ANTENNAS 

HJGH  gain  ANTiNNA 

■ INCRCA5CD  DIAMETER  PSCS  DISH- 

rORWAKD  OMNI  ANIENNA 

(SAME  AS  iHt  PROOl  BUS  SPACECRAR  AFT  OMNI  AF4TFNNA. 
MEDIUM  GAIN  HORN 

FSAMJ  AS  THE  PROBE  BUS  SPACECRAFT  MEDIUM  GAIN  HORN- 
/ ET  OMNI  ANTENNA 

GAME  AS  THE  PROBE  BUS  SPACECRAFT  FORWARD  OMNI  ANTENNA. 


C OMNI  COVERAGE 


• S?HERICAL  COVERAGE  FOR  TELEMETRY  ANJ  COMAUND  IS  PROVIDED 

• THE  SAME  ANTENNAS  ARE  USED  ON  BOTH  SPACECRAFT 

• BOTH  ANTENNAS  HAVE  BEEN  FLOWN  ON  OTHER  SPACECRAFT 

• AFT  COVERAGE  OF  THE  ORBITER  SPACECRAFT  OMNI  WILL  BE  SUPPLEMENTED 
BY  THE  MEDIUM  GAIN  HORN  AND  THE  FORWARD  COVERAGE  BY  THE  HIGH 
GAIN  ANTENNA 

• PREVIOUS  EXPERIENCE  ON  OTHER  SIMILAR  DESIGN  SHOWS  THAT  SO  .^E 
PATTERN  ENHANCEMENT  IS  POSSIBLE  ON  THE  ORBITER  FORWARD  OfvNI 
AS  SHOWN  BY  THE  DOTTED  LINE 


DSC:  HIGH  GAIN  ANTENNA 


= ORAD  (0  DEG) 


ORBITER  SPACECRAFT 


FORWARD  OMNI 


-6  ^ -I  DBI 

FOR  lEltWETRY 


^3. 14  RAD  f)80  DEG' 


MEDIUM  GAIN  HORN 
(PIONEER  10  AND 
1 1 MEDIUM  GAIN  HORN) 


HIGH  GAIN  DISH  FEED  HORN 

(PIONEER  10  AND  II  FEED  HORN  ) 


08  PATTERN  (FREE  SPACE) 
f =2.3  GHZ 
POLARIZATION:  RHCP 
PLANE:  0 =VAR., 

0=  1.57  RAD  (90  DEG) 


» 0 RAD  (0  DEG) 


0=3.14  RAD  (180  DEG) 


VOLTAGE  PATTERN  (FREE  SPACE- 
F -2.3  GHZ 
POURIZATION-  RHCP 
PLANE:  0-  VAR., 

c-  1.57  RAO  (90  DtO‘ 

.»  - 0 RAD  (0  OEG- 


31,4  RAD  <180  DEG: 


180>  NIVC 


U 10  5 0 5 fO  15  DEG 

ANGLE 

I 1 I I I 1 I 

0.262  Q.175  0.037  0 0.087  0.175  0.262  RAD 


CHARACT  ERISTICS- 

FBEQUtNCY: 

?.l  GHZ 

2.3  GHZ 

POL<SR(7AT  (ON- 

RHCP 

RHCP 

PEAK  GAIN: 

27. 5 DBI 

ZB.O  DBI 

half  power  BW 

0.113  RAP 
(6.4  DEGl 

0,105  RAP 
(5.8  OEGi 

VSWR: 

• l.5;l 

• 1.5:1 

AXIAL  RATIO  (‘3“i 

' 1.5  OB 

1. 5 DB 

WEIGHT: 

<6.0  KG 

DESCRIPTION: 

• 1.52  M PARABOLIC  HONEYCOMB 
SANDWICH  DISH  SIMILAR  TO  DSC5 

• PIONEER  10  AND  II  HIGH  GAIN  FEED 
ON  TRIPOD  SUPPORT 

• FEED  DEfOCUSED  AND  OFFSET 
LATERALLY  FOR  CONSCAN 

• CONSCAN  CROSS  OVER  AT  I 08 
IS  APPROXIMATELY  0.035  RAD 
(2.0  DEG  I 


CHARAaERISTICS: 


FORWARD-OMNI  ANTENNA 
(PROJECT  DSP  CONICAL  LOG  SPIRAL) 


FREQUENCY 

.’.1  GHZ 

2.3  GHZ 

POLARIZATION; 

RHCP 

RHCP 

PEAK  GAIN: 

>15.0  DBI 

>15.5  DBI 

HALF  POWER  BW; 

>32  DEG 

>28  DEO 

VSWR; 

<1.5:1 

<1.5:1 

AXIAL  RATIO 

<1.5  DB 

<4.5  DB 

WEIGHT: 

< 1.7  KG 

DESCRIPTION; 

•FLOWN  ON  PIONEERS  10  AND  H 
•CORRUGATED  CONICAL  HORN 
•CROSS  DIPOLE  FEED 


. . . r «. 


VOLTAGE  PATTERN  (FREE  SPACE) 
f = 2.3  GHZ 
POLARIZATION;  RHCP 
PLANE:  #=VAR., 

0=1.57  RAD  (90  DEG) 


(?  = 0RAD(0DEG) 


CHARAGERISTICS: 

FREQUENCY: 
POLARIZATION; 
PEAK  GAIN; 

VSWR: 

AXIAL  RATIO  (i90*) 
ill. 57  RAD  (90  UEG>! 
WEIGHT: 


2.1  GHZ  2.3  GHZ 
RHCP  RHCP 
>2  DBI  > 2 OBI 

<2:1  <2:1 

<4  DB  <4  DB 

<0.41  KG 


lESCRlPTION: 

►FLOWN  ON  DSP  SPACECRAFT 
I TWO  ARM  PRINTED  CIRCUIT  CONICAL 
LOG  SPIRAL  FED  WITH  INFINITE 
BALUN  CABLE  I29q  " 0.26  RAD  (15  DEG)) 
•EPOXY  FIBERGLASS  RAOOME  FOAM 
Filled 


CHARACTERISTICS: 


FREQUENCY: 

2.1  GH* 

2.3  GHi 

POLARIZATION: 

RHCP 

RHCP 

PEAK  GAIN: 

7 OBI 

7.5  DBI 

HALF  POWER  BW: 

1.397  RAD 

1.325  RAD 

(79  DEG) 

(76  DEG) 

VSWR; 

<2,0:1 

<1.5:1 

AXIAL  RATIO 

<3.5  DB 

<4  d: 

t-H).87  RADtSO  OEGr] 

V/EIGHT: 

<0.5  KG 

DESCRIPTION: 

• CONICAL  HORN  EXCITED  BY  A 
CROSSED  DIPOLE 


AFT  OMNI  ANTENNA 
(PIONEER  10  AND  It  PROGRAM  169 
CONICAL  LOG  SPIRAL) 


VOLTAGE  PATTERN  (FREE  SPACE) 
f -2.3  GHZ 
POLARIZATION.  RHCP 
PLANE:  e = VAR., 

1.57  RAO  (90  DEG) 


fi^ORAO  (ODLG) 


CHARACTERISTICS; 


lEQUENCY; 
DLAR12ATION: 
:AK  GAIN; 
SWR: 

XIAL  RATIO 


1.57  RAD  (90  DEGU 


2.1  GHZ 
RHCP 
■>4  DBI 
>1.5:1 
<4.5  DB 


2.3  GHZ 
RHCP 
:>4  OBI 
<1.5:1 
< 4.5  DB 


DESCRIPTION: 

• FLOWN  ON  PIONEER  10  AND  1 1 
AND  PROJECT  169  SPACECRAFT 

• TWO  ARM  PRINTFD  CIRCUIT  CONICAL 
LOG  SPIRAL  FEU  WITH  ROBERT 'S 
0ALUN|2'i  0.35  RAD  (20  DEG)1 

• EPOXY  FIBERGLASS  RADOME,  FOAM 
FILLED 


“'OUT 


Figure  8.2-30.  Baseline  Ortiter  Spacecraft  Antennas 
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.ho  oas.  ,„o  a„.o„„a  ouhayston.  c„„/i«u.aHo„.  All  sahaya.on,  component 
osiana  have  boon  flown  on  Pioneers  10  and  11,  DSP,  or  DSCS  spacecraft 
an  represent  l,gl,.wei8ht,  ,-nulliple  use,  lowest  cost,  and  lowest  design 
r.sk  approaches  eo„,patible  with  the  communications  subsystem  re,uirc- 
ments.  The  high-gain  dish  feed,  tte  aft  omni  antenna,  the  aft  horn,  the 
iplexers,  and  EF  switches  are  all  Pioneers  10  and  11  designs  which  are 
usahle  Without  modifications.  The  forward  omni  antenna  is  a DSP  design 

d°  r*'’"'  modifications  and  the  dish  is  a larger  diameter 

DSCS  dish. 

^ransponder » As  rxientioned  earliei*  nf 

~ earner,  of  the  three  companies  devel- 

opihg  lightweight  S-band  transponders,  only  Philco-Ford  has  units  quali- 

•ed  for  space  use.  Their  Vihing  Lander  unit  is  presently  in  the  qualifica- 
ion  cycle.  Where  weight  is  very  important,  such  as  with  the  Thor/Delu 

str  r"T  orbiter,  where  weight 

so  critical,  the  choice  is  not  so  obvious,  particularly  since  the 

°»o»ss  10  and  ii  has  been  selected  for  the  probe  bus.  A lightweight 

transponder  was  selected  because:  1)  enough  Pioneers  10  and  11  residuals 
are  „«  avaflable  to  supply  both  the  bus  and  orbiter.  and  2)  the  costs  of 

rerghtrsigls‘.“  somparable  to  buying  new  light- 

A preliminary  conclusion  of  the  study  is  to  use  the  Viking  Lander 

transponder  based  on  its  present  development  status.  Since  the  contract 

awards  for  hardware  development  are  at  least  a year  away,  this  decision 

is  subject  to  continuing  review.  To  ensure  the  best  avaUable  hardware. 

the  procurement  specifications  have  been  written  to  allo,v  units  from  any 

^ potential  bidders.  This  preliminary  specification  was  reviewed 

Witt  both  Motorola  and  Philco-Ford  and  it  is  TEW's  understanding  that 

both  c^panies  should  he  able  to  meet  the  requirements  with  existing  or 
planned  designs#  ® 

A summary  of  the  requirements  and  characteristics  of  the  light- 
wetght  transponders,  i.e.  receivers  and  transmitter  driver,  is  given  in 
the  following  sections. 
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J^iKhtwoiRht  S-band  Receiver.  A short  summary  o/  the  perfor- 
mance requirements  for  the  orbiter  receiver  is  given  in  Table  8.  2-^1. 
Designs  from  both  Philco-Ford  and  TRW  are  covered  in  the  next  two 
sections. 

Table  8.2-31.  S-Band  Receiver  Performance  Requirements 


ftECUVING  FRLOUENLf  RANGE  (FaCTORY  PRESCT): 

2 MO-2 120  MHZ 

NOISE  f ICURE  (MAXIMUM); 

6.SDB 

INPUT  VSWR  (MAXIMUM) 

l.3;T 

ACQUISITION  THRESHOLi^  (LOOP  SNR  6.0  DB) 

-146  DBM 

LOOP  NOISE  6AN0WIDT:*  AT  THRESHOLD 

20  HZ 

LOOP  NOISE  BANOWiOiH  - STRONG  SIGNAL; 

TBD 

FREQUENCY  Off  SET  TRACKING  CAPABILITY; 

±126  KHZ 

STATIC  PHASE  ERROR: 

t|26  KHZ  OFFSET  AT  -120  DBM 

0. 1 RAO 

*63  KHZ  OFFSET  AT  -148  DBM 

0.2  RAO 

DYNAMIC  PHASE  ERROR; 

«40J  Hly'i  OVER  ±126  KHZ  AT  -120  DBM 

0.7  RAD 

^SO  HZ/S  OVER  t63  KHZ  AT  -148  DBM 

0.7  RAD 

<20  HZ/%  OVER  ±63  HZ  AT  -148  DBM 

0.6  RAD 

DYNAMIC  RANGE; 

100  DB 

IMAGE  REJECTION: 

S5  0B 

veXO  FREQUENCY  STABILITY  ALL  CONDITIONS: 

{t  5 PARTS/I oVs  HR 

PHASE  STABILITY  (COHERENT  OUTPUT  - S-BAND); 

O.OS  RAD  (2.8  DtO  RMS}.  0.14  RAD  (8.4  DEG)  PEAK 

COMMAND  DEMODULATION; 

•O"  FOR  I2B  HZ,  FOR  204  HZ 

COHERENT  DRIVE  TO  TRANSMITTER: 

REQUIRED 

COHERENT  mode  INHIBIT: 

REQUIRED 

DISABLE  COHERENT  DRIVE ; 

<-60  DBM 

fSK  SUBCARRIER  OUTPUT; 

10  1 2 V PEAK  TO  PEAK 

AGC  CONSCAN  OUTPUT; 

AC  OUTPUT 

IX  MV  t 1 DB 

S/N  (-135  DBM  2 % AM) 

-4  DB  • HZ 

SOURCE  IMPEDANCE 

10  Kn 

LOAD  IMPEDANCE 

165  KD 

AUTOMATIC  GAIN  CONTROL  CLOSED  LOOP 
BANDWIDTH  3 DB 

2 HZ  ± S0% 

TELEMETRY: 

TBD 

DESIGN  AND  CONSTRUCTION: 

SIZE 

TBO 

WEIGHT 

1.6  KG  (<3.5LB} 

ENVIRONMENTAL: 

TEMPERATURE 

5.6  TO60°C 

VIBRATION 

TBD 

SH<XK 

TBD 

INPUT  VOLTAGE: 

28  VOC  ± 2% 

INPUT  POWER; 

«-3  WAITS 
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a)  Philco-Fox^d  Ri^coivcrs^  Philco-Ford  hab  cluvulupud  a.  product 
line  of  micro-miniature  S-ljand  hardware  for  both  **near"  and  ’*derp" 
space  applications,  A deep  space  receiver  boinj^  developed  for  the  Viking 
Lauder  mission  is  presently  being  qualified.  This  unit  tippears  to  nuud 
the  Pioneer  Venus  luissiou  requireiueals.  The  block  di*igram  givam  in 
Figure  is  similar  to  the  Viking  design. 
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figure  8.  ?-3l.  fypiiuil  I^MIco  Receiver 
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The  block  diagram  shows  a double  conversion,  phase-lock  loop 
design  very  similar  to  that  originally  developed  for  Defense  Support 
Program  (DSP)  applications.  It  differs  from  the  near  space  unified  S-band 
system  (USDS)  designs  in  that  a narrow  18  Hz  loop  noise  bandwidth  is  util- 
ized to  reduce  tlic  acquisition  threshold  to  about  -150  dBm,  To  allow 
cross-strapping  for  redundancy,  tlie  receiver  has  two  outputs  to  the  com- 
mand baseband  circuitry  and  to  the  coherent  transmitters.  The  present 
design  is  physically  packaged  with  its  companion  transmitter  and  two 
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DC/DC  couvortora,  Tho  receiver  portion  of  the  padcage  (including  con- 
verter) is  irade  up  of  nine  modules  mounted  on  an  interconnection  chassis, 

b)  TRW  Lightweight  Receiver.  In  Figure  8,2-32,  a block  diagram 
ia  given  for  the  DSN  compatible  receiver  being  developed  at  TRW.  It  is 
very  similar  in  size,  weight,  and  construction  details  to  that  being  devel- 
oped by  Philco-Ford.  Altliough  this  particular  design  is  being  developed 
during  1973,  existing  programs  for  similar  type  hardware  have  developed 
a solid  technology  and  manufacturing  base.  The  only  noticeable  difference 
in  block  diagrams  given  is  that  the  TRW  design  utilizes  an  offset  oscillator 
operating  at  f^,  the  second  IF  frequency.  This  technique  allows  the  second 
IF  to  be  set  at  some  frequency  othc-  than  one  subha  rmonically  related  to 
the  first  IF,  This  allows  greater  freedom  in  to  reduce  spurious 

responses  and  eliminates  certain  false  lock  problems.  This  design  tech- 
nique has  been  used  on  both  DSP  and  USES  designs.  TRW  will  compare 
its  in-house  design  from  both  technical  and  cost  standpoints  to  the  Philco- 


Fiijure  8 2 ^2.  TRW  lightweight  Rereiver 
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TRANSMITTER  DRIVERS  | 

VIKING  lander 

TRW  lightweight 

rRtUUENCY  OF  OPtfiATlON 

INPUT 

3S.3MHZ  (4  f) 

95.5MH2  (lOf) 

OUTPUT 

2290  TO  2300  MHZ 

2290  TO  2300  MHZ 

DRIVE  LEVEL  REQUIRED 

5 Dflr.  1 1 DB 

0 DBM  * I DB 

INPUT  IMPEDANCE 

50  R 

50  a 

INPUT  VSWR 

1.3:1 

1.3:1 

MODULATION 

TYPE 

LINEAR  PHASE 

LINEAR  phase 

SENSITIVITY 

*0.5  RAD/VOLT 

*1.0  RAO/VOLT 

STABILITY 

*0.1  RAD 

*0.1  RAO 

OUTPUT  POWER  (MINIMUM) 

125  MW 

125  MW 

SPURIOUS  LEVELS 

50  DB 

40  DB 

FREQUENCY  STABILITY,  AUXILIARY 
OSCILLATOR 

SHORT  TERM  (0.25  S) 

3 * 10’’® 
(MUST  MODIFY) 

3 X 10“” 

LONG  TERM 

- 

4 X 10^  10  HR 
1 (-1  TO  320C) 

INPUT  VOLTAGE 

42B  VDC  ± 25% 

+28  VDC  ±15% 

INPUT  POWER 

' 3 WATTS 

3 WATTS 

environmental 

TEMPERATURE 

-1!  TO  60®C 

•9  TO  64®C 

VIBRATION  (SINE/RANDOM) 

10/7.5 

-/20 

SHOCK 

1200  G/3.2KH2 

■ 

"mother”  chassis  common  to  the  receiver.  A review  of  the  block  diagram 
for  a typical  Philco  transmitter  shows  it  to  be  very  similar  to  the  TRW 
design.  Both  provide  S-band  power  amplification  to  provide  maximum  effi- 
ciency, They  differ  primarily  in  the  input  frequency  and  the  overall  multi- 
plication ratio.  Both  provide  a receiver  controlled  noncoherent  auxiliary 
oscillator. 

3)  Transponder  Modifications.  X-band  Occultation  Experiment.  A 
requirement  for  an  X-band  occultation  experiment  has  been  reviewed  dur- 
ing the  study.  The  Version  IV  science  payload  includes  a requirement  for 
the  X-band  link  using,  for  example,  an  existing  (GFE)  MVM  1973  X-band 
transmitter  manufactured  by  Moto.  -‘a.  On  reviewing  the  MVM  1973 
design,  it  was  established  that  the  required  coherent  drive  signal  from  the 
S-band  receiver  must  be  at  2/221  (2f)  times  the  received  S-band  signal. 

This  is  compatible  with  the  Mariner  transponder,  but  not  compatible  with 
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the  cohovont  drive  available  from  tl»e  Viking  Lauder,  TUW  Lightweight, 
or  Pioueeva  10  and  11  tranapouders. 

In  each  of  theae  ileaigns  the  haaie  VCXO  freciueney  in  the  receiver 
ia  the  required  if.  It  would  appear  that  oidy  a minoi  modification  ia 
required  to  the  receivers  to  provide  this  IL  output  thro’igh  a buffei  ampli 
ficr.  Theae  modifications  would  allow  two-way  coher.  nt  S-  and  X-band 

operation# 

If  it  is  required  to  provide  one-way  operation  of  S-  and  X-band 
(botli  coherent  to  the  auxiliary  oscillator  in  the  S-band  transponder),  then 
modifications  to  the,  candidate  transponder  designs  are  more  extensive. 

Only  tlie  Motorola  designs  will  work  with  the  MVM  1973  without  any  change. 

The  Viking  Lander  coherent  drive  and  transmitter  driver  auxiliary 
oscillator  work  at  4f,  or  twice  Uiat  required  by  the  MVM  1973  X-band 
transmitter.  The  TRW  lightweight  design  coherent  drive  is  at  lOf  and  Uie 
Pioneers  10  and  11  design  provides  IZf. 

No  proposals  have  been  received  for  the  transponders  and  no  deter- 
mination has  yet  been  made  of  the  cost  that  must  be  added  to  the  S-band 
transponder  to  accommodate  the  X-band  experinrent. 

A preliminary  estimate  of  at  least  000  to  accommodate  only  the 

coherent  two-way  operation  would  appear  reasonable.  To  provide  botli 
one-way  and  two-way  X-band  compatibility  would  probably  cost  at  least 
^50,  000  additional.  These  costs  should  be  recognized  as  costs  to  accom- 
modate the  science  requirements;  they  are  not  a basic  orbiter  cost. 

Power  Amplifier 

The  power  amplifier  specified  in  Uic  preferred  Atlas /Centaur  orbi- 
ter is  identical  to  that  described  for  the  Atlas/Centaur  bus,  i.e.,  a b-watt 
solid-state  amplifier.  A description  of  the  unit  was  provided  in  tlie  bus 

section, 

Conscan  Signal  Processor 

The  selected  digital  conscan  signal  processor  is  the  flight-proven 
uiumnlified  Pioneers  10  and  11  unit  (see  Figure  8.Z-34).  It  meets  all 
Pioneer  Venus  functional  requirements,  is  light  l0.4  kilograms  (0.8  pouud)|. 
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low  power  (1,2  watts),  ami  highly  reliable.  The  processor  estimates  the 
phase  and  the  amplitude  of  the  0,08  Hz  (4,8  rpni)  conscan  signal  embedded 
in  noise  and  interference  produced  by  wobble,  antenna  pattern  distortion, 
and  other  sources.  The  conscan  signal  phase  determines  the  precession 
thruster  firing  while  the  amplitude,  which  is  proportional  to  earth  aspect 
angle,  terminates  conscan  when  the  selected  threshold  (deadzone)  is 
reached.  The  digital  implementation  closely  approximates  an  optimum 
maxinuun  likelihood  phase  and  amplitude  estimator.  The  processor 
requires  an  accurate  frequency  (spin  rate)  reference  which  is  supplied  by 
tlie  sun  sensor.  (See  Section  8.5,  Attitude  Determ imition  and  Control,  for 
the  conscan  functional  description, ) 


Subsystem  Weight  and  Power  Siunmary 

Ihe  preferred  AU<>.s/Cejvtaur  orbiter  communiciition  subsystem 
weiglit  and  power  is  summarized  in  Table  8. 
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Table  8.  2-33.  Conwunicatlono  Subsystem 
Weight  and  Power  Summary 


ITEM 

quantity 

WEIGHT  T 

: KG  (LB) ; j 

(WATTS) 

RECEIVER 

2 

( 5.2) 

7.0 

CONSCAN  PROCESSOR 

! 

0.4  ( C.d) 

1.2 

TRANSMITTER  DRIVER 

2 

l.l  ( 2.4) 

3.5 

POWER  AMPLI.  lER 

2 

0.6  ( 1.2) 

22.0 

hybrid 

1 

0.05(0.1) 

DIPLEXERS 

2 

1.9  ( 4.3) 

SWITCHES 

6 

1.6  (3.6) 

AFT  OMNI 

1 

0.1  ( 0.3) 

FORWARD  OMNI 

1 

0.4  ( 0.9) 

ANTENNA  (5-FOOT  DISH) 

I 

3.3  ( 7.3) 

AFT  HORN 

1 

1.5  ( 3.3) 

RF  COAX  AND  CONNECTOR 

A/R 

1.4  ( 3.0) 

14.7  (32.4) 

33.7 

NOTE:  THESE  WEIGHTS  WERE  CHANGED  SLIGK  iLY  SUBSEQUENT  TO  PREPARATION  OF 
MASS  PROPERTIES  TABLES  IN  SECTION  6 OF  THIS  REPORT. 


8#  2*  5 Recommended  Communications  Subsystem  [^T/DIII  T/D  III 

8.2.  5.1  Probe  Bus  (1977  Probe  Mission  Launch)  T/D  III 

Tbe  recommenced  iTobe  bus  configuration  is  earth  pointing  for  both 
the  Thor /Delta  and  Atlas /Centaur  versions  for  the  1977  launch  and  Version 
in  science  payload.  For  most  of  the  cruise  period  and  during  entry  the 
aft  end  of  the  spacecraft  is  pointed  at  earth,  i.  e. , the  spacecraft  spin  axis 
is  pointed  towards  earth  within  an  angle  constrained  by  the  beamwidth  of 
the  aft-pointing  directional  antenna.  For  launch,  midcourse  maneuvers, 
and  probe  release  sequences,  communication  coverage  is  provided  by  a 
pair  of  omnidirectional  antennas,  one  forward  and  one  aft.  The  antennas 
are  interconnected  through  switches  and  diplexers  to  redundant  receivers, 
transmitter  drivers,  and  power  amplifiers.  The  block  diagram  is  shown 
in  Figure  8.2-35  along  with  a weight  and  power  summary. 

The  Thor/ Delta  payload  weight  limitation  constraints  the  communi- 
cation subsystem  to  a low  weight  design,  a 1.  8-kilogram  (1 -pounds)  Viking 
transponder  and  a 0.  45  kilogram  (1 -pound)  solid-state  power  amplifier. 
The  power  amplifier  will  have  a dual  output  power  level  capability  (3  and 
6 watts)  to  reduce  the  solar  array  sizing  requirement.  The  o\itput  level 
will  be  controlled  by  the  DC  supply  voltage,  28  volts  for  6 watts  and 
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21  volts  for  3 watts.  The  Atlas /Centaur  payload  capability  allows  the  use 
of  residual  Pioneers  10  and  11  transponders,  3.  1 -kilograms  (6.  8 pounds), 
and  8-watt  TWTA's,  1.  8-kilograms  (4  pounds),  without  making  any  new 
units,  resulting  in  considerable  cost  savings.  The  preferred  directional 
antennas  is  a 0.  35  meter  (2-foot)  diameter  parabolic  dish,  flown  on  the 
Defense  Support  Program  (DSP)  with  greater  than  20  dBi  gain  and  one 
sided  half-power  beamwidth  of  0.  113  radians  (6.  75  degrees).  The  1977 
laxuich  allows  bus  entry  with  the  ram  and  earth  directions  colinear  and 
therefore  permits  use  of  such  a narrowbeam  antenna.  The  forward  omni 
is  a Pioneers  10  and  ll  unit  and  the  aft  omni  is  a DSP  unit.  The  diplexers 
and  switches  are  also  Pioneers  10  and  11  qualified  units.  The  Viking 
Lander  transponder  is  presently  going  through  qualification  but  the  solid- 
state  power  amplifiers,  as  required  for  this  program,  would  have  to  be 
qualified  for  space  use. 

All  three  antennas  are  located  off-axis  because  of  the  centered  loca- 
tion of  the  large  probe  on  the  forward  end  and  the  launch  vehicle  adapter 
on  the  aft  end.  The  off-axis  antenna  locations  are  advantageous  for 
attittide  control,  however,  as  they  provide  spacecraft  pointing  information 
through  doppler  spin  modulation. 
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During  launch  and  through  the  first  midcourse  maneuver  as  a mini- 
mum, the  two  Omni  antennas  will  be  separately  connected  to  the  two  re- 
ceivers and  two  transmitters  through  switches  SI  and  S2,  respectively. 

The  aft  dish  will  be  disconnected  during  this  phase  and  will  not  bt*  re- 
quired until  55  days  into  the  mission,  Ry  this  time  switches  S3  or  S4 
will  be  activated  to  connect  the  dish  to  a receiver  and  transmitter  as  the 
forward  omni  is  disconnected,  nominally  not  to  be  required  for  the  re- 
mainder of  the  mission.  Switch  S4  is  included  to  prevent  a single  point 
bus -entry  mission  failure  if  switch  S3  failed  in  the  forward  omni  position. 

The  communications  bit  rate  capability  with  the  26 -meter  network 
during  cruise  varies  from  16  to  1024  bits/s  as  antennas,  power  levels,  and 
range  vary  during  the  mission.  Probe  release  and  bus  entry  are  handled 
by  the  64-meter  network  at  16  and  1024  bits/s  respectively. 

DSN  Configuration  During  Probe  and  Bus  Entry 

It  is  desirable,  from  the  standpoint  of  the  number  of  available  re- 
ceivers at  the  two  64-meter  tracking  stations  at  entry,  to  have  the  bus 
tracked  in  a two-way  mode  by  the  26 -meter  stations.  Two  constraints 
prohibit  the  26 -meter  stations  from  tracking  the  bus  all  the  way  through 
bus  entry:  two-way  doppler  rate  and  the  entry  high  data  rate  require- 
ment (512  bits/sec.  The  buildup  of  two-way  doppler  rate  from  2 hours 
before  bus  entry  (-'0  Hz/s)  to  entry  ('-60Hz/s)  limits  the  Block  El  re- 
ceiver tracking  capability  to  about  1 /2  to  1 hour  before  entry  (10-25  Hz/s); 
see  JPL  Technical  Report  32-1526,  Vol.  XIII,  page  23  and  also  Vol.  X, 
page  168,  Also,  the  26 -meter  station  can  support  no  more  than  128  bits/s 
at  bus  entry  for  the  preferred  bus  EIRP,  For  both  these  reasons  the  bus 
entry  should  be  delayed  from  t^  e last  probe  **touchdown*^  at  the  surface 
a minimum  of  1 /2  to  f hour.  This  allows  one  receiver  per  probe  per 
64-meter  station  during  simultaneous  probe  entry  and  two  receivers  per 
probe  per  station  if  a sequentia**  probe  entry  sequence  (two  at  a time) 
were  used.  Predetection  recording  would  be  accomplished  at  each  64- 
meter  ntation  with  a fifth  receiver  operated  in  an  open-loop  mode.  After 
the  last  probe  impacts  the  surface,  the  64 -meter  station  with  Block  XV 
receivers  would  be  available  to  track  the  last  1 /2  to  1 hour  bus  entry  with 
a programmable  doppler  rate  capability  and  also  to  give  a 1024  biis/s  entry 
telemetry  capability. 


Performance'  Data 
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The  nnssion  data  rate  profile  for  tlie  preferred  Thor/Dtlta  confi^•• 
uratior  ‘s  nliown  in  I’ipnro  8,2-36,  Telemetry  power  budgets  for  prol>e 
release  and  1ms  entry  are  sliown  in  Tal>le  8.2-31,  and  an  iiplinh  power 
budget  using  a 26-meter  station  in  a two-way  tracking  mode  only  Is 
shown  in  d’able  8.  2-35.  The  uplink  margin  is  greater  than  30  dH,  sxxffi- 
cient  for  a good  two-way  tracking  data.  The  resulting  receiver  SNR  of 
about  40  dB  is  sufficient  for  the  bus  to  track  uplink  doppler  rates  up  to 
3 0 Hz/s  with  the  receiver  phase  error  remaining  within  iO,  052  radian 
(±3  degrees). 
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Figure  8. 2-36.  Bus  Telemetry  Rote  History 

The  data  rate  profile  shows  two  transmitter  power  outpxit  levels, 

3 and  6 watts.  The  6 -watt  power  level  is  required  for  receiver  carrier 
tracking  with  the  64 -meter  station  during  probe  release  while  the  bus  is 
transmitting  through  an  omni  antenna  of  -2  dBi  minimum  gain.  This 
mission  design  point  also  establishes  the  modulation  index  reqxiirement 
at  0.66  radians.  At  probe  release  the  link  is  sized  at  !6  bits/s,  allowing 
for  an  8 bits/s  backup  mode  in  case  of  any  unforeseen  performance  de- 
gradations. The  alternate  3 -watt  level  is  used  to  minimize  the  sizing  of 
the  solar  array  at  149.  6-gigamcters  (1  AU)  where  the  earth-spacecraft 
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Table  8.2-35.  lius  Entry  Uplink  Control  Table 


NUMBCR 

PARAMf  TCR 

NOMINAL 

AD'.ERSE 

NOTES  1 

■+  — - A 

I 

FREQUENCY  ^Mh2- 

2114 

0 

7. 

RANGE  'GiGAMtTLR  .AUil 

<0.48. 

0 

3 

TRANSMITTER  POWER  iDBM> 

73.0 

0 

20  1 W 

4 

TRANSMITTER  AT4TENNA  CiAIN  (HBi 

SI  .8 

0.9 

26  METf'^  nSS 

SPACE  LOSS 

-2S6.1 

0 

6 

RECEIVER  ANTENNA  GAIN  (C>B» 

19.0 

0.5 

0.6  METF.R  DISH 

7 

POINTING  LOSS  iDBi 

-0.3 

0.2 

* 

lOLARlZATlON  LOSS  (D»i 

-0.2 

0.1 

9 

receiver  circuit  loss  \DB1 

-1.4 

0.1 

lO 

TOTAL  RECEI\’ED  POWER  iD8M'n3M^5'6'7*8'9t 

-114,2 

... 

I 1 

RECEIVER  NOISE  SPECTRAL  DENSITY  .DBM  HZi 

-169 

i .0 

^SYS  ■ ^ 

12 

fDB-HZl  1 10-ir* 

54,8 

‘ CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  tDB)  | 

0 

0 

■ 4 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZi 

! ’3.0 

1 1.0 

i - 2C  HZ  AT  6 DB  SNR 

!6 

; LOOP  SNR  .DSi  (12N3-U1 

' 41  .6 

--- 

16 

; .REQUIRED  LOOP  SNR  ^ LIMITER  LOSS  (DB'  I 

6.3 

0 

j LIMITER  LOSS  = 0.3  DB 

17 

' PERFORMANCE  MARGIN  (D8)  (15-161  ! 

I 

35.5 

1 .8 

1 R5S  TOLERANCES 

: COMMAND  CHANNEL  PERFORMANCE  ’ 

j 

1 

18 

1 DATA  MODULATION  LOSS  (DB^ 

... 

... 

\ 

19 

I DATA  BIT  RATE  iDB-BITS.''SECl 

-- 

20 

1 RECEIVER  LOSS  iDB> 





f NO  COMMAND 

/MODULATION 

21 

! Eg  Nq  (DBW  1208-19^20) 

--- 

... 

22 

REQUIRED  Eg  Nq 

— 

... 

j 1 

23 

PERFORMANCE  MARGIN 

— 

... 

communication  range  is  small,  requiring  less  EITP,  The  3 -watt  output 
of  the  solid-state  power  amplifier  i.s  implemented  by  switching  a voltage - 
dropping  power  resistor  into  the  28  VDC  supply  line,  thereby  dropping 
the  amplifier  supply  voltage  to  about  2|  volts,  resulting  in  a reduced  RF 
output  level  of  3 watts. 

During  the  first  55  days  the  aft  omni  is  used  to  allow  favorable  sun 
aspect  angles  for  probe  thermal  considerations.  During  this  time  normal 
tracking  by  the  26-meter  network  allows  bit  rates  from  1024  to  32  bits/s. 


For  both  the  probe  and  orbi.ter  missions  the  Pioneers  10  and  11  preferred 
DTU  will  be  modified  to  generate  bit  rates  from  8 to  1024  hits/s  (instead  of 
of  16  to  2048  bits/s)  since  an  8 bits/s  but  not  a 2048  bits/s  requirement 
exists.  For  the  modification  see  S.-ction  8.3,  Data  Handling. 
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Except  for  the  2-weck  probe  release  sequence  the  remainder  of  the  mission 
is  accomplished  using  the  aft  0.  6-meter  (2 -foot)  diameter  dish.  The 
power  budget  during  entry  with  the  64-meter  station  shows  sufficient 
margin  (3,  9 dB)  above  the  RSS  tolerances  to  allow  the  spacecraft  to  be 
pointed  off  the  spacecraft-earth  line  up  to  the  antenna  half-power  one 
sided  beamwidthi  about  0,  122  radian  (7  degrees),  and  still  support  a bit 
rate  of  1024  bits/s.  The  entry  EIRP  at  beam  center  is  56,  0 dBm, 

Antennas,  The  recommended  Thor /Delta  bus  antennas  are  the 
same  as  the  preferred  Atlas /Centaur  bus  antennas  described  in  Section 
8,2.4.!  except  for  the  medium-gain  antenna.  For  the  Thor/Delta  bus, 
the  medium- gain  antenna  is  the  0.6 -meter  (2 -foot)  dish  as  shown  in 
Figure  8,  2-37.  The  dish  was  selected  over  the  horn  in  this  case  pri- 
marily because  of  its  higher  gain  since  an  offset  entry  angle  was  not  re- 
qxiired  for  the  1977  bus  mission. 


THOR.'DELTA  probe  bus 
SPACECRAFT 


FORV/ARD  , ^ 

OMNI  " 0 RAD 


VfPIUM 
«'3AIN  niSH 


MEDIUM  OAIN  DtSM 
!)SP  2-FOCT  DISH 


^ y . AFT 

OMNI 


\ OLlAGF  pattern 
f RtL  SPACE  i 2,i  GHZ 
POLARIZATION!  RHCP 
PLANE;  • VAR.,  1.57 
RAOiRO  DEG 

■■  0 RAD 


characteristics- 

FREQUENCY; 

POLARtZATICN: 

PEAK  GAIN: 

HALF  POWER  BW- 

VSW  R 

AMAL  KATIO 
WEIGHT'  .1,9  kGM 

DESCRIPTION; 

• FIOWN  ON  FLOWN  ON  DSP  SPACECRAFT 

• 0.6  M HONEYCOMB  SANDWICH  PARABOLA 

• CUPPED  CROSS  DIPOLES  FED'.VIIH  SPLIT 
TUBE  8AL UN 


7.1  GHZ 
RHCP 
19.0  DBI 
0.775  RAD 
16  DEG 
J;1 
-1 


? . i GHZ 
RHCP 
70  DBI 
0.2J1  RAD 
U3.5  DEG 
1.5;1 
1 ,5  DB 


Flqure  8. 2-37.  Thor/Delta  Probe  Spacecraft  Medium-Gain  Antenna 

Transponder.  The  various  transponders  considered  for  Pioneer 
Venus  have  been  described  in  previous  sections.  To  minimize  costs 
and  to  maximize  commonality,  it  has  been  decided  to  baseline  the  Viking 
Lander  transponder  until  cost  and  technical  proposals  are  received  from 
potential  puppliers.  As  discussed  earlier,  both  the  S-band  receiver  and 
transmitter  will  be  purchased  from  the  same  vendor  to  minimize  inter- 
face problems. 

Power  Amplifier.  The  power  amplifier  specified  for  the  bus  is  a 
3 /6-watt,  dual  mode,  solid-state  amplifier.  It  is  identical  to  those 
described  in  Section  8.  2,  4,  1, 


T/DHI  Subsystem  Weight  and  Power  Summary^  The  recommended  Thor/ 
Delta  prol>e  bus  communication  subsystem  weight  and  power  ic  summarized 
in  Table  8.  2-36. 

Table  8.  2-36.  Subsystem  Weight  and  Power  Summary 


IHM 

QUANTITY 

WEIGH  I 
II  G (LBlI 

DC  POWER 
(WATTS) 

kCCtlVER 

2 

r 

2.4 

(5.2) 

7.0 

TkANSMITTER  DRIVER 

2 

I.J 

(2.4  > 

3.5 

POWER  amplifier 

2 

0.6 

(1  .2) 

22.0 

1 

HYBRID 

1 

0.05 

(0.1 1 1 

OIPLEXER 

1 .9 

(4.3) 

SWITCHES 

1 

4 

1 

1 .1 

(2.4) 

r OP  WARD  OMNI 

1 1 

0.1 

(0.3> 

AFT  OMNI 

, 

0.4 

(0.9) 

1 

MEDIUM  GAIN 

ANIENNA  (2-FT  DISH) 

1 

0.9 

.2.0) 

RF  COAX  AND  CONNECTORS 

A R 

0 9 

(2.0) 

TOTAL 

9.4 

(20.8) 

32.5 

i 31  W ^ 
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The  recommended  Thor/ Delta  orbiter  spacecraft  configuration  has 
its  spin  axis  perpendicular  to  the  spacecraft-earth  line,  (the  spin  axis  is 
also  in  a plane  perpendicular  to  the  Venus  orbit  plane).  The  primary  down-  j 

link  communications  antenna  is  a 1.2-meter  (4-foot)  11  dB  Pioneers  6 i 

through  9 Franklin  array  fanbeam  antenna  centered  on  the  spacecraft  i 

spin  axis.  Together  with  a 35-watt  TWTA  (minimum  31  watts),  the  down-  j 

link  supports  256  bits/s  with  the  64-meter  network  and  8 bits/s  with  the  j 

26-meter  network  at  254.32  gigameter  (1.7  AU).  The  primary  spacecraft  I 

receive  antenna  is  a 0,6  meter  (2-foot)  section  of  the  same  antenna,  8 dB 
gain,  which  is  mounted  on  top  of  the  downlink  antenna.  It  is  tilted  0.  06 
radian  (3,  5 degrees)  off  the  spin  axis  to  provide  altitude  control  error 
signals  to  the  conscan  signal  processor.  This  fanbeam  antenna,  which 
provides  the  beam  scanning  capability  for  attitude  control,  is  referred  to 
as  the  fanscan  antenna,  A block  diagram  of  the  subsystem,  which  includes 
these  antennas,  is  shown  in  Figure  8,2-38, 

A forward  omni  antenna  is  included;  it  is  a Pioneers  6 through  9 
unit  with  horizontal  polarization  and  has  a toroidal  pattern  which  provides  i 
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Fiqurj  8.2  38.  Orbiter  Communication  Subsystem  Block  Diagram 


coverage  at  the  i.  05  radian  (60-degree)  earth  aspect  angle  during  orbit 
insertion.  The  horizontal  polarization  provides  some  isolation  from  the 
vertical  polarization  of  the  fanbeam  and  fanscan  antennas;  it  represents 
no  ground  station  uplink /downlink  operational  problem,  since  both  uplink 
and  downlink  will  be  handled  by  this  antenna  when  in  use.  In  the  normal 
cruise  attitude  the  uplink  fanscan  and  downlink  fanbeam  antenna  polariza- 
tions are  essentially  colinear  (to  within  0.06  radian  (3.  5 degrees)]  and 
also  provide  compatibility  with  the  simultaneous  transmit  (command)  and 
receive  (telemetry)  colinear  polarization  limitation  of  the  26-meter  sta- 
tions, The  forward  omni,  along  with  the  aft  low  gain  horn,  provides  near 
spherical  coverage  for  launch  and  midcourse  maneuvers.  The  only  •'hole'* 
in  the  near-spherical  omni  coverage  is  a 0,35  radian  (20-degree)  half- 
angle cone  (-5  dB  point)  along  the  forward  axis  where  there  is  no  mission 
requirement  for  communications.  The  aft  low-gain  horn  is  the  feed  from 
the  Pioneers  10  and  II  high-gain  dish  and,  together  with  the  forward 
omni,  provides  -2  dBi  near-spherical  coverage  except  for  a 0,  5H  radian 
(13 -degree)  half  angle  cone  about  the  forward  spin  axis.  The  -2  dRi 
coverage  includes  a 3 dB  circular /linear  polarization  loss  and  a 3 dB 
hybrid  coupling  loss  for  the  low-gain  horn. 


I 


1 


i 


I 

J 


J31  W 

T/D  III 


The  lilock  diagram  slmws  the  coupling  of  the  faxiscan  antenna  and 
t)u  aft  low-gain  liorn  in  a 3 cIR  hybrid  !>efore  tho  connection  to  Receiver  f, 
since  tlic  two  patterns  Iiavc  essentially  no  overlap,  any  potential  inter- 
ferometer  region  ig  minin^ized*  The  forward  omni  is  connected  to  Pe- 
c ei\o>r  2,  preventing  any  lock-out  mode^  After  nrl)it  insertion  I at  B4 
giganieters  (0.  4 AU)  commuTiication  rangel  and  perpendicular  space- 
craft attitude  is  regained,  switch  S4  is  activated  to  connect  the  fanscan 
antenna  directly  to  one  of  the  receivers,  through  switch  SI,  bypassing 
the  coupler  and  gaining  3 dR  more  uplink  sensitivity.  The  forward  omni 
and  low-gain  horn  will  no  longer  be  used  except  in  some  catastrophic 
attitude  failure  mode  and  then  only  an  uplink  capability  would  exist,  since 
the  omni  downlink  capability  with  the  64-meter  station  ”runs  out'*  shortly 
after  orbit  insertion.  The  fanbeam  antenna  is  used  for  the  downlink  only 
to  save  diplexer  and  switch  insertion  losses.  The  insertion  loss  between 
the  transmitter  and  antenna  is  then  only  0.  5 dB.  A TWTA  output  bandpass 
filter  would  be  required  without  the  diplexer. 

The  preferred  transponder  is  a Viking  Lander  unit  and  the  power 
amplifier  is  a dual  mode  35/14  watt  TWTA  unit  made  up  of  an  MVM  ’73 
tube  and  Helios  power  supply.  Qualification  would  be  required.  When 
transmitting  over  the  omni  or  low-gain  horn  the  low-level  output  is  used. 
This  allows  the  use  of  exi&ting  Pioneers  10  and  II  switches  and  diplexers 
which  are  not  rated  for  power  levels  up  to  35  watts. 

Performance  Data 

The  bit  rate  capability  of  the  orbit  phase  of  the  mission  (see  Figure 
8,2-39)  decreaees  from  1024  bits/s  (59*  84  to  1.  27  gigameters  (0.  4 to 
0.85  AU)1  to  256  bits/s  at  254,32  gigameters  (1*7  AU)  with  the  64-meter 
stations.  For  the  backup  mode  with  the  26 -meter  network,  the  capability 
decreases  from  256  bits/s  at  VOX  to  8 bits/s  at  end-of-mission.  A dual 
modulation  index  capability  is  implemented  to  provide  the  backup  tracking 
mode  by  the  26-meter  network.  The  index  would  be  changed  by  command 
from  1.  15  to  0.  48  radians  whenever  this  backup  mode  was  required.  Dur- 
ing cruise  the  26-meter  stations  are  used  with  bit  rate  capability  decreas- 
ing from  1024  bits/s  near  earth  to  256  bits/s  at  VOi,  The  1924  bit/s 
limitation  is  set  by  the  implementation  of  the  Pioneers  10  and  11  digital 
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Figure  8. 2-39.  Orbiter  Telemetry  Rate  History 

telemetry  unit  which  will  be  slightly  modified  to  produce  bit  rates  from 
8 to  1024  bits/s.  There  does  not  appear  to  be  a requirement  for  bit  rates 
ill  excess  of  1024  bits/s. 

Tables  8.2-37  through  8.2-4C  shows  telemetry  design  control 
tables  for  the  orbiter  at  the  end-of-mission  (254.32  gigameters  (1.7  AU)1 
with  an  EIRP  of  55.  3 dBm.  Table  8.  2-37  assumes  a slightly  lower  than 
nominal  spacecraft  transmitter  power  of  33  watts  and  a transmitting 
antenna  gain  of  11  db.  Reception  of  the  coded  data  with  less  than  10 
frame  deletion  rate  via  the  26 -meter  stations  of  the  DSN  constrains  the 
maximum  bit  rate  to  he  8 bits/s  and  the  modiilation  index  to  be  0.  48 
(±10  percent)  radians. 

Table  8.  2-38  indicates  that  a data  rate  of  64  bits/s  can  be  used 
with  the  64-meter  stations.  Furthermore,  the  large  carrier  margin 
shown  in  Table  8.  2-38  implies  than  an  even  larger  data  rate  can  be 
handled  if  the  modulation  index  is  increased. 

Table  8.  2-39  shows  that  the  64-meter  stations  can  handle  as  high  as 
2 56  bits/s  if  the  modulation  index  is  switched  to  1.15  radians. 
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Table  8.2-37.  End-of-Mis sion  Design  Control  Table 

(26-Meter,  10.8  Hz  Loop,  0 = 0*48  Rad) 


HUMBE9 

PARAME  TCP 

NOMINAL 

1 ADVERSE 

NOILS 

1 

fREQl  f.;  jC.Y  iMHZ> 

' 2300 

2 

PANCC  "CjIGAMETER  'Aur 

2i4.32 

,l.7> 

CND-Of -MISSION  (EOMi 

3 

TRANSMirur^  POv;Ck  <uBM) 

j 45.2 

0.3 

33- WAIT  NOMINAL 
J3NV/ATI  AOvERSe? 

4 

TRANiMintP  OROUIT  LOSS  (09» 

-O.S 

0.1 

... 

5 

TRAfJ  SMI  TIER  ANTErjNA  GAIN  iDB) 

11 .0 

0.3 

FANBEAM  4 FT) 

6 

POINTING  LOSS  (Oft) 

; -0.3 

0.2 

O.OU  RAD  (0.9  DEG)  PITCH  ERROR 

7 

POLARIZATION  LOSS  fD6) 

-0.1 

0.0 

0.17  RAD  no  DEG)  OFFSET  LINEAR 

8 

SPACE  LOSS  fDB) 

-267  .8 

-- 

... 

9 

RECEIVER  ANTENNA  GAIN  iDBI 

1 53.3 

0.6 

26  METER 

10 

TOTAL  RECEIVED  POV/E'’  (3+4^5+6^7+8+91 

1 -159.2 

... 

n 

RECEIVER  NOISE  SPECTRAL  DENSITY  (OeM/HZ) 

-181. 9 

o.y 

47‘^K,  0.26  RAD  (15  DEG)  ELEVATION 
"0.17  RAD  no  DEG)  ELEVATION  ADVERSE: 

12 

P^,  iDB-HZ)  (lO-lIi 

22.7 

1.2 

RSS  TOLERANCES 

i 

CARRpER  Tf<ACK(NG  PERFORMANCE 

i 1 

1 

13 

CARRIER  MODULATION  LOSS  (DB) 

-1  .0 

1 1 

1 0.3 

1 

0.48  ■ ICTo  RAO 

14  ! 

THRESHOLD  LOOP  BANDV/IDTH  (D6-HZ) 

! 10.3  1 

i 0.5  1 

1 10.8  HZ  LOOP 

15  1 

LOOP  SNR  (DB)(I2+13-U) 

: 11.4 

j ...  i 

— 

16 

REQUIRED  LOOP  SNR  {DB> 

. 10.0  j 

0.0 

— - 

1" 

HERFOR.MANCE  MARGIN  (DB)  (15-16) 

! >.4  i 

i 1.3 

RSS  TOLERANCES 

DATA  CHANNEL  PERFORMANCE 

18  j 

i 

DATA  MODULATION  LOSS  I'DB) 

i ! 

i 1 

0.9  1 

0.48  ^ 

19  i 

DATA  SIT  RATE  (DB-BITS  SEC  ( 

i 9.0  ; 

: 

8 BITS  SEC 

20  ! 

i 

1 

receiver  loss  08i 

1 

-3.2  i 

0.5  ; 

ESTIMATED  FROM  PIONEER  9 DATA  AND 
NEW  SDA  AND  SSA 

21  1 

Eq/'Nq  (DSMl2+ia-19+20i 

3.8 

...  i 

— . 

22  ^ 

REQUIRED  E^/Nq  (OB) 

2.2 

— 

10'^  DELETION  RATE 

23  i 

1 

PERFORMANCE  ^MRGlN  ) (21-22) 

1 .6 

1 .6 

RSS  TOLERANCE 

r 

Tabl#;|. 

.)-4 


I NUMBER  : ^ 

1 

^ 

FREQUENCy|| 

2 

RANGE  'OfOM 

3 

TRANS  Ml  TTKJ 

4 

TRANSMfTTaa 

5 

TRANSAMTTBti 

6 

POINTING 

7 

POLARIZATION 

8 

SPACE  LOSS  m 

9 

RECEIVER  ANil 

4 

10 

TOTAL  Riltm 

11 

receiver  NO^ 

12 

P^No(DB-H^ 

CARRIER 

13 

CARRIER  MOai| 

U 

THRESHOLD  litt 

15 

i 

LOOP  SNk  (Oil 

16  1 

: REQUIRED  LOd 

17 

PERFORMANdl 

18 

DATA  MODUlM 

19 

DATA  BIT  RAlfl 

20 

RECEIVER  Lod 

2>  1 

22 

REQUIRED  E|S 

TT 

PERrORMAls« 

I 


Tabic  8.2-38.  End-of-Mission  Design  Control  Table 
(64-Meter,  10  Hz  Loop,  6 = 0.  48  Rad) 


number 

PAi^*.MtTLK' 

NOMINAL 

ADVERSE 

.. 

NOUS 

1 

F^.EQiJENCY  iMHZ) 

2300 

2 

RANGE  "GiGAMETEft  lAUi] 

254.32  it .7) 

0.3 

3 

TRANSMITTER  POWER  iDP.M; 

45.2 

0.3 

38  WATTS  NOMINAL  (31  WATTS  ADVERSE) 

4 

TRANSMITTER  CIRCUIT  LOSS  iD8> 

-0.5 

0.1 

5 

TRAcJSMITTER  At-JUrji;A  GAIN  iD8i 

11  .0 

0.3 

FANBEAM 

6 

POINTING  LOSS  (DB. 

-0,3 

0.3 

7 

POLARIZATION  LOSS  (OB’- 

-O.l 

0.0 

0.17  RAO  no  DEC)  OFFSET  LINEAR 

8 

SPACE  LOSS  iDBt 

-267 .8 

9 

receiver  antenna  GAIN  (DB) 

61  .6 

0.4 

64  METER  "0.1  08  LOSS  AT  0.35  RAD  (20  DEG) 
ELEVATION] 

10 

total  received  power  (DBMi  i3+4+5+6"7^8-9> 

-150.9 

n 

RECEIVER  NOISE  SPECTRAL  DENSITY  (D8M  HZi 

-184.0 

0.6 

29»K;  0.35  RAD  (20  DEG)  ELEVATION 

12 

P^  Nq  (OB-HZ  uIO-in 

33,1 

0.8 

RSS 

CARklER  TRACKING  PERFORMANCE  | 

13 

1 

CARRIER  MODULATION  LOSS  (OBl 

i 

-1  .0 

0.3 

0.48  r 10®'oRAD 

14 

THRESHOLD  LOOP  BAr>J0V71DTH  fDB-HZ't  ' 

^ 10.0 

0.4 

1 10  HZ  LOOP 

15  i 

; LOOP  SNk  (DB)  0 2+13*14, 

22.1 

16 

REQUIRED  LOOP  SNR  (DBi  ' 

‘ 10.0  ! 

i 

1 

‘7 

1 PERFORMANCE  MARGIN  (DB)  (1506) 

, 

i2.I 

1 

RSS  TOLERANCE 

1 

DATA  CHANNEL  PERFORMANCE 

1 

! 

18  , 

DATA  MODUwATION  LOSS  (DB) 

-6.7 

0.? 

0.48  1 )0^o  RAD 

’9 

DATA  BIT  RATE  (DB-B.TS  SEC  ) 

;8.i 

64  BITS/S 

20 

RECEIVER  LOSS  lOB) 

! -4.3 

0.5 

DUE  TO  22.1  09  SNR  IN  26^^ 

21 

E^'Nq  {DBMI2+18O9+20) 

4.0 

22 

REQUIRE  DE^'Nq 

2.7 

:0"^  DELETION  RATE 

23 

PERFORMANCE  NAARGIN  (DB)  (21-22) 

1 .3 

1.3 

RSS  TOLERANCE 

i,DOt.rr 


Table  8.  2- 


! FREQUENCY  iMHZ)  1 

I RANGE  ^GIGAMETER  (aJ 

I TRANSMITTER  POV/ER  (M 

j TRANSMITTER  CIRCUIT 

I transmitter  antennaJ 

I POINTING  LOSS  m)  I 

I POLARIZATION  LOSS  {D( 

: SPACE  LOSS  (DB^  i 

RECEIVER  ANTENNA  GAI 

TOTAL  RECEIVED  POWEt 
I RECEIVER  NOISE  SPECmi 

1 P^/N^  IDB-HZ.  (10-11)  ' 

I ■ 

CARRIER  TRACKING  PEM| 

i CARRIER  MODULATION  ( 

THRESHOLD  LOOP  BAP^ 
i LOOP  SNR  » DBM  1 2+1 3-1 

j required  LOOP  SNR  (CN 

PERFORMANCE  MARGIM 

j data  channel  PERPOI 
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Table  8.2-39.  End- of- Mission  Design  Control  Table 
(64-Meter,  10  Hz  Loop,  0 = 1.  15  Rad) 


NL'MBE*! 



PARAME  TER 

NOMINAL 

ADVERSE 

NQTES 

) 

FREOUENiCV  <MH2> 

2300 

2 

RANGE  "GIGAMETER  (AU)] 

254.32  (1  .7) 

0.3 

3 

TRANSMITTER  POV;ER  (D6M) 

45.2 

0.3 

33  WATTS  NOMINAL  (31  WATTS  ADVERSE) 

4 

ANSMITTER  CIRCUIT  LOSS  i081 

-0.5 

0.1 

5 

• \NSMITTER  ANTENNA  GAIN  (08) 

11.0 

0.3 

FANBEAM 

6 

POINTING  LOSS  iDB) 

-0.3 

0.2 

7 

POLARI2ATIOMOSS  (DB) 

-0.1 

0.0 

0.17  RAO  (10  DEG)  OFFScT  LINEAR 

8 

SPACE  LOSS  lOB) 

-267 .8 

. 

9 

RECMVE-  ANTENNA  GAIN  (08) 

61 .6 

0.4 

64  METER  T 0.1  08  LOSS  AT  0.35  RAD  (20  DEG) 
ELEVATION] 

10 

TOTVL  RECEIVED  POWER  iDBM)  (3+4+5+6+7-^8+9) 

-150.9 

11 

RECEIVER  NOISE  SPECTRa.'  DENSITY  (D8M/HZ) 

-184.0 

0.6 

29®K;  0.35  RAD  (20  DEG'  ELEVATION 

12 

P^/Nq(DB-HZ;  .0-11 1 

33.1 

0.8 

RSS  TOLERANCES 

1 CARRIER  TRACKING  PERFORMANCE 

1 

13 

i ' 

i CARRIER  MODULATION  LOSS  (D:^> 

7.8 

2.8 

1 

; 1.15  t 10%  RAO 

14 

THRESHOLD  LOOP  BANDWIDTH  (D6-HZ) 

10.0 

0.4 

i 10  HZ  LOOP 

15 

LOOP  SNR  (DB)  (12+13-14)  1 

15.3 

16 

REQUIRED  LOOP  SNR  (06) 

10.0 

17 

PERFORMANCE  MARGIN  (D8)  (15-16) 

5.3 

2.9 

RSS  TOLERANCE 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  MODULATION  LOSS  (.18) 

-0.8 

0.5 

1 .15  1 10°6  RAD 

19 

DATA  BIT  RATE  (DB-filTS/SEC) 

24.1 

256  BITS/S 

20 

RECEIVER  LOSS  (OB) 

-2.7 

0.5 

21 

E^Nq  (DBM  12+18-19+20) 

5.5 

1 10"^  DELETION  RATE 

22 

REQUIRED  E^/Nq  (06) 

3.0 

performance  margin  (D8)  (21-22) 

2. .5 

1.1 

RSS  TOLERANCE 

POLDOUT  FRAAiK  8.2-89 


— f 


Tabic  8,  2-40.  End- of~Mis sion  Design  Control  Table 
(26-Meter,  3 Hz  Loop,  0 ~ 0.  96  Rad) 


1 jOMINAL 

ADVERSE 

I lOTES 

!-ij-  .UsC  , ./AM/- 

2300 

1 

1 T’AMor  GiGAfAnc'' 'AUr; 

254.32  <1  .7' 

i 

r'iAf  i/MlTTER  PO  ACR  iDBM/ 

45  2 

0.3 

33  WATTS  NOMINAL  i31  V/ATTS  ADVERSE) 

t 

TrAMSMITfEH  CfRCutt  LOGS  -DBr 

'J.5 

0.1 

4 

; r<”AMS-MITre>’  Afg^E^JrJA  GAirg  iDR( 

)1  .0 

0.3 

FANBEAM 

6 

POlMTir  JG  LOOS  .DB' 

-0.3 

0.2 

POLA-'!?ATlO:  J LCOS  - DB- 

-0.0 

0.0 

0.17  RAD  '10  DEG f OFFSET  LINEAR 

c 

SPACE  LOSS  <DBi 

-267.8 

■) 

^■ECEl . Ek  Ar:rfNNA  GAIN  .DB) 

53.3 

0.6 

26  METER  (BLOCK  IV  RECEIVER) 

’ 0 

TOTAL  ‘DECEIVED  PO'-VEP  ^DBM'*3^4-  5^6^7-^8^' 

-159.2 

? 

?ECEIVE9  NOISE  SPECTf^AL  DENSITY  f DBM  HZ) 

-182.2 

0.7 

44®K;  0.35  RAD  (20  DEGi  ELEVATION 
"0.26  RAD  (15  DEG)  ADVERSE? 

1 2 

P^  )D6-HZy  '.10-11  ■ 

23.0 

1.0 

RS5  TOLERANCES 

' CA-RIER  IHACnUG  PERFORMANCE 

i 

13 

CAPPtEff  MODULATION  LOSS  TDB) 

-4.8 

1 .4 

1 0.96  r I0°o  RAD 

U 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZl 

6.3 

0.5 

1 3 HZ  LOOP  WITH  1.5  DB  DEG 

15 

i LOOP  SNR  <DB)  f 12^-1 3-141 

n .9 

1 

16 

1 REQUIRED  LOOP  SNR  (DBi  ! 

10.0 

1 

1 

17 

; PERFORMANCE  MARGIN 'D&G 

1.9 

i-  1 .8 

1 RSS  TOLERANCES 

i DATA  CHANNEL  PERFORMA.  ""E 

1 

1 

18 

i DATA  MODULATION  LOSS  (DB) 

-1 .7 

0.7 

0.96  t 10°o  RAO 

19 

i data  bit  rate  /db-bits  seo 

12.0 

— 

16BITS^S 

20 

PECE'*'ER  LOSS  =DB' 

-5.6 

0,5 

21 

rj-  i08) ) 12^8-19^20) 
c J 

:-..7 

1 

1 

i 

22 

! REQUIRED  Eg  Nq  <DB> 

2.4 

10"^  DELETION  RATE 

23 

\ PERFORMANCE  MARGIN  iDB)  (21-22) 

1 

1 .3 

1 .3 

RSS  TOLERANCES 

1 

1 

s 

% 

A 


) 

I 


i 

: 

Table  8.  2 J 

NUMBER 

paramA 

1 

FREQUENCY  (MHZ)  J 

2 

RANGE  'GIGAMETCrU 

3 

TRANSMITTER  POWER  M 

4 

TRANSMITTER  ClRCUlTfl 

5 

TRANS.MITTER  ANTENP® 

6 : 

POINTING  LOSS  (DB)  S 

7 1 

POLARIZATION  LOSS  a 

8 

SPACE  LOSS  (DB)  ^ 

9 

receiver  ANTENNA Gg 

10 

TOTAL  RECEIVED 

n 

RECEIVER  NOISE  SPSCH 

12 

P^'Nq  (DB-HZ)  (10-UJ 

; 

CARRIER  TRACKING  PI 

13 

CARRIER  MODULATIOI 

14 

THRESHOLD  LOOP  BAP 

15 

LOOP  SNR  (DB)(12+1J 

16 

REQUIRED  LOOP  SNR i 

17 

PERFORMANCE  MARGI 

data  channel  PEh.^ 

18 

DATA  MODULATION  \ 

19 

DATA  BIT  RATE  (DB*B|1 

20 

RECEIVER  LOSS  (OB)  , 

21 

Ej^/Nq  (DBm12+(8-H 

22 

REQUIRED  Eg  N^  (D» 

23 

PERFORMANCE  MARG 

5LDOUT  FRAME 


I 


"Table  8.2-41.  Orbit  Insertion  Design  Control  Table 


3QUENCY  (MH2) 

. NG6  '01  GAME  TER  (AU)] 
i=ANSMITTEft  POWER  ^OBM) 
i=ANSMlTTER  CIRCUIT  LOSS  {DB) 
i=AN5MlTT£R  ANTENNA  GAIN  (DB) 
StiNTINO  LOSS  (0B> 
::3LA«I2ATI0N  LOSS  (OB) 
loss  (DB) 

5IEIVER  ANTENNA  GAIN  (OBJ 


^^•TAL  RECEIVED  POWER  (DBM)  04*^5+6^7+8+9) 
H^IEIVER  NOISE  SPECTRAL  DENSITY  t DBM/HZ) 


-RRIER  TRACKING  PERFORMANCE 

^•RRI6R  MOOUIATION  LOSS  (DBi 
^cSHOLO  LOOP  BA^4DWIDTH  (DB-HZp 
^•OP  SNR  (OB)  (12+1 3-1 4) 

±iUlR£D  LOOP  SNR  (OB) 

-^fOPMANCE  ^\ARGIN  (DBn  15-16) 

TA  CHANNEL  PERFORMANCE 

TA  MODULATION  LOSS  (06) 

TA  BIT  RATE  I DB-B ITS/SEC) 
itElVER  LOSS  'OB) 


:rjUIRED  Eg  Nq  (DB) 


FOftMANCt  MARGIN  (DB)  (21-22) 


?J)0U7'  pt?ai 


2300 

59.84 'C. 4 


41.5 

0.2 

-1.1 

0.1 

-0.5 

0.0 

0.0 

0.0 

-0.1 

0.0 

-25,5.2 

— 

61 .6 

; 0.4 

-153.8 

i 

-184.0 

: 0.6 

30.2 

; 0.8 
i 

-1 .0 

! 

0.3 

10.0 

0.4 

19.2 

10.0  ■ 

. 

9.2 

1.0 

-6.;  1 

0.9 

15.1 

— 

-4,1  i 

1 

0.5 

4.3 

— 

2.5  ! 

— 

1.8  i 

1 

1 .3 

14  WATT$  nominal 


forward  Omni 


(0.4  GlG^.  "^icRAU; 


; 64  METER  (0,1  DB  LOSS  AT  0.35  RAD  (20  DEG' 
I ELEVATION 


29°K;  0.35  RAD  (20  DfGf  blEVATlON 
RSS  TOLERANCE 


I 0.48  T 10^0  RAD 
I 10  HZ  LOOP 


RSS  TOLERANCE 


} C.48  : 10- o RAD 
I 32  BITS  ^ 

1 ESTIMATED 


; 10  DELETION  RATE 
! RSS  tolerance 


Table  8.2-42.  Uplink 


FREQUENCY  (MHZ) 

RANGE  ^GlGAMETiiRS  (AUO 
TRANSM  iTER  POWER  v.''RM) 

■RANSVITTEP  ANTENNA  CMN  (DB) 

S’ACE  LOSS  (OB) 

RECEIVER  ANTENNA  CAIN  (DB) 

POINTI  vie  LOSS  (DB)  ? 

POl.'‘R'ZATION  loss  (DB) 
cECt  L£R  CIRCUIT  LOSS  (OB) 

TOT^  , RECEIVED  POWER  (DBM)  ( >4-^5 -6+7+8 
P'XEIVER  NOISE  SPECTRAL  DENSITY  (DBM/HZ), 


/:</ 


'iii 


P^/Nq,DB-H2)(  10-11) 


CARRIER  IRACKING  PERFOR/^NCE 


CARRIER  MODULATION  LOSS  tDB) 
THRESHOLD  LOOP  BATjDWIOTH  (0B-H2) 
LOOP  SNR  (03)  (12+13-14) 

REQUIRED  LOOP  SNR  + UFAITER  LOSS  (DB) 
PERFORMANCE  MARGIN  (DB)  (15-16) 


COMMAND  CHANNEL  PERFORMANCE 

DATA  MODULATION  LOSS  (DB) 

D^.TA  BIT  RATE  (0B-f>iTS  SEC> 

RECEIVER  LOSS  iU3) 


r N tDD'.  il2*  10-1'^; 20- 
8 O 


PC ' tl  O!’ MA  f-4C E MARG I N ( DB ) ( 2 1 - 22 ) 


" '■ ^ 


..i. 
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Table  8.  2-40  indicates  the  performance  that  can  be  expected  if 
Block  IV  receivers  are  used  at  tlie  26~meter  stations  (as  proposed  by  tbe 
DSN).  Assuming  a 3 -Hz  ground  receiver  loop,  a maximum  data  rate  of 
16  bits/s  can  be  accommodated  at  an  index  of  0.  96  radians. 

Table  8.  2-41  shows  the  telem.etry  budget  for  the  orbiter  at  Venus 
orbit  insertion  with  an  earth  aspect  angle  of  1 . 05  radian  (60  degrees). 

For  this  case  the  spacecraft  transmitter  is  operating  at  14  watts  nominal 
into  the  forward  omni  antenne  with  -0,  5 db  gain.  For  tiris  configviration  the 
64-meter  station  can  support  32  bits/s. 

Table  8.  2-42  shows  the  uplink  performance  at  the  end  of  the  orbiter 
mission.  Reliable  reception  of  PCM/FSK/PivI  commands  via  the  fanscan 
antenna  is  accomplished  at  I bit/s  and  a rr  -dulation  index  of  1. 09  radians 
with  greater  than  7 db  margin  above  the  adverse  tolerances. 

Antennas.  The  recommended  Thor /Delta  orbiter  antenna  subsystem 
consists  of  four  separate  antennas  which  are  used  for  TTJ.C  and  fanscan 
during  transit,  orbit  insertion,  and  Venus  orbit  phases  of  the  mission. 

The  spacecraft  configuration  is  the  reduced  EIRP  option  with  the  spin 
axis  normal  to  the  earth  line.  As  shown  in  Figure  8.  2-40,  a fanbeam 
antenna  is  used  as  the  primary  downlink  antenna,  a tilted  fanbeam  antenna 
is  used  as  the  uplink  and  fanscan  antenna,  a forward  omnidirectional 
antenna  provides  TTk  C coverage  during  orbit  insertion,  and  an  aft  horn 
provides  TT&C  coverage  during  launch.  Use  of  existing  Hight -qualified 
designs  and  commonality  of  equipment  with  the  probe  bus  spacecraft 
represented  the  lowest  cost,  lowest  risk  approach,  and  was  therefore  the 
major  factor  in  establishing  the  antenna  subsystem  configuration. 

The  high-gain  downlink  antenna  is  the  qualified  Pioneers  6 through 
9 Franklin  array  antenna,  while  the  fanscan  uplink  antenna  is  a shortened 
Pioneers  6 through  9 antenna.  The  fanscan  antenna  will  be  tilted  0.  06 
radian  (3.  6 degrees)  relative  to  the  spin  axis  for  a 1 dfS  fanscan  cross- 
over reference.  Each  antenna  in  the  stack  will  be  separately  fed  by 
miniature  coaxial  cables  to  simplify  the  design  relative  to  the  existing 
Pioneers  6 through  9 design.  Because  of  length,  weight,  and  magnetic 
cleanliness  constraints  with  the  requirement  for  two  omni  antennas,  the 
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existing  Pioneers  6 through  9 antenna  was  a complex  design.  The  design  ' 

constraints  led  to  a thin  wall  (0.  13  mm)  construction,  an  electrically 
short  array  (0,446  wavelength  element  spacing  at  2.  3 gHz),  and  a complex  ! 

coaxial  feed  system  to  feed  two  Omni  antennas.  The  basic  2 0-element  ’ 

Pioneers  6 through  9 array  design  is  simple,  since  all  array  elements  | 

are  mechanically  the  same.  Because  of  this  feature,  increasing  or  de-  | 

creasing  the  array  length  is  not  a major  modification.  Operation  at 

just  the  downlink  or  uplink  frequency  and  incorporation  of  an  independent 

feed  system  represents  a significant  design  simplification  which  shotdd 

result  in  lowering  the  assembly  time  and  costs  of  the  antenna. 

The  Pioneers  6 through  9 slot  array  omnidirectional  antenna  was 
selected  as  the  forward  omni  antenna  because  its  polarization  is  ortho-  | 

gonal  to  that  of  the  fanbeam  antennas.  Maximum  isolation  between  the  i 

forward  omni  antenna  and  the  fanbeam  antennas  is  achieved  with  non-  \ 

aligned  polarizations.  The  separate  receive  and  transmit  systems  pro-  i 

vide  isolation  between  fanoeams.  but  RF  chokes  may  be  required  to  I 

increase  the  isolation.  The  circularly  polarized  aft  horn  is  used  to  fill 
in  the  radiation  pattern  coverage  about  the  aft  end  of  the  spacecraft  for 
the  launch  phase  of  the  mission.  Circular  polarization  provides  constant 
gain  relative  to  a linearly  polarized  ground  station  antenna  as  the  space- 
craft spins.  V/'ith  the  switching  and  diplexing  scheme  employed,  pattern  | 

interference  between  all  antennas  is  minimized.  | 

High  RF  power  levels  will  not  be  applied  to  the  diplexer  nor  will  j 

switching  be  formed  in  high  RF  power  modes  through  critical  altitudes; 
therefore,  existing  Pioneers  10  and  11  Type  II  diplexers  and  RF  switches  i 

described  in  Section  8.  2.  4.  1 can  be  used.  All  antennas  are  capable  of 
handling  RF  power  levels  greater  than  80  watts  since  minimum  conductor 
spacing  in  any  of  the  antenna  designs  is  on  the  order  of  0.  2 cm. 

Transponder.  The  transponder  used  on  the  orbiter  v/ill  be  identical 
to  that  specified  for  the  probe  bus.  The  present  baseline  is  the  Vii^ng 
Lander  unit,  as  described  in  Section  8,  2.4.  1. 
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Fan  sc  an  Signal  Processor,  Tlie  fanscan  signal  proc(,‘ssor  baseliiufl 
for  the  Thor/Delta  cjrbiter  is  nU'ntical  to  tin-  unit  flown  on  ]^iont*ors  10  and 
II.  A description  of  t)u‘  unit  and  a table  of  character istics  are  ^ivon  in 
Section  H.  2,  d „ 1 , 

Power  Amplifier.  7 he  low  gain  of  the  fanbeam  antenna  used  in  the 
preferred  orbiter  configuration  for  the  Tlior/ Delta  requires  that  the  power 
amplifier  provide  a nominal  output  of  36  watts  (31  watts  minimum).  It 
has  been  shown  that  a solid  state  approach  is  more  cost-effective  and  much 
lighter  in  weight  than  a TWTA.  However,  due  to  the  lower  efficiency  of  the 
solid  state  approach  (parallel  ZO-watt  units),  the  Thor/Drlta  launch  will 
utilize  the  36-watt  TWTA  from  MVM  *73  (modified).  This  reduces  the 
power  amplifier  power  input  (compared  to  the  solid  state  unit)  by  about 
3 0 watts.  Both  the  solid  state  and  TWTA  can  be  reduced  in  output  power 
during  the  early  part  of  the  mission  as  required  to  accommodate  the 
availabible  dc  power.  The  TWTA  utilizes  a dual  mode  tube  to  allow  the 
reduction  of  output  power  to  16  watts. 

Tradeoffs  and  characteristics  for  both  the  solid  state  and  th  ^ TWTA 
power  amplifier  are  given  in  Section  8.2.  3.4. 

Subsystem  Weight  and  Power  Summary.  The  recommended  Thor/ 
Delta  orbiter  communications  subsystem  weight  and  power  is  summarized 
in  Table  8.  2-43. 


Table  8.  2-43. 

Communications  Subsystem 
Weight  and  Power  Summary 


ITEM 

QUANTITY 

WEIGHT 
^KG  (LBH 

DC  POWER 
(WATTS) 

RECEIVER 

2 

2.4 

(5.2) 

7.0 

CONSCAN  PROCESSOR 

T 

0.4 

(0.0) 

1 .5 

TRANSMITTER  DRIVER 

2 

1 .1 

(2.4) 

3.5 

TWTA 

2 

5.4 

(12.0) 

106.0 

DIPLEXERS 

2 

1 .9 

(4.3) 

HYBRIDS 

2 

0.1 

(0.2) 

SWITCHES 

4 

1 .1 

(2.4) 

AFT  OMNI 

I 

0.2 

(0.5) 

FORWARD  OMNI 

1 

0.1 

(0.3) 

FANSCAN  ANTENNA 

1 

0,5 

(1.0) 

FANBEAM  ANTENNA 

1 

l.t 

(2.5) 

Rf  COAX  AND  CONNECTORS 

A.  R 

t.l 

(2.5) 

TOTAL 

IS, 4 

(34.1) 

1 )€.  .0 

NOTt ; THESE  WEIGHTS  WERt  Cl 

-lANGED  SUCH 

TLY  SUBSEQUENT  T 

O PREPARATION 

1 or  MASS  PROPERTIES  TABLES  IN  SECTION  6 OF  THIS  REPORT.  | 
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8.2.6  Or  biter  Options 


ALLORBITER  VERSION  III 


Durinf^  the  course  of  the  stiuly  tliree  orhiter  opti  ons  were  0011- 


sifliTen  in  fair  detail  and  are  summarizfid  here  for  completeness.  Thes*! 
options  were  based  on  the  understanding  of  the  science  data  reqin rements 
that  .‘xisted  prior  to  the  Version  IV  update  of  the  orbiter  science  definition 
(V»!rsion  IV  increased  the  amount  of  data  to  be  taken  piT  orl)it  and  made 
X-band  a primary  science  experiment).  The  understanding  of  tlicse 
requirements  with  respect  to  desired  real-time  data  rates  varied  enough 
to  lead  to  the  various  options  presented  here.  All  three  options  have 
their  spin  axis  perpendicular  to  the  earth  line  and  vary  from  a minimum 


128  bits/s  downlink  despun  reflector  configuration  using  a 12 -watt  power 
amplifier  (Atlas /Centaur  and  Thor/ Delta  Orbiter,  Version  III  science 
payload)  to  a 35-watt,  11  dB  fanbeam  design  with  8 bits/ s minimum 
capability  (Atlas /Centaur  Orbiter,  Version  III  science  payload)  to  a 12- 
watt,  11  dB  fanbeam  alternate  (Thor/Delta  and  Atlas/Centaur  Orbiter, 
Version  III  science  payload)  that  required  the  64 -meter  network  to  achieve 
64  bits/s  minimum.  Each  configuration  has  a fanscan  antenna  that 
provides  an  attitude  control  function  similar  to  Pioneers  10  and  11  by 
providing  amplitude  modulation  on  an  uplink  carrier  which  is  extracted  by 
the  fanscan  (conscan)  signal  processor.  Also,  each  option  is  applicable  to 
either  the  Atlas /Centaur  or  Thor/Delta  launch  vehicles. 


8.2.6.  1 Despun  Reflector  A A/C  m T/O  III 

The  despun  reflector  option  is  essentially  that  which  was  presented 
at  the  Pioneer  Venus  Midterm  Briefing  on  2 March  1973.  Only  an  uplink 
fanscan  antenna  and  conscan  signal  processor  were  added  to  improve 
attitude  control  capability.  Figure  8,2-41  is  the  subsystem  block  dia- 
gram. The  aft  horn  and  fanscan  antenna  are  coupled  together  through 
a hybrid  and  together  with  the  forward  omni  give  the  antenna  coverage  as 
shown  in  Figure  8.2-42.  This  is  the  same  coverage  as  the  recommended 
Thor/Delta  orbiter  version  discussed  in  bcction  8.  2.  4.  2.  A despun 
reflector  similar  to  Helios  is  used  to  provide  a real-time  data  rate  at 
end-of-mission  of  128  bits/s.  At  the  time  of  the  midterm,  128  bits/s 
was  thought  to  be  the  real-time  data  requirement.  This  interpretation 
has  since  changed  and  is  reflected  in  the  lower  EIBP  options.  The  12- 
watt  power  amnlirier  consists  of  two  6 -watt  units  phase  combined  in  a 
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Figure  8 2-41.  Communications  Subsystem  Block  Diagram 


S 0 RAD  (0  OEOI 


Figure  8.2-42.  Linear  Polarization  Loi^r  Gain  (Omni:  ''overage  with  Const  an 
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A/C  III  hybrid.  The  resuT.inR  EIHP  of  this  configuration  is  62  dBm.  See 

Appendix  8.  2C  fo.  a power  amplifier /antenna  si^.ing  tradeoff  that  waa 
performed  for  this  option.  During  most  of  the  cruise  portion  of  the 
mission  only  o.ie  6-watt  module  is  activated  to  reduce  the  sizing  of  the 
solar  array  wnen  the  spacecraft  is  furthest  from  the  sun  (and  closest  to 
earth).  Later  on,  just  prior  to  orbit  insertion,  the  other  amplifier  is 
activated.  When  only  one  amplifier  is  on,  the  resulting  power  out  of  the 
hybrid  is  a nominal  2.  7 watts.  A direct  connection  between  the  transmitter 
output  and  high  gain  antenna  is  made  to  maximize  EIRP  and  reduce  weight, 
i.  e. , eliminate  a diplexer  in  that  path.  However,  sufficient  bandpass 
filtering  must  be  included  in  the  power  amplifier  to  prevent  it  from  over- 
loading the  receiver  through  antenna  coupling.  This  feature  is  inherent 
in  all  the  optic<ns  presented  here.  Table  8.  2-44  shows  design  control 
tables  for  orbit  insertion  with  the  omni  (64 -meter  station)  and  end-of- 
mission  with  the  high  gain  reflector  (26-meter  station)  at  128  bits/s. 


8. 2. 6.  2 35-Watt/ra-ibeam  Fans  can  Option  /^'^Clll  T/DIII 

This  Atlas/Centaur  option  is  identical  to  the  preferred  Thor /Delta 
orbiter  version  presented  in  Section  8.  2. 4,  2,  except  that  the  3 5-watt 
TWTA  is  replaced  by  a less  efficient  (but  less  costly)  35-watt  (31  watt 
minimum)  solid-state  power  amplifier.  The  35-watt  amplifier  vould 
consist  of  two  20-watt  units  in  parallel,  as  in  the  large  probe,  for 
commonality  and  lower  cost.  The  reason  the  solid-state  unit  could  not 
be  used  on  the  Thor/Delta  configuration  is  that  the  extra  solar  array  re- 
quired to  handle  the  increased  DC  power  could  not  easily  be  accommodated 
on  the  small  Thor/Delta  conical  solar  array.  Therefore,  the  Thor/Delta 
subsystem  presented  a higher  cost  than  the  corresponding  Atlas /Centaur 


version. 


The  block  diagram  (except  for  the  TWTA),  the  mission  telemetry 
rate  profile,  and  the  design  control  tables  for  this  option  are  the  same 
as  those  presented  in  Section  8.2.4.  2.  The  main  reason  a high  trans- 
mitter power  was  used  in  boi>h  Atlas/Centaur  and  Thor/Delta  versions 
of  this  option  is  that  a letter  from  NASA/ ABC  (from  John  J.  Hurt  of 
Ames  to  W.  H.  Simmons  of  TRW,  May  9,  1973,  ASDt244-9/32-l 30)  re- 
qeusted  that  the  orbiter  spacecraft  be  capable  of  performing  the  mission 
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Table  8.  2-44.  Telemetry  Design  Control  Table 


A/C  Ml  With  the  26-meter  network,  at  least  as  a backup  for  daily  operations.  A 
O T/DMI  3 5-watt  output  is  required  to  do  this  with  the  existing  Pioneers  6 through  9 
1 1 d»  fanbeam  antenna  at  8 bits/s.  The  following  option  shows  the  lowest 
cost  version  of  all  three  options  presented  here  if  the  above  request  were 
waived,  i.  e. , if  use  of  the  64-meter  network  only  were  possible. 

12-Watt  Fanbeam /Fans can  Option 

This  option  represents  the  simplest  spacecraft  and  lowest  cost  of 
all  configurations  that  have  their  spin  axis  perpendicular  to  the  earth- 
line.  It  is  based  on  communication  while  in  orbit  with  the  64-meter  DSN 
only  and  will  not  work  with  the  26 -meter  DSN  except  for  the  cruise  portion 
of  the  mission  up  to  orbit  insertion.  From  then  on  one  64-meter  station 
is  required  each  day  for  a few  hours  to  read  out  an  orbit  of  stored  data. 

The  block  diagram  is  the  same  as  the  preferred  Thor /Delta  orbiter 
shown  in  Section  8. 2.  4.  2,“excepTHe  35-watt  TWTA  is  replaced  by  a 12- 
watt  solid-state  power  amplifier.  The  telemetry  data  rate  profile  is 
shown  in  Figure  8.  2-43,  64  bits/s  being  the  mirumum  capability.  The 
downlink  With  the  26-meter  network  (10.8  loop  bandwidth)  expires  shortly 
after  orbit  insertion,  about  (82.28  gigameters  (0.  55  AU)J  (VOX  + 22  days). 
From  then  on  the  64 -meter  network  is  required.  Resign  control  tables 
for  the  26-  and  64-meter  downlinks  are  shown  in  Tables  8.  2-45  and  8.  2-46. 
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Table  8.  2-45.  Early  Orbit  (26 


NUMBER 

I PARAA4ETFR 

1 

» E«QL»CNCy  (MHZ) 

2 

j RANGE  'CtGAMETERS  (AUl] 

a 

1 TRANSMITTER  POWER  (DBM) 

4 

j TRANSMITTER  CIRCUIT  LOSS  (08) 

5 

j transmitter  ANTENNA  GAIN  (DB) 

6 

POINTING  LOSS  (OB) 

7 

POLARIZATION  LOSS  (08) 

8 

SPACE  LOSS  (OB) 

9 

RECEIVER  ANTENNA  GAIN  (06) 

10 

TOTAL  RECEIVED  POWER  (DBM)  (3+4+5*«+7^‘849) 

n 

RECEIVER  NOISE  SPECTRAL  DENSITY  (DBM/HZ) 

12 

P^'N^(Dfi.H2)(IO-m 
CARRIER  TRACKING  PERFORMANCE 

13 

CARRIER  MODULATION  LOSS  (DB) 

14  i 

i 

THRESHOLD  LOOP  BANDWIDTH  (DB-HZ) 

1 

LOOP  SNR  (D8m2+)3-)4) 

16  i 

REQUIRED  LOOP  SNR  (OB) 

17 

PERf  ORMANCE  MARGIN  (0BM15-I6) 
DATA  CHANNEL  PERFORMANCE 

18  j 

DATA  MODUiATlON  LOSS  (DB* 

19 

DATA  BIT  RATE  (D8-BITS/SEC) 

20 

RECEIVER  LOSS  (OB) 

21 

No(DB)(12H8-l9i20) 

22 

REQUIRED  E^^Nq  (DB) 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

(taw 
T/D  III 


Meter)  Telemetry  Design  Control  Table 


: NOMINAL 

~-  t ’ ' 

ADVERSE 

NOTES 

2300 

j 

i 59.64(0.4) 

i 

40.8 

0.4 

12  WATTS  NOMINAL 

-0.3 

O.I 

n .0 

0.3 

FANBEAM 

-0.3 

0.2 

1 -0.1 

0.0 

0.17  RAD  (10  DEC)  OFFSET  LINEAR 

•255.2 

— 

53.3 

0.6 

26  METERS 

-151.0 

— 

-182.2 

0.7 

44«K;  0.35  RAD  (20  DEC)  ELEVATION 
r 0.26  RAD  (15  DEG)  ADVERSE  ^ 

31.2 

1 .0 

RSS  TOLERANCE 

-5.9 

1 

1.7  , 

1 .04  t 10%  RAD 

10,3 

0.5  ! 

10.8  HZ  LOOP 

15.0 

— 

10,0 

— 

5.0 

2.0 

RSS  TOLERANCE 

-1.3 

0.5 

) .C  10%  RAD 

21.1 

— 

120  eiTS/S 

-4.6 

0.5 

FROM  NASA/ARC 

4.2 

— 

... 

2.8 

... 

10*^  DELETION  RATE 

1.4 

1.2 

RSS  TOLERANCE 

8.2.100 
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Table  8.  ^-46.  End-of-Mission  (64-Metor)  Telemetry  Design  Control  Table 


r 

iMpi  ii'  i 

PARAMfTE'? 

NOMINAL 

! ADVERSl 

NOTES 

1 

f REQUl  NCY  (MH2t 

2300  ! 

2 i 

KANGf  OlOAMf  If  rS  (AUn  j 

254.32(1.7' 

J ! 

tWANSMirUR  POWfft  j 

1 

40.8 

■0-1 

12  WATTS  NOMINAL 

4 

TRANSMIMfR  CfRCUlT  LOSS  (OB)  j 

-0.5 

TRANSMITTER  ANTENNA  GAIN  (DB)  j 

It  .0 

1 0.3 

FANBEAM 

6 i 

POINTING  LOSS  (DB)  j 

-0.3 

0.2 

7 

POLARIZATION  LOSS  (DBI  | 

-0.1 

0.0 

O.t;  RAD  (10  OEG)  OFFSET  LINEAR 

8 

space  I OSS  (08)  ; 

-267.8 

1 

9 

KECtIVER  ANTENNA  GAIN  (DB)  | 

i 

61.6 

1 

64  METERS  (0.1  08  LOSS  AT  0.35  RAD 
(20  DEC)  ELEVATION 

to 

; TOTAL  RECEIVED  POWER  (DBM) 

-I5S.3 

i 

i 

11 

RECEIVER  NOISE  SPECTRAL  DENSITY  (OBA^HZ) 

-184.0 

1 

0.6 

av®K;  0.35  RAD  (20  DEG)  ELEVATION 

)2 

P^  Nq  (OB<HZ)(IO-tl) 

28.7 

0.8 

RSS  TOLERANCE 

CARRIER  TRACKING  PERFORMANCE 

u 

CARRIER  MODULATION  LOSS  (DB) 

i 

I -.7 

1 .04  . l(h'o  RAD 

14 

THRESHOLD  LOOP  BANDWIDTH  (OB-HZ) 

10.0 

0,4 

10  M2  LOOP 

15 

LOOP  SNR  (0B»  (12+13-14) 

12.8 

U 

REQUIRED  ;OOP  SNR  (OB) 

10.0 

17 

PERFORMANCE  MARGIN  (DB)  (15-16) 

2.6 

1 .9 

KSS  TOLtRA»4Ct 

DATA  CHANNEL  PERFORMANCE 

18 

DATA  MODULATION  LOSS  (OB) 

-1.3 

0.5 

1 .04  ♦ 1(7V  RAD 

19 

DATA  BIT  RATE  (DB-BiTS  SEC) 

18.1 

64  BITS  S 

20 

RECEIVER  LOSS  (DB) 

-5.3 

0,5 

FROM  NASA  ARC 

21 

B 12+18-1^20) 

4.0 

22 

REQUIRED  E^  Nq  (DB) 

2.7 

23 

PERFORMANCE  MARGIN  (DB)  (21-22) 

1.3 

! 

1.1 

RSS  TOLERANCE 

e.2-101 


8.3  DATA  HANDLING  SUBSYSTEM 
B,  3,  1 Introduction  and  Summary 

During  the  study,  dutu  h^^ndling  subsystem  designs  that  would  meet 
the  constraints  of  the  Thor/Dclta  launch  vehicle  were  continually  reviewed 
to  see  how  they  might  be  changed  to  take  advantage  of  the  additional  capa- 
bilities allowed  by  the  Atlas /Centaur*  Each  tirnei  however,  the  require- 
ments, interfaces  and  hardware  were  found  to  be  essentially  identical  for 
both  configurations;  only  the  method  of  packaging  the  data  storage  unit 
changed.  For  this  reason,  reference  to  the  launch  vehicle  is  generally 
omitted  from  this  section  even  though  the  effect  of  both  vehicles  on  the  sub- 
system were  carefully  considered. 

The  remainder  of  this  introductory  section  summarizes  the  key  fea- 
ture of  the  preferred  data  handling  subsystem  (i.  e,,  the  one  we  have 
designed  to  meet  the  needs  of  the  Version  IV  science  payload).  Section 
8.3.2  summarizes  the  requirements  analyses  that  were  made  for  the 
probe  bus  designed  for  the  Version  111  science  payload,  and  the  deltas 
required  for  Version  IV.  This  is  followed  by  summarized  requirements 
for  the  orbiters  designed  for  Version  III  and  deltas  for  Version  IV. 

Section  8.3.3  covers  our  work  on  the  pros  and  cons  of  using  existing 
telemetry  equipment  as  opposed  to  more  advanced  designs.  This  section 
also  considers  the  use  of  centralized  as  opposed  to  conventional  process- 
ing and  compares  various  types  of  memories.  It  ends  with  a consideration 
of  various  ways  of  handling  the  interfaces  between  the  science  and  this 
subsystem.  These  tradeoffs  were  aimed  not  so  much  at  achieving  high 
performance  as  at  achieving  low  cost  and  (particularly  when  the  Thor/ 

Delta  was  under  consideration)  low  weight. 

Section  8.3.4  presents  details  on  the  bus  and  orbiter  data  handling 
systems  designed  for  the  Version  III  payload,  while  Section  8.3.5  pre- 
sents the  details  on  the  .subsystem  designed  for  Version  IV.  A summary 
version  of  this  last  section  is  presented  in  Figure  8.3-1  and  includes  the 
following: 

• The  digital  telemetry  unit  (DTU)  fulfills  all  data  handling  func- 
tions except  data  storage.  This  DTU  is  the  same  unit  used  on 
Pioneers  10  and  11,  with  changes  to  only  three  of  the  nine  cir- 
cuit boards*  The  DTU  is  identical  for  both  probe  bus  and  orbiter. 
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and  five  of  the  nine  subassemblies  serve  as  the  nucleus  of  the 
data  subsystem  for  the  probes  as  well. 

• The  data  storage  unit  (OSU)  is  a new  design  based  on  current 
C-MOS  technology  that  enhances  the  performance  of  several  of 
the  selenite  instruments  by  providing  multiple  and  simultaneous 
asynchronous  buffering  for  high  data  rate  measurements. 

• Probe  data  storage  uses  the  same  components  developed  for  the 
spacecraft  DSU. 

• Spacecraft/probe  DTU  commonality  permits  important  savings  in 
integration  and  operational  software  and  training  costs,  particu- 
larly since  the  software  requirements  will  be  very  similar  to 
those  developed  for  the  Pioneers  10  and  11  program 

8,3.2  Requirements  Analyses 

The  analyses  summarized  in  this  section  are  presented  first  on  the 
basis  of  the  work  done  in  response  to  the  Version  111  science  payload  for 
each  mission,  and  then  on  the  basis  of  the  work  that  was  done  in  response 
to  the  Version  IV  payload. 

The  early  work  was  based  on  bus  and  orbiter  designs  with  quite  low 
data  rates  because  Version  111  did  not  impose  high  data  rate  requirements. 
In  fact,  the  early  versions  of  the  payload  were  necessarily  somewhat 
lacking  in  specific  requirements  so  the  study  team  made  what  it  consid- 
ered to  be  reasonable  assumptions.  For  such  considerations  as  timing 
and  spin- sector  determination,  for  example,  or  for  downlink  c ding  and 
formatting  for  DSN  compatibility,  requirements  were  actually  "backfitted" 
from  the  hardware,  r''  to  speak,  on  the  basis  that  use  of  Pioneers  10  and 
11  hardware  would  keep  costs  to  an  absolute  minimum. 

With  the  advent  of  the  Version  IV  payload's  more  specific  and  (in 
terms  of  data  rate)  more  demanding  science  requirements,  the  team 
changed  its  approach  accordingly. 

8.3.2. 1 Probe  Bus  Requirements  Analysis  (Version  111  ifl 

Science  Payload  1977  Launch  Opportunity)  ***  l|7  ^/D  III 

The  data  handling  subsystem  acquires  engineering  data  for  subse- 
quent telemetry  transmission.  The  analog  measurements  should  be  quan- 
tized to  at  least  64  levels  (6  bits)  to  obtain  adequate  information  for  space- 
craft and  instrument  monitoring.  A telemetry  list  is  given  in  Appendix 
8.3A.  Table  8,3-1  summarizes  this  list. 
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A BLOCK  DIAGRAM  OF  DATA  HANDLING  SUBSYSTEM 


DATA  HANDLING  FUNCTIONS: 

• GENFRATE  TIMING  AND  SPIN  • ENCODE  AND  PROCESS  DATA  INTO 

SECTOR  DATA  FORM  SUITABLE  FOR  DOWNLINK 

MODULATION 

» ACQUIRE  SCIENCE  AND 

ENGINEERING  DATA  • STORE  DATA  DURING  OCCULT ATlON 

AND  DATA  PEAKS  lORBITER  ONLY' 

• QUANTIZE  AND  CONVERT  DATA 
AS  REQUIRED 


JfS£‘AND  PROCESS  DATA  INTO 
iSbJTABLE  fOR  DOWNLINK 
yiW4CN 

■ OAT  A DURING  OCCULTATiCNS 
PEAKS  C RBI  TER  C^.■lYt 


B DATA  HANDLING  5U9SrSItM  PERFORMANCE  SUMMARY 

If  IF'UTS 

iM  AMAtNr.s  isrinio  At;f>  ff jr.inffRifiC^ 

lo;’  ptUVLLS  <lfjClNLU;lNC 

So  DIGITAL  iSCIEHCE  AND  EHGINEEFINr.^ 

ANAi  CC  rOf  iVEPMCN 

^a(  IJa  AIJll  IMSTKUMFMT  HT  I )M  H i f'IIIG; 
lo-ftiT  Pisf.iuii'  ri,  (i.v  , AcruKACy 
i noif  lEERINC;  A-eiT  Risr  lUlK  n,  7 AC-OJI/ACy 

OUT  PUT 

BIPHASE  MODUEATED  tH'^El  COMMANOABLE 
OUTPUT  VOirAOES  ^Sf  ltCMBlT  MCDUl  ATlCN 
INDEXES 

CCrwClIJTlONAl  CCDiHG  K 37,  r T 7 CCD  INC  CAT4  BE  BYPASSED  I 

DATA  RAILS 

8,  tr„  j?,  64,  128,  2S6,  12,  AND  I0?«.  BITS  S 

U6  TO  ?048  CODED  SYMBOLS 

FORMATS 

FCIP  PRINCIPAL  SCirnCE  FCRA/ATS 
SEVPN  SPFOAL  INTERLEAVED  FORMATS 
rwC  ENGINEERING  SUBCCMS  WHICH  CAN 
ACCEIERATF  to  five  FORMATS 
ONE  SCIENCE  SUBCCM 

CENTRAL  TIMING 

ACCURACY,  0.0?^ 

32.768  KHZ 
2.048  KHZ 

BIT  RATE  i8TO  1024  HZ.) 

FRAME  RATE  *0.0104  TO  1.333  HZ' 

SPIN  PERIOD  SECTORS 

SUNPUISE  REFERENCE 

ONE  PULSE  EACH  REVOLUftON 

ONE  PULSE  1 8TH,  1/64TH,  AND  1/51 2TH 

REVOLUTION 

STORAGE 

1,220,800  BITS  RECONFIGURABLE  IN  245,760  BIT 
INCREMENTS 

UP  TO  10  SIMULTANEOUS  INPUTS 
UP  TO  10  KBITS/S  ON  EACH  INPUT 

SUBSYSTEM  WEIGHT 

PROBE  BUS  3.1  KG,  ^6.8  LB> 
CRBITER  12.6  KG,  77.8  LBi* 

SUBSYSTEM  REGULATED 
POWER 

PROBE  BUS  4.7  WATTS 

CRBITER  10.7  WATTS,  PERIAPSIS;  6.8  WATTS,  OTHER 

^INCLUDES  9.5  KG  (21  LBi  FOR  THE  FIVE  DSU'S.  THIS  IS  A LAST  MINUTE  ADJUSTMENT 
AND  IS  NOT  CONSISTENT  V^lTH  THE  WEIGHT  STUDIES  ELSEV/HERE  IN  THIS  REPORT 

C BASIC  FORMAT 


ENG  SUICOM/ 


ENCE  SUBCOM 


COMMON  DTi;  FORMAT  PROPOSED  FORORBITEIl«.PROIE  ftUS  AND  PftOIES 


1 . 
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Figure  8. 3-L  Preferred  Dale  Handling  Subsystem 
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A/C  III  f^  T/OIII 


Table  8.  3-1.  Engineering  Measurements 
Summary 


used  as  a basis  for  the  Pioneer  Venus  requirements;  they  meet  or  exceed 
the  Pioneer  Venus  needs.  They  are: 

Frequency  32. 768  kHz  i 0. 02  percent 

Jitter  <0,  5 percent  between  any  two  cycles 

Stability  200  ppm  long-term 

Asymmetry  <2. 0 percent  between  adjacent  half  cycles. 

A spin  sector  generator  is  required  to  provide  angular  resolution  in 
the  plane  normal  to  the  spin  axis.  This  resolution  should  be  better  than 
0.2  radian  (10.5  degree)  to  provide  the  programming  increments  needed 
for  spacecreift  attitude  control  and  for  instrument  sampling  determination/ 
control.  The  spin  sector  generator  error  contribution  should  not  exceed 
10  percent  of  the  sun  sensor  error,  minimize  the  effect  on  the  overall  roll 
attitude  determination.  That  is,  error  between  the  sun  pulse  and  a gener- 
ated sector  pulse  should  be  less  than  0.0002  radian  (0.01  degree).  Two 
spin  sector  operating  modes  are  needed;  an  averaging  mode  to  remove  sun 
pulse  jitter  during  normal  flight,  and  a mode  for  times  of  spacecraft 
maneuvering  where  the  sun  pulse  must  be  tracked  regardless  of  jitter 
contributions. 

Error  correction  coding  of  the  telemetry  downlink  is  strongly  recom- 
mended to  maximize  the  transmission  bit  rate  at  a given  RF  power  within 
a maximum  allowable  error  rate.  The  selected  coding /decoding  scheme 
must  be  compatible  with  the  existing  DSN  capabilities.  Rate  one-half  con- 
volutional encoding  with  sequential  decoding,  as  implemented  on  Pioneers 


SUBSYSTEM 

ANALOG 

BlUVtL 

DIGITAL 

tlECTklCAl  DISTRIBUTION 

2 

22 

0 

electrical  power 

10 

10 

- 

DATA  HANDLING 

3 

7 

10 

COMMUNICATIONS 

A 

U 

attitude  control 

10 

8 

4 

THERMAL 

5 

1 

- 

SCIENCE 

J_ 

]6 

_6 

total  required 

37 

78 

20 

The  data  handling  subsystem 
provides  the  spacecraft  timing 
source.  The  timing  requirement 
is  set  by  the  telemetry  subcarrier 
frequency  and  stability  require- 
ments. In  addition,  data  symbol 
transitions  should  be  coherent 
with  the  subcarrier  at  all  bit 
rates.  The  requirements  for  the 
Pioneer  10  and  11  subsystem  were 
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IM  10  and  11,  offers  an  attractive  low-cost  approach  because  of  the  existing 

hardware  and  software, 

III 

While  the  original  study  guidelines  did  not  actually  require  that  the 
probe  bus  be  capable  of  relaying  probe  data  in  transit  for  the  purpose  of 
preseparation  checkout,  it  seemed  likely  to  become  a requirement#  Con- 
sequently, the  study  team  took  it  as  a self-imposed  requirement  and 
designed  the  probes  with  an  umbilical  to  the  probe  bus  as  well  as  designing 
the  data  format  accordingly  to  accommodate  probe  data. 

Critical  probe  bus  data  handling  circuits  should,  of  course,  be  redun- 
dant to  maximize  reliability. 

For  the  Version  Ul  science  payload  it  is  assumed  that  the  scientific 
data  are  digital  for  the  neutral  and  ion  mass  spectrometers  and  the  ultra- 
violet (UV)  fluorescence  experiment,  and  either  analog  or  digital  for  the 
magnetometer  and  electron  temperature  probe#  If  analog  is  accepted,  it 
should  be  quantized  to  256  or  more  levels  (8  bits),  the  Version  111  under- 
standing of  the  instrument  requirements#  Except  for  the  magnetometer, 
which  operates  throughout  the  mission,  all  data  is  acquired  during  the 
probe  bus  entry  phase  (approximately  10  minutes)  as  shown  in  Table  8# 3-2# 


Table  8.  3-2.  Probe  Bus  Instrument  Data  Rates 
(Version  III  Science  Payload) 


EXPERIMENT 

BITS 

PER 

SAMPLE 

SAMPLES 

PER 

MINUTE 

BITS 

PER 

MINUTE 

BITS 

PER 

SECOND 

MAGNE10METER 

32 

20 

640 

10.7 

ELECTRON  TEMPERATURE 

30 

60 

I 800 

30.0 

NEUTRAL  MASS  SPECTROMETER 

2500 

2 

5 000 

63.3 

ION  MASS  SPECTROMETER 

2000 

^ 2 

4 000 

66.7 

ULTRAVIOLET  FLUORESCENCE 

72 

20 

1 440 

24.0 

total 

12  880 

214.7 

The  added  data  handling  requirements  for  the  "other  candidate" 
instruments  are  minimal.  Several  engineering  measurements  would  be 
required  plus  the  scientific  data  in  Table  8#  3-3. 

A/C  IV  8#  3#  2. 2 Probe  Bus  Requirements  Analyses  (Version  IV  Science  Payload) 

The  principal  impact  on  the  subsystem  requirements  is  the  increased 
data  rate  approaching  Venus  and  during  entry#  The  Version  IV  science 


ALL  VERSION  III 
SCIENCE  RAYLQAO 


Table  8,  3-3.  Probe  Bus  Data  Rates  for  "Other  Candidate" 
Instrument.s  (Ver.sion  III  Science  Payload) 


]^A/C  Ml 
1^  T/0  m 


tXPERlMCNT 

BITS 

P(« 

UAMHi 

samples 

PER 

MINUIE. 

BITS 

Pfft 

MINIJU 

BITS 

PER 

SECOND 

DAYOLQV;  PHOTOAiertft 

20 

1700 

20. G 

J>OLAR  wind 

32 

b 

)6C 

7.7 

rOTAL 

1360 

77.7 

'OUKINO  CRUISJ  also. 


Table  8.  3-4.  Probe  Bus  Instrument  Data  Rates 
(Version  IV  Science  Payload) 


EXPERIMENT 

BITS  PER 
SAMPLE 

BITS  PER  SECOND 
FROM  ENTRY-4  DAYS 

BITS  PER  SECOND  . 
FROM  ENTRY-1  HOUR 

NEUTRAL  MASS  SPECTROMETER 

520 

- 

195 

ION  MASS  SPECTROMETER 

210 

- 

236.3 

ELECTRON  TEMPERATURE  PROBE 

90 

- 

33.8 

RETARDING  POTENTIAL 
ANALYZER 

125 

- 

' 140.6 

ULTRAVIOLET  SPECTROMETER 

7200 

12 

720 

- 

270 

TOTAL 

12 

875  7 

'data  sates  are  based  on  the  preferred  descent  trajectory 


requirements  (see  Table  8,3-4)  increase  the  data  rate  from  214.7  to 
875.7  bits/s  at  entry,  a factor  of  four  higher.  Data  acquisition  and  trans- 
mission are  not  required  during  cruise. 

In  addition  to  the  science  requirements  given  in  Table  8.3-4,  new 
instrument  housekeeping  requirements  have  been  imposed.  Significantly 
analog -to-digital  conversion  (to  iO-bit  resolution)  is  specified  for  the  ion 
mass  spectrometer.  Table  8.3-5  gives  the  data  requirements  for  the 
other  candidate  instruments. 

All  other  probe  bus  data  handling  requirements  remain  as  described 
in  Section  8.3. 2.1. 

8. 3. 2. 3 Qrbiter  Requirements  Analysis  (Version  111  Science  Payload) 

The  orbiter  engineering  telemetry  measurements  list  is  given  in 
Appendix  8. 3 A,  and  a summary  is  presented  in  Table  8,3-6. 
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In?:)irumont:5  (Vorsion  IV  Scionto  Payload) 


A/C  IV 


C XPtftJMt'l  iT 

sirs  PfR 

PCR  :.tcoNn 

RfT‘.  PI  K '>rc  f TND 

SAMPt  f 

nnPiNC  CRiiisr 

f ROM  TMTRY  1 HOilP 

^>OlAR  WIND  AMALV?l« 

?UIJ0 

fi7 

MACNffOMlUR 

JO 

(5 

JO 

TOTAL 

7? 

87 

(A 

Z 

o 


< 

cc 

z> 

o 

iZ 

z 

8 

oc 

UJ 

t 

m 

OL 

O 


< 


Table  8.  3-6.  Engineering  Measurements 
Summary 


SUBSYSTEM 

analog 

BILFVU, 

digital 

electrical  UlSTkteUTiON 

2 

18 

3 

LLECTKICAL  PQ'ALK 

M 

6 

- 

DATA  HANDLING 

7 

6 

communications 

6 

18 

- 

ATIIlUDE  CONTROL 

18 

6 

4 

THERMAL 

5 

1 

• 

SCIENCE 

JL 

?J. 

A 

total  KF.QUIKED 

46 

/7 

19 

The  timing,  data  coding,  DSN  compatibility,  and  redundancy  require- 
ments are  similar  to  those  of  the  probe  bus*  The  spin  sector  generation 
requirements  are  also  similar  except  that  a pseudo- sun  pulse  is  necessary 
for  science  programming  during  periods  of  solar  eclipse*  The  sector 
generator  must  ’*remember“  the  spin  rate  and  continue  to  generate  spin 
sector  data  in  the  absence  of  sun  pulses  for  periods  up  to  85  minutes* 

This  will  occur  during  orbit  day  170*  The  longest  sun  eclipse  near  periap- 
sis  is  28  minutes  and  occurs  at  day  41*  Figure  8.3-2  depicts  the  sun 
occultation  profile  for  the  recommended  orbit* 


Other  orbit  characteristics  such  as  time  near  periapsis  and  time  in 
earth  occultation  which  impact  the  orbiter  data  handling  subsystem  are 
also  shown  in  Figure  8*3-2*  The  earth  occultation  periods  near  periapsis 
during  the  first  71  days  in  orbit,  are  important  since  the  majority  of  sci* 
entific  information  is  acquired  at  low  altitudes. 
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Fiqure  8.3-2.  Orbiter  Sun  jncICdrth  Occultdiion  ProMles 


Figure  8.3-3  illustrates  the  data  acquisition  profile  by  instrument. 
The  magnetometer  samples  continuously  during  cruise  and  orbit.  The 
electron  temperature  probe,  neutral  mass  spectrometer,  and  ion  mass 
spectrometer  operate  at  altitudes  where  there  is  perceptible  atmosphere. 
The  radar  altimeter  can  map  below  1000  kilometers  and  may  operate  in  a 
nonaveraging,  high  bit  rate  mode  below  300  kilometers,  where  the 
received  signal- to- noise  ratio  will  be  favorable.  The  infrared  (IR)  radio- 
meter will  sample  when  viewing  the  planet,  probably  the  dark  side  only 
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Figure  8.3-3.  Ortiler  Ve'^sion  III  Science  Payload  tnslrument  Data  Acquisition  Profiles 


and  close  to  periapsis.  The  requirements  for  the  ultraviolet  (UV) 
spectroineter  may  vary  depending  on  the  selected  instrument*  The  instru- 
ment will  probably  sample  when  viewing  the  nadir  and  zenith;  possible 
sample  periods  are  thus  limited  to  two  for  a fixed  mounted  instrument  but 
are  essentially  unlimited  for  a gimballed  instrument,  A reasonable 
requirement,  adopted  for  our  analysis,  is  to  acquire  UV  spectrometer 
data  when  below  1500  kilometers,  and  to  provide  limited  means  of  high 
altitude  sampling « 

From  these  considerations,  representative  data  rate  requirements. 
Table  8.3-7,  were  established  which  provide  good  science  accommodation 
tempered  by  overall  cost  and  risk  considerations. 


fable  8.  3-7.  Orbiter  Instrument  Data  Rates 
(Version  III  Science  Payload) 


EXPERIMENT 

BITS 

PER 

SAMPLE 

SAMPLES 

PER 

MINUTE 

BITS 

PER 

MINUTE 

BITS 

PER 

SECOND 

; .AGNETOMETER 

24 

5 

120 

2 

ElECTRON  TEMPERATURE 

30 

60 

1800 

30 

NEUTRAL  MASS  SPECTROMETER 

5000 

0.2 

1000 

16.7 

ION  MASS  SPECTROMETER 

2000 

0.4 

800 

13.3 

ULTRAVIOLET  SPECTROMETER 

400 

2 

800 

13.3 

INFRARED  RADIOMETER 

40 

10 

400 

6.7 

RADAR  ALTIMETER 

280 

5 

1400 

23^7 

total 

6320 

105.7 

8.3-9 


ALL  VERSION  IV 

SCIENCE  PAYLOAD  VERSION  III  SCIENCE  PAYLOAD 


Requirements  for  special  high  bit  rate  modes  are  also  included  since 
such  modes  improve  the  scientific  data  return  for  the  UV  spectrometer  and 
IR  radiometer  I with  minimal  impact  on  the  data  handling  subsystem#  In 
these  modes  I high  bit  rate  data  is  stored  and  transmitted  later  at  the  pre- 
vailing telemetry  link  bit  rate,  as  provided  for  the  imaging  photo  polari- 
meter  experiment  on  Pioneers  10  and  11«  The  special  mode  for  the  radar 
altimeter  will  be  provided  during  all  periapsis  passes#  The  special  modes 
for  the  UV  and  IR  will  be  provided,  by  command,  only  when  storage  is 
available.  Table  8.3-8  gives  the  special  mode  requirements.  Memory  is 
also  needed  to  store  normal  formatted  data  during  earth  occixltation  periods 
which  occur  during  the  first  71  days  in  orbit.  Finally,  storage  is  neces- 
sary for  the  magnetometer  data  to  preclude  the  need  for  continuous  DSN 
coverage.  Table  8.3-8  also  gives  the  storage  requirements.  The  total 
stora/je  necessary  is  not  the  sum,  since  the  special  modes  can  time -share 
memory.  However,  since  the  DTU  data  is  in  line  the  first  71  days  in  orbit 
and  the  radar  altimeter  high  bit  rate  mode  is  in  line  throughout  the  mis- 
sion, redundancy  is  suggested  for  these  functions. 


Table  8.  3-8.  Orbiter  Data  Storage  and  Special  Mode 

Requirements  (Version  III  Science  Payload) 


USAGE 

REQUIREMENTS 

(BITS) 

COMMENTS 

DIGITAL  TELEMETRY  UNIT  TDTU1 

168  960 

22  MINUTES  DURING  OCCUL- 
TATION  AT  128  BITS/S  OF 
FORMATTED  DATA 

RADAR  ALTIMETER 

*05  000 

3500  BITS  '1  OF  1 SECOND 
EACH;  12  SECONDS  FOR 
6 MINUTES 

ULTRAVIOLET  SPECTROMETER 

80  000 

1600  BITS/5  FOR  50  SECONDS 

INFRARED  RADIOMETER 

40  960 

2300  BITS/S  FOR  18  SECONDS 

MAGNETOMETER 

2 BITS/S  FOR  UP  TO  24  HOURS 
DEPENDING  ON  DSN  AVAIL- 
ABILITY AND  MAGENTOMETER 
COVERAGE  DESIRED 

Additional  requirements  imposed  by  the  other  candidate  instruments 
are  summarized  in  Table  8.3-9* 

8. 3. 2.4  Orbiter  Requirements  Analysis  (Version  IV  Science  Payload) 

The  orbiter  subsystem  requirements  were  impacted  by  Version  IV 
science  payload  changes  in  data  throughput  rate  and  the  amount  and  usage 
of  storage.  Table  8.3-10  summarizes  the  Version  IV  science  dita  rate 

8. 3-10 


ALL  VERSION  IV  SCIENCE  PAYLOAD  ALL  VERSION  III  SCIENCE  PAYLOAD 


Table  8.  3-9.  Orbiter  Data  Rates  for  "Other  Candidate" 
Instruments  (Version  III  Science  Payload) 


tXPfKIMlNI 

BITS 

PER 

SAMPIE 

SAMPLES 

PER 

MINUTE 

BITS 

PER 

MINUTE 

BITS 

PER 

SECOND 

t)Ol  AK  WIND  PKO»t 

3a 

t) 

160 

2./ 

THERMAL  SUPER! HEKMAL 
PAKlICLt  otucroK 

40 

10 

400 

6.7 

ELECTRIC  FIELD  DETECTOR 

32 

5 

160 

2.7 

SOLAR  ELECTRON  DETECTOR 

40 

10 

400 

6.7 

MICROWAVE  RADIOMETER 

600 

2 

1200 

20 

total 

2320 

38.8 

Table  8.  3-10.  Orbiter  Instrument  Data  Rates 
(Version  IV  Science  Payload) 


EXPERIMENT 

BITS  PER 
SAMPLE 

BITS  PER  SECOND 
tCRUISEi 

BITS  PER  SECOND 
IHIGH  ALTITUDE) 

BITS  PER  SECOND 
(PERIAPSIS! 

MAGNETOMETER 

V 

3 

3 

3? 

SOLAR  WIND  ANALYZER 

32 

3 

3 

- 

ELECTRON  TEMPERATURE  PROBE 

24 

- 

74 

NEUTRAL  MASS  SPECTROMETER 

- 

- 

TOO 

ION  MASS  SPECTROMETER 

- 

- 

too 

ULTRAVIOLET  SPECTROMETER 

- 

1.7 

34 

INFRARED  RADIOMETER 

- 

- 

100 

RADAR  ALTIMETER 

- 

- 

50 

TOTAL 

6 

7.7 

44C 

‘not  available  in  version  IV  SCIENCE  REQUIREMENTS 


requirements  during  crviiset  high  cdtitude  orbit,  and  at  periapsis.  Figure 
8.3-4  presents  a more  detailed  orbital  data  rate  profile. 

The  data  rate  at  periapsis  has  increased  from  105.7  to  440  bits/s, 
a factor  of  four  higher. 

These  higher  data  rates  also  increase  the  amount  of  storage  required. 
Table  8.3-11  gives  the  minimum  data  storage  necessary  to  buffer  the 
unformatted  data  during  occultation. 

However,  a cost-effective  conununications  link  requires  a reduced 
telemetry  data  rate,  which  could  be  accomplished  by  stcring  low  attitude 
data  for  later  transmission  at  a lower  data  rate.  The  storage  necessary 
for  tills  is  given  in  Table  8.3-12. 
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Figure  8. 3*4.  Oftiter  Version  IV  Science  Payload  Data  Rate  Profile 


Table  8.  3-11.  Minimal  Orbiter  Data  Storage  Requirements 
(Version  III  Science  Payload) 


USAGE 

REQUIREMENTS 

(BITS) 

COMMENTS 

DIGITAL  TELEMETRY  UNIT  (DTU) 

7 AOO 

HOUSEKEEPING  DATA  AT  5.8 
BITS/S  DURING  22  MINUTES  OF 
OCCULTATION 

MAGNETOMETER 

42  240 

32  BITS/5  FOR  22  MINUTES 

ELECTRON  TEMPERATURE  PROBE 

31  680 

24  BITS/S  FOR  22  MINUTES 

NEUTRAL  MASS  SPECTROMETER 

82  500 

100  BITS/S  FOR  n MINUTES  AND 
25  BITS/S  FOR  11  MINUTES 

ION  MASS  SPECTROMETER 

82  500 

100  BITS/S  FOR  11  MINUTES  AND 
25  BITS/S  FOR  11  MINUTES 

ULIRAVIOLET  SPECTROMETER 

44  880 

34  BITS/S  FOR  22  MINUTES 

INFRARED  RADIOMETER 

13?  000 

100  BITS/S  FOR  22  MINUTES 

RADAR  ALTIMETER 

39  000 

50  BITS/S  FOR  13  f-MNUTES 

TOTAL 

467  400 

The  known  data  parameters  of  the  other  candidate  instruments  are 
given  in  Table  8,3-13. 

The  other  orbiter  data  handling  requirements  are  essentially 
unchanged  from  those  defined  lor  the  Version  111  science  payload  in  Section 

8. 3.2. 3. 
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Tabic  8.  3-12.  Cost-Effective  (Delayed  Transmission)  Data 

Storage  Requirements  (Version  IV  Science  Payload) 


A/CIV 


o'.Aor 

REQUIREMENTS 

(BITS) 

comments 

DIGIlAl  MlfMfTRYUNIl  rOTU) 

3??  560 

178  BITS'S  FOR  THE  47-MINUTE 
LOW-ALT ITUDt  PERIOD; 

INCLUDES  FORMATTED  MAGNE- 
TOMETER, ELECTRON  TEMPERA- 
TURE, ULTRAVIOLET  SPECTROM- 
ETER, AND  HOUSEKEEPING  DATA 

NEUTRAL  MASS  SPECTROMCTER 

1T7  000 

25  BITS  '5  FOR  30  MINUTES  AND 
TOO  8IT5/S  FOR  12  MINUTES 

tON  MASS  SPECTROMETER 

■ 

117,000 

25  BUS'S  FOR  30  MINUTES  AND 
100  BITS'S  FOR  12  MINUTES 

INERAKfO  RADIOMETER 

704  000  i 

100  BITS  S FOR  34  MINUTES 

RADAR  altimeter 

48  000 

50  BITS/S  FOR  16  MINUTES 

TOT  At 

808  560 

Table  8.  3-13.  Orbiter  Data  Rates  for  "Other  Candidate" 
Instruments  (Version  IV  Science  Payload) 


EXPERIMENT 

DATA  ACQUISITION 
RANGE  IN  ORBIT 
(KM) 

BITS  PER 
ORBIT 

BITS  PER 

sample 

BITS  PER  1 
SECOND  1 

AC  ELECTRIC  FIELD  DETECTOR 

'4000* 

195  000 

24 

2.3  1 

<4000 

5 600 

24 

2.3  1 

MICROWAVE  RADIOMETER 

-2000 

250  000 

- 

1 

SPIN  SCAN  PHOTOMETER 

*4000 

3 600  000  ' 

1 

<4000 

376  GOO 

‘also  during  cruise 

"not  available  in  version  IV  SCIENCE  REQUIREMENTS. 


8*3,3  Tradeoff  Studies 

The  tradeoff  studies  covered  the  following  subjects: 

• Off-the-shelf  telemetry  equipment 

• Low  weight,  advanced  technology  alternate 

• Centralized  processing 

• Memory  alternatives 

• Science  interfaces. 

All  of  the  tradeoffs  were  conducted  prior  to  the  receipt  of  the  Version  IV 
science  requirements.  The  results  of  the  off-the-shelf  telemetry  equip- 
ment tradeoffs,  and  the  science  interface  tradeoffs  remain  pertinent,  how- 
ever, The  other  three  tradeoffs  are  less  critical  for  the  selected  Atlas/ 
Centaur  launch  vehicle,  because  of  its  large  weight  margin. 
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A comprehensive  survey  of  off-the-shelf  telemetry  equipment  other 
than  that  derived  from  the  Pioneers  10  and  11  program,  was  c onducted. 
Although  several  provided  good  performance  features  and  low  basic  costs, 
certain  functions  were  lacking  such  as  the  convolutional  coder  and  tlie  spin 
sector  generator,  in  addition,  the  interfaces  witli  other  subsystems  were 
generally  not  compatible.  It  was  concluded  that  the  cost  and  risk  advan- 
tages of  using  developed  hardware  could  only  be  realized  for  this  type  of 
equipment  if  the  entire  equipment  complement  from  the  same  program 
were  used. 

Since  the  Pioneers  10  and  11  DTU  is  flight-proven,  meets  the  Pioneer 
Venus  data  handling  requirements  (with  minor  modifications)  is  compati- 
ble with  the  DSN  and  other  spacecraft  subsystems,  and  is  well  known  to 
both  NASA/ARC  and  TRW,  it  was  selected  as  the  preferred  telemetry  data 
processing  unit.  Table  8,3-14  summarizes  the  results  of  this  equipment 
survey, 

8.  3,  3.  2 Low  Weight,  Advanced  Technology  Alternate  T/D  HI  T/D  III 

It  became  obvious  during  the  overall  system  studies  that  the  weight 
margin  for  a Thor /Delta  system  was  minimal,  especially  for  the  probe 
mission.  An  advanced  data  acquisition  and  command  subsystem  (DACS) 
was  explored  as  a low-weight  alternate.  Figure  8,3-5  is  a block  diagram 
of  a candidate  DACS. 

The  DACS  uses  "P"  channel  MOS  LSI  and  TTL  MSI  technology  to 
achieve  a flexible,  low-weight,  low-power  subsystem.  Key  components 
have  been  developed  and  breadboarded  at  TRW.  The  subsystem  uses  the 
Pioneers  10  and  11  DDU  to  demodulate  and  authenticate  commands  and  a 
central  control  unit  (CCU)  to  distribute  commands  and  collect  and  format 
telemetry  data  from  remote  terminal  units  (RTU).  The  RTU  distributes 
commands  received  from  the  CCU  and  collects  and  performs  analog-to- 
digital  (A/D)  conversion  of  telemetry  data  requested  by  the  CCU  in  accord- 
ance with  a program  stored  in  the  CCU  read-only  memory  (ROM).  When 
the  probes  are  released,  the  telemetry  format  is  determined  by  a program 
stored  witliin  a ROM  in  each  probe  RTU.  Since  the  DACS  processes  com- 
mands, the  Pioneers  10  and  11  CDU  is  simplified  to  provide  only  special 
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functions,  such  as  ordnance  firing,  high-level  commands,  and  signal  con- 
ditioning. Other  CDU  functions  such  as  thruster  firing,  pulse  counting, 
command  storage,  and  sequencing  and  other  DTU  functions  such  as  spin 
sector  determination  and  convolutional  coding  are  performed  by  the  CCU. 
The  key  features  of  the  DACS  are: 

• Liow  weight 

• Low  power  consumption 

• System  flexibility  (modular  design,  KOM  programmable  formats). 

Table  8,3-15  compares  the  preferred  command  and  data  subsystem 
(derived  from  Pioneers  10  and  11)  to  the  alternate  DACS,  Because  of  the 
increased  use  of  microminiaturization  (P-MOS  LSI  and  bipolar  MSI),  the 
weight  and  power  of  the  DACS  are  substantially  reduced.  However,  the 
DACS  requires  further  development  witli  the  attendant  costs;  the  manufac- 
turing costs  are  similar  for  the  two  approaches.  The  cost  oalta  includes 
total  program  costs,  including  nonrecurring  and  recurring  costs  for  tlie 
probe  bus,  the  probes,  and  the  orbiter.  The  $730K  difference  assumes 
the  availability  of  the  prototype,  qualification,  and  flight  spare  Pioneers 
10  and  11  DTU's;  only  refurbishment  and  retest  costs  are  included.  The 
delta  is  reduced  to  j{430K  if  three  new  DTU's  must  be  fabricated  for  the 
baseline. 

Because  of  the  lower  costs  and  minimal  risks  associated  with  the 
developed  approach,  the  Pioneers  10  and  1 1 subsystem  is  selected.  How- 
ever, the  DACS  remains  a viable  alternative  for  weight  constrained  Thor/ 
Delta  configurations. 
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A comprehensive  analysis  of  the  DACS  is  given  in  Appendix  8.3B 
8.  3*  3. 3 Centralized  Processin 


Central  processing  was  examined  as  an  alternate  to  the  conventional 
approach  where  each  subsystem  performs  its  own  data  processing*  The 
concept  is  to  execute  in  a single  processor  those  functions  presently  per- 
formed in  distributed  hardware  so  that  the  overall  spacecraft  weight  and 
cost  will  be  minimized.  Centralized  functions  would  include: 

• Telemetry  formatting 

• Convolutional  encoding 

• Spin  sector  generation 

• Command  storage 

• Thruster  pulse  counting 

• Programming  for  AV  maneuvers 

• Programming  for  precessions 

• Programming  for  science  instrument  sampling 

• Science  gimbal  controlling. 

The  subsystem  model  assumed  the  use  of  tlie  DACS  (described  in  Section 
8. 3.  3.  3)  witli  the  CCU  replaced  by  a faster,  general-purpose  processor. 
In  addition  to  hardware  economics  achieved  with  the  DACS,  the  program- 
ming portions  of  the  CEA  and  progranuning  portions  of  tlie  affected  scien- 
tific instruments  would  be  deleted. 
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Table  8,3-16  summarizes  the  comparative  weight  and  power  para- 
meters. The  weight  saving  is  offset  by  tlie  higher  nonrecurring  costs. 
Such  a radical  departure  from  proven  approaches  involves  a development 
risk,  however.  In  general,  this  risk  derives  from  multiplexing  many 
diverse  functions  by  means  of  software  within  a single  processor.  The 
conventional  subsystems-  lose  their  identity  to  the  extent  that  classical 
management  techniques  arc  no  er  applicable. 


Table  8.  3-16.  Centralized  versus  Distributed  Processing 


I^ROBE  BUS 

ORBITER 

DISIRIBUIID 

--I 

CENTKAII21D 

DELTA 

DIS1RIBUTED 

centralueo 

ORTA 

WEIGHT  IKG 
POWER  CWAT1S) 

14.1  (31.0) 
20.7 

8.9  (19.7) 
20.7 

5.2  (11.3) 
0 

16.0  (35.3) 
15.3 

11.4  (25.2) 
19.1 

4.6  (10. 1) 
13.8] 

Appendix  8 , 3C  documents  additional  details  developed  in  this  tradeoff 

stud'/. 

8.  3. 3. 4 Memory  Alternative  ALL ORBITER  CONFIGURATIONS 

The  memories  listed  in  Table  8.3-17  were  investigated  for  use  as 
the  orbiter  data  storage  unit.  The  Pioneers  10  and  11  DSU  was  rejected 
because  of  its  unacceptably  low  capacity.  There  are  other  off-the-shelf 
core  and  plated  wire  memories  with  the  capacity  required  for  the  orbiter 
but  none  can  interface  directly  with  the  digital  telemetry  unit  or  the  sci- 
ence. They  are  all  heavier  than  the  preferred  C-MOS  memory  and, 
because  of  intricate  fabrication  techiuques,  cost  more.  Further,  only  one 
input  or  output  is  available  while  the  selected  approach  is  flexible  and  can 
be  configured  as  a group  of  smaller  memories,  &us  providing  buffer  stor- 
age for  several  science  instruments  simultaneously.  Of  course  it  is  possi- 
ble to  use  several  core  or  wire  memories  to  gain  modxilarity,  but  the  pen- 
alties are  higher  cost,  weight,  and  power  consumption.  The  P-MOS  offers 
many  of  the  same  advantages  as  the  static  C-MOS  but  since  it  is  dynamic 
timing  problems  limit  the  special  buffer  modes.  Stati'^  P-MOS  was  not 
investigated  because  of  the  inherently  high  power  consumption.  The  costs 
given  in  Table  8.3-17  include  nonrecurring  and  recurring  as  well  as  the 
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Table  8.  3-17,  Data  Storage  Tradeoffs 


memory  type 

CAPACITY 

WEIGHT* 

TOTAL  COST* 

POWER* 

REMARKS 

(BITS) 

>G  (LB)| 

($K) 

>i'ATTS) 

CORE 

49  1S2 

1 .6  (3.S) 

N,  A 

0.4  TO  1.2 

OFF  THE  SHELF.  HAS  DTU  INIERE ACE . INSUFEICICNT 

PIONEERS 
► 0 AND  n 

CAPACITY.  NEEDS  THREE  VOLTAGES. 

EMI 

1 ICX)  000 

6.4  (14.0) 

630 

2.0TO5.5 

Off  THE  SHE.tr  . REQUIRES  MAJOR  MODIf  IC  AllON  OR  NEW 
INTERFACE  UNIT.  NEEDS  THREE  VOLTAGES. 

HELIOS 

S24  28B 

4.7  (10.3) 

'? 

3.0  TO  5.7 

ADVANCED  DEVllOPMENT.  REQUIRES  NEW  INTERFACE  UNIT. 
GERMAN  MADE.  NEEDS  THREE  VOLTAGES. 

plated  wire 

OFF  THE  SHELF.  REQUIRES  NEW  INTERFACE  UNIT.  NEEDS 
THREE  VOLTAGES. 

MINUTEMAN 

580  000 

7.4  (16.2) 

644 

1.5 

VIKING 

500  000 

4.3  (9.5) 

655 

1.5 

ADVANCED  DEVELOPMENT.  REQUIRES  NEW  INTERFACE  UNIT. 
NEEDS  THREE  VOLTAGES. 

MOTOROLA 

768  000 

17.2  (38) 

650 

1.5  TO  2.5 

requires  new  interface  unit.  NEEDS  TWO  VOLTAGES, 

544  000 

(6.3  (36) 

560 

C 

REQUIRES  NEW  INTERFACE  UNIT,  NEEDS  POWER 

HONEYVi/ELL 

0 

SWITCHING  ADDED.  NEEDS  FOUR  VOLTAGES 

SOLID  STATE 

NEW  DESIGN  USING  PROVEN  TECHNOLOGY . BECAUSE  OF 
TIMING  PROBLEMS  SPECIAL  BUFFER  MODES  CANNOT  BE 

DYNAMIC 

491  520 

1.2  (2.7) 

460 

4.3 

P-MOS 

(MULTI-CHIP) 

SUPPLIED.  NEEDS  THREE  VOLTAGES. 

STATIC 

C-MOS 

(MULTI-CHIP) 

491,520 

1.2  (2.7) 

415 

0.4  TO  3.0 

new  DESIGN  USING  PROVEN  TECHNOLOGY . GIVES 
SPECIAL  MODES  TO  SCIENCE.  NEEDS  ONE  VOLTAGE. 

NEW  DESIGN  USING  PROVEN  TECHNOLOGY  GIVES 
SPECIAL  MODES  SIMULTANEOUSLY  TO  SCIENCE  AND  PRO- 

STATIC 

737  280 

1.8  (4.0) 

465 

0.6  TO  4.5 

C-MOS 

VIDES  RECONFIGURABLE  REDUNDANCY . OPERATIONALLY 

(MULTI-CHIP) 

ViRY  FLEXIBLE.  NEEDS  ONE  VOLTAGE. 

'weight  cost,  and  power  columns  include  deltas  to  cover  increased  required 

FOR  ADDED  INTERFACE  MODULES.  COSTS  OF  POWER  REGULATION  ALSO  INCLUDED. 


costs  for  required  interface  tmits,  where  applicable.  The  weight  and 
power  entries  also  include  interface  units»  as  required. 

8. 3. 3.  5 Science  Interfaces  ALL  CONFIGURATIONS 

The  data  handling  subsystem  can  provide  several  interface  services 
to  the  experiments.  These  include: 

• Signal  conditioning 

• Asynchronous  buffering 

• Buffer  storage 

• Analog-to-digital  conversion 

• Analog  multiplexing 

• Programming. 


I S.g,.u  conditioning,  aognchnonou.  buffoting,  and  programming  aro  gonor- 
5 ally  mstrnmont-poculinr  and,  thoreloro,  nro  ndually  performed  by  oarf. 
g motrumorf.  Thin  oppro-ach  i.  recommended  lor  Plonoor  Venoi  m order 

1 to  maintain  standard  interlaces  „iu,  fte  rosmiarf  ea.o  of  interface  speoi- 

2 fication  and  control* 

< Differ  storage  is  large  and  expensive,  particularly  wlion  capacities 

approaching  100.  000  hits  arc  ro,uirad.  Time  si.ari.gi  of  bnflor  storage 
yields  obvious  cos.  and  weight  advantages  and  is  roconnnonded  and  included 
in  3ur  preferred  data  handling  subsystem  approach. 

which  multiplorfng  are  functions 

Tv  f r,  u ‘«^‘«'Jaai  instrument,  or  centraiiy 

oy  the  data  handling  subsystem  since  the  tradeoff,  are  not  sensitive  in 

^er  dfectaon.  Modification,  involving  only  a few  boards  wUl  allow  the 

vewiTn  for  »»alog-to.digitM  con- 

ion  for  the  instrument,  for  both  science  and  housekeeping  data. 

Because  otter  changes  to  the  Kmieer.  10  and  „ DTU  are  necessary,  this 
IS  a cost-effective  approach.  ^ 

I I .P°*»  Handling  Subsvstmn  t„  Version  m Science  Psylosa 

I S rn  . J*"'  -iiaenseed  to  tor.  section  were  sized  for  uee 

w w w^  the  probo  bus  and  two  arbiter  confignra«o„s:  i,  a fanscan  antla 

g S «“>  transmitter  and,  2)  a PranUto  array  with  a despun  reflector 

« Their  sizmg  is  also  based  on  use  of  both  64-  and  26-me.er  DSN  subnrfs 

tor  time  periods  that  vary  according  to  what  the  team  regarded  as  reasona- 
ble  assumptions  of  availability, 

DSU  «»“«•  10  and  11  DTU  and  a new 

vrfiirf  Thor /Delta  and  AtUs /Centaur  Uunch 

vehicles  except  in  the  area  of  DSU  packaging. 

Pohcription  .Version  m 

"'"toterna";  “ Tstra  ti 

igi,re  «.3  6 is  a block  diagram  of  the  DTU. 

The  DTU  can  accept  data  r j given  in  Table  8.3-18. 
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Figures.  3 6.  Digital  Telemetry  Unit  tDTUl 


Table  8.  3-18.  Version  III  DTU  Inputs 


lYPt  Of  CHANNtt 

NUMBER  OF  CHANNELS 

StfllAL  DIGIIAL  IK'PUTS 

• ^ClfNCf  Fc:>KMAr  A 

12 

• SC  It  NCE  FORMAT  B 

12 

• SPFCIAl  D FORMATS 

/ 

• TNGINEFKING  SUBCOM 

3S 

• SCIFNCE  SUBCOM 

20 

86 

BILtVH 

• t NO  INURING  SUBCOM 

/8 

• SUtNCE  SUBCOM 

24 

102 

ANAU>G 

• ENGINttRINO  SUBCOM 

74 

• SCIENCE  SUBCOM 

40 

114 

The  principal  scientific  data 
are  required  on  12  channels  (For- 
mat A)  in  serial  digital  word  length*; 
of  3 to  72  bits  in  3 -bit  increments. 

A second  set  of  12  channels  (For- 
mat B)  is  provided  for  use  with  an 
alternate  selectable  format.  There 
are  seven  special  serial  inputs  (For- 
mal D)  which  can  be  used  to  dump 
large  buffers  or  other  large  data 
sources.  The  other  inputs  are  for 
subcommutated  housekeeping  data. 
These  data  are  acquired  in  6-bit 
increments.  Ten  of  the  bilevel 
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channels  are  used  internally  in  the  DTU.  Analog  housi-kei.ping  data  art- 
accepted  and  digitized  to  6 bits;  three  channels  are  used  intentionally  in 
the  DTU.  Word  gates  .md  shift  iTot  ks  are  supplied  to  synchronize  sen. 
data  acquisition. 


il 


Data  is  ..rranged  and  formatted 
for  telemetry  in  l‘li-1>ii  maiiifranies. 
Figure  8.  depicts  this  frame  for- 
mat comprised  of  eight  24-’oit  rows. 
One  and  a half  rows  are  used  for 
fixed  words  and  a half  is  occupied 
by  the  subcommutated  engineering 
and  instrument  housekeeping  data. 
The  remaining  six  rows  are  allo- 
cated to  the  science  data.  This 
allocation  is  controlled  by  external 
patching. 

There  are  two  principal  science 
formats,  designated  as  A and  B. 
Each  has  its  own  patchable  programming  and  each  is  selectable  by  ground 
command. 
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figure  8.  >-7.  B»$ic  Telemetry  formit  tor  Version  1 1 1 


Special  D formats  are  available  where  the  A or  B format  is  inter- 
leaved with  an  external  source  (such  as  checkout  data  from  a probe),  sVhen 
in  a D format,  the  external  source  is  allocated  every  other  192-bit  block. 
This  external  data  is  not  formatted  by  the  DTU,  i.e.,  tlie  fixed  words  and 
subcoms  are  not  inserted. 


The  engineering  subcom  contains  128  words;  each  word  is  6 bits. 
These  words  are  in  four  groups  designated  Cl  to  C4.  The  C formats  can 
be  accelerated  so  as  to  replace  the  mainframe  science  data  with  engineer- 
ing data.  This  allows  a much  faster  engineering  data  rate  for  maneuvers 
or  diagnostic  purposes.  Science  housekeeping  data  is  subcommutated  with 
64  words  and  6-bit  resolution  and  is  designated  El  and  E2, 


The  formatted  data  is  convolutionally  coded  (rate  1/2,  constraint 
length  32)  and  biphase  modulated  on  a squarewave  subcarrier  for  trans- 
mission. The  encoder  can  be  bypassed  by  ground  command.  The  data  is 
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transmitted  at  one  of  8 bit  rates  from  8 to  i0i4  bits/s  (16  to  2048  coded 
symbols  per  second).  The  subcarrier  amplitude  can  be  commanded  to  one 
of  two  accurately  controlled  voltage  levels  to  achieve  two  modulation 
indices  to  optimize  downlink  telemetry  acquisition  and  processing. 

The  OTL)  receives  a sun  pulse  once  per  spacecraft  revolution  and 
generates  spin  sector  pulses  at  four  rates;  one  each  revolution,  one  each 
1/8  revolution,  one  each  1/64  revolution,  and  one  each  1/512  revolution. 
An  overflow  flip-flop  is  added  to  the  spin  sector  generator  register  to  pro- 
hibit the  use  of  the  first  sxm  pulse  following  an  eclipse  (while  the  flip-flop 
is  only  a requirement  for  the  orbiter,  its  addition  maintains  maximum 
probe  bus /orbiter  DTU  commonality).  The  DTU  also  acts  as  the  central 
timing  source  and  supplies  several  clock  frequencies  to  other  spacecraft 
subsystems  and  instruments. 

The  science  data  requirements  occupy  just  over  half  the  available 
frame  at  512  bits/s;  the  remaining  excess  frame  capacity,  shown  as  spare, 
can  accommodate  growth  of  the  science  data  rate  requirements.  Since  the 
link  can  support  1024  bits/s  during  probe  bus  entry,  a science  data  rate 
increase  of  approximately  300  percent  is  available. 

Figure  8.3-8  shows  the  recommended  format  assignments  for  vari- 
ous phases  of  the  probe  mission  and  illustrates  a possible  word  allocation 
for  Format  B. 

PHASf  FORMAT 

I . lAUMCH  C 

i.  CRinSE  A 

3.  MANEUVERS  C4 

4.  SCIENCE  CMFCKOUT  8 
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The  probe  bus  interfaces  with  the  probes  in  order  to  prcvide  com- 
mands and  acquire  telemetry  data  for  sequencing,  calibration  and  checkout. 
The  DTU  provides  four  separate  serial  input  chaimcls,  one  for  each  probe. 
There  are  three  ii^erface  lines  for  each  probe:  an  ei;able  line  to  notify  the 
probe  that  data  is  being  transferredi  a data  line,  and  a chained  clock  Ime. 
The  isolation  shown  in  the  DTU  for  the  clock  output  will  preclude  propaga- 
tion of  line  shorts  that  may  be  caused  by  tlie  cable  cutters  at  probe  release. 
Figure  8.3-9  depicts  this  interface. 


Figure  8. 3*9.  DTU/Probe  Interface 


III  8.  3.4.2  Orbiter  Data  Handling  Subsystem  Description  (Version  III  Science 
Payload 

III 

The  orbiter  data  handling  subsystem  is  comprised  of  a single,  inter- 
III  nally  redundant  DTU  and  three  DSU's.  The  DTU  is  described  in  Section 


/D  III 


8.3.4. 1. 


A recommended  set  of  formats  for  the  orbiter  is  given  in  Figure 
8.3-10.  For  spacecraft  option  1,  the  communications  link  can  support 
128  blts/s  at  end  of  mission.  The  principal  orbiter  format  shown  accom- 
modates the  Version  111  science  low  altitude  data  at  this  rate.  The  radar 
altimeter  data  is  stored  and  read  out  after  completion  of  the  periapsis 
pass.  The  radar  altimeter  benefits  from  the  use  of  a large  buffer,  parti- 
cularly below  300  kilometers  where  a favorable  signal-to-noise  ratio 
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iUlows  high  data  sampling  witliout  data  filtering.  Greater  data  acquisition 
rates  can  be  accommodated  by  storing  at  higher  rates  and  telemetering  in 
delayed  time  iit  128  bits/s,  or  by  using  a 64-meter  ground  station.  If  stor- 
age is  used  for  the  high  altitude  data  as  well  as  for  tlie  radar  altimeter, 
and  all  data  during  occultationj  tlie  duration  of  DSN  station  coverages  is 
minin^ized.  Figure  8.3-11  presents  the  time  needed' to  transmit  tlie  data 
ass  lulling  the  following  data  requirements: 

• 491  520  (75  percent  science,  25  percent  housekeeping)  near 
periapsis 

• 245  760  (100  percent  science)  special  modes,  probably  near 
periapsis 

• 368  640  (75  percent  science,  25  percent  housekeeping)  high 
altitude . 

This  profile  could  vary  depending  on  the  total  science  data  taken  each  24 
hours.  Additional  station  time  is  necessary  for  up  to  2 hours  from  orbit 
days  I to  71  and  125  to  144  for  the  RF  occuitation  experiment.  Several 
hours  are  needed  on  orbit  days  30,  60,  150,  and  185  for  periapsis  main- 
tenance, Routine  tracking  is  also  required.  The  coverage  needed  during 
the  orbiter  cruise  period  could  be  minimized  by  storing  the  magnetometer 
data  and  transmitting  for  a short  tune  once  a day, 

F'or  the  fanbeam  orbiter  spacecrnfl,  the  reduced  (elemelrv  rate 
capability  necessitr'.es  greater  DSN  coverage.  Figure  8.  3-12  plots  the 
time  assuming  the  transmission  of  1 105  020  stored  bits  cited  above. 
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Figure  81 3-a  DSN  Usage 
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The  storage  requirements  are  implemented  by  using  three  DSU’s, 
each  comprised  of  two  122  880  bit  modules.  These  modules  can  be  chained 
to  form  a single  memory  bank  of  245  760  bits  or  they  can  be  used  indepen- 
dently. In  this  manner,  the  four  data  sources  identified  in  Table  8.3-8 
are  accommodated  simultaneously  at  low  altitudes  and  the  magnetometer 
(and  perhaps  the  UV  spectrometer)  are  assigned  storage  at  high  altitudes. 
Figure  8.3-13  shows  the  storage  arrangement.  In  the  event  of  a DSU  fail- 
ure, reconfiguration  is  accomplished  by  ground  command.  Any  two  of  the 
three  fxxnctions  are  chosen  (the  radar  altimeter  and  IR  radiometer  are 
handled  as  a single  function  for  reconfiguration  since  each  requires  half  a 
D^'I).  Redundancy  is  provided  for  the  formatted  occultation  period  infor- 
mation and  the  nonformatted  radar  altimeter  data  (in  line  functions).  The 
UV  spectrometer  and  IR  radiometer  experiments  are  improved  by  the 
availability  of  the  added  storage. 
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Figure  8. 3-13.  Data  Storage  Contiguration 

The  proposed  DSU  is  based  on  a 256-bit  C-MOS  random  access 
memory  chip.  For  the  weight  limited  Thor /Delta  orbiter,  ten  chips  are 
placed  in  a single  24-lead  flatpack.  For  the  Atlas /Centaur  configuration, 
conventional  single  chip  14-lead  flatpacks  are  employed.  Figure  8.3-14 
is  a block  diagram  of  a memory  module,  two  of  which  compromise  a DSU. 
The  memory  is  organized  in  a three-dimensional  matrix,  in  the  classical 
manner.  There  are  forty  256-bit  strings  per  plane  and  12  planes.  The 
memory  module  appears  as  10  240  12-bit  words.  During  memory  load, 
data  is  shifted  serially  into  the  buffer  shift  register  with  the  data  source 
clock.  On  the  twelfth  clock,  the  contents  of  the  buffer  shift  register  are 
transferred  in  parallel  to  the  addressed  memory  word.  Since  the  address 
is  selected  by  a counter,  the  module  appears  as  a 122  880-bit  serial 


Fifun  S.  )-l4.  Meimiy  Module  Block  Olagnm 
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The  selected  DSU  is  the  most  cost-effective  aj)j.u*oach  to  satisfying 
botli  the  orbiter  mission  i^equiremcuts  and  the  Pioueei’s  10  and  11  DTU 
interfaces.  The  new  DSU  design  enliances  tlie  performance  capability  of 
several  of  the  scientific  instruments  by  providing  multiple  and  simultane- 
ous asynchronous  buffering  for  high  data  rate  measurements.  This  flexi- 
bility permits  the  use  of  a reasonably  sized  communications  links  and 
reduces  ground  operations  time. 

8.3.5  Preferred  Data  Handling  Subsystem  for  Atlas/Centaur  Spacecraft 
(Version  IV  Science) 

The  following  data  handling  subsystems  satisfy  the  Version  IV  sci- 
ence requirements  and  are  sized  for  use  with  the  preferred  Atlas /Centaur 
earth -pointing  configurations. 

A/CIV  8. 3.  5.1  Preferred  Earth- Pointing  Atlas/Centaur  Version  IV  Science 
Probe  Bus  Data  Handling  Subsystem 

The  preferred  probe  bus  data  handling  subsystem  consists  of  a sin- 
gle, internally  redundant,  modified  Pioneers  10  and  11  DTU.  The  follow- 
ing changes  were  made  to  the  DTU  described  in  paragraph  8.3.4. 1. 

Format 
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The  Version  TV  science  payload  higher  bit  rate  requirements  neces- 
sitate a more  efficient  format  than  the  Pioneers  10  and  11  DTU.  The  pre- 
ferred, modified  DTU  uses  91  percent  of  its  format  for  principal  scien- 
tific data,  versus  75  percent  for  the  Pioneers  10  and  11  format.  The  basic 
format,  Figure  8.1-C,  is  increased  from  192  bits  to  768  bits  (from  8 to 
32  rows  of  24  bits  each). 

The  new  format  is  similar  to  tlie  Pioneers  10  and  11  format,  shown 
in  Figure  8.3-8,  facilitating  the  use  of  Pioneers  10  and  11  integration  and 
operational  software  and  elintinating  considerable  development  costs. 

Special  Format 

The  special  formats  (D)  are  no  longer  interleaved  with  the  A and  B 
formats,  as  for  Pioneers  10  and  11,  but  are  placed  into  the  main  format. 
The  principal  format  continues  to  be  used,  but  24  of  tlie  32  rows  are  over- 
laid with  D data  (rows  5 to  16  and  21  to  32). 
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Format  Quantity 

The  nxamber  of  principal  science  formats  is  increased  from  two  (A 
and  B)  to  eight.  Four  will  be  allocated  to  the  probe  bus  and  four  to  the 
orbiter.  Therefore,  one  DTU  spare  is  adequate  for  both  the  probe  bus  and 
the  orbiter.  These  formats  will  be  preloaded  in  read-only-memories 
(ROM's)  providing  programming  versatility  approaching  patch  connectors 
but  with  an  increase  in  die  number  of  formats. 

Word  Length 

The  preferred  DTU  program  is  not  restricted  by  word  length,  increas- 
ing packing  efficiency*  The  Pioneers  10  and  11  DTU  had  a 3-bit  mainframe 
word  length,  which  caused  packing  inefficiency  for  words  whose  length  was 
not  a multiple  of  three. 

Analog -to -Digital  (A/D) 

The  A/D  conversion  resolution  is  increased  from  6 to  10  bits  to 
accommodate  the  science  requirements.  Where  less  than  10  bits  is  neces- 
sary, as  for  the  engineering  subcommutators,  the  word  length  will  be 
reduced.  An  integrated  circuit,  successive  approximation  A/D  will 
replace  the  discrete  component  ramp  converter  now  used. 

Analog  Main  Frame 

Routing  of  analog  inputs  to  the  main  frame  word  slots  allows  accom- 
modation of  analog  science.  (This  is  not  a requirement  for  the  probe  bus 
or  orbiter  but  is  necessary  for  the  large  and  small  probes.  Commonality 
dictates  its  availability  on  the  bus  and  orbiter  for  optional  use. } 

Science  Subcommutator  Word  Length 

The  science  subcommutator  word  length  is  increased  from  6 to  10 
bits  to  satisfy  the  ion  mass  spectrometer  requirements. 

Selectable  Bit  Rates 

Eight  commandable  bit  rates,  from  8 to  1024  bits/s  in  binary  incre- 
ments, will  be  provided  in  lieu  of  the  range  from  16  to  2048  bits/s  availa- 
ble on  Pioneers  10  and  11.  The  8 bits/s  rate  is  required  to  support  off 
earth -pointing  maneuvers  at  extended  ranges. 
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Multiple  Level  Biphase  Outputs 

Multiple  modulation  amplitudes  are  selectable  by  ground  command 
to  permit  optimization  of  the  downlink  modulation  index. 

Spin  Sector  Generator  Hold  Mode 

An  overflow  flip*flop  prohibits  pairing  of  the  sun-pulses  immediately 
before  and  after  an  eclipse.  This  allows  smooth  probe  operation  even  with 
several  hour  sun  eclipses. 

The  changes  are  principally  confined  to  two  board  types,  the  pro- 
grammer and  the  analog  subcommutator.  Only  very  minor  modifications 
are  necessary  on  other  boards.  These  changes  result  in  a cost-effective 
DTU  that  meets  the  Pioneer  Venus  requirements  while  retaining  proven 
Pioneers  10  and  11  technology. 


The  format  for  the  probe  bus.  Figure  8.3-15,  shows  an  entry  for- 
mat sized  for  1024  bits/s. 


1 


I 74 


figure  8. 3 15.  Probe  Bus  f nlry  Format  (1024  bits/sl 


I£  the  other  candidate*'  in- 
struments, Table  8.  3-5,  are  both 
added,  the  science  data  rate  will 
increase  from  938.7  to  962.6  bits/s* 
The  overall  data  rate  could  be  in- 
creased the  necessary  24  bits  (but 
this  would  raise  the  rate  just  over 
the  1024  bits/ 8 standard),  or  the 
DTU  crystal  frequency  could  be 
raised  a few  percent  increasing  the 
bit  rates  accordingly.  Alternatively, 
the  transmitter  power  may  be  in- 
creased to  12  watts;  this  would, 
however,  impact  other  subsystems 
such  as  power  and  thermal.  Either 
one  of  the  two  "other  candidate" 
instruments  could  be  added  without 
impact  to  the  probe  bus  data  hand- 
ling subsystem. 
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The  preferred  orbiter  data  handling  subsystem  consists  of  a modi- 
fied Pioneers  10  and  11  DTU  (Section  8.3.6. 1),  and  five  DSU's  (Section 
8. 3.4.  2),  two  more  tlian  the  Version  III  science  subsystem.  The  DSU 
interconnections  are  shown  in  Figure  8.3-16.  Data  is  stored  at  periapsis 
and  transmitted  later  at  slower  rates,  the  most  cost-effective  method. 

The  preferred  DSU  satisfies  orbiter  mission  requirements,  interfaces 
well  with  the  preferred  DTU,  reduces  ground  operations  time,  and  enhances 
the  performance  capability  of  several  scientific  instruments.  Storage  is 
available  for  use  during  the  mission  not  just  during  occultation  near 
periapsis.  
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F tgure  8. 3-16.  Storage  Configuration 
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The  available  storage  exceeds  the  reqmremeiits,  as  shown  in  Table 
8,3-19,  Figure  8,3-16  also  shows  the  preferred  storage  configuration. 

Table  8.  3-19.  Preferred  Available  Storage 
versus  Requirements 


USAGt 

KEQUIRIMENIS 

(BITS) 

IMPLEMENTAIION 

(BITS) 

digital  TtLtMETftY  UNIT  fOTU) 
iINCLUDES  MAGNE'OMfTfR, 
LLECTRON  TEMPERATURE,  AND 
ULTRAVIOLET  DATA) 

3??  S60 

.(68  (^40 

NEUTRAL  MASS  SPECTROMETER 

117  000 

1?2  880 

ION  MASS  SPECTROMETER 

117  000 

12?  880 

INFRARED  RADIOMETER 

?04  000 

245  760 

RADAR  ALTIMETER 

46  000 

122  880 

TOTAL 

806  S60 

983  040 

The  total  bits  983  040,  are  supplied  by  four  DSU's,  the  fifth  is  a 
spare.  Reconfiguration  is  accomplished  by  one  of  five  ground  conunands 
which  shift  all  five  units  to  a new  "position."  This  same  command  tells 
the  DSU  whether  it  is  in  a single  modvile  or  chained  modules  mode.  A 
sixth  and  seventh  command  place  the  DSU's  in  the  high  or  low  altitude 
configuration.  The  DSU's  are  in  the  read-in  condition  except  when  con- 
trolled for  read-out  by  the  DTU, 

Figure  8,3-17  gives  a periapsis  pass  in  operational  terms,  illus- 
trating the  use  of  the  DSU's. 

The  available  telemetry  link  assumed  is  64  bits/s.  Data  is  stored 
for  42  minutes  at  low  altitudes  and  telemetered  later.  Except  during 
occultations,  the  magnetometer,  electron  temperature  probe,  I'/V  spectro- 
meter, and  housekeeping  data  can  be  real  time  telemetered  while  the  other 
periapsis  storage  take  place.  The  342  minutes  shown  to  diunp  low  altitude 
data,  however,  includes  this  formatted  data.  While  the  stored  data  is 
being  read  out  to  the  ground,  real  time  data  is  being  interleaved  so  that 
no  data  is  lost.  The  eight  commands  are  stored,  relieving  the  ground  of 
much  routine  effort.  Only  the  dump  commands  have  to  come  from  the 
ground.  While  these  could  be  stored,  the  stored  command  programmer 
located  in  the  CDU  does  not  know  when  ground  station  availability  exists. 

A more  detailed  discussion  of  the  operational  sequence  is  given  in 
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Figure  8.3-17.  Orbiter  Date  Storage  TImeHne 


section  10.  5.  7,  and  the  command  storage  is  described  in  Section  8.  4.  The 
formats  derived  for  use  with  the  subsystem  hardware  and  operational  pro- 
cedures outlined  are  given  in  Figure  8.  3-18. 

As  shown  in  Table  8.3-13,  the  other  candidate  instruments  are  not 
well  understood  at  this  time.  Fr<wn  a data  handling  viewpoint,  the  AC 
electric  field  detector  could  be  added  with  no  perceptible  impact.  The 
impact  of  the  microwave  radiometer  also  appears  to  be  negligible.  The 
spin  scan  photometer,  however,  will  more  than  double  the  daily  data.  The 
effects  of  the  added  3, 978,  000  bits  will  depend  on  the  sample  size,  amount 
of  storage  in  the  instrument  itself,  and  operational  procedures.  The  photo- 
meter could  be  interleaved  on  every  other  orbit,  for  example,  or  one  or 
two  more  DSU's  could  be  added  and  continuous  ground  station  coverage 
employed. 
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8,4  COMMAND  SUBSYSTEM 

8,4.1  Introduction  and  Summary  ALL  CONFIGURATIONS 

The  preferred  command  subsystem  design  provides  cost  savings  by 
using  llight- proven  Pioneers  10  and  11  hardware  (either  as -is  or  with 
minor  modifications),  wh'ch  is  highly  reliable  and  flexible  in  its  applica- 
tion. It  consists  of  the  digital  decoder  unit  (DDU)  and  the  command  dis- 
tribution unit  (CDlt),  which  process  and  distribute  commands  throughout 
the  spacecraft  and  to  the  probes  prior  to  their  release. 

The  DDU  and  CDU  consist  of  subassembly  "slices"  containi-.g 
printed- circuit  boards  that  facilitate  modification  of  specific  functions  to 
meet  new  requirements  or  provision  for  growth.  The  key  features  of  the 
proposed  design,  summarized  in  Figure  8.4-1,  include: 

s The  DDU  and  CDU  are  redundant,  the  latter  internally  redundant 
in  a single  package. 

s The  DDU  from  Pioneers  10  and  11  can  be  used  without  change. 

• The  modifications  required  to  the  CDU  involve  the  addition  of  one 
new  slice,  the  redesign  of  an  existing  slice,  and  minor  modifica- 
tions to  three  other  slices. 

• The  increased  ordnance  firing  requirements  of  Pioneer  Venus  as 
compared  to  Pioneers  10  and  11  are  accommodated  by^  adding  a 
slice  containing  the  necessary  firing  circuitry.  This  is  the  most 
cost-effective  approach  to  adding  the  required  capability,  and  the 
small  weight  penalty  is  acceptable  for  the  Atlas /Centaur  mission. 
The  majority  of  the  additional  ordnance  firing  requirements 
deilve  from  the  experiments  and  probe  release  operations. 

The  following  sections  derive  the  mission  requirements  imposed  on 
the  command  subsystem,  discuss  the  tradeoff  analyses  that  were  per- 
formed to  select  a cost-effective  implementation,  and  describe  the  detailed 
preferred  configuration  recommended  for  the  Pioneer  Venus  program. 

8,4,2  Requirements  Versus  Capabilities 

8,4.2. 1 Commands  A/C  III  A/C  III 

The  function  of  the  command  processor  in  tlie  Pioneers  10  and  11 
CDU  is  to  decode,  process,  and  distribute  real-time  commands  upon 
receiving  digitally  coded  signals  from  the  DDU,  The  three  types  of  real- 
time commands  are: 
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A/C  III  [|^  A/C  III 

• Discrete  pulse 

• Discrete  state 

• Serial  (routed  to  the  DTU,  ADCS,  command  memory,  and  to  the 
probes) 

The  existing  real-time  capability  is  adequate  to  meet  all  the  Pioneer 
Venus  requirements  for  the  probe  bus  and  orbiter  missions  without  modi- 
fication. Figure  8,4- IE  summarizes  the  number  of  discrete  commands 
required  by  each  subsystem.  Appendix  8-4A  provides  a detailed  com- 
mand list. 

Provision  must  be  made  to  command  each  of  the  four  probes  via  a 
separate  bus /probe  interface  connection  (umbilical)  during  prelaunch  test- 
ing and  again  during  preseparation  checkout.  Approximately  nine  com- 
mands are  required  for  each  probe. 

The  serial  command  function  of  the  CDU  o^ers  a convenient  method 
of  implementing  these  probe  conunand  requirements  without  impact  to  the 
existing  design.  Eight  routing  destinations  are  selectable  with  the  3 -bit 
routing  address  in  the  command  message.  Spares  are  available,  one  of 
which  may  be  assigned  to  the  probes.  By  activating  and  commanding 
only  one  probe  at  a time,  the  single  routing  address  serves  all  four 
probes . 

In  addition  to  these  real-time  command  requirements,  the  orbiter 
mission  requires  a command  memory  capability,  permitting  storage  of 
commands  for  execution  at  a later  time.  Table  8.4-1  defines  these 
requirements.  Four  commands  are  provided  to  arm  and  fire  the  solid 
rocket  motor  for  Venus  orbit  insertion  because  the  spacecrait  is  occulted 
by  the  planet  during  this  critical  operation.  The  timing  error  of  the 
motor  firing  should  not  exceed  approximately  ±60  seconds  minimizing 
the  perturbation  to  the  desired  orbit. 

An  additional  requirement  is  to  protect  against  premature,  as  well 
as  late,  motor  firing  that  might  preclude  achieving  a satisfactory  orbit. 
Independent  redundant  time  delay  computation  circuitry  greatly  enhances 
the  reliability  of  this  operation. 
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Table  8*4-1.  Command  Memory  Requirements 


COMMAND  name 

MISSION  PH/SE 

EXECUTE 

TIME 

(MIN) 

total 

COMMANDS 
REQUIRED 
IN  MEMORY 

PROPOSED 
CAPACITY 
OF  NEW 

memory 

SPARES 

ARM  ORBIT  INSERTION  MOTOR 

ORBIT  IN 

SERTION 

P-0,1 

\ 

ARM  ORBIT  INSERTION  MOTOR 

P-O.l 

(REDUNDANT) 

4 

16 

12 

FIRE  ORBIT  INSERTION  MOTOR 

P-0 

FIRE  ORBIT  INSERTION  MOTOR 

ORBIT  IN 

SERTION 

P-0 

) 

(REDUNDANT) 

LOW  ALTITUDE  STORE  FORMAT  SELECT 

EACH  ORBIT 

P-21 

STORE  INFRARED  DATA 

P-17 

RADAR  altimeter  TRANSMITTER  ENABLE 

P-8 

AND  STORE  DATA 

neutral  and  ion  MASS  SPECTROMETER 

P-6 

8 

16 

8 

TO  HIGH  BIT  RATE 

} 

neutral  and  ion  mass  spectrometer 

P+6 

TO  HIGH  BIT  RATE 

RADAR  altimeter  TRANSMITTER  DISABLE 

P+8 

HIGH  ALTITUDE  STORE  FORMAT  SELECT 

P+21 

RESET  STORED  COMMAND  COUNTER 

EACH 

ORBIT 

P+25 

The  spacecraft  is  occ\ilted  for  periods  up  to  20  minutes  during  peri- 
apsis  passage  for  the  first  70  days  in  orbit.  Stored  commands  reconfigure 
the  instrument  operating  modes  and  the  data  storage  formats  during  this 
period  of  high  scientific  interest  when  real-time  commands  cannot  be 
transmitted.  Approximately  eight  commands  fulfill  these  functions. 

Timing  execution  of  these  events  is  less  critical  than  the  motor  firing;  an 
uncertainty  of  2 minutes  is  acceptable. 

The  existing  Pioneers  10  and  11  command  memory  in  the  CDU  has 
the  capability  of  storing  up  to  five  command  messages  and  their  associated 
time  delays  for  later  sequential  execution.  The  maximum  time  delay 
capable  of  being  stored  in  any  given  slot  is  8320  seconds.  Each  command 
is  executed  sequentially  after  the  associated  time  delay  relative  to  the 
execution  of  the  previous  command  in  the  stack.  The  resolution  of  each 
incremented  time  delay  is  128  seconds  for  time  delays  between  384  and 
8320  seconds.  The  existing  memory  is  not  redundant. 

A tradeoff  st  idy,  evaluating  alternative  approaches  to  meet  the 
more  stringent  Pioneer  Venus  requir^'ments.  is  discussed  in  Section 

8.4.3. 1. 
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8.4.2.  2 Ordnance  Firing  Circuita  A/C  III  [|j^  A/C  III 

Table  8.4-2  identifies  the  ordnance  firing  function  requirements 
applicable  to  the  probe  bus  and  orbiter  spacecraft.  Twenty-two  firing 
circuits  (including  redundancy)  initiate  the  scientific  instrument  and 
probe  disconnect/ release  ordnance.  The  orbiter  has  12  circuits  to 
accommodate  rocket  motor  ignition^  ram  platform  releasei  and  several 
experiment  functions.  Since  the  existing  ordnance  firing  system  has  only 
four  circuits,  provision  must  be  made  to  augment  this  capability  to  meet 
the  new  Pioneer  Venus  mission  requirements.  Several  implementation 
approaches  are  evaluated  in  Section  8.4. 3.  2 and  a preferred  configuration 
is  recommended. 


Table  8.4-2.  Ordnance  Firing  Requirements 
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EXPLOSIVE 

DEVICE 

FIRING 

CIRCUIT 

ACTIVATION 

ORBITER  SPACECRAFT 

neutral  mass  spectrometer  ion 

SOURCE  CAP  EJECTION 

1 PIN  PULLER 

2 

2 

ORBIT 

ULTRAVIOLET  SPECTROMEHR  SUN 
COVER  EJECTION 

1 PIN  PULLER 

2 

2 

CRUISE 

ELECTRON  TEMPERATURE  PROBE  RELEASE 

1 PIN  PULLER 

2 

2 

CRUISE 

RADAR  altimeter  ANTENNA  RELEASE 

1 PIN  PULLER 

2 

2 

ORBIT 

FIRE  ORBIT  INSERTION  MOTOR 

1 INITIATOR 

2 

2 

VOI  + 0 

RAM  PLATFORM  RELEASE 

t PIN  PULLER 

2 

2 

ORBIT 

1 FIRING  CIRCUITS:  6 PRIMARY,  6 REDUNDANT, 

12  total 

PROBE  BUS  SPACECRAFT 

ULTRAVIOLET  SPECTROMETER  SUN 
COVER  EJECTION 

I PIN  PULLER 

2 

2 

CRUISE 

ELECTRON  TEMPERATURE  PROBE  RELEASE 

1 PIN  PULLER 

2 

2 

ORBIT 

NEUTRAL  MASS  SPECTROMETER  ION 
SOURCE  CAP  EJECTION 

1 PIN  PULLER 

2 

2 

ORBIT 

LARGE  PROBE  DISCONNECT 

CABLE  CUTTER 

2 

2 

E - 25  day 

LARGE  PROBE  RELEASE 

3 BALL  LOCKS 

6 

2 

E - 25  DAY 

SMALL  PROBE  1 THERMAL  SHIELD  RELEASE 

1 PIN  PULLER 

2 

E - 21  DAY 

SMALL  PROBE  DISCONNECT 

CABLE  CUTTER 

2 

2 

E - 21  DAY 

SMALL  PROBE  ) RELEASE 

1 PIN  PULLER 

2 

2 

E - 21  DAY 

SMALL  PROBE  2 THERMAL  SHIELD  RELEASE 

1 PIN  PULLER 

2 

E - 19  DAY 

SMALL  PROBE  2 DISCONNECT 

CABLE  CUTTER 

2 

2 

E - 19  DAY 

SMALL  PROBE  2 RELEASE 

1 PIN  PULLER 

2 

2 

E - )9  DAY 

SMALL  PROBE  3 THERMAL  SHIELD  RELEASE 

1 PIN  PULLER 

2 

F - 15  day 

SMALL  PROer  3 RUEA5E 

CABLE  CUTTER 

2 

2 

E - 15  day 

SMALL  PROBE  3 DISCONNECT 

1 PIN  PULLER 

2 

2 

E - 15  DAY 

M * REDUNDANT, 

22  TOTM 
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6*4.2.  3 Thrustor  Firing  Counters  ALL  CONFIGURATIONS 


The  prcftiri^od  rofiction  control  system  for  the  probe  bus  und  orbiter 
provides  eight  hydrazine  tlirustcrs:  four  axial  thrusters  for  velocity  and 
precession  control  and  four  transverse  thrusters  that  may  be  used  in  a 
pulsed  mode  for  lateral  SV  corrections  (allowing  the  spacecraft  to  remain 
in  an  earth- pointing  attitude)  as  well  as  for*  spin  and  despin  conti’ol. 

The  CDU  should  be  equipped  witli  thruster  firing  counters  to  indicate 
the  mmiber  of  firings  performed  by  each  of  tlie  eight  thrusters.  h\  addi- 
tion to  the  counting  capability,  real-time  telemetry  shoiUd  indicate  when 
the  thrusters  are  firing. 

The  Pioneers  10  and  11  CDU  includes  counters  for  four  axial  thrus- 
ters, which  count  a maximum  of  64  firings  before  recycling  to  zero.  Por 
the  two  spin  control  tlirusters,  however,  the  unambiguous  counting  capa- 
bility is  limited  to  two  firings , The  counting  circuitry  is  activated  when 
a pressure  switch  in  the  thruster  propellant  line  is  closed,  indicating  a 
firing  condition.  Wlien  the  pressure  switch  again  opens,  Uie  thruster 
counter  increments  by  one. 

The  addition  of  four  firing  counters  for  the  transverse  thrusters 
(identical  to  the  existing  counters  associated  with  the  velocity/precession 
tlirusters)  is  proposed  to  satisfy  the  new  requirements. 

8.4.3  Tradeoff  Studies 

8.4.3. 1 Command  Memory  ALL  ORBITER  CONFIGURATIONS 

The  limitations  of  the  Pioneers  10  and  11  command  memory  cir- 
cuitry (five  commands  and  associated  time  delays),  timing  resolution 
(128  seconds),  and  lack  of  redundancy  led  to  the  development  of  a new 
and  more  flexible  design  to  meet  Pioneer  Venus  mission  requirements. 

The  new  design  of  the  stored  command  programmer: 

s Allows  for  reasonable  growth  in  command  assignments. 

• Simplifies  and  increases  the  flexibility  of  the  ground  operation 
procedures  during  tlie  orbiter  flip  maneuvers  and  routine  orbital 
operations,  and  if  used  on  probe  bus,  during  sequential  probe 
release  events. 

• Minunizes  the  need  for  periodic  mandatory  real-time  commands 
for  each  orbit  cycle. 
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ALL  ORBITEH  CONFIGURATIONS 

• Is  approximately  equal  to  the  cost  of  modifying  the  existing 
design. 

• Provides  redundancy  with  little  increase  in  cost. 


A detailed  technical  description  of  tlic  referred  design  for  the  com- 
mand memory,  incorporating  the  capabilities  and  features  discussed 
above,  is  given  in  Appendix  8.4B.  It  is  based  on  a random  access  C-MOS 
tnemory  (Z56x2),  which  may  be  loaded  in  a random  order  witli  a maximum 
of  lb  discrete  commands  and  associated  time  codes.  The  time  code  pro- 
vides a resolution  of  i seconds  with  a maximum  delay  of  36.4  hours. 

The  redundant  3?.-kHz  clock  signals  from  the  DTU  provide  the  inde- 
pendent liming  sources  for  the  master  counter  in  each  half  of  the  stored 
command  programmer.  Thus,  late  execution  of  commands  (or  failure 
to  execute)  due  to  single-point  faUures  in  either  circuit  is  precluded.  A 
clock  frequency  detector  circuit  is  incorporated  to  inliibit  operation  of  the 
programmer  if  the  clock  has  failed  in  a mode  tliat  would  increase  the  fre- 
quency and  cause  a premature  command  execution. 


A/C  III  8.4. 3.  2 Ordnance  Firing  Circuit  Augmentation 

I^T/DIII  Table  8.4-3  summarizes  the  key  tradeoff  considerations  that  were 

developed  in  evaluating  four  implementation  concepts  satisfying  the 


:r>  A/C  III 


T/0  III 


li- 


increased  requirements  for  ordnance  firing  circuits. 

Table  8-4-3.  Ordnance  Firing  Circuit  Tradeoff  Summary 


OPIION 

CONCLPT 

CHARACTERISTICS 

DELTA 
WEIGHT* 
KG  FLBI 

DtllA 

COST 

liOOO) 

1 

USt  EXISTING  PIONEERS  10  AND  1 ) 
SIICE  AND  ADO  A NEW  SLICE 

CAPACITOR  DiSCHARGt  1 IKING 
CIRCUITS;  INDEPENDENT  OI 
BATTERY 

40.4S  uO.VB) 

46 

2 

REDESIGN  EXISTING  PIONEERS  10 
AND  11  SLICE  TO  USE  THE  28-VtX: 
BUS  TO  CHARGE  CAPACITOR  BANK 

SAME  AS  OPTION  1 

-0.47  H.03) 

50 

3 

DEVELOP  NEW  SLICE  DESIGN  TO 
USE  RELAYS  .MAT  FIRE  ORDNANCE 
DIRECTLY  FROM  2fl>VDC  BUS 

RLQUIKLS  a BATTiR'r  TO  HANDLE  ! 

large  current  pulses 

55 

1 

4 

DEVELOP  NIVV  SLICE  DESIGN  TO 
USE  SCKS  THAT  FIRE  ORt>NANCI 
DIRECTLY  EKOM  2B-VDC  BUS 

SAME  AS  OPTION  S 

-0,60 

52 

VVtIGHI  ANO  cost  INIRIfS  AM  RUAIIVt  lO  IHt  UNMcmil  lll>  IXIMINO  I'l SIGNS.  COSlS  AM  ISIIMAHP  K'lM 
PKOORAM  cost  DtllAS  (3  UNItS). 
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A/C  III  Option  i consists  of  retaining  the  existing  ordnance  slice  and  adding 

a new  slice  containing  the  additional  firing  circuits  required.  The  weight 
and  cost  are  increased  slightly  compared  to  the  Pioneers  10  and  11 
A/C  III  configuration. 

T/OIII  The  second  concept  involves  redesign  of  the  existing  ordnance  slice 

to  permit  charging  the  capacitor  bank  directly  from  the  28-VDC  bus. 
Elimination  of  the  associated  transformers  and  charging  circuitry  results 
in  a small  net  weight  reduction  but  at  somewhat  greater  cost  and  design 
risk.  This  approach  retains  the  capacitor  discharge  technique  used  suc- 
cessfully on  Pioneers  10  and  11,  with  the  important  feature  that  operation 
is  independent  of  battery  degradation  or  failure.  The  new  design  allows 
for  growth  and  includes  provision  for  interface  isolation  circuits  between 
the  CDU  and  the  probes. 

Options  3 and  4 are  designs  based  on  relays  or  silicon- controlled 
rectifiers  (SCR's^  operating  directly  from  the  28-VDC  bus,  omitting  the 
capacitor  bank  for  energy  storage.  This  method  places  the  battery 
in-line  to  support  the  transient  load  and  increases  the  filtering  require- 
ments for  units  interconnected  with  the  primary  bus.  Both  options  were 
rejected  for  this  application  because  of  the  cost  and  risk  associated  with 
a new  slice  design  and  the  potential  impact  on  EMI  filter  modifications  to 
existing  units. 

Option  1 is  our  preferred  approach  for  the  Atlas /Centaur  configura- 
tion because  cf  the  low  cost  and  risk,  and  an  acceptably  low  weight 
penalty  (0,45  kilogram). 

Option  2 caters  to  the  stringent  weight  constraints  imposed  by  the 
Thor /Delta  payload  capability,  while  minimizing  the  redesign  effort. 

8.4,4  Preferred  Subsystem  Design  A/C IV  [J^A/CIV 

The  preferred  command  subsystem  consists  of  the  Pioneers  10  and 
11  DDU  and  CDU  interconnected  as  shown  in  Figure  8,4-2.  A detailed 
description  of  the  contiguration  is  given  in  the  following  sections, 

8.4.4. 1 Digital  Decoder  Unit 

Two  redundant  DDU's,  identical  to  the  Pioneers  10  and  11  units, 
fulfill  tlie  coiiunand  demodulation  requiremente  of  both  Pioneer  Venus 
missions.  The  8-bil  conunand  is  authenticated  by  using  a 4-bit  parity 
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32.768  KHZ 

Hamming  code  to  provide  a probability  of  executing  a false  command  by 
less  than  1.  IxlO"^  with  a signal-to- noise  ratio  of  17.3  dB  at  the  decoder 
input.  The  DDU  provides  a serial  command  output  to  the  CDU»  which 
includes  3 bits  for  routing  serial  commands  to  spacecraft  and  probe 
subsystems. 

Figure  8.4-3  illustrates  the  basic  DDU  circuit  functions,  the  fail- 
safe cross -strapped  receiver  inputs,  and  the  CDU  interface.  Power 
gating  is  used  in  the  digital  section  to  conserve  power  when  not  pro- 
cessing a command.  Power  is  applied  to  the  analog  portions  of  both 
redundant  decoders  at  all  times  to  prevent  lockout  modes. 


AUTMINIlCATtS  COMMANDS  AND  IRANSFWS  N«Z 
StHIAl  COMMAND  OAtA  10  IHt  tOUfO*  DlSl*l8U»ION  K) 
SPACIC8AM  SU8$Y5»UMS  AND  TO  ?Ml  P80K5. 


Mgure  8.41  llonwr  Dlqljl  Detoclff  Und 
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8. 4* 4. 2 Command  Distribution  Unit 
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The  key  features  of  the  COU*  consisting  of  subassembly  slices  con- 
taining printed- circuit  boards,  are  summarised  in  Table  8,4-4  and 
described  as  follows. 

Ordnance  Firing 

The  ordnance  firing  system  (Figure  8,4-4)  for  rocket  motor  arming 
and  ignition  and  various  experiment  and  probe  release  functions  is  con- 
tained on  two  slices:  one  existing  and  one  added  to  handle  the  increased 
requirements.  This  system  includes  redundant  charging  circxiits  and 
capacitor  banks  that  provide  power  to  fire  ordnance  devices,  minimize 
battery  requirements,  and  ensure  probe  separation  in  case  of  battery  fail- 

Primary  and  backup  ordnance  must  be  ignited  simultaneously  for 


Table  8,4-4,  CDU  Configuration 

SPECIFICATION 


SIZE: 

WEIGHT: 

POWER: 

PREVIOUS  USE: 
CIRCUIT  TYPE: 
REDUNDANCY: 
NO.  OF  SLICES: 


20.4  k 17.8x25.4  cm 
(8x  7x  10  IN.) 

4.5  KG  (9.8  LB) 

2. 1 WATTS 
PIONEERS  10  AND  1 1 
IP-TTL  MSI 
INTERNAL 
9 


MODIFICATION 

SLICE 

NUMBER 

WEIGHT 
KG  (LB) 

DESCRIPTION 

MINOR 

1 

1.36(3.0) 

ORDNANCE  - CAPACITOR  DISCHARGE  FUNCTION 

MINOR 

2 

0,45  (0.99) 

HIGH  LEVEL  OUTPUT  CONTROL/SEQUENCER 

MINOR 

3 

0.45^0.98) 

TELEMETRY  CONDtTIONING  'UNDERVOLTAGE  ' 
THRUSTER  COUNTER 

MINOR 

4 

0,35  (0,76) 

SIGNAL  PRESET  CONTROL/  TELEMETRY  SIGNAL 
CONDITIONING 

NONE 

5 

0.,34  (0.74) 

LOW  LEVEL  OUTPUT  NO.  1 

NONE 

6 

0.34  (0,74) 

LOW  level  output  NO.  2 

NONE 

7 

0.38  (0.84) 

COMMAND  processor 

Nf.v, 

B , 
1 

0.34  (0.74) 

memory  programmer  (INCREASE 

CAPACITY) 

NIV. 

1 

i 

9 

0.4.S  (0.99) 

ORDNANCE  OF  FIRING  CIRCUITS,  ISOLATORS 
COUNTERS  «■ 

• * 
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F£AIU«e$: 

• THE  ARM  SIGNAL  CONNECTS  THE  AC  rOWER  SOURCE 
AND  CHARGES  CATACITORS 

• CAR ACITORS  FIRE  THE  ORDNANCE  WHEN  THE  SCR 
SWITCHES  ARE  TRIGGERED 

• RECHARGE  OCCURS  WITHIN  20  M^S 


• EACH  ORDNANCE  CIRCUIT  CAN  FIRE  UF  TO  SIX  SQUIlS 
SIMULTANEOUSLY  WITH  ENERGY  FROM  ONE 
CAFACITOR  RANK 

• CAPACITOR  CHARGE  IS  MONITORED  tV  TELEMETRY 

• SAFR/ARM  SWITCH  STATUS  ALSO  MONITORED 


Flgural4-4  OrdntncB  Firing  System 


release  of  the  large  probe  from  the  six  ball“lock  retention  mechanisms  to 
avoid  a tip-off  condition*  Delayed  firing  of  redundant  ordnance  for  the 
remaining  functions  is  not  required  and  may  be  bypassed. 

The  number  of  required  firing  circuits  is  minin\ized  by  parallel 
combining  functions  that  occur  simultaneously  aiid  do  not  interact.  For 
example,  the  small  probe  thermal  shield  release  and  cable  cutter  actua- 
tion arc  initiated  by  the  same  trigger  circuit.  Sufficient  space  is  availa- 
ble in  this  added  slice  to  accommodate  the  increased  quantity  of  thruster 
firing  counters. 
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Output  Control  Lofcic 

A third  slice  contains  high-level  output  control  logic  to  perform  the 
commanded  switching  functions  and  a sequencer*  previously  used  to  auto- 
matically initiate  post  launch  functions  prior  to  establishing  the  command 
link.  The  sequencer  is  not  required  for  the  Atlas /Centaur  launched  mis- 
sions because  the  Centaur  stage  establishes  the  desired  spacecraft  spin 
rate  and  orientation.  However,  since  the  weight  penalty  is  insignificant, 
it  is  recomnrended  that  the  circuitry  be  retained  to  avoid  the  expense  of 
its  removal  and  to  meet  future  requirements  that  may  arise. 

Signal  Present  Detection 

A fourth  slice  contains  signal-present  detection  circuitry  to  auto- 
matically switch  antenna  inputs  to  the  appropriate  spacecraft  receiver 
(after  a preset  interval)  to  preclude  a lock-out  condition  in  case  of 
receiver  failure. 

A limitation  of  the  Pioneers  10  and  11  CDU  design  (which  resulted 
in  either  a 36 -hour  or  72 -hour  period,  depending  on  the  previous  position 
of  the  transfer  switch)  has  been  corrected.  Replacement  of  the  existing 
solid-state  toggle  function  with  a simple  logic  function  that  monitors  the 
transfer  switch  position  ensures  that  the  preset  delay  remains  invariant, 
regardless  of  the  initial  position  of  the  switch. 

The  overvoltage  sensing  circuit  monitors  the  5.3-VDC  power  input 
voltage  to  each  command  processor.  If  the  input  voltages  reaches 
+6,2  volts  on  the  primary  input  voltage  source,  the  sensing  circuit  auto- 
matically switches  to  the  redundant  input  voltage  source  so  that  the  com- 
ma.nd  link  will  not  bo  interrupted* 

This  slice  also  counts  thruster  firing  pulses  and  delivers  real  time 
telemetry  indication  of  when  the  thrusters  are  firing.  There  are  64  thrus- 
ter firings  counted  before  recycling  the  counter  back  to  ze  o and  starting 
over  again.  Provision  is  made  to  equip  each  of  the  eight  thrusters  with 
this  capability. 

Supplementary  Functions 

A fifth  slice  performs  five  more  functions : signal  conditioning, 
overload  control,  power  reset,  overvoltage  sensing,  and  thruster  pulse 
counting. 
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The  signal  conditioning  circuits  in  the  CDU  provide  signal  cinnpati- 
bility  with  the  digital  telemetry  unit  (DTU)  input  characteristics.  Each 
signal  conditioning  circuit  consists  of  passive  resistor  circuits.  Two 
types  of  signal  conditioning  are  provided,  thermistor  conditioning  using 
voltage  divider  resistors  and  switching  event  signals  using  current  limit* 
ing  resistors. 

The  overload  control  function  turns  off  certain  spacecraft  loads  in 
the  event  of  an  oveiload  condition  to  the  spacecraft  main  DC  power  bus. 
The  loads  turned  off  in  sequence  are  science,  data  storage  units  (DSU), 
ACS  to  standby  propellant  heaters,  and  then  the  transmitter.  The  sensing 
of  an  overload  condition  is  performed  within  the  power  control  unit  (PCU): 
an  overload  condition  exists  when  the  main  DC  power  bus  voltage  falls  to 
26.5±0.5  VDC  for  a time  period  of  200^0  milliseconds.  The  above  loads 
are  turned  off  automatically  by  the  CDU  and  remain  off  until  restored  by 
ground  command. 

The  power  reset  circuit  is  designed  to  reset  all  bistable  functions 
in  the  CDU  to  a predetermined  state.  This  function  occurs  during  the 
initial  application  of  power  from  the  5.3-VDC  source.  The  power  reset 
function  can  be  simulated  in  flight  bv  cround  command. 

Command  Processing 

The  command  distribution  unit  (CDU)  command  processor.  Figure 
8.4-5,  decodes  discrete  commands  from  the  associated  DDU,  processes 
them  to  produce  user-compatible  outputs,  and  then  distributes  the  outputs. 
Both  processors  are  contained  in  a single  slice  and  the  outputs  are  cross- 
strapped  for  added  reliability.  In  the  event  of  a failed  command  proces- 
sor (A  or  B),  the  redundant  processor  must  be  addressed  via  the  aesoci- 
ated  DDU  to  obtain  a serial  and/or  discrete  command  output  from  the 
CDU, 

A new  slice  contains  the  command  memory,  which  stores  up  to 
16  discrete  commands  and  their  associated  time  delays.  In  addition  to 
the  primary  functions  described  in  Section  8.4,  3.1,  it  can  also  be  used 
as  a backup  to  stop  maneuvers  in  the  event  of  a malfunction. 

Table  8,4-5  svutimarizes  the  CDU  modes  of  operation.  Afunctional 
block  diagram  of  the  CDU  modified  for  the  Pioneer  Venus  application  is 
shown  in  Figure  8,4-6, 
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Table  8,4-5.  CDU  Modes  of  Operation 
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overload  control  and +5.3  VOLT  ”0«’  SWITCHING 


command  memory  register  reset  to  zero 
MEMOP'^  time  register  REST  TO  ZERO 
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THERMISTOR  AND 
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Probe  Interface 


A/C  IV 


Each  of  the  four  probes  operates  under  the  control  of  the  probe  bus 
prior  to  separation  for  sequencing,  calibration,  and  checkout*  The  com- 
mand interface  is  comprised  of  three  lines:  command  data,  clock,  and 
execute,  as  illustrated  in  Figure  8.4-7.  Isolation  is  provided  between  the 
probes  and  the  probe  bus,  as  shown,  to  eliminate  a possible  electrical 
short  condition  from  occurring  when  the  umbilical  to  a probe  is  severed 
by  the  cable  cutter  prior  to  separation. 


Fl9ur«  8,4-7.  COU/Prokt  Intorfact 
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Artjtude  De  term! nation 
and  Control 


A/C  IV  jlJ^A/CIV 


S.=>  ATTITUDE  DETERMINATION  AND  CONTROL  .SUILSYSTEM  (ADCS) 

Ini  roduct  iof\  .ind  Summary 

1‘  igurt'  S.  S- 1 siimmarizi‘S  tlu*  basic  intorniaiion  on  the  ADCS  Ihtat 
has  bocn  dolim^d  fur  tlu‘  pr<.forrcd  Atlas/Cenlau r probe  bus  and  orhiter 
t arryinji  llie  Version  IV  science  payload. 

The  most  iniportani  characteristics  oi  tliis  ADCS  froiri  the  cost 
point  of  view  is  that  it  is  derived  directly  from  the  flight -proven 
!Mont‘ers  10  and  11  and  Intelsat  III  programs  and  uses  a singi  ' sub- 
system design  for  both  probe  bus  and  orbit er.  This  commonality  per- 
mits a further  cost  saving  on  spares  since  only  one  type  of  spare  is 
needed  for  a given  component.  Preserving  this  commonality  means  that 
some  functions  are  provided  that  are  needed  for  only  one  mission  and 
consequently  arc  unused  on  the  other;  examples  are  the  circuitry  to 
generate  small  probe  release  signals,  conscan  logic,  and  ram  platform 
me  tor  control  logic.  The  cost  of  these  unused  functions  is  minor  com- 
pared to  the  savings  effected  by  commonality  of  design. 

The  requirements  analysis  indicates  that  attitude  determination 
and  control  accuracies  in  the  0,017-  to  0.  035  radian  (1-  to  2 -degree) 
range  are  adequate;  this  degree  of  accuracy  is  readily  achieved  without 
the  use  of  sophisticated  attitude  references  such  as  star  mappers.  The 
relatively  low  accuracy  requirements  stems  in  part  from  the  use  of 
sequential  probe  release,  which  has  been  adopted  to  permit  entry  of  all 
probes  with  the  desired  zero  angle  of  attack.  From  the  attitude  control 
point  of  view,  sequential  probe  release  is  advantageous  because  high 
spin  rates  arc  not  required,  with  their  associated  stringent  requirements 
on  release  attitude. 

Attitude  determination  is  accomplished  by  a combination  of  sun 
sensor  outputs  (both  sun  aspect  and  roll  reference)  and  one  of  three 
different  RF  sensing  techniques  (two  of  which  impose  virtually  no  weight 
or  power  requirements  on  the  spacecraft);  each  is  used  under  appropriate 
conditions,  as  outlined  below: 
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* Muduiatiun 

Rolalion  v)i*  llu'  ofisof  omni  anionna 
about  tlu*  axis  j>ro<hu  os  a dopplor 

modulation  proportional  to  r sin  fiand 
allows  tiu’  ground  station  to  ('slimalo  0 
with  good  nc curacy  for  vnhtrs  of  0not 
in  the  vicinity  of  n/i  rail  ('>0  <lcg). 

This  technique  is  us4^d  on  both  probe 
bus  and  orlntcr  when  tIu'  earth  direc- 
tion is  not  more  than  "^1  radian  from 
the  aft  (negative)  spin  axis. 

• Doppler  Shift 

A deliberate  axial  maneuver  typi- 
Ctilly  1 meter/second)  produces  a 
doppler  shift  proportional  to  AV  cos  0> 
from  which  the  ground  station  can  esti- 
mate 6 with  good  accuracy  for  values 
of  0 in  tlie  vicinity  of  it/ 2 radians 
(90  degrees).  This  technique  supple- 
ments the  doppler  modulation  technique 
for  cases  where  the  earth  direction  is 
near  ir/2  radians,  and  also  for  deter- 
mining the  Venus  orbit  insertion  atti- 
tude (at  which  time  communication  is 
through  the  on-axis  forward  omni 
antenna). 


e 


• Conical  Scan  (Conscan) 


When  the  high -gain  orbiter  antenna  is 
pointed  at  the  earth,  a measure  of 
pointing  error  is  determined  onboard 
from  tlie  modulation  of  the  uplink  AGC 
voltage  produced  by  rotation  of  the 
tilted  antenna  pattern  about  the  spin 
axis.  The  onboard  determination  of 
two  angles  is  based  on  this  modulation 
combined  with  role  reference  pulses 
fro!n  the  sun  sensor;  the  two  angles  arc 
telemetered  to  the  ground,  whore  point- 
ing error  is  computed  and  appropriate 
commands  transmitted  to  correct  the 
error.  An  alternate  mode  of  operation 
is  provided,  in  whicli  the  attitude  con- 
trol pulses  are  computed  onboard 
without  grouitd  Intervention* 
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A *>esign  features 


ATTirUDE  DETERMINATION  AND  CONTtOl  CONCEPTS  HAVE  lEEN 
SUCCCSSFUUY  PROVEN  ON  PIONEERS  10  AND  II  SPACECRAFT 

All  ADCS  HARDWARE  t$  DERIVED  FROM  EXISTING,  FLIGHT-PROVEN 
EQUIPMENT  WITH  MINOR  MODIFICATIONS 

ADCS  DESIGNS  FOR  PROIE  lUS  AND  ORBITER  ARE  COMPATWIE  WITH 
PIONEERS  10  AND  II  GROUND  SOFTWARE  AND  MINIMIZE  ADAPTION 
REQUIREMENTS 

GNIOARO  PROGRAAMING  CAPAIILITiri  FOR  AUTOMATIC  EXECUTION  OF 
MANEUVER  SEQUENaS  MINIMIZE  DEPENDENCY  ON  REAL  TIME  CONTROL 
FOR  CRITICAL  EVENTS 

SUN  ASFECT  SENSOR  DATA  PROVIDES  CAPASIIITY  FOR  IN-FLIGHT  REACTION 
CONTROL  SUBSYSTEM  CALIBRATION 

SIMPLE,  RELIABLE,  ATTITUDE  OETErMINATtON  APPROACH,  BASED  ON  SUN 
ASPECT  SENSOR  AND  DOPPLER  DATA,  MEETS  REQUIREMENTS  OF  ALL  CRITICAL 
MANEUVERS  AND  EVENTS 

CONSCAN  SIMPLIFIES  AmiUDE  DETERMINATION  AND  CONTROL  IN  ORBIT, 
THUS  REDUCING  TO  A MINIMUM  THE  ENGINEERING  SUPPORT  REQUIRED  FOR 
OPERATIONS 

SUN  SENSORS  AND  CRITICAL  CEA  CIRCUITS  AND  SUBASSEMBLIES  ARE 
IE0UP4DANT  FOR  ENHANCED  RELIAIillTY 

FAVORABU  SPAaCRAFT  MOMENT-OF- INERTIA  RATIOS  AND  PASSIVE  SPIN 
STABIUZATON  APPROACH  PREaUDE  INSTABILITY  RISKS  AND  CROSS- 
COUPLED  DYNAMIC  PROBLEMS 

NUTATION  DAMPER  FREQUENCY  TUNING  INSENSITIVE  TO  SPIN  SPEED 
CHANGES  WTTHIN  OPERATING  RANGES 


C REOUIftEMENTS  VERSUS  CAPABILITIES 


B PR 


1 PROBE  BUS  ACCUUCIES  (3o  ) | 

REQUIREMENT 

CAPABILITY 

[HAD  (DEG)] 

(UD  (DEG)] 

SPIN  SPEED  CQNIRQL 

0.402  RAO/S  (4.B  RPM)  NOMINAL  SPEED 

1% 

0.1  TO  0.5% 

2.094  RAD/S  (20  PRM) 
URGE  PROBE  RELEASE 

3% 

as  TO  t.0% 

1.047  RAO/S  (10  RPM) 
SMALL  PROBE  RELEASE 

3% 

as  T0 1.0% 

4.283  RAD/5  (40  RPM)  PROK  BUS  ENTRY 

3% 

O.S  TO  1.0% 

CRUISE-MOCOURSE  MANEUVERS 

0.026  0.5) 

<0.024  0.4) 

PROBE  DEPLOYMENT  IETARGET1NG 

0.042  (2.S) 

^a035  (2.1) 

PROBE  lUS  ENTRY 

0.009  (O.S) 

0.003  TO 
(0.20  TO  0.32) 

ANTENNA  POINTING 
CRUISE 

0.237  (IS) 

<a035(2.1) 

PROBE  BUS  ENTRY 

0.017(1) 

c0.14  (0.6) 

VELOCITY  INCREMENT  DISPERSIONS 

MIOCOURSE  MANELVERS 

0.035  (2) 

<aQ26(t.S) 

RETARGETING  FMNEUVERS 

0.032  (3) 

<aoiB(i.i) 

EXPERIMENT  POINTING 

CRUISE 

0.QS2  (3) 

<a028(l.7) 

PROU  lUS  ENTRY 

0.017(1) 

0.014  (0.6) 

PROBE  DEPLOYMENT  ATTITUDE 

SPIN  AXIS  ORIENTATION 

0.042(2.^) 

<aass  (2.1) 

RELEASE  SPIN  ANL  E 

0.009  (0.3) 

0.007  (0.4) 
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t;abTIBLE  WTTM 
< ADAPTION 


< execution  of 
*l  CONTFfCl 


-FLIGHF  REACTION 


6ASE0  ON  SUN 
-^TSOF  ALL  CRITICAL 


^rSTROL  IN  ORBIT 
c^RT  REQUIRED  FOR 


J3SD  PASSIVE  SPIN 
caiiND  OIOSS- 


B principal  CHARACURISTICS 


» SUPPLY  DATA  FOR  f. BOUND  DETERMINATION  Of  .PIN  AVIS 
CBIENTATION 


• PROVIDE  >PIN  angle  boll  I REFERENCE  TO  SOEnCE  AND  ATnTi.!f',( 
control  LCCIC'i  FOR  TIMING  THRUSTER  CPERAfICN  AND  SMALL 
PROBE  RELEASES 


• PERFORM  SPIN  SPEED  CONTROL  BY  GROUND  COMMAND  EITHER 
PULSED  OR  CONTINUOLJS  FIRINGS  CAN  BE  SELECTED 


• control  THRUSTERS  FOR  EXECUTING  PRECESSION  AND  VELOCITY 
CORRECTION  MANEUVERS;  ALSO,  COMBINED  MANEUVER  SEQUENCES 
CAN  BE  programmed  BY  GROUND  COMMAND 


• control  THRUSTERS  FOR  AUTOMATICALLY  PRECESSING  THE  CR8ITER 
TO  earth-pointing  ORIENTATION 


• PROVIDE  TIMING  SIGNALS  FOR  SMALL  PROBE  RELEASES,  DELAYS  FROM 
SUN  SENSOR  PULSES  CAN  BE  SELECTED  BY  GROUND  COMMAhC 


• POWER  'AVERAGE* 
.PEAK. 


PROBE  BUS 

2.7  r.G  si  LB 
2.1  ^ATT 


CRBITER 

4,7  KG  slO.3  LB' 
2.1  AATT 


0.99959  G 10  DAYS'  0.99081  '425  DAYS 


ORBITER  ACCURACIES  '3o  ■ 


[requirement  I CAPABILITY 


SPIN  SPEED  CONTROI 

0.402  RAD  'S  (4.8  RPM>  NOMINAL  SPEED 
6.283  RAD/S  160  RPM;  ORBIT  INSERTION 


0. 1 TO  0, 5% 
0,5  TO 


SPIN  AXIS  altitude  DETERMINATION 
CRUISE-MIDCOURSE  MANEUVERS 


ORBIT  INSERTION  FMNEUVER 
IN  ORBIT 


0.  042  (2.5; 
0.017  '1,0> 


<0.041  (2.4‘ 

< 0.006  (0.36 1 


ANTENNA  POINTING 
CRUISE  FHIGH  GAIN1 
THORN) 

IN  ORBIT  (HIGH  GAIN) 


0.070  (4. 0»  0.004(0.25) 

0.257(15.0)  0.006  (0.35 

0.017  TO  0.070  0.004  *0.25 


(HORN) 

EARTH  OCCUIATION 


0.XI6 10.36' 

o.ooero.46) 


^VELOCITY  INCREMENT  DISPERSIONS 
MIDCOURSE  MANEUVERS 
ORBIT  INSERTION 
PERIAPSIS  MAINTENANCE 


• 0.026  T1.5' 
<0.042  (2.5. 
<0.04  (2.3. 


experiment  pointing 
CRUISE 


0.052  13)  0.004  TO  0.028 

(0.25  TO  0.45* 


0.035  12)  0.004  to  0.008 

(0.25  TO  0.4S1 


MJMWARY  UESCRIPTIOfiOf  ATTITUDF  DETERMINATION 
AND  CONTROL  SUBSYSTEM  DESIGNS  SELECTED  FOR  THE 
PREFtRRED  PROBE  BUS  AND  ORBITER  CONFIGURATIONS 


SUN  SENSOR  ASSEMBLY 
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ROLL  reference 
ASPECT 
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THE  SSA  PROVIDES  ROLL  INDEXING  AND  SUN 
ASPECT  INFORMATION, 
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MODIFICATION  Of  INlELSAf  (It  S5A  BY 
CHANGING  SLIT  DESIGN. 
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plattorm 

RAM  EXPERIMENT 

^ DRIVE 

ILATFORM 

assembly 
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HARAtONtC 
DI^IVE  <100  I > 


RtACTtONCOh'TROl 

SUBSYSTEM 


AXIAL 

THBUSTtHS 


TRANSVERSE  I 
THRUSTERS  | 


1.8  DEO  / LI  J 
0.(X114RAD,^  I J 

STEfPER  / *■ 

motor/  ^ 

CHARACTERtSTjCS  *-• 

WEIGHT  4.0  LB  8.8  KG 

SIZE  S.3  DIA  * 4.3  13,5  » 16  CM 

POWER  28  VOC , 6 WATTS  PEAK 

STEP  SIZE  0.016  DEG  0.0003  RAD 

SLEW  RATE  0.2  DEG  SEC  0.005  RAD  SEC 


THE  PDA  CONSISTS  OF  A 
STEPPER  MOTOR,  A HARMONIC 
DRIVE  GEAR  REDUCTION, 

SINGLE  AND  DUPLEX -PAIR 
BEARINGS,  AND  A GEARED  FILM 
POTENTIOMETER 


THE  PDA  PROVIDES  SINGU- 
AXIS  GIMBALLING  CAPABUHV 
TO  THE  PLATFORM  SUPPOl'IiNO 
THE  RAM-LOOKING  EXPEMM!  NTS 


NONREDUNDANT  VERSION  OF 
THE  FLTSATCOM  SOLAR  ARRAY 
DRIVE 


figure  8.5-1.  AHitude  Determination  and  Control 
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The  data  rale  rt^quiremenls  of  \hv  Version  IV  science  payload  for 
the  orbit c*r  led  to  tlie  nc‘<»d  for  a hii^jh-gain  antenna.  It  would  liave  bc(*n 
possible  to  provide  the  required  gain  with  a despun  reflector  antenna,  but 
an  earth-pointing  spacecraft  with  fixc'd  ant(^nna  was  chosc^n  because  of  th<‘ 
considerable  cost  saving  (over  $l  million).  This  saving  takes  into  account 
the  gimbal  mounting  of  the  ram  instruments  required  with  the  earth- 
pointing  configuration.  In  addition  to  the  cost  saving,  there  is  a lower 
risk  factor,  because  there  are  no  potential  bearing  problems  or  instabili- 
ties due  to  cross-coupling,  with  the  fixed-antenna,  earth -pointing  con- 
figuration. The  science  aspects  of  the  earth -pointing  configuration  were 
covered  in  Section  3. 

Another  point  worthy  of  special  mention  is  the  sun  sensor  selected 
for  the  ADCS;  this  is  an  off-the-shelf  design  previously  used  successfully 
on  Intelsat  III.  It  has  the  advantage  of  providing  both  sun  crossing  pulses 
(as  a roll  reference)  and  sun  aspect  angle  (for  attitude  determination) 
from  a single  instrument  of  simple  design.  It  is  planned  to  take  advantage 
of  sun  sensor  data  to  perform  in-flight  calibration  of  the  reaction  control 
system,  thus  effecting  a considerable  saving  in  ground  testing  costs. 

The  calibration  can  be  carried  out  at  the  time  of  the  first  midcourse  cor- 
rection and  will  reduce  thruster  impulse  uncertainties  to  the  2 to  3 per- 
cent range.  This  is  more  than  adequate  for  all  pointing  requirements, 
including  the  doppler  shift  attitude  determination  technique  mentioned 
above • 

The  remaining  sections,  8.5.2  through  8.5.6,  cover  respectively 
the  requirements  analyses,  concept  selection  tradeoffs,  the  details  of 
the  preferred  design  summarized  above,  subsystem  performance,  and 
the  science  interface, 

8.5.2  Functions  and  Requirements,  1977  Probe  Mission, 

Version  III  Science  Payload  and  Both  Thor/Delta 
and  Atlas /Centaur  Options 

The  attitude  determination  and  control  subsystem  (ADCS)  provides 
capabilities  for  performing  the  following  functions: 

• Attitude  Dc  ( c^r mination,  This  function  generates  data  from  which 
the  inertial  orientation  of  the  spin  axis  can  be  defter  mined  on  the 
ground.  Also,  a spin  angle  (roll)  reference  is  required  onboard 
by  the  scicnice  exporimcuil s and  for  timing  altitude*  control 
thrusting  and  small  probe  deployme  nt. 
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• Spin  Speed  Control.  This  function  is  required  for  initial  despin 
I Til  or /B^la  conTigurations),  nominal  spin  speed  maintenance, 
spin-up/despin  for  orbiter  deboost  maneuver,  and  probe  bus 
spin-up  prior  to  entry.  Additional  spin-up/despin  tetions  may 
be  required  during  probe -bus  retargeting  maneuvert  to  reduce 
velocity  dispersions  caused  by  cm  offsets.  A set  of  redundant 
hydrazine  thrusters  (parts  of  the  reaction  control  subsystem) 
provides  control  torque.  The  ADCS  provid'-s  valve  control  sig- 
nals, the  duration  and  number  of  which  are  selectable  by  ground 
command, 

• Spacecraft  Precession.  Spacecraft  precessions  are  required  for 
rnaintainxng  the  desired  cruise  and  orbiter  attitudes  and  reorient- 
ing the  vehicle  for  velocity  corrections  and  probe  deployment. 

The  ADCS  provides  signals  for  thruster  operation  and  includes 

a programiner  to  automatically  execute  an  open-loop  sequence 
of  precession  maneuvers  for  velocity  corrections  and  probe 
deployment. 

• Velocity  Control.  The  ADCS  provides  signals  to  time  the  opera- 
tioh  of  the  RCSlKrusters  to  produce  axial  or  transversal  velocity 
corrections.  Axial  velocity  corrections  can  be  executed  as  part 
of  an  automatic  sequence,  including  precession  of  the  spacecraft 
to  the  desired  orientation  for  firing  and  return  to  the  initial 
position. 

• Small  Probe  Deployment  Control.  Signals  for  initiating  small 
probe  deployment  are  provide^To  the  separation  mechanism. 

Delays  relative  to  spin  angle  reference  signals  are  adjustable 
by  ground  command. 

Table  8#  5-1  includes  a more  detailed  list  of  functions  and  presents  pre- 
liminary estimates  of  accuracy  requirements. 

Table  8.5-1.  Summary  of  Attitude  Determination  and  Control  Requirements 
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A similar  situation  occurs  with  most  experiments.  As  an  example. 
Figure  8.5-3B  shows  the  maximum  allowable  attitude  errors  for  a given 
ram  experiment  pointing  error.  Here,  as  well  as  in  Figure  8.5-3A, 
attitude  deviations  are  assumed  about  tlu>  sun  liiu-,  which  is  the  direction 
of  rotation  typically  associated  with  drifts  induced  by  unbalanced  solar 
pressure. 

8.5.3  Functions  and  Requirements 

Since  Version  IV  science  payload  configurations  are  based  on  Atlas/ 
Centaur  launch  vehicle  systems,  no  initial  despin  maneuvers  art*  required. 
Prior  to  launchi  each  Centaur  guidance  and  control  system  will  be  pro- 
grammed to  provide  the  required  vehicle  attitude  and  spin  rate  (after 
engine  cutoff)  so  that,  after  separation  (and  magnetometer  deployment,  in 
the  orbiter  cases),  the  nominal  cruise  spin  rate  is  attained. 

Table  3.5-2  is  an  updated  version  of  Table  8.5-1  listing  require- 
ments for  attitude  determination  and  control  for  the  preferred 
configurations. 

Table  8.5-2.  Attitude  Determination  and  Control  Requirements 
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The  probe  bus  spin  speed  has  been  raised  to  2.09  rad/s  (20  rpm)for 
large  probe  release  and  1.05  rad/s  (10  rpm)  for  small  probe  release  to 
reduce  subsequent  probe  precessions  caused  by  solar  light  pressure. 
Entry  spin  speed  is  specified  at  6.28  rad/s  (60  rpm). 


ALL  VERSION  IV  SCIENCE  PAYLOAD 
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In  Ihi'  pvoforrod  cart  It -painting  orbilnr  configural  ion,  Iho  maximum 
allowable  aptn  axifi  pointing  errors  for  meeting  eommunicationfi  require- 
ments do  not  depend  on  celestial  geometry,  as  ht  ll.e  case  with  fanbeam 
anU'nnan . 

Attitude  error  limits  established  by  radially  pointing  science  experi- 
ments are  functions  of  earth  position  and,  consequently,  of  lime,  as  shown 
in  Figure  8.5-4  for  the  ram  experiments. 


figure  8.5'4.  Ma«l(mim  /Wllude  Erion  Alto«ed  by  Ram  Eaperiments 

Guiding  criteria  adopted  for  the  ADCS  design  selection  are  to  use 
existing  flight -qualified  hardware  wherever  possible  and  to  provide; 

• Electrical  interface  accommodation 
s Growth  potential 

• Commonality  of  probe  bus  and  orbiter  vehicles 

• Flight  operations  flexibility. 

Commonality  with  Pioneers  10  and  11  hardware  also  implies  com- 
monality with  Pioneers  10  and  11  software,  which  is  an  additional  feature 
pTrovidiTig  potential  cost  savings# 

g 5 4 ADCS  Concept  Selection  Tradeoffs  ALL  CONFIGURATIONS 

Tradeoff  studies  were  performed  to  select  optimum  attitude  aeter- 
mination  and  control  subsystem  designs  for  the  recommended  and  o-,onal 
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ALL  CONFIGURATIONS 


configurations.  These  studies  included: 

• Selection  of  attitude  control  concept,  and  thruster  control 
approach  and  hardware 

• Selection  of  attitude^  determination  approach  and  equipment 

• Selection  of  antenna  despin  control  concept  and  hardware 

• Definition  of  maneuvering  strategies  for  probe  deployment  and 
retargeting,  and  periapsis  maintenance. 

8.5.4.  I Tiiruster  Control  Tradeoffs  (All  Configurations) 

The  reaction  control  subsystem  (RCS)  selected  for  Pioneer  Venus  is 
identical  to  the  Pioneers  10  and  11  RCS  except  for  the  following; 

• The  Pioneers  10  and  11  thrusters  will  be  declustered  to  avoid 
plume  impingement  problems,  and  radioisotope  elements  will 

be  replaced  by  resistive  heaters.  This  change  is  being  made  for 
FLTSATCOM  and  will  be  available  for  Pioneer  Venus. 

• Two  additional  thrusters  will  provide  a fully  redundant  spin/ 
despin  capability.  Redundancy  is  also  needed  because  the  spin/ 
despin  thrusters  will  control  velocity. 

Various  approaches  for  providing  thruster  control  were  surveyed, 
including  those  used  in  DSCS-II,  Intelsat  III,  Pioneers  A through  E,  and 
Pioneers  10  and  li«  The  Pioneers  10  and  11  control  electronics  assembly 
(CEA),  with  minor  modifications  and  additions,  was  preferred  because  of: 

• Similarity  of  design  requirements 

• Better  performance  and  cost  effectiveness 

• Compatibility  with  power,  data  handling,  and  command  and 
telemetry  subsystem 

• Minimum  design  changes. 

The  CEA  is  described  in  detail  in  Section  8.5.6  and  attitude  control 
performance  data  arc  given  in  Section  8.5.8. 


At  least  two  celestial  references  arc  needed  to  determine  the 
inertial  attitude  of  a spacecraft.  For  Pioneer  Venus,  it  is  necessary  to 
d(Tine  the  spin  axis  orientation  and  to  provide  a spin  angle  (or  roll)  ref- 
erence, Tabic  8.5-3  summarizes  the  reference  alternatives. 
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Table  Attitude  Deternunation  Kel'erenccs  and  Sensing  Approaches 

(The  arrows  indicate  approaches  preferretl  lor  Pioneer  Veiuis) 
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Sun  Sensors 

Since  sun  sensors  provide  by  far  the  most  reliable  and  inexpensive 
attitude  reference,  they  have  been  selected  as  primary  sources  of  attitude 
data  on  all  Pioneer  Venus  configurations.  We  made  a detailed  survey  of 
available  sun  sensors,  including  more  than  12  units,  and  rejected  those 
with  extremely  limited  fields  of  view  (FOV),  or  those  applicable  only  to 
three-axis-stabilized  spacecraft.  Of  the  three  potential  candidates  that 
remained,  the  OSP  sun  sensor  was  eliminated  because,  due  to  its  small 
linear  aspect  range,  it  could  not  be  adapted  to  Pioneer  Venus  without 
extensive  modifications.  The  Pioneers  lO  and  li  sensor  was  rejected 
because  it  has  no  aspect  measurement  capability  at  all.  The  Intelsat  III 
sensor  was  preferred  because  it  yields  both  roll  and  aspect  information 
over  its  entire  FOV,  and  adaptation  to  Pioneer  Venus  requires  only 
minor  changes.  By  a simple  change  of  slit  configuration,  the  FOV  can  be 
easily  moved  from  the  0.45  to  2.70  radians  (25  to  155  degrees)  to  the 
0.  17  to  1.92  radians  (10  to  110  degrees)  aspect  range  required  by  Pioneer 
Venus.  Although  the  Intelsat  III  sensor  is  noiiredundant,  Iw'o  units  weigh 
and  cost  less  than  a single  sensor  from  Pioneers  10  and  11.  Table  8.5-4 
summarizes  the  salient  design  characteristics  of  the  candidate  sun  sen- 
sors mentioned  above. 
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Design  Characteristics  of  Sua  Sensor  Alternatives 
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Earth  Aspect  Measurement  Alternatives 

The  earth  was  sc?lected  as  the  second  celestial  reference.  Earth 
aspect  angle  measurements,  when  used  in  conjunction  with  data  provided 
by  the  selected  sun  sensor,  are  sufficient  to  provide  complete  attitude 
determination  except  in  those  instances  where  the  eartli  and  sun  lines  are 
nearly  parallel. 

Figure  8.  5-5  illustrates  the  principle  on  which  the  antenna  pattern 
searching  approach  is  based  and  shows  a typical  maneuver  sequence  for 
repositioning  the  spin  axis  perpendicular  to  the  earth  line.  This  method 
is  applicable  to  the  orbiter  configurations  flying  perpendicular  to  the  Venus 
orbit  plane.  Its  main  advantage  is  that  it  does  not  require  any  onboard 
equipment,  but  it  has  the  disadvantage  of  requiring  a significant  amount  of 
ground  support,  particularly  when  solar  pressure  effects  require  frequent 
attitude  corrections.  It  is  considered  a backup  to  fanscan  or  conscan 
techniques. 

The  orientation  of  the  spacecraft  about  the  earth  line  can  be  esti- 
mated on  the  basis  of  measurements  of  downlink  signal  polarization. 
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Figure  8. 5-5.  Attitude  Determination  and  Control  By  Antenna  Pattern  Searching 

Corrections  for  Faraday  rotation  are  necessary  because  deviations  for 
S-band  signals  can  be  as  high  as  0.  175  radian  ( 10  degrees).  These  cor- 
rections involve  measurements  of  free  electron  density  along  the  com- 
munication paih^  which  are  not  feasible  at  all  times  because  calibration 
sources  are  not  available  (i.e.,  spacecraft  with  known  attitudes  at  the 
right  locations)  or  because  solar  activity  is  unusual.  Under  favorable 
ionospheric  conditions,  accuracies  on  the  order  of  0.017  to  0.026  radians 
(I  to  1.5  degrees)  (3a)  may  be  attainabh  with  calibration.  Because  of  its 
disadvantages,  it  is  not  considered  further. 

Uplink  conscan  (used  on  Pioneers  10  and  11)  is  directly  applicable 
to  the  probe  bus  spacecraft  and  the  earth -pointing  orbiter  opHon.  The 
principle  of  operation  and  functions  performed  by  conscan  are  discussed 
briefly  in  Figure  8.5-6A.  Uplink  conscan  requires  an  offset  antenna 
(itnplying  about  I dB  of  signal  loss)  and  signal  processing  onboard  (con- 
scan  processors  are  off-llie-slielf  items  weighing  about  0.5  kg  and 
rt'quiring  about  1.2  walls).  Two  advantages  are  that  it  1)  requires  mini- 
mal ground  software  development  and  2)  greatly  simplifies  altitude  deter- 
mination and  control  operations.  Downlink  conscan  also  requires  an  off- 
set antenna  on  the  spacecraft,  but  altitude  errors  are  computed  on  the 
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ground.  This  method  has  not  been  used  previously  and  requires  new 
ground  equipment  or  more  ground  software,  but  may  be  attractive  as  a 
potential  backup  to  uplink  conscan. 

Uplink  fanscan  is  identical  in  principle  to  conscan,  except  that  it  is 
implemented  with  an  offset  fanbeam  antenna.  This  approach  is  applicable 
to  the  orbiter  configurations  with  the  spin  axis  perpendicular  to  the  earth 
line.  A brief  description  of  the  principle  is  given  in  Figure  8.5-6B  and 
more  details  on  design  characteristics  and  performance  can  be  found  in 
Section  8.  5.  8 and  in  Appendix  8.  5A.  Downlink  fanscan  is  also  a viable 
alternative  that  may  be  attractive  for  backup  purposes. 

The  first  use  of  doppler  effects  for  attitude  determination  is  believed 
to  be  on  Pioneers  10  and  11.  Figure  8.5-7  discusses  principles  of  opera- 
tion and  shows  ranges  of  accuracy  attainable  with  each  approach.  More 
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THE  EARTH  ASPECT  ANGLE  CAN  IE  DETERMINED  FROM  CHANGES  PROnuUD  6v  THE  SPIN  ON  THE 
FREQUENCY  OF  RF  SIGNALS  FROM  AN  OFFSET  ANTENNA.  IP  THE  SPIN  AXIS  IS  MISAUGNCD  FROM 
THE  EARTH  LINE  (8Y  ANGLE  aj,  THE  DOWNLINK  SIGNAL  IS  FREOUE  f >M(  DUE  AUD  A1  THE  SPIN 
FREQUENCY,  WITH  THE  MOOUUTION  AMPLITUDE  A FUNCTION  C f WITH  THE  SPIN  A>^IS  Nf  AR 
THE  EARTHLINI,  DOPPLER  MODULATION  CAN  PROVIDE  AHITUDE  INFORMATION  WITHIN  0.009  RAD 
lO.S  DEG).  BUT  ACCURACY  DEGRADES  RAPIDLY  FOR  ANGIES  GREATER  THAN  1.05  RAD  (60  DEGl  AS 
SHOWN. 

DOPPLER  SHIFTS  CAN  ALSO  BE  USED  FOR  ATTITUDE  DETERMINATION  WITH  ANGLES  N(  AH  1 .57  RAi> 

L9C  DLG),  BUT  AAV  MANEUVER  IS  RE3UIRED.  THE  COMPONENT  OF  VELOCITY  CHANGE  ALONG 
THE  fARTMtlNE  IS  OBt AIMED  BV  DOPPLER  MEASUREMENT,  AND  THE  RATic  C'F  THIS  COMPt^NfNT  TO 
THE  PREDirtl  D VALUE  OF  THE  MANEUVER  EXECUTED  GIVES  THE  COSINE  OE  1HE  ANGIE  BtTWlEN  THE 
SPIN  AXIS  AND  Till  \PA(  I ( KAI I-E  ARTH  LINE.  IHIS  ATIIIUOE  f)f  URMiNATU ?N  tUHP41cJUI  IS  ML'St 
SlMSITlVf  AT  SPIN  ANGIES  N<  ">MAl  TO  THE  EARTHIINE,  AS  SHE  WN,  ll  IS  PRmRAPH  USE 
D<  PPUH  SHIFT  CMIV  IN  THOSE  INSTANf J 5 WHERE  A AV  IS  tr^  BE  rXfniTin  iMIDO  p|  RIAPSIV 

MAIL  'ffNANfC.  <'R  PR(  Rl  RETARGET  MANEUVERS'  TO  MINIMIZE  ('PERATIONAl  COMPLEVtTV, 
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detailed  error  analyses  arc  presented  in  Appendix  8.  5B.  One  of  the  main 
advantages  of  attitude  determination  by  doppler  measurements  is  that  no 
onboard  equipment  is  required.  The  DSN  ground  stations  are  needed  for 
doppler  signal  analysis,  but  results  are  quickly  obtainable  with  only  simple 
processing  of  data.  Doppler  techniques  are  applicable  to  all  Pioneer  Venus 
configurations,  particularly  during  probe  deployment  and  velocity  correc- 
tion maneuvers,  where  omni  antennas  are  used. 

Star  Mappers  ALL  ORBITERS  PERPENDICULAR  TO  THE  EARTH  LINE 

Star  mappers  were  considered  for  obtaining  higher  attitude  deter- 
mination accuracies  if  needed  because  of  new  requirements  or  changes  in 
design  ground  rules.  Star  mapper  operation  is  based  on  star  aspect 
determinations  by  measurements  of  the  transit  times  of  stars  across  two 
slits.  Some  of  the  key  factors  considered  in  their  design  are  star  availa- 
bility, spin  rate  range,  sun^lanet  interference,  and  shade  size  and  weight 
constraints. 

A survey  of  existing  and  proposed  designs  revealed  no  instrument 
directly  applicable  to  the  Pioneer  Venus  missions.  On  the  assumption 
that  developing  a light,  simple  new  design  might  be  more  cost  effective 
than  modifying  an  existing  one,  various  configurations  were  examined  to 
assess  the  impact  of  FOV  and  detector  changes  on  shade  size  and  weight, 
star  availability,  and  sensor  performance.  The  following  preliminary 
requirements  were  established: 

• Accuracy  in  the  0.009  to  0.017  radian  (0.5  to  1.0  degree)  range 
(without  processing).  Reducing  accuracy  requirements  to  this 
range  minimizes  aperture,  shade  size,  and  star  availability, 
and  software  requirements. 

• Use  of  sun  aspect  data  for  attitude  determination.  Only  one  star 

is  required  in  FOV  ~~ 

• Northern  hemisphere  view  in  Venus  orbit.  This  view  minimizes 
planet  interference  and  shade  requirements. 

• Nominal  mapper  operation  restricted  to  orbit  phase.  This 
restriction  simplifies  the  star  availability  problem  and  allows 
operation  with  at  least  one  star  of  visual  magnitude  better  than 
+ 1.  0 at  all  times.  Some  degradation  of  performance  in  other 
orientations  is  assumed  acceptable. 

Figure  8.  5-8  shows  design  data  corresponding  to  four  design 
examples  based  on  the  assumptions  listed  above.  Inspection  of  the  data 
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FOUR  nCLIMINARY  STAR  MAPKI  DCSIGNS  HAVC  KEN  PIEPAKD  ON  THE  ftASIS  OF  A 
MINIMUM  SET  OF  REQUIREMENTS.  TWO  SENSOR  CONFIGURATIONS  USE  SILICON 
DETECTORS  AND  THE  OTHER  TWO  ARE  RASED  ON  S-30  fHOTOMUlTiniER  TlllES.  T>TE 
TAIUS  SHOW  SHADl  S12C$  AND  fRRIMINARV  OESfON  CHARACtfRlSTICS  AS  FUNCTIONS 
Of  IHTECIORTVPI  AND  FIltD-OF-VIfW  WIDTH. 


Figure  8.  Star  Mapper  Design  Requirements 
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in  the  tables  shows  aperture/shade  size  requirements  can  be  significantly 
reduced  by  using  photomultiplier  tubes  (PMT*s).  Silicon  deteclors  are 
attractive  because  of  their  higher  reliahilit y>  but  tlu‘re  is  m>l  as  nnitli 
flight  experience  as  with  PMT*s. 

In  general,  star  mappers  are  expensive  (i.e.,  a star  mapper  d<.*velop- 
ment  program  for  Pioneer  Venus  would  cost  at  least  ^350,  000)  and,  in 
addition,  they  require  elaborate  (and  costly)  ground  software. 

More  details  on  star  mapper  tradeoffs,  survt‘ys,  and  performance 
characteristics  arc  given  in  Appendix  f.5C. 

Selected  Attitude  Determinrtion  Approach  ALL  CONFIGURATIONS 

The  attitude  determination  approach  selected  for  all  Pioneer  Venus 
configurations  is  based  on  sun  and  earth  aspect  measurements.  The  sun 
sensor  selected  for  all  configurations  is  the  Intelsat  III  unit  with  a different 
slit  configuration.  This  sensor  provides  both  roll  reference  and  aspect 
angle  measurements.  The  selected  earth  aspect  measurement  approaches 
are: 

• Doppler  modulation  and  shift.  These  techniques  will  be  used  in 
all  phases  of  the  probe  missions  and  during  all  phases  of  the 
orbiter  mission  except  when  using  fanscan  or  conscan. 

• Uplink  fanscan.  Fanscan  will  be  used  in  all  orbiter  configurations 
flying  perpendicular  ^o  the  earth  line  during  the  cruise  and  orbit 
phases. 

• Uplink  conscan.  This  method  will  be  used  in  the  earth -pointing 
orbiter  configuration  when  on  the  high -gain  antenna. 

Reasons  for  discarding  star  mappers  and  selecting  these  approaches 

are: 

• Pioneer  Venus  attitude  determination  requirements  [in  0,017  to 
0.020  radian  (I  to  1.5  degrees)  range]  can  be  met  with  simple, 
inexpensive,  proven  techniques  based  on  sun  and  earth 
references. 

• Star  mapper  hardware  and  software  would  require  development 
costs.  No  existing,  qualified,  sensors  are  directly  applicable. 

• No  onboard  equipment  is  needed  for  using  dop  jlcr  methods. 

Simple,  ‘Vyeball**-type  data  processing  can  be  used  on  the  ground 
for  quick  action. 

• Either  fanscan  or  conscan  can  bo  implemented  with  the  same 
processor,  which  is  a flight-qualified  off-the-shelf  unit. 
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l\>rlorma.ncc  data  corn  spondinn  lo  all  orientations  for  cruise.  AV 
maneuvers,  probe  d.  ploym.  nl , and  orbital  operations  are  Riven  in 
St'clion  8.  S.  S, 
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Effect  of  Sun-Spacecraft -Earth  Geometry  on 
Attitude  Determination  Accuracy 


One  of  the  prolilems  associated  with  sun  and  earth  references  for 
attitude  determination  is  tlie  deRradation  of  accuracy  occurrinR  at  times 
of  syzygy  or  when  the  spin  axis  is  near  the  plane  determined  by  the  sun, 
the  eartli.  and  tlie  spacecraft.  Figure  B.5-9A  shows  regions  of  attitude 
uncertainty  (in  stereographic  projection)  for  the  most  favorable  case 
r 1,57  radian  (90-degree)  sun-spacecraft-earth  angle]  and  for  two  condi- 
tions where  losses  of  accuracy  are  caused  by  unfavorable  geometry.  Fig- 
ure 8.  5-9B  relates  attitude  determination  uncertainties  to  measurement 
errors,  and  Figure  8.5-9C  is  a typical  time  history  of  attitude  determina- 
tion accuracy  for  the  orbiters,  showing  the  improvements  attainable  during 
syzygy  conditions  by  estimation  of  the  drift  rates  produced  by  solar  pre- 
sure.  Even  without  corrections  for  drift,  the  accuracies  attainable  near 
the  end  of  the  mission  meet  the  requirements  of  Section  8.5.2.  In  addi- 
tion, all  critical  functions  can  be  performed  at  times  when  attitude  informa 
tion  quality  is  such  that  no  degradation  of  niission  objectives  will  occur. 


A star  mapper  is  a viable  alternative  for  providing  additional  attitude  ref- 
erences during  syzygy  conditions,  but  it  has  not  been  included  in  the 
recommended  baseline  designs  because  of  its  relatively  high  cost  and 
weight  penalties  compared  to  the  mission  benefits  accrued  on  the  basis  of 
the  science  pointing  requirements. 


8 . 5 . 4 . 3 Antenna  Despin  Control  Tradeoffs 


^ A/C  III  ^ A/C  IV  ^ T/D  III 


In  the  orbiter  options  with  despun  reflector  antennas,  a parabolic 
cylinder  reflector  is  poimed  at  the  earth  by  a closed-loop  servo  system 
operating  with  a sampled  roll  reference  provided  by  the  sun  sensor. 


The  rotary  interface  between  spacecraft  and  reflector  is  provided 
by  a dcapin  drive  assembly  including  a brushless  DC  motor  (with  resolver 
commutation)  and  position  and  rate  pickoffs.  Four  drive  mechanizations 
were  considered  and  the  Helios  assembly  was  selected  because  it  meets 
requirements  with  minimum  cost  and  weight.  The  selected  drive  is  a 
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C typical  time  history  of  ATTITUDE  DETERMINATION  ACCURACIES  FOR  ORBITERS 


the  CUPVI  shows  OPIlTEP  ATTITUOC  DETERMINATION  ACCURACY  AS  A FUNCTION  OE  TIME  ON  THE  ASSUMPTION  OF  SUN 
ASPECT  AND  FANSCAN  MEASUREMENTS.  SOME  DEGRADATION  OCCURS  NEAR  SY2YCY  TIMES,  SUT  THERE  ARE  INSTANCES  IN 
WHICH  lARGER  ATTITUDE  ERRORS  MAY  BE  TOLERASU  ASsHOANIN  SECTION  8.52.  IMPROVEMENTS  CAN  K OBTAINED  BY 
ESTIMATION  OF  THE  DRIFT  RATES  PRODUCED  BY  SOLAR  PRESSURE 
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Figure  1 5-9.  Effect  of  Sun -Spacecraft-Earth  Geometry  on  Attitude  Determination  Accuracy 
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fully  space -qualified  unit  that  also  includes  the  electronics  for  driving 
the  motor  and  shaping  the  position  reference  and  rate  pulses.  The  only 
niodif ication  required  for  adapting  this  unit  to  the  Pioneer  Venus  require- 
ments |0.  52  rad/  s (5  rpm)  instead  of  6.  28  rad/s  (60  rpm)l  is  to  incrcaae 
the  nuiTiber  of  rate  pulses  from  5,  09  to  81*  5 per  radian  (32  to  512  per 
revolution).  This  modification  will  necessitate  a change  from  the 
magnetic  pickup  now  employed  to  a system  consisting  of  light- emitting 
diodes,  a mask,  and  detectors. 

Despin  electronics  implementations  for  the  Pioneer  Venus  antenna 
despin  control  system  * uld  be  made  with  equipment  developed  for  the 
Helios  or  the  DSCS-II  programs,  or  a combination  of  both. 

The  Helios  system  consists  of  two  main  assemblies: 

• The  despin  drive  assembly  (DDA)  includes  electromechanical 
components  and  a nonredundant  electronics  package,  the  despin 
drive  electronics  (DDE).  The  DDE  consists  of  motor  power  con- 
trol amplifiers,  resolver  excitation  and  signal  demodulation  cir- 
cuits, pulsewidth  modulators  for  motor  signal  control,  rate  and 
pulse  conditioning  logic,  and  motor  current  telemetry  interface 
circuit. 

• The  despin  control  electronics  (DCE)  is  a nonredundant  unit 
including  digital  position  and  rate  error  detectors,  error  signal 
holding  registers,  D/A  converters,  a proportional -plus -integral 
compensation  amplifier,  and  a position  reference  function  gener- 
ator providing  commandable  piece-wise-linear  approximations  to 
the  required  offsets  from  the  sun  reference. 

The  DSCS-II  despin  electronics  assembly  is  a nonredundant  unit  per- 
forming functions  equivalent  to  the  Helios  DDE  and  DCE  except  that  it  has 
neither  a rate  loop  nor  a position  reference  function  generator. 

The  despin  electronics  approach  selected  for  Pioneer  Venus  consists 
of  two  Helios  DCE  assemblies  (standby  redundant)  operating  with  the  non- 
redundant DDE  included  in  the  despin  drive  assembly.  This  partially 
redundant  scheme  is  preferred  because: 

• Total  despin  system  reliability  is  increased  from  0.928  (for  a 
nonredundant  system)  to  0.981  at  a cost  of  only  $50  000  and 
1.8  kg. 

• Going  to  fully  redundant  electronics  would  increase  reliability  by 
only  1 percent  (relative  to  the  selected  approach)  with  a cost 
penalty  greater  than  $300  000. 


8.5-21 


A/C  m 
A/CIV 
T/DIII 


The  only  Internal  modifications  required  to  adapt  the  Htdios  DCE  to 
the  Pioneer  Venus  requirements  are  minor  changes  in  loop  ^»ains  and  li?nt* 
constants.  Clock  frequencies,  externally  supplied  to  the  DCE,  will  i**xve 
to  be  changed  for  compatibility  will)  the  lower  spin  rate, 

H,  5,4,4  Probe  Deployment  and  Retargeting  Maneuver  Tradeoffs  A/C  III 

(1977  Probe  Missions,  Atlas/Centanr  and  Thor/Della)  iJl 
^ — ' — — ^ VO  n\ 

As  sJiown  in  Figure  8,5-10,  the  probe  deployment  sequence  begins 
25  detys  before  encounter  with  the  redease  of  tlie  large  probe.  The  figure 
shows  prol)c  bus  maneuvering  requirements,  alternatives  for  performing 
retargeting  maneuvers,  and  the  selected  operations  approach.  The  first 
retargeting  is  done  by  transverse  thrusting  because  of  propellant  con- 
sumption considerations.  If  axial  thrusting  were  used,  the  third  retarget- 
ing orientation  would  be  unfavorable  for  attitude  determination  purposes. 
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ALTERNATIVES  IN  PERFORMING  RT  (RETARGETING i MANEUVERS 


• PRECtSS  SPIN  AXIS  TO  LOCATION  SPECIFIED  AND 
RETAROn  WITH  AXIAL  THRUSTERS 

• PRECESS  SPIN  AXIS  TO  A LOCATION  1.57  RAO 
<90  DEG  FROM  SPECtnEO  ONE  AND  RETARGET 
WITH  TRANSVERSE  THRUSTERS 

• DO  NOT  PRECESS  SPIN  AXIS  9UT  RETARGET  WITH 

A COMBINATION  OF  AXIAL  AND  TRANSVERSE  • 
FIRINGS 
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Figure  8. 5*10.  Probe  Deployment  and  Retargeting  Maneuver  Tradeoffs 

Spin  axis  orientations  for  the  selected  maneuvering  approach  are 
shown  in  the  atereographic  map  on  the  lower  right-hand  side. 

In  addition  to  these  alternatrFes,  two  choices  of  normal  cruise 
orientations  are: 

• Earth  pointing  (tail  of  spacecraft  pointed  at  earth) 

• Perpendicular  to  the  earth  line  and  at  maximum  inclination  rela. 
live  to  the  Venus  orbit  plane, 
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T/0  III 


ways: 

• Return  to  cruise  orientation  after  each  maneuver 

• Go  from  one  r.-quired  orientation  to  the  next  without  returning 
lo  I ruisi  attitude. 

The  preferred  approach  is  o r«-lurn  to  the  cruise  orientation  after 
each  maneuver  for  opiinviriing  communicalions  and  improving  initial  atti- 
ludi-  determination  accuracy  ,.rior  to  each  open-loop  maneuver.  The 
cruise  orientation  preferred  is  earth  pointing  because  of  the  following 

reasons: 

• Large  probe  thermal  control  during  the  first  part  of  the  cruise 
phase  is  facilitated. 

• Attitude  determination  is  considerably  simplified.  Doppler 
modulation  provides  sufficient  accuracy  and  no  additional  onboard 
equipment  is  required. 

• The  total  amount  of  precession  required  for  probe  deployment  and 
retargeting  is  minimized. 

• An  additional  fanbeam  antenna  is  avoided  since  the  medium -gain 
aft-looking  antenna  needed  for  probe  bus  entry  can  also  serve  for 
cruise  communicsitions. 

Retargeting  maneuvers  will  be  performed  as  shown  in  the  summary 
table  included  in  Figure  8.5-10.  The  first  retargeting  is  by  transverse 
thrusting  because  it  requires  less  propellant  than  an  axial  maneuver 
loss  is  less  than  the  impulse  required  for  additional  precession).  Trans- 
verse thrusting  is  used  for  the  tht.-d  retargeting  maneuver  because  the 
orientation  required  is  more  favorable  for  attitude  determination  by 
dopp.lcr  modulation. 

The  stereographic  map  in  Figure  8.5-10  shows  spin  axis  locations 
for  piobo  deployn.ent  and  reU-geting  maneuvers  relative  to  a coordinate 
system  (centered  on  the  spacecraft)  where  one  axis  points  at  the  earth; 
the  second  axis  is  normal  to  the  plane  determined  by  the  earth,  the  space- 
craft, and  the  sun;  and  the  third  axis  completes  a right-handed  set. 
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8.  5.4. 5 Orhiter  Maneuver  Tradeoffs 

(AH  Configurations,  Version  111  Science  Payload) 

Velocity  control  maneuvers  arc  required  in  orbit  to  maitHain  the 
altitude  of  periapsis  within  the  200  to  400  km  raui.e,  lliesi  maneuveis 
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are  most  efficient  when  performed  at  apoapsis  in  a direction  opposite  to 
the  velocity  vector.  Several  ways  of  performing  the  maneuvers  arc; 

a>  Process  the  spacecraft  to  the  desired  orientation  and  fire  the 
axial  thrusters.  The  main  disadvantage  of  tliis  approach  is  due 
to  the  precession  angles  required  [about  1,0*5  radians 
(60  degrees)  from  normal  attitude],  which  cause  loss  of  com- 
munications when  the  distance  to  earth  exceeds  the  maximum 
range  of  the  omni  antenna. 

b)  Process  the  spacecraft  to  an  orientation  normal  to  the  velocity 
direction  at  apoapsis  and  fire  the  transverse  thrusters.  This 
approach  has  the  advantage  that  the  precession  can  be  made 
around  the  earth  line,  thus  maintaining  communications  during 
the  maneuver.  One  disadvantage  is  the  large  precession  angles 
required  [ greater  than  1, 57  radians  (90  degrees)] to  avoid 
operation  with  sun  aspect  angles  greater  than  1.57  radians 

(90  degrees)  during  the  first  part  of  the  orbit  phase.  This 
option  is  not  available  to  earth -pointing  spacecraft. 

c)  Use  a combination  of  axial  and  transverse  thruster  firing  with- 
out precessing  the  spacecraft.  The  velocity  change  require- 
ments increase  by  about  40  percent  when  this  approach  is 
followed. 

d)  Fire  axial  thrusters  only,  with  spacecraft  in  cruise  attitude. 

should  be  made  at  true  anomalies  of  about  3.32  radians 
(190  degrees).  Disadvantages  of  this  method  are  the  increased 
propellant  requirements  and  the  resulting  changes  in  orbit 
parameters, 

A comparison  of  the  last  three  alternatives  (acceptable  from  the 
communications  standpoint)  is  made  in  Figure  8.5-11  in  terms  of  propel- 
lant requirements.  Alternative  b)  has  been  selected  because  of  its  lower 
propellant  requirements. 


5.  5 ADCS  Concept  Selection  Tradeoffs 


A/CIV 


[^A/C 


IV 


Additional  tradeoffs  for  selecting  preferred  attitude  determination 
and  control  designs  for  the  Atlas /Centaur,  1978  probe  bus  and  orbiter, 

Version  IV  science  payload  configurations  were  performed  in  the  follow- 
ing  areas: 


Probe  deployment  and  retargeting  maneuver  strategy 

• Per  laps  is  maintenance  maneuver  strategy 

• Ram  experiment  platform  drive 

• Occultation  experiment  strategy. 
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figure  8.5-11.  Prate  Oeployment  and  Retargeting  Maneuver  fradeofls 


The  attitude  control  requirements  of  these  configurations  are  simi- 
lar to  those  of  the  earlier  spacecraft  and,  therefore,  the  same  approach 


has  been  selected. 


Attitude  determination  requirements  are  also  similar,  except  for 
the  sun  sensor  FOV.  The  first  small  probe  release  has  to  be  made  in  an 
orientation  where  the  sun  aspect  angle  will  be  1.  90  radians  (10.  9 degrees). 
Therefore,  to  provide  some  margin  during  the  precession  maneuver  to 
reach  this  attitude,  the  roll  indexing  FOV  will  be  extended  at  least 
0.  03  radian  (2  degrees)  (on  each  side)  beyond  the  0.  17  to  1.  92  radian 
(10  to  110  degree)  solar  aspect  measurement  range  previously  selected. 
The  advantage  of  operation  with  two  different  ranges  for  aspect  measure- 
ment and  roll  indexing  is  that  the  logic  for  precession  control  can  be 
designed  for  automatically  stopping  maneuvers  when  either  of  the  ends  of 
the  sun  aspect  measurement  range  is  reached. 
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Probe  deployment  and  retargeting  maneuvers  will  be  made  with  the 
earth  in  the  rear  hemisphere  starting  frorn^  and  returning  to,  the  earth- 
pointing  orientation  for  optimum  communications,  Doppler  and  sun  aspect 
measurements  will  provide  attitude  information  after  each  precession 
maneuver. 

To  reduce  probe  precession  due  to  solar  pressvire  after  release  to 
acceptable  limits,  it  has  been  calculated  that  2.  09  and  1.  04S  rad/s  (20  and 
10  rpm)  are  appropriate  for  large  and  small  probe  release,  respectively. 

Requirements  and  details  about  the  probe  deployment  and  bus 
targeting  sequence  are  given  in  Figure  8.  S-12. 

Earth-pointing  configurations  utilizing  conscan  for  attitude  deter- 
mination provide  consistently  good  spin  axis  attitude  determination 
accuracies  even  at  syzygy  times.  This  is  not  the  case  with  fanscan 
because  this  approach  does  not  provide  information  for  rotations  about 
the  earth  line.  The  only  problem  with  conscan  is  the  angle  limitation  due 
tr,  antenna  gain  and  beamwidth  constrairls.  As  shown  in  Figure  8.  5-13, 
periapsis  maintenance  maneuvers  can  be  executed  by  precessing  the 
spacecraft  to  orientations  where  transverse  thruster  firings  can  provide 
the  required  increments  along  the  velocity  vector  direction  at  periapsis. 
The  preferred  approach,  eliminating  the  need  for  spacecraft  precessions, 
consists  in  firing  axial  and  transverse  components  while  in  the  earth- 
pointing attitude.  The  main  advantage  of  this  approach  is  that  communica- 
tions are  not  interrupted  at  any  time  during  the  orbit  phase  of  the  mission. 

Existing  gimbal  actuators  were  surveyed  to  select  a unit  to  drive  the 
platform  for  the  ram-looking  experiments.  Among  the  units  considered, 
the  most  attractive  candidates  were  the  DSCS-I!  antenna  drive  assembly 
(a  single  axis  module  only),  the  OGO  solar  array  drive,  and  the  solar 
array  drive  being  developed  for  FLTSATCOM  (a  single,  nonredundant 
version  only).  The  FLTSATCOM  solar  array  drive  was  selected  because 
it  is  less  complex  and  its  lower  cost  and  weight.  The  DSCS-II  drive  is 
over-designed  for  this  application,  and  its  resolver  position  indicator 
requires  complex  electronics  (the  accuracy  provided  by  this  resolver  is 
not  needed).  The  OGO  solar  array  drive  is  expensive,  requires  complex 
electronics  (because  a closed  servo  loop  is  required  to  control  it),  and 
operates  continuously  to  hold  the  desired  orientation. 
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Figure  8.  5-14  shows  the  selected  platform  drive  assembly,  which 
includes  a stepper  motor,  a harmonic -drive  gear  reduction,  single  and 
duplex. pair  bearings,  and  an  unlimited  rotation  film  potentiometer  for 
shaft  position  indication.  The  curve  included  in  the  figure  shows  the  ideal 
drive  offset  angles  (from  the  forward  spin  axis  direction)  required  to  point 
the  platform. mounted  experiments  in  the  ram  direction  at  periapsis  (once 
per  revolution).  The  actual  gimbal  angle  function  will  not  be  continuous 
because  adjustments  will  be  made  only  about  once  per  week.  The  maximum 
rate  of  gimbal  angle  change  will  be  about  0.  03  radian  (1.  75  degrees)/day 
during  the  first  10  days  in  orbit.  Afterwards,  it  will  not  exceed  0.  017  rad- 
ian  (1  degree) /day. 
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Figure  8. 5-14.  Selected  Platform  Drive  Assembly  Design 


Various  strategies  will  perform  earth  occultation  experiments.  The 
simplest  one  consists  in  offsetting  the  spacecraft  in  advance  so  that,  near 
the  end  of  the  occultation,  the  antennas  are  pointing  in  the  direction  of  the 
refracted  rays.  The  most  complex  approach  consists  of  programming  the 
precessions  of  the  spacecraft  for  continuously  tracking  the  refracted  rays 
during  both  entry  to  and  exit  from  occultation. 

The  selected  approach  is  based  on  a fixed  offset  of  about  0.  21  radian 
(12  degrees),  which  is  a compromise  between  the  capabilities  of  the  X- 
and  S-band  antennas.  This  method  war  preferred  because  it  meets  occul- 
tation experiment  requirements  with  minimum  cost  and  complexity,  while 
still  providing  good  performance  (out  to  0.  31  radian  (18  degrees)  refraction 
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A/CIV  angle  for  S-band  and  0.  26  radian  (IS  degrees)  for  X-band).  Section 

8.  5*  10.  3 discusses  requirements  and  design  implications  of  tracking  the 
refracted  rays  which  could  provide  somewhat  better  performance  if  high- 
gain  antennas  are  used. 

Limitation  of  X-band  occultation  experiments  to  the  first  37  days  in 
orbit  has  the  advantage  of  requiring  only  one  additional  (X-band)  antenna 
(on  the  aft  end  of  the  spacecraft).  Attitude  determination  in  the  offset 
pointing  orientation  can  be  made  on  the  basis  of  sun  sensor  and  doppler 
modulation  data. 

Occultation  experiments  performed  after  37  days,  the  time  at  which 
the  spacecrafts  flips  to  present  its  high-gain  antenna  to  earth,  are  more 
difficult  because  of  the  increasing  range  and  because  of  the  narrowness 
of  the  high-gain  antenna  pattern.  A further  high-gain  X-band  antenna  and 
programmed  ray  tracking  would  be  appropriate. 

8.5.6  Preferred  ADCS  Design  Description  ALL  VERSION  III  SCIENCE  PAYLOAD 

The  ADCS  designs  selected  for  the  preferred  and  optional  Pioneer 
Venus  spacecraft  configurations  are  based  on  equipment  developed  for  the 
Pioneers  10  and  11,  Intelsat  III,  and  Helios  programs,  with  minor 
modifications. 

Table  8.  5-5  summarizes  the  attitude  determination  approaches 
selected  for  each  spacecraft  configuration  and  the  component  assemblies 
used  in  each  ADC’S  design.  Also,  the  table  shows  which  equipment  from 
other  subsystems  is  used  for  attitude  determination  and  control  functions 
in  each  case. 

r onceptually,  there  is  no  difference  between  designs  for  Atlas/ 
Centaur  and  Thor /Delta  configurations  of  the  same  type.  The  only  differ- 
ence would  be  in  the  CEA‘s  because  the  Thor /Delta  version  would  be 
repackaged  to  save  weight. 

The  earth-pointing  orbiter  configurations  have  a single-axis  gim- 
balled  platform  where  ram -viewing  experiments  will  be  located.  Actua- 
tion power  and  shaft  position  indication  are  provided  by  a platform  drive 
assembly  (PDA).  Flower  control  and  signal  processing  for  the  PDA  will 
be  made  by  additional  circuits  in  the  CEA, 


Table  8.5«5.  ACDS  Equipment  and  Approaches  for  Pioneer  Venus 
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The  Pioneer  10  and  11  CEA  (common  to  all  designs)  centralizes  all 
subsystem  interfaces,  thus  providing  better  commonality  with  other  sub- 
systems, also  based  on  Pioneer  designs.  Modifications  required  include 
deletions  of  star  sensor  and  despin  logics  and  additions  of  sun  sensor 
electronics,  DEA  switching  logic  (Option  3 only),  probe  deployment  control 
capabilities,  drivers  for  additional  spin/despin  thrusters,  and  drivers  for 
platform  drive  assembly  (Option  2 only). 

The  selection  of  the  Intelsat  III  sun  sensor  is  a significant  cost 
saving  (on  the  order  of  $200  K to  $300  K)  because  it  allows  inflight  calibra- 
tion of  the  reaction  control  subsystem,  thereby  reducing  ground  testing 
requirements.  The  only  modification  to  this  unit  presently  considered  is 
a change  in  the  slit  geometry. 


Adaptation  of  the  Helios  antenna  despin  equipment  to  the  Pioneer 
Venus  requirements  involves  minor  modifications,  such  as  changing  clock 
frequencies,  loop  gains,  and  the  number  of  rate  pulses  per  spin  revolution. 
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A/C  m 8.  5.  6.  1 ADCS  Design  for  the  Preferred  Probe  Bus  Configurations 

A/CIV  Figure  8.  5-15  shows  the  ADCS  configuration  recommended  for  the 

T/DHI  probe  bus  spacecraft.  The  CEA  is  the,  primary  control  system  for  both 

the  orbiter  and  the  probe  missions.  It  is  composed  of  three  subassemblies 


• Program  storage  and  execution  (PSE) 
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• Duration  and  steering  logic  (DSL) 

• Sensor  and  power  control  (SPC), 

The  PSE  subassembly  permits  an  entire  maneuver  sequence  to  be 
performed  without  ground  commands.  A maneuver  sequence  normally 
consists  of  an  open-loop  precession  to  a new  attitude,  execution  of  a AY, 
and  an  open  <loop  precession  back  to  the  original  attitude.  Maneuver 
accuracy  is  obtained  by  controlling  execution  error  sources  and  by  in- 
flight calibration  of  thruster  performance.  This  operation  sequence  has 
been  successfully  used  on  Pioneers  10  and  11.  The  PSE  will  be  used  on 
Pioneer  Venus  with  no  modification. 
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Figure  8. 5-15.  Attitude  Determination  and  Control  Subsystem  for  the  Preferred  Probe  Bus  Configurations 


The  DSL  subassembly  is  redundant  and  contains  logic  for  selecting 
thruster  combinations  and  pulsewidths  to  be  used.  The  DSL  can  be  used 
without  the  PSE  for  real  time,  or  quadrature-pulse  iiring  (precession 
pulses  at  0,  1.  57,  3,  14  or  4.  71  radians  (0,  90,  180  or  Z70  degrees)  in 
*^oll  relative  to  the  sun).  Modifications  include  additional  logic  for  two 
more  thrusters,  deletion  of  the  despin  logic,  and  a change  in  pulsewidth 
selection. 

The  SPC  subassembly  is  that  of  Pioneers  10  and  11  except  that  all 
star  logic  circuits  will  be  deleted.  Electronics  for  the  redundant  sun 
sensors  will  be  added  along  with  logic  to  c introl  the  small  probe  release 
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mechanism.  This  logic  provides  capability  to  trigger  the  probe  release 
at  preselected  (by  ground  command)  angles  from  the  roll  ref  .rence 
defined  by  the  sun  sensor. 

The  spin  period  sector  generator  (a  part  of  the  data  handling  sub- 
system described  in  Section  8.  2)  measures  the  spin  period  and  generates 
pulse  trains  consisting  of  1,  8,  64  and  ptilses  per  6.  28  radians  (spin 
revolution).  The  spin  period  sector  generator  is  updated  every  revolution 
in  a mode  called  the  ACS  mode  in  Pionee-s  10  and  11.  This  mode  is  used 
during  precession  maneuvers  and  small  probe  deployment  because  the 
one  pulse  per  revolution  signal  is  synchronous  with  the  sun  sensor  pulses 
and  therefore  gives  an  accurate  base  from  which  to  control  the  release 
time.  The  hold  mode  is  entered  by  stored  command  prior  to  sun  occtilta- 
tion  in  the  orbiter.  In  this  mode,  the  spin  period  is  determined  onboard 
on  the  basis  of  averaging  measurements  during  402,  05  radians  (64  spin 
revolutions).  The  period  obtained  by  this  averaging  process  is  used  to 
generate  a roll  reference  during  such  occultation.  No  updating  of  the 
period  measurement  takes  place  \intil  exit  from  the  hold  mode  is  ordered 
by  another  stored  command* 

The  reaction  control  subsystem  (see  Section  8*  6»  2)  includes  eight 
hydrazine  thrusters  and  the  corresponding  valves,  supply,  and  instrumen- 
tation* Precession  maneuvers  and  velocity  corrections  are  performed  by 
means  of  a set  of  four  axial  thrusters  located  in  the  same  plane  with  the 
spin  axis*  During  precessions,  thrusters  are  fired  impulsively  to  produce 
couples  (thus  minimizing  velocity  changes)*  Velocity  corrections  are 
made  by  continuous  firing  of  two  thrusters  to  minimize  disturbance  torques* 
Spin  speed  control  and  impulsive  velocity  corrections  (normal  to  the  spin 
axis)  are  executed  by  means  of  a set  of  four  transverse  thrusters  located 
on  a plane  perpendicular  to  the  spin  axis  at  the  location  of  the  center  of 
mass  after  large  probe  deployment* 

The  nutation  dampers  proposed  for  the  proposed  bus  configurations 
consist  of  mercury-filled  U-tubes  with  expanded  end  chambers  to  enable 
their  natural  frequencies  to  be  tuned  to  the  required  spacecraft  nutation 
frequencies.  Two  devices  are  used  on  each  spacecraft  to  minimize  the 
degradation  of  performance  caused  by  inertia  ratio  changes  during  probe 
deployment. 
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8^  5,  6.  Z ADCS  Design  for  the  Fanbearn,  Fanscan 

Qrbiter  Configurations  A/C  III  T/D  III 

The  ADCS  design  recommended  for  the  preferred  orbiter  configura- 
tions is  shown  schematically  in  Figure  8,  6-16, 
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figure  8.516.  Attitrse  Determination  and  Control  Subsystem  Configuration  for  the  Fanbeam, 
Fanscan  Orbiters 


The  CEA  is  the  same  unit  proposed  for  the  probe  bus  configurations 
except  chat  the  logic  for  probe  release,  included  in  the  sensor  and  power 
controJ.  subassembly,  will  not  be  used. 

Attitude  determination  data  from  the  fanscan  signal  processor  is 
provided  directly  to  telemetry.  Threshold  and  firing  enable  signals  are 
input  to  the  duration  and  steering  logic  subassemblies  lo  provide  automatic 
precession  co.ntrol  capability.  The  direction  of  precession  (to  be  selected 
a priori  by  command)  is  determined  by  the  fixed-angle  precession  logic 
included  in  the  DSL*s. 


A single  nutation  damper  is  used  because  the  ranges  of  inertia 
ratios  in  the  orbiters  are  not  so  wide  as  in  the  probe  bus  configuraUons, 
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8,  5.  6.  3 ADCS  Designs  for  the  Optional  Orbiter  Configurations 

As  shown  in  Table  8.  5-5,  the  Option  1 design  is  identical  to  the 
configuration  proposed  for  the  preferred  orbiters  except  in  the  transmitter 
power.  8.5-34 
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The  subsystem  design  recommended  for  the  earth-pointing  orbiters 
is  shown  in  Figure  8.  6-17,  Essentially,  it  is  the  same  design  proposed 
for  the  fanbeam,  fanscan  orbiters  except  for  the  additions  of  a ram  plat- 
form drive  assembly  and  the  associated  control  electronics. 
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A/C  III  As  shown  in  Figure  8.  5-18,  the  ADCS  design  recommended  for  the 

A/CIV  with  despun  antenna  reflector  includes  the  Helios  despin 

drive  assembly  and  two  Hellos  despin  electronics  assemblies.  Additional 
^ logic  IS  re(]uired  in  the  CEA  to  provide  DEA  power  control  and  redundancy 
switching.  The  DDA  includes  electromechanical  components  and  a non- 
redundant  electronicfi  package  coraisting  of  motor  driver  circuits  and 
pipper  pulse  corditioning  logics.  Each  DEA  comprises  electronic  circuits 
for  implementing  both  rate  and  posV.ion  control  loops,  and  a positioa  func- 
tion generator  providing  commendable  piece-wise-linear  approximations 
to  the  required  offsets  from  the  sun  reference. 

8.  5.  6.  4 Functional  Block  Diagram  ALL  VERSION  III  SCIENCE  PAYLOAD 

Figure  8.  5-19  is  an  all-inclusive  functional  block  diagram  which 
applies  to  a specific  configuration  if  the  corresponding  block  deletions  are 
made.  This  diagram  is  intended  to  show  signal  flow,  the  operations 
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figure  8.5-18.  Attitude  Determination  and  Control  Subsystem  Contiouration  for  the  Ortiters  with 
Despun  Antenna  Reflector 


performed  in  each  control  mode,  and  the  interfaces  of  the  CEA  with  the  spin 
period  sector  generator,  the  conscan/fanscan  processor,  the  despin  con- 
trol equipment,  and  the  platform  drive  assembly* 

Redundant  sun  sensors  provide  1)  roll  reference  pulses  to  the  spin 
period  sector  generator  and  2)  sun  aspect  information  to  telemetry*  The 
spin  period  sector  generator  (part  of  the  data  handling  subsystem)  gene- 
rates sequences  of  1,  8,  and  512  pulses  per  spin  cycle  and  operates  in  thf* 
four  modes  listed*  The  programmer  includes  data  storage  registers  and 
counters  for  executing  maneuver  sequences.  The  fixed-angle  precesdion 
logic  defines  four  orthogonal  precession  dircctioriS  selectable  by  grornd 
command  The  pulse  generator  has  logic  for  selecting  pulse  durations 
and  preventing  thruster  firing  due  to  single  failures.  The  valve  seUct 
logic  includes  command  storage  latchet*  and  decode"*  gates  for  rfelccting 
thrusters.  The  valve  drivers  ar  e sc:  ins  redundant,  power  on  and  opera- 
tion of  two  drivers  are  required  for  firrvig.  Probe  deployrnenl  is  controlled 
by  delay  logic,  adjustable  by  conrunand* 
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The  conscan  processor  generates  tirisg  pulses  and,  in  addition, 
provides  a threshold  signal  to  the  conscan  logic  for  stopping  precession 
when  the  pointing  error  is  less  than  the  deadzone  valtie.  In  the  fanscan 
case,  timing  pulses  for  thruster  firing  are  generated  by  the  fixed-angle 
precession  logic*  The  fanscan  logic  outputs  a firing  pulse  when  it  gets  a 
permissive  level  from  the  fanscan  processor  (once  every  two  revolutions) 
and  an  enable  command  from  the  ground* 

The  despin  control  system  maintains  the  high-gain  antenna  reflector 
in  an  earth -pointing  orientation*  The  required  antenna  angle  from  the  sun 
is  provided  either  by  command  or  by  an  onboard  function  generator.  In 
either  case,  the  commanded  angle  is  computed  with  respect  to  the  sun 
sensor  phase  reference.  Using  a piece-wise-linear  approximation  to  the 
changing  sun- space  craft -earth  angle,  the  function  generator  automatically 
updates  the  control  loop  position  command  to  keep  the  antenna  reflector 
pointing  at  the  earth* 

The  antenna  control  loop  receives  a pointing  command  once  per 
spacecraft  revolution*  The  antenna  position  error  Is  computed  degitally, 
then  converted  to  an  analog  signal.  The  total  control  error,  which  drives 
the  despin  motor.  Includes  ?n  antenna  rate  feedback  signal*  Antenna  rate 
is  measured  by  a digital  tachometer  operating  with  pulses  generated  by 
photoelectric  rate  pickup  devices.  The  main  ftmctions  of  the  rate  loop 
are  to  improve  system  stability  and  to  reduce  antenna  pointing  errors 
caused  by  periodic  torque  fluctuations. 

During  acquisition,  the  antenna  position  error  is  limited  to  0.  39  rad- 
ian (22.  5 degrees)  and  maximxim  motor  torque  is  applied  to  despin  the 
antenna,  When  the  control  errors  are  small,  the  antenna  position  loop 
employs  proportional-plus-integral  control.  Integral  control  is  necessary 
to  minimize  errors  caused  by  constant  torque  operation,  such  as  bearing 
friction* 

8.  5.  6.  5 Sun  Sensor  Assembly  ALL  CONFIGURATIONS 

The  sun  sensor  assembly  (Figure  8.  5-20)  selected  for  all  ADCS 
designs  is  essentially  the  Intelsat  III  unit  with  a different  slit  geometry, 

A V-type  slit  configuration  has  been  preferred  to  the  Intelsat  III  arrange- 
ment to  1)  improve  accuracy  over  the  entire  aspect  angle  range  of  the 
sensor,  2)  simplify  the  signal  processing  logic,  and  3)  eliminate  polarity 
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OtSCRIPIION 


THQ  SSA  CONSISTS  0^  A fUSCO  5H  iCA  Bl  OCf. 

WITH  A photo-voltaic  silicon 

located  on  THf  BACK  SURFACE,  THE  FRONT 
SURFACE  HAS  FHOTOETCHCD  SLITS  tN  A 

vacuum-deposited  nickel  film. 


INTELSAT  III  SUN  SENSOR 


fUNaiON 

IHt  SSA  PROVIDES  ROU  IF4DEXING  AND  SUN 
aspect  INfORMATION. 

oemvATiQN 

MOLMFICATION  OF  INTELSAT  III  SSA  BY 
CHANGING  SLIT  DESIGN. 

ERROR  ANALYSIS 


SOURCE 

ASPEa  (Kn 

ROLL  dm 

SENSOR 

0.044 

0.034 

TEST 

0.031 

0.022 

RSS  TOTAL  (1<T> 

0.054 

0,041 

WEIGHT; 

185  G 

POWER; 

NONE 

SIZE: 

4.75  k 3.3  *3  CM 

NUMBER: 

2 PER  SPACECRAFT 

RELIABILITY: 

0.9993  (425  DAYS) 

Hlgure  8.5-20.  Sun  Sensor  Assembly  Summary  Description 

ambiguities.  An  important  feature  of  the  proposed  design  is  the  resulting 
scale  factor  linearity  that  minimizes  ground  software  requirements. 

When  the  sun  is  in  the  FOV  of  the  sensor,  the  output  consists  of  two 
pulses  per  spin  revolution  (reference  and  timing  pulses).  Sun  aspect 
angle  is  measured  by  the  time  separation  between  the  thresholded  trailing 
edges  of  the  reference  and  timing  pvdses,  and  roll  indexing  is  provided  by 
the  thresholded  reference  pulses  only. 

The  sun  sensor  signal  processing  electronics  (to  be  incorporated 
into  the  CEA)  are  described  in  Figure  8.  5-21. 

tj.  b.  6.  6 Control  Electronics  Assembly  (CEA) 

The  Pioneer  10  and  11  CEA  (Figure  8.  5-22)  is  directly  applicable 
to  all  mission  functions  required  for  Pioneer  Venus.  It  contains  three 
functional  subassemblies:  program  storage  and  execution  (PSE),  duration 

and  steering  logic  (DSL),  and  sensor  and  power  control  (SPC). 

The  sun  sensor  signal  processing  electronics  amplifies  the  sun 
pulses,  detects  the  amplitude  of  the  peak  signal,  and  sets  a threshold  in 
the  comparator  so  that  the  trailing  edge  of  the  sun  pulse  is  always  sensed 
at  the  same  percentage  of  peak.  The  two  sun  pulses  are  separated  in  the 
logic  circuitry  and  gate  a clock  frequency  into  a 1 5-bit  binary  counter  for 
aspe-t  information.  The  roll  timing  reference  is  a single  pulse  out  of  the 
logic  circuitry. 
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Figure  8. 5-21.  Sun  Sensor  Signal  Processing  Flectronics  (CLA) 


DEsanpTiOM 


functions 


THE  CEA  CONS.  .15  OF  SIX  PRINTED  WIRING 
BOARDS  .12.7  . 19.6  » O.lSCMi  PACKAGED 
IN  THREE  MAGNESIUM  CHASSIS  SLICES 
il5.2  » 20.3  X 4.1  OR  2.54  CMi 
STACKED  AS  SHOWN  BELOW. 


WEIGHT: 

1.91  KG 

POWER: 

1.5/4.C  W 

SIZE; 

15.2  K 20,3  I 10.9  CM 

NUMfitR: 

1 PER  SPACECPAfT 

REIIABILIYY 

0.9917 

PIONLLR  F AND  G 
CON  ERCn  E LtCTRONICS  ASSE_W^BL_Y 


THE  CEA  provides  DATA  STORAGE  AND  SEQUENCE  CONTROL 
FOR  EXECUTING  PRECESSION.  AV,  SPIN  SPEED  CONTROL 
MANEUVERS,  AND  PROBE  RELEASE.  ALSO,  THE  ASSEMBLY 
INCLUDES  SENSOR  SIGNAL  PROCESSING  ELECTRONICS, 

STORED  COMMAND  LOGIC,  AND  CAPABILITIES  FOR  SSVIlCr.ING 
SENSORS  AND  SELECTING  THRUSTERS. 


DERIVATION 

MODIFIED  VERSION  OF  THf  PIONEER  I AND  G CfcA. 


DESIGN  CHANGIS  HEQUIRLD 

• OElETf  SRA  AND  DESPIN  LOGICS 

• ADD  TWO  SCT  DRIVERS  AND  SELECT  lOOIv.,  RLDUNDANT 
SUN  SENSOR  UfCTRONlCS,  STORLD  COMMAND  LOGIC, 
AND  PROBE  nmOYMENI  CONfROt  RIODTERS  CaiNTER 

• change  0.5  -SECOND  PULSE  DURAf  K^N  TO  67.5  MS 

• PROVIDI  CAPABHITY  TO  DRIVE  TRANSVERSE  THRUSTERS 
WITH  PROGRAMMrnAV  SIOMMS 

• SWITCH  POWER  TO  VAI  VI  DRIVI  KS  TO  PRI  VI  NT  THK*  PSTI  R 
OPERATION  WHEN  USE'S  API  flIRNLD  L^N. 


pace  aging  CMANGI  S 


• RIMAININi;  SPC  rmriMTS,  SUN  SINSOK  I IK' 
1RONICS.  AND  AUDI  D lOGIC  Will  01  ON  IWO- 

siDi  D Board  in  a .’.s»  ( m m in.'  THirL  si  ict 


i iiiiiro  8.  ^-22.  Control  I Ipctronics  Assoiiihly  Siinimarv  DETscription 
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The  PSE  contains  data  storage  registers  and  state  logic  that  contrc. 
the  stored  program  to  execute  a maneuver.  The  seven  "states"  are 
normally  executed  in  order: 

1)  Delay 

2)  First  precession 

3)  Delay 

4)  AV  execution 

5)  Delay 

6)  Return  precession 

7)  Program  complete. 

The  delay  states  allow  ground  intervention,  attitude  determination,  and 
wobble  decay.  The  program  can  be  interrupted,  stepped  to  the  next  state, 
or  reset  on  command.  Precession  magnitude  .s  controlled  via  calibrated 
thrusters  pulsing  once  per  revolution  for  a programmed  period  of  time. 
Pulse  counting  is  vmsatisfactory  because  of  spin  coupling  effects.  Pulses 
occur  at  a fixed  roll  angle  such  that  the  spin  axis  describes  a rhumb  line 
during  reorientation. 

Since  the  PSE  is  internally  redundant,  no  single  failure  can  result 
in  improper  AV  or  precession  execution.  No  modification  of  the  PSE  is 
required  for  Pioneer  Venus. 

The  DSL  contains  pulsewidth  and  thruster  selection  logic  plus  an 
independent  capability  for  thruster  firing,  either  in  real  time  or  a roll 
angle  of  0,  1.  37,  3.  14,  or  4.  71  radians  (C,  90,  180,  or  270  degrees) 
relative  to  the  sun  pulse.  This  enables  all  mission  functions  (precession, 
AV,  and  spin  control)  to  be  completely  executable  without  the  PSE  using 
only  gro\ind  commands.  The  minor  improvements  in  the  DSL  assemblies 
are  1)  expansion  of  valve  drivers  and  selection  logic  for  two  additional 
thrusters  and  2)  separate  power  switching  for  the  valve  drivers  to  prevent 
inadvertent  pulse  firings  during  power  switching. 

The  SPC  contains  power  switching  logic  for  the  other  assemblies 
plus  star  sensor  logic  that  will  be  deleted  in  all  Pioneer  Venus  designs. 
Circuits  for  small  probe  release  con'rol  w'ill  be  added.  Sun  sensor  elec- 
tronics added  to  the  SPC  will  provide  roll  reference  pulses  for  the  spin 
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period  sector  generator,  which  in  turn  provides  the  reference  signals  for 
experiments  and  attitude  control.  Aspect  information  from  the  sun  sensor 
electronics  is  telemetered. 


Most  CEA  changes  are  made  in  the  SPC,  with  minimal  changes  for 
the  DSL's.  The  PSE,  which  is  by  far  the  most  complex  electronic  design, 
will  be  iinmodified. 


8.  5.  6.  7 Despin  Drive  Assembly 


A/C  III 


A/CIV 


T/0  III 


The  despin  drive  (Figure  8.  5-23)  consists  of  an  inside-out,  resolver- 
commutated,  16-pole  brushless  DC  motor;  position  and  rate  pickup:  and 
integral  motor  drive  electronics.  VacKote  dry-film  bearing  lubrication 
allows  operation  from  -50  to  75°C  (-58  to  167°F).  The  drive  is  derived 
from  the  Helios  solar  probe  satellite  and  will  be  modified  to  provide  512 
rate  pulses  per  6.  28  radians  (per  revolution).  A 4.  32  cm  (1.  7 in.  ) hole 
through  the  drive  allows  passage  of  wave  guide,  structure,  and  cabling. 


DESPIN  DRIVE  ASSEMBLY 


PICKUPS 
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PER  REVOLUTION  PULSL5  GENtRATED 
BY  MAGNETIC  PICKUPS.  PEAK  VOLTAGE 
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Fkjure  8. 5 23.  Despin  Drive  Assembly  Summory  Descriplion 


The  design  uses  a single-piece  titanium  shaft  that  attaches  to  the 
reflector.  The  shaft  also  connects  to  the  despun  section  through  a set  of 
preloaded  angular  contact  bearings,  and  a three-piece  housing  of  alumi- 
num and  titanium. 
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The  bearing  spacing  has  been  maximized,  within  the  constraints  of 
the  envelope,  to  minimize  any  angular  offset  between  the  reflector  and 
spacecraft.  The  bearing  pair  have  outward*directed  thrust  capacity  which, 
coupled  with  the  spacing,  maximizes  the  bearing  rotational  spring  rate. 

Both  bearings  have  light  interference  fits  in  their  outer  race  mount. 
The  upper  bearing  has  a slip  fit  inner  race  mount,  while  the  lower  bearing 
has  a slight  interference  fit  inner  race.  A small  unbalance  radial  load 
may  be  produced  by  the  motor  magnet  ring,  which  makes  press  fits  on  the 
bearings  outer  races  desirable  to  prevent  creep  and  possible  fretting.  The 
upper  bearing  inner  race  is  a sliding  fit  to  simplify  assembly  and  dis- 
assembly, to  provide  the  bearing  system  constant  preload  loop,  and  to 
allow  for  differential  axial  expansions. 

Bearing  preload  is  achieved  with  eight  helical  compression  springs 
applying  22.  24  to  44.  48  newtons  (5  to  10  potands)  of  force  on  the  upper 
bearing  inner  race  through  the  preload  ring. 

The  bearings  and  the  slip  fit  bearing  and  shaft  interface  will  be 
lubricated  with  the  BBRC  dry  VacKote  process.  Dry  VacKote,  which  is 
used  on  the  Helios  drive,  produces  lower  and  more  constant  bearing  drag 
torques  than  does  the  wet  VacKote  process. 

The  motor  and  resolver  stators  are  attached  to  the  same  housing 
section.  Arc-shaped  slotted  holes  are  provided  at  the  resolver  and  hous- 
ing interface  to  provide  precise  external  angular  alignment  of  the  motor 
and  resolver  electrical  zero.  The  resolver  is  attached  to  the  shaft  and 
housing  with  machine  screws.  The  motor  rotor  is  similarly  attached  to 
the  shaft  but  is  keyed  to  the  housing  and  clamped  in  place  when  the  upper 
and  middle  housing  sections  are  joined. 

To  generate  the  required  nximber  of  512  pulses  per  6.  28  radians 
(revolution),  the  magnetic  pickups  are  replaced  by  light-emitting  diodes, 
a mask,  and  a solid-state  photoelectric  detector.  The  mask  (located 
between  light  source  and  detector)  intermittently  interrupts  the  light  beam, 
thus  producing  a pulse  train  with  very  short  rise  and  decay  times. 

All  electrical  leads  exit  the  DMA  from  the  upper  housing  section. 
This  design  simplifies  the  structural  assembly  and  disassembly  by  mini- 
mizing the  risk  of  lead  damage. 
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Angulcit*  contact  ball  bearings  (AFBMA  Class  ABKC  7)  used  in  the 
despin  drive  are  manufactured  by  Fafnir,  The  slim>line  type  of  bearing 
is  used  because  of  its  low  weight.  Both  races  and  balls  are  made  from 
400C  stainless  steel,  hardened  to  a minimum  of  Rockwell  C58.  Raceway 
surface  finish  is  obtained  by  honing  (polishing  is  not  permitted).  The  ball 
separators  are  made  from  Ruion  A material  containing  5-percent  molyb- 
denum disulfide.  This  separator  is  a sacrificial  type  in  that  it  replenishes 
any  lubrication  removed  from  contacting  metal  surfaces. 

BBRC  uses  dry  VacKote  lubrication  on  all  bearings  and  sliding 
surfaces.  VacKote  is  t>e  generic  name  for  several  proprietary  lubricant 
formvilations  and  application  processes  developed  by  BBRC  for  use  in  hard 
vacuum.  VacKote  development  was  beg\m  in  1959  when  the  first  OSO  was 
bein  designed.  At  that  time,  it  was  discovered  that  the  available  lubri- 
cants for  vacuum  service  were  not  effective  at  the  hard  vacuum  levels  of 
orbiting  satellites.  Two  basic  systems  resulted  from  this  early  work, 
one  based  on  a fluid  and  one  based  on  a dry  lubricant. 

After  an  investigation  of  fluid,  semifluid,  and  dry  lubrication  sys- 
tems, dry  VacKote  lubrication  was  selected  for  the  DDA.  Dry  VacKote 
has  an  extremely  low  evaporation  rate.  Hard  vacuum  poses  no  danger  of 
material  loss.  Potential  contamination  outside  the  DDA  is  minimized. 
Labyrinths  and  other  flow  restrictions  are  not  necessary,  thus  simplifying 
the  mechanical  design.  , mmon  components  requiring  wet  lubrication 
(brushes  and  slip  rings)  are  not  present.  And,  finally,  but  most  signifi- 
cantly, the  dry  VacKote  system  is  characterized  by  extremely  low  torque 
and  is  insensitive  to  torque  variation  with  temperature. 

The  dry  VacKote  process  desposits  an  unbonded  but  adherent  coating 
of  M0S2  about  0.  001  cm  (10  microinches)  thick.  It  is  unbonded  in  the  sense 
that  no  resins  or  adhesives  are  employed.  This  dry  coating  will  be  applied 
to  the  balls,  race  axurfaces,  retainers,  and  the  slip  fit  bearing  interface. 
Dry  VacKote  prevents  metallic  contact  and  fretting,  thus  preventing  cold 
welding  and  the  generation  of  metallic  debris.  It  tends  to  relieve  surface 
concentration  factors,  which  reduces  the  chance  of  spalling.  It  further 
has  the  tendency  to  improve  the  surface  finish  of  the  treated  parts  by 
reducing  the  surface  roughness. 


8.5-44 


i 


A A/CIM  ^piA/eiV  A T/D  III 

A block  diagram  of  the  electronics  included  in  the  despin  drive 
assembly  is  shown  in  Figure  8,  5-24.  The  rate  and  position  pulse  con- 
ditioning logics  include  priority  circuits  such  that  pulses  from  only  one 
of  each  pickoff  pair  are  delivered  to  the  DEA.  Pulses  from  the  redundant 
pickups  will  be  automatically  delivered  if  any  one  of  the  priority  units  fails. 
The  sine  and  cosine  motor  driving  signals  are  obtained  by  pulsewidth  modu- 
lation of  the  DC  supply  voltage.  Driving  signals  are  derived  by  demodula- 
tion of  the  sine  and  cosine  output  signals  from  a resolver  mounted  on  the 
same  shaft  as  the  motor.  The  amplitude  of  the  resolver  excitation  signal 
is  controlled  by  the  drive  signal  input  from  the  DEA.  Motor  current  is 
measured  by  sensing  logic  included  in  the  powez  output  stages.  The 
resulting  analog  signal  is  conditioned  for  direct  output  to  telemetry. 
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figure  8.5-24  Oespin  Drtve  electronics  Block  Oiagrain 

The  only  modifications  to  the  despin  drive  electronics  reqiiired  for 
adaptation  to  Pioneer  Venus  are  minor  changes  in  the  pulse  conditioning 
circuits.  The  position  pulse  channel  requires  adjustments  to  the  signal 
levels  for  0.  52  rad/s  (5  rpm)  operation.  The  rate  pulse  channel  will  be 
modified  to  provide  excitations  to  the  pickoff  light  sources  and  to  operate 
with  the  new  photoelectric  sensors. 

8.  5,  b.  8 _De spin  Electronics  Assembly 

A block  diagram  of  the  DEA  is  shown  in  Figure  8.  5-25.  The  angle 
command  generator  provides  adjustable  linear  functions  of  time  (in  digital 
form)  to  approximate  the  required  offset  angles  from  the  svin  for  maintain- 
ing the  antenna  reflector  pointed  at  the  earth.  Initial  angles  within  the 
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Figure  8. 5-25.  Despin  Electronics  Assembly  Summary  Description 

0 to  6.  23  radian  (0  to  360  degree)  range  can  be  established  by  command 
with  a quantization  o£  0.  003  radian  (0.  175  degree).  Positive  or  negative 
increment  rates  can  be  selected  by  command  within  the  following  ranges; 

XI:  0.  004  to  0.  127  radian  (0.  24  to  7.  25  degree) /day 

X2:  0.  007  to  0.  253  radian  (0,  48  to  14.  5 degree),  day 

Each  range  consists  of  32  levels. 

The  time  delay  logic  delays  each  siin  sensor  pulse  by  an  interval 
proportional  to  the  output  from  the  angle  command  generator. 

The  phase  error  detector  is  an  11 -bit  downcounter  providing  a 
sampled  measure  of  the  antenna  pointing  error  by  measurement  of  the 
phase  shift  between  the  delayed  sun  sensor  pulses  and  the  position 
pulses  from  the  DDA. 

An  8-bit  sample-and-hold  register  provides  limiting  to  ±0.  39  radian 
(±22.  5 degrees).  Sample-and-hold  updating  is  synchronized  to  the  antenna 
position  pulses.  Thus,  the  D/A  converter  output  between  consecutive 
antenna  position  pulses  is  constant. 
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Position  loop  stabilization  and  steady*state  error  minimization  are 
provided  by  an  analog  amplifier,  which  introduces  proportional-plus - 
integral  compensation^ 

The  rate  error  detector  is  an  11 -bit  upcounter  that  provides  a 
sampled  measure  of  antenna  inertial  rate  on  the  basis  of  a commanded 
rate  bias  and  clock  pulse  coiints  between  consecutive  rate  pulses. 

Limiting  to  8 bits  is  provided  by  a sample -and -hold  register,  to 
which  digital  data  transfer  is  made  after  each  antenna  rate  pulse. 

Adaptation  of  the  Helios  assembly  to  Pioneer  Venus  requires  only 
minor  modifications  (see  Figure  8.  5.  25).  Redundancy  switching  will  be 
performed  in  the  CEA,  which  also  handles  the  command  and  telemetry 
interfaces. 

8.  5.  7 Descriptions  of  ADCS  Designs  for  the  Preferred  ^ ^ 

Atlas/Centaur  Configurations  for  the  Version  IV  W A/C  IV  fj^A/CIV 
Science  Payload  ^ ^ 

The  ADCS  design  selected  for  the  preferred  probe  bus  configuration 
is  as  described  in  Section  8.  5.  6.  1.  The  design  selected  for  the  preferred 
orbiter  configuration  is  as  described  in  Section  8,  5,  6.  3 for  the  earth- 
pointing orbiters. 

A summary  description  of  the  selected  platform  drive  assembly  is 
given  in  Figure  8.  5-26.  The  layout  design  of  the  platform  drive  assembly 
(PDA)  is  based  upon  a solar  array  drive  currently  being  developed  for 
FLTSATCOM.  The  drive  unit  consists  of  a 0.  03  radian  (1.  8 degree)-per- 
step  stepper  motor,  which  is  coupled  to  the  input  of  a harmonic  drive 
reducer.  The  harmonic  drive  ratio  is  100:1,  which  results  in  an  output 
step  size  of  0.  0003  radian  (0.  018  degree)  per  step.  The  output  shaft  is 
supported  in  the  housing  by  a duplex  pair  of  angular  contact  bearings  fixed 
at  one  end.  The  other  end  of  the  shaft  is  supported  by  a single -row  deep- 
groove  bearing,  which  floats  axially  in  the  housing  to  accommodate  axial 
thermal  expansion.  This  bearing  arrangement  has  been  selected  to 
positively  control  the  shaft  location  under  load,  specifically  under  vibra- 
tion during  latinch.  The  bearings  are  of  440C  stainless  steel  with  phenolic 
retainers,  impregnated  with  NPT-4  oil.  Other  bearings  for  the  harmonic 
drive  and  motor  are  similarly  impregnated  with  NPT-4  oiL  Nylasint 
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Figure  K 5-26.  PUtform  Drive  Assembly  Summery  Description 


reservoirs,  impregnated  with  NPT-4  oil,  are  mounted  in  several  locations 
throughout  the  assembly.  The  shaft  and  housing  and  other  structural  parts 
are  made  from  Z024  aluminum  alloy. 

For  position  indication,  one  single«turn  potentiometer  is  mounted 
to  the  housing.  Input  rotation  of  the  potentiometer  is  taken  from  the  out- 
put shaft  with  a set  of  antibacklash  gears.  The  potentiometer  will  contain 
a conductive  plastic  or  film-type  resistive  elemeni:,  which  needs  no  addi- 
tional lubrication.  Bartemp  bearings  will  be  used  so  that  lubricant 
reservoirs  need  not  be  built  into  the  potentiometer. 

8.  5.  8 Attitude  Determ ina±ion~aTid''CTOltrgt  Performance, 

Version  III  Science  Payload 

8.  5.  8.  1 Probe  Mission  (1977  Launch)  |^AA2  III  T/D  III 

Detailed  analyses  were  performed  to  derive  quantitative  assessments 
of  the  performance  attainable  with  the  recommended  ADCS  design  in  all 
critical  phases  of  the  probe  mission.  Particular  attention  was  given  to 
the  determination  of  drift  rates  caused  by  solar  pressure;  the  calculation 
of  attitude  errors  and  dynamic  perturbations  originated  by  separation 
(from  booster),  midcourse,  probe  release,  and  retargeting  maneuvers; 
the  analysis  of  reaction  control  subsystem  performance;  the  computation 
of  attitude  determination  accuracies  during  cruise  and  probe  release  and 
retargeting  maneuvers;  and  the  computation  of  velocity  errors  during 
retargeting  maneuvers. 
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This  section  summarizes  the  results  of  the  above  mentioned  analyses. 
Wherever  possible,  the  material  is  organized  chronologically.  Data  are 
given  separately  for  the  Thor/Dclta  and  the  Atlas/Centaur  preferred  con- 
figurations appropriate  to  the  Version  III  science  payload  and  the  1977 
probe  mission  launch. 

Separation  from  Booster  T/DIII 

+2  83 

The  Thor/ Delta-launched  spacecraft  will  be  spinning  at  9.  42 
rad/s  (90  ^ rpm)  at  third-stage  burnout.  Spacecraft  nutation  will  have 
induced  by  the  third-stage  motor  thrust  vector  misalignments  and  by 
center -of-mass  offsets  of  the  combined  third  stage  and  spacecraft. 
Assuming  a third-stage  motrr  thrust  of  7*  1 x 10  newtons  (16  000  pounds), 
a thrust  vector  to  center -of-mass  offset  of  1.  83  mm  (0.  006  foot),  a spin 
axis  moment  of  inertia  (for  third- stage  and  spacecraft  combination)  of 
155  kg  • (114  slug-ft^),  an  inertia  parameter  K = 0.  4,  and  a spin  rate 

of  8 rad/s  (76.  4 rpm),  the  peak  nutation  angle  at  burnout  is  approximately 
0.  07  radian  (4  degrees). 


The  nutation  angle  following  separation  ft  cm  the  third  stage  is  a 
function  of  spin  rate,  nutation  angle  before  separation,  mass  properties, 
axial  and  lateral  spring  force  differentials,  moment  arms,  and  separation 
time.  A nutation  angle  of  0.  0314  radian  (1.  8 degrees)  is  predicted  after 
separation  on  the  basis  of  the  following  assumptions: 


Nutation  angle  before  separation  = 0.  07  radian  (4  degrees) 


Average  transverse 
(90  slug-ft^) 


MOI  after  separation  = 122  kg  * 


2 

m 


Average  transverse  MOI  before  separation  = 258  kg  • m 
(190  slug-ft2) 


Spin  MOI  of  spacecraft  after  separation  = 145.  5 kg  • m 
(107  slug-ft^) 


Spin  MOI  before  separation  = 1 55  kg  • 


(114  slug-ft^) 


• Separation  time  so,  1 second 

. Axial  force  differential  per  pair  of  springs  = 17.  8 newtons 
(4  poTinds) 

. Lateral  force  differential  per  pair  = 8.  9 newtons  (2  pounds) 
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• Radial  distance  from  centerline  to  separation 
springt  0.  305  meter  (I  foot) 

• Axial  distance  from  spacecraft  center  of  mass  to  separation 
springs  = 0.  244  meter  (0.  08  foot). 

A pictorial  representation  of  the  spin  axis  attitude  error  during 
separation  is  shown  in  Figure  8.  5-27.  For  the  Thor/Detta,  the  njornentum 
shift  will  be  approximately  0.  0374  radian  (2.  2 degrees),  and  the  nutation 
damper  time  constant  after  separation  will  be  on  the  order  of  15  minutes 


T/D  III 


Figurt  8.  $-27.  Picloriil  Re|>r<tentatl<n  of  Spin  Axis  AHilude  Errors  Ourin. 
Separation  from  IliinI  Stage 


The  Atlas/Centaur-launched  spacecraft  will  be  'pun  up  to  5 rpm  by 
the  Centaur  prior  to  separation.  An  analysis  of  the  separation  dynamics 
is  not  included  at  the  present  time  because  the  pertinent  Centaur  data  are 
not  available. 

Despin  Maneuver  T/0  III 

+ 2 83 

The  Thor /Delta  configuration  initially  spins  at  9.  42  * rad/s 

+ 27  - 1.  + ( 

(90  rpm).  Assuming  a nominal  cruise  spin  speed  of  about  0.  5 rad/s 

(4.  8 rpm),  the  spacecraft  will  be  initially  de8p^ln  down  to  a rate  of  approxi- 
mately 0.  55  rad/s  (5.  25  rpm)  by  the  transverse  thrusters  (so  that  the 
desired  rate  is  attained  after  magnetometer  boom  deployment. 

2 

Assuming  a constant  deceleration  of  0.  0565  rad/s  (0.  54  rpm)  for 
stead-firing  conditions,  the  thrusting  time  required  for  the  initial  despin 
maneuver  is  in  the  range  from  132  to  208  seconds. 

During  deployment,  the  magnetometer  boom  will  be  subject  to 
lateral  loading  due  to  nutation  and  Coriolis  acceleration.  Assuming  a 
boom  length  of  3.  5 meters  (136  inch),  an  inertia  parameter  \ = 0.  2,  a 
spin  speed  of  0.  5 rad/s  (5  rpm)  and  a nutation  angle  of  0.  07  radian 
(4  degrees),  the  resulting  acceleration  is  on  the  order  of  0.  006  g.  With  a 
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T/OIII  deployment  rate  of  t metor/s,  the  Coriolis  acceleration  is  0.  0017  g.  At 
the  nominal  spin  rate  of  0.  rad/s  (5  rpm),  the  axial  load  due  to  centnfu- 

gal  force  is  about  0,  09  g. 

r.nitae  Phase  Attitude  Determination  and  Control  ALL  CONFIGURATIONS 

Three-dimensional  angular  geometry  will  be  described  in  terms  of 
stereographic  projections.  The  spacecraft  is  assumed  positioned  at  the 
center  of  a sphere  with  its  equator  parallel  to  the  ecliptic  plane.  The  spin 
axis  and  the  spacecraft-suii  and  spacecraft-earth  lines  are  next  projected 
onto  the  sphere.  The  sphere  is  divided  in  0.  17  rad  (10  deg)  increments 
both  in  longitude  (meridans)  and  latitude  (parallels)  to  indicate  angular 
measure.  Figure  8.  5-28  shows  how  the  sterographic  projection  of  this 
imaginary  sphere  surrounding  the  spacecraft  is  obtained.  An  important 
property  of  this  projection  is  that  it  is  conformal  (angles  measured  on  the 
projection  are  equal  to  the  corresponding  angles  on  the  sphere). 


SriREOGRAPHIC 
PROJECTION 
OF  POINT  P 


Figure  8. 5-28.  Stereographic  Projection  Method  for  Plane 
Representation  of  Three-Dimensional 
Angular  Geometry 


I^A/cm 

j^T/DIII 


Figure  8.  5-29  is  a stereographic  projection  showing  locations  of  the 
sun  and  earth  as  functions  of  time  and  the  spin  axis  orientation  profile 
during  the  probe  bus  cruise  phase.  After  launch  and  trans-Yenus  injection, 
the  spin  axis  (point  A)  is  about  0.  49  rad  (28  deg)  from  the  sun.  From  the 
thermal,  power,  and  comm\inications  view,  this  attitude  is  desirable; 
no  initial  orientation  is  needed.  The  spacecraft  therefore  could  remain 
in  this  position  until  day  5,  when  the  first  midcourse  maneuver  is  planned. 
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Figure  8. 5>29.  Stereographic  Projection  Showing  Sun-Farth  Spacecraft 
Geometry  During  Probe  Bus  Cruise 

At  this  time  the  vehicle  is  precessed  to  the  required  attitude  (i.  e.  , point 
B)  and  the  AV  is  executed.  Instead  of  returning  to  the  initial  position,  the 
vehicle  is  precessed  to  a new  location  (point  C),  where  it  can  remain  from 
day  5 until  time  for  the  second  midcourse  on  day  55,  After  the  second 
midcourse  (assumed  at  orientation  D),  the  communications  signal  strength 
decreases  until  the  medium -gain  (0.  6 meter)  antenna  is  required.  At  this 
point,  the  spacecraft  becomes  an  earth  pointer  and  remains  earth  pointing 
until  probe  deployment. 

On  about  day  75,  syzygy  begins  (where  the  sun,  earth,  and  space- 
craft are  most  closely  aligned).  At  this  time,  another  option  occurs: 
either  the  spacecraft  can  remain  as  it  is  such  that  the  sun  passes  through 
the  stm  sensor  deadzone,  or  the  spacecraft  can  be  precessed  around  the 
sun,  always  keeping  the  sun  aspect  angle  greater  than  0.  17  radian  (10  de- 
grees) and  the  earth  within  the  range  of  the  0.  6-meter  medium-gain 
antenna. 


Disturbance  torques  produced  by  unbalanced  solar  pressure  are  the 
main  cause  of  attitude  drift  during  probe  bus  cruise.  The  curves  pre- 
sented in  Figure  8.  5-30  provide  current  estimates  of  attitude  drift  rate  as 
functions  of  time  for  the  Thor /Delta  and  Atlas/Centaur  spacecraft  configu- 
rations. Drift  rates  are  generally  low  because  thermal  reasons  require 
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orientations  with  sun  aspect  angles  in  the  0.  26  to  0.  61  radian  (15  to 
35  degree)  range  during  cruise  and  the  effective  offset  between  centers  of 
pressure  and  mass  decreases  with  aspect  angle.  For  instance,  if  the 
attitude  of  the  spacecraft  is  not  corrected  during  the  50 -day  period 
between  first  and  second  midcourse  maneuvers,  the  total  precession  due 
to  solar  presstire  would  be  less  than  0.  03  5 radian  (2  degrees). 

Attitude  determination  accuracy  is  a function  of  solar  and  earth 
aspect  angles  and  the  sun-vehicle-earth  angle.  The  sun  sensor  provides 
sun  aspect  measurements  with  an  accuracy  given  approximately  by  the 
following  expression 


A«(rad,  3a)  = 0,  00349/ sin 

where  nr^  is  the  sim  aspect  angle.  Doppler  modulation  provides  earth 
aspect  angle  information  with  accuracies  as  shown  in  Figure  8.  5-7.  Based 
on  these  assumptions  and  the  geometry  shown  in  Figure  8.  5-29,  attitude 
determination  accuracies  for  the  most  significant  cruise  events  are  as 
follows: 


Initial  attitude  after 

Initial  attitude  be  for 
for  first  midcourse 


launch 

±0, 

e maneuvers 
correction 

±0, 

014  rad  (±0.  80  deg) 
014  rad  (±0.  80  deg) 
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First  midcourse  attitude 


I^A/C  III  T/DIII 


Crui<>e  attitude  (after  first 
midcourse) 

Cruise  attitude  (35  days 
after  launch ) 

Cruise  attitude  before  second 
midcourse) 

Second  midcourse  attitude 

Earth-pointing  attitude 

Midcourse  Maneuvers 

The  attitude  errors,  velocity  dispersions,  and  spin  rate  variations 
that  may  occur  during  midcourse  maneuvers  are  summarized  in  Tables 
8.  5-6  and  8.  5-7  for  the  Thor/Delta  and  Atlas/Centaur  probe  bus  configu- 
rations. Attitude  determination  errors  are  not  included  because  the 
orientations  required  for  these  corrections  are  not  known  at  the  present 
time. 

During  midcourse  correction  AV  maneuvers  utilizing  the  axial 
thrusters,  the  most  significant  disturbance  producing  attitude  errors  is 
due  to  the  difference  in  thrust  level  of  the  thrusters.  A ±4  percent  thrust 
level  uncertainty  was  assumed  for  this  case.  The  alignment  of  the 
thrusters  is  the  most  significant  cause  of  spin  rate  changes  during  these 
maneuvers.  A thrust  vector  alignment  accuracy  of  approximately  0.  5 
deg  (~9  milliradian)  was  assumed  for  this  analysis.  Experience  of 
Pioneer  10  has  shown  a much  larger  error,  on  the  order  of  1 degree 
(~1  7 milliradian)  although  flight  data  from  Intelsat  III  has  shown  errors  of 
less  than  1/8  degree  (~2  milliradian).  For  either  case,  the  spin  rate 
variations  are  su^'ficiently  large  during  the  large  AV  maneuvers  that  an 
in-orbit  calibration  should  be  performed  prior  to  a AV  maneuver,  and 
the  maneuver  then  be  controlled  in  such  a manner  as  to  prevent  unaccept- 
able spin  rale  changes.  Ft>r  the  probe  mission,  utilization  of  a pair  of  the 
spin  thriisters  for  a AV  maneuver  is  impractii  al  before  large  probe 
release  due  to  the  large  axial  center  of  mass  offset  before  large  probe 
release.  The  summary  table  assumes  that  the  spin  thrusters  lie  nomi- 
nally in  the  center  of  mass  plane  after  large  probe  release. 
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±0.  008  to  ±0.  021  rad 
(±0.  44  to  ±1.  2 deg) 

±0.  012  rad  (^0.  67  deg) 

±0.  017  rad  (:ll.  0 deg) 

±0.  024  rad  (±1.  4 deg) 

±0.  008  to  0.  021  rad 
(±0.  44  to  ±1.  2 deg) 

±0.  008  rad  (±0.  44  deg) 
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Table  8.I&-6.  Thor/ Delta  Probe  Mission  Spacecraft  Dynamic  Disturbances 


IVINI 

AV 
(M  S) 

IHRUSI 

lACM  IHKUSIIR 
N (16) 

SPIN  RATE 

change 

.RAO  S (RPM) 

ANGIE 
Of  ATTACk 
ERROR 
RAO  (DEG) 

momentum 
VIC  lew 
SHIfT 

RAD  (DEG) 

• VEIOCITS 
DISPIRSIQN 
ANGLE 
: KAO  (DEG) ! 

vmXiTY 

OECiRAOAIlON 

(M/S) 

nutation 
ANGLE 
HAD  (DEC.) 

5EPANATION  ftOOSICR 

0.2 

0 (0) 

0.038  (2.2) 

0.031  (l.B) 

FIRST  MIOLOUKSl' 

73 

5 2 (I  .17) 

«).05  (HO) 

0.077  (4.4) 

0.014  (0  8) 

0.070(0.4) 

0.063(4.7) 

SICOND  MlOtOURSf' 

7 

31  10.7) 

tO.OI  (rO.I) 

0.045  (2,6) 

O.OW  (0.5) 

0.004  (0.25) 

0.004 

0.038  (?,2) 

third  MiDCOURSt* 

2 

3.1  l0.7) 

t0.03  (tO  3) 

0.045  (2.6) 

0.009  (0.5) 

0.004  (0.25) 

0.001 

0.008  (2.21 

THIRD  MlOCOURSE^ 

2 

J.l  (0.7) 

*0.15  (»l.4) 

2.443  1140) 

2.443  (.40) 

large 

0.003  (0,2) 

FIRST  RETARGITINg' 

1.02 

3.1  (0.7) 

*0.01(*0.l) 

0.023  (1.3) 

0.010(0.6) 

0.005(0,3) 

... 

0.012  (0.7) 

FIRST  RETARGEIINO^ 

1.02 

3.1  (0.7) 

*0.04  (tO.4) 

0.009(0.3) 

0.009(0.3) 

0.004  (0.23) 

0.00007  (0.004) 

SKONO  retargeting' 

7.32 

•3.M0.7) 

if. a?  (i0.7) 

0.209  (12) 

0.070  (4) 

0.033  (2) 

0.041 

1 0.140(8) 

THIRD  RUARGETING' 

6.34 

3.1  (0.7) 

*0.06  (to.6) 

0.140(6) 

0.087  (3) 

0.041  (2.3) 

0.066 

0.070  (4) 

THIRD  RETARGETING* 

6.34 

3.1  (0.7) 

*0.23  (*2  2) 

0.075(4.3) 

0.073  (4.3) 

0.038(2.2) 

... 

NEGLIGIBLE 

FOURTH  retargeting' 

26.33 

-3.1  (0.7) 

*0.29  (*2.e) 

0,038  (2.3) 

0.017(1) 

0.009  (0.3) 

0.008 

0.021  (T.2) 

0.524  RAO/S  (5  RPM)  SPIN  RATE  ASSUMED  FOR  AU  CASES. 

’UTILIZINO  PAIR  OF  AXIAL  THRUSTERS  WITH  9 MIUIRADIAN  MISALIGNMENT. 
^UTILIZING  PAIR  Of  SPIN  THRUSTERS. 


Table  8.5-7.  Atlas/Centaur  Probe  Mission  Spacecraft  Dynamic  Disturbances 


EVENT 

AV 

(H>S) 

thrust 

each  thruster 

IN  (11)1 

SPIN  RATE 
CHANGE 
t RAC/S  (RPM)) 

ANGLE 
OF  ATTACK 
ERROR 

1 RAO  (DEG)] 

momentum 

VICTOR 

SHIFT 

(RAO  (DEG)1 

VELOCITY 

DISPERSION 

ancle 

(RAO  PEG)] 

VELOCITY 

DEGRADATION 

(6V'5) 

NUTATION 
ANGLE 
[RAO  (DEG) ' 

FIRST  midcourse' 

13 

5.2  (1.17) 

40. 16  (61 .5) 

0.030  0.7) 

0.007  (0.4) 

0.003  (0.2) 

0.0026 

0.024  (1.4) 

SECOND  MIDCOURSe' 

7 

S.2  0.E7) 

60.08  (*0.8) 

0.030  0.7) 

0.007  (0.4) 

0.003  (0.2) 

0.0014 

0.024  (1.4) 

THIRD  MIXOURSE' 

2 

5.2  :M7) 

60.02  (40.2) 

0.030  0 .7) 

0.007(0.4) 

0.003  (0.2) 

0.0004 

0.24  (1.4) 

THIRD  MIDCOURSE* 

2 

5.2  0.17) 

*0.12  (61.1) 

1.920  011)1 

1.920  O’D) 

LARGE 

LARGE 

1 

FIRST  retargeting' 

1.02 

3.2  0.17) 

*0.01  (40.1) 

0.017(1) 

0.007  (0,4) 

0.003  (0.2) 

NEGLIGIBLE 

0.009  (O.S) 

FIRST  RETARGETING* 

1.02 

5.2  0.17) 

60.04  («.4) 

60.014 

0.0)4  (0,8) 

NEGLIGIBLE 

NEGLIGIBLE 

0.003(0.2) 

SECOND  RTTAROETINg' 

7.32 

5.2  0.17) 

60.06  (A. 6^ 

0.1S7  (9) 

0.OS2  (3) 

0.(B6  (1.5) 

0.04 

! 

0. 103  (6) 

THIRD  retargeting' 

6.34 

5.2  0.17) 

60.06  (tO.6) 

0.171  (P.i) 

0.082  (4.7) 

0.042  0.4) 

0.06 

0.108(6.2} 

third  retargeting* 

6.34 

5.2  0.17) 

60.28  (*2.7) 

O.OPI  (5.6) 
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0.049  0.B) 
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0.002(0.1) 
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3.2  (1.17) 

60.24  (*2.3) 

0.03S  0) 

0.0T7  (1) 

0.009  (0.5) 

0.01 

0.017(1) 

0.S24  RAO  S (3  RPM)  SPIN  RATI  ASSUMED  FOR  AU  CASES. 

'utilizing  pair  op  axial  thrusters. 

^UTILIZING  PAIR  Of  SPIN  THRUSTERS. 


8.5-55 


A/C  III  ||^t/diii 

The  following  is  a summary  of  parameter  definitions  and  nomen- 
clature used  In  Tables  8.  5-6  and  8.  5-7. 

• Angle  of  attack  {aj)— the  angle  between  the  spin  axis  just  prior 
to  thruster  firing  and  the  spin  axis  during  thruster  firing 

• Nutation  angle  {6) — the  angle  between  the  spacecraft  spin  axis 
and  the  angular  momentum  vector 

• Attitude  angle  (a)— the  angle  between  the  spin  axis  prior  to 
thruster  firing  and  the  angular  momentum  vector 

• Velocity  degradation  (AVj) — the  loss  in  magnitude  of  the 
velocity  increment  due  to  the  coning  motion  of  the  spacecraft 

• Velocity  increment  dispersion  angle  (oy) — angle  between 
the  intended  direction  of  the  velocity  increment  and  the  actual 
velocity  increment. 

Probe  Deployment  and  Retargeting  Maneuvers 

Figure  8.  5-31  includes  results  of  an  analysis  of  attitude  determina- 
tion accuracies  obtainable  during  probe  deployment  and  retargeting  based 
on  measurements  of  sun  and  earth  aspect  angles.  Fstlmation  accuracies 
are  given  in  terms  of  error  ellipse  parameters  defined  in  the  figure. 

Earth  aspect  angle  measurements  are  made  by  the  doppler  techniques 
described  in  a preceding  section,  where  determination  errors  are  given 
as  f\mctions  of  aspect  angle.  Solar  aspect  measurement  errors  are 
assumed  given  by  an  inverse  sine  function  of  aspect  angle  with  a minimum 
value  of  0.  0035  radian  (0.  2 degree)  (3<r)  for  orientations  perpendicular  to 
the  spacecraft- sun  line. 

In  all  cases  the  peak  errors  are  less  than  the  assumed  requirement 
of  0.  017  radian  (1  degree)  (3(r). 

Retargeting  maneuver  execution  errors  are  given  in  Tables  8.  5-6 
and  8.  5-7  for  the  Thoi/ Delta  and  Atlas /Centaur  configurations.  The  first 
retargeting  maneuver  will  be  made  by  a pair  of  transverse  thrusters. 
Relatively  large  attitude  errors  [(0.  209  radian)(up  to  12  degrees)]  are 
induced  during  the  second  retargeting  maneuver  due  to  the  radial  center 
of  mass  offset  occurring  after  release  of  the  first  small  probe.  These 
errors  can  be  reduced  by  either  increasing  the  spin  rate  or  by  operating 
with  the  transverse  thxusters  in  the  pulsed  mode.  The  third  retargeting 
maneuver  is  based  on  transverse  thruster  firings  because  the  required 
attitude  is  more  favorable  for  attitude  determination.  The  fourth  retarget- 
ing is  made  by  the  axial  thrusters  because  of  the  large  velocity  change 
required. 
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Figure  8,  ^••32  shows  the  locations  of  the  spin  axis  during  the  entire 
probe  deployment  and  retarget  sequence.  Using  the  probe  bus  as  an  earth 
pointer  during  this  period  permits  maximum  communications  utjUgiation 
prior  to  maneuvers.  It  is  an  excellent  starting  point  for  maneuvers  since 
the  precession  magnitudes  required  are  reasonably  small.  Two  options 
for  mission  operations  are  apparent:  first,  maneuvers  can  be  minimized 
by  orientation  to  a position  (say  the  large  probe  release),  executing,  and 
staying  there  \mtil  the  next  maneuver  two  days  later.  The  next  maneuver 
is  the  first  retarget,  which  is  only  an  0.  14  radian  (8  degree  ,)  precession. 
The  spacecraft  can  now  remain  in  this  position  until  time  to  maneuver 
for  the  first  small  probe  release,  again  a short  maneuver.  This  process 
can  be  continued  for  the  entire  sequence  since  the  baseline  design  permits 
the  resultant  sun  angles  for  indefinite  periods.  Power  and  thermal 
designs  are  ideal  for  this  process.  However,  if  high-bit-rate  communi- 
cation using  only  the  26-meter  DSN  is  desired,  the  second  option  can  be 
used,  that  is,  spacecraft  can  be  precessed  back  to  earth  pointing  at  any 
time  (aft  of  spacecraft  to  earth).  With  this  modified  earth-pointing 
approach,  all  probe  release  maneuvers  are  shortened  considerably  from 
the  Venus  orbit  plane  normal  position. 

Tables  8.  5-8  and  8.  5-9  show  differences  between  the  actual  and 
desired  velocity  changes  during  AV  maneuvers.  Velocity  errors  associ- 
ated with  the  probe  retargeting  (RT)  maneuvers  ai*e  resultants  of  rxial 
and  radial  vector  components. 

Axial  velocity  errors  are  caused  by  uncertainties  in  the  thruster 
impulse,  which  have  been  assessed  as  ranging  from  3 to  6 percent  of  the 
desired  level.  Radial  velocity  errors  result  from  a combination  of  atti- 
tude errors  incurred  prior  to  thrusting  and  velocity  dispersions  caused 
by  effects  of  misalignments  while  thrusting.  Attitude  determination 
errors  are  caused  by  solar  and  earth  aspect  measurement  errors  and 
the  associated  geometry.  Velocity  dispersion  errors  were  estimated 
assuming  a 9-milliradian  thrust  vector  misalignment  for  the  probe  bus 
configurations.  Four  percent  thruster  imbalance  was  assumed  in  both 
cases. 
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Presented  in  Tables  8.  5-10  and  8.  5-1  i are  current  estimates  of 
performance  characteristics  of  the  reaction  control  system  (RCS).  These 
include  the  abilities  to  precess  the  spin  axis,  spin-up  and  spin-down,  and 
change  the  spacecraft  velocity  vector.  Precessions  and  axial  velocity 
changes  are  performed  by  a set  of  four  thrusters  located  at  the  top  and 
bottom  of  the  spacecraft.  Spin  control  and  radial  velocity  changes  are 
made  by  a set  of  four  thrusters  located  on  a plane  perpendicular  to  the 
spin  axis  and  located  near  the  spacecraft's  center  of  mass.  RCS  perform- 
ance varies  as  a function  of  propellant  remaining  {blowdown  effects)  and 
mass  properties.  Calculations  are  shown  for  the  spinning,  precessing, 
and  velocity  trimming  of  the  Thor /Delta  and  Atlas /Centaur  probe  and 
orbiter  missions.  The  peak  nutation  factor  is  a function  of  mass  proper- 
ties and  thruster  firing  policy.  This  factor  determines  the  maximum 
nutation  amplitude  based  on  the  precession  step  size. 


Pulse  sizes  available  to  the  RCS  are  of  2.  0;  1.  0;  0.  125;  0.  0625- 
and  0.  03125-second  duration.  The  125  millisecond  pulse  duration  is  used 
as  a general  reference  in  the  table  and  other  values  are  included  where 
appropriate  due  to  preferred  mode  of  operation. 


Small  Probe  Release  Dynamics  O T/0  III 


The  trajectories  of  the  small  probes  relative  to  the  bus  are  described 
by  the  equations  for  an  involute,  i,  e.  , 


AR  = R^  (cos  <t>  + <|)  sin  <j>) 
AT  = -R^  (sin  <j>  - <(>  cos  (|)) 


I 


I 


where 

AR  = radial  displacement  between  probe  and  bus 

AT  tangential  displacement  between  probe  and  bus 

R = distance  between  probe  center  of  mass  and  bus^plus- 
remaining-probe  center  of  mass  at  time  of  separation 

4)  = angle  of  rotation  after  time  of  separation* 


8.5-5H 


tVfNT 


5YM#Ol. 


||^  A/C  III 
1^  T/D  III 


If 


RTI 

SPI 

RT2 

5P2 

RT3 

SP3 

23 

21 

19 

17 

15 

13 

2.429  (139.2) 

2.3M  (136.6) 

2.340  (134.1) 

2.296  (131.6) 

2.255  1129.2) 

2.216  (127.0) 

1.740  (99.7) 

1.302  (74.6) 

2.612  (149.7) 

0,696  i39.9) 

1 . 735  (99  4) 

1.1 11  (67.7) 

0.698  (40.0) 
O.OQS  (0.31) 

A 

0.435  (24.9) 
0.008  (0.*8) 

A 

1.016  (5B  2) 
0.004  (0.24) 
8 

0.462  (27  6) 
0.0075  (Q.43J  , 
A 

0.750  143.  l)| 
I 0.0051  m.Z9, 

A 

0.626  (33  9) 
(3.006  (0.34J 
A 

0.QO9UQ.S2) 
0.0037  (0.21) 
0.2618(15.0) 

O.OIQB  (0.62) 
0.0079  (0.45) 
0.6666  (38.2) 

0.0112  (0.64) 
0.0030(0.17) 
1.3192  (75. 6) 

(}.0I73  (0.99J 
0.0061  (0.35) 
1.1447  i65.6) 

0.0136  (0.78> 
0 005!  (0.29) 
0.1902  (10.9) 

0.0120(0.69) 
0.0058  (0.33) 
0.5200  (29.8) 

DAYS  BEfORf  ENCOUNTER 
-SPACCCRAfI-  ANGIE  IN  VOP  RAD  (PEG) 


iPiN  AXI'.»  ANGU  CEU^IIAE 
SPHERE  RAE>  (DEG> 


2S 

2.4?e  (H2.0) 
t.9ie  (109.9) 


2.1^ 

2.an 


.aspect  RAO  (DEG) 
tfi8Q8 '.RAD  (DtGj  "£  ” 
DETERMINATION  MOPE* 


A 


0.667  (3fl.2) 
0.QQ6  C0.32) 
A 


M4d 

0.0i| 


PR08A6IUTY  EUlPSE  ON  CELESTIAL  SPHERE 
RAO  (DEO) 

SEM |. MAJOR  AAtS 
SEMI-MINOK  AXIS 
angle  MiVYEfN  AND  “a- 


0.0IQ5  (0.60) 
0.0054  (0.31) 
0.1413(28.1) 


o.oi] 

0.1 


A . DOPPLER  MODULATION 
B - DOPPLER  SHIFT 


Figure  8. 5*31.  Probe  Deployment  and  Retargeting  Attitude  Determination  Accuracies 


T/D  III 


Table  8.5-10. 


T/0  III 


Rai 

Thi 


Figure  8. 5-32,  Stereograph Ic  Projection  Showing  Locations 

of  the  Spin  Axis,  Sun,  and  Earth  During  Probe 
Release  and  Probe  Bus  Retargeting  Maneuvers 
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Table  8.5-9.  Velocity  Errors  During  Atlas/ 
Centaur  Probe  Bus  Maneuvers 
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Reaction  Control  System  Performance  of 
Atlas /Centaur  Configuration 
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0.0251  (0.24) 

0.0063  (0.36) 

0.0016  (0.090 

■ 

50  PERCENT 

0.0016(0.017) 

0.0147(0.14) 

0.0035  (0.20) 

0.0009  (0.050) 

1.48 

■ 

20  PERCENT 

0.0016(0.015) 

0.0126(0.12) 

0.0031  (0.18) 

0.0008(0.045). 

1.48 

AFTER: 

1.79 

1 

LP 

0.0018  TO  0.0034 
(0.017  TO  0.032) 

0.0147  TO  0.0293 
(0.14  TO  0.28) 

0.0033  TO  0.0066 
(0.19  TO  0.38) 

0.008  TO  0.0017 
0.04B  TO  0.096) 

SPl 

0.0080  TO  0.0040 
(Q.019  TO  0.038} 

0.0157  TOO. 0314 
(0.15  TO  0.30) 

0.0040  TO  0.0080 
(0.23  7 0 0.46) 

O.OOlO  TO  0.0020 
0.058  TO  0.1 16) 

1.56 

:t30 

SP2 

0.0077  TO  0.0054 
(0.026  TO  0.052) 

0.0209  TO  0.0419) 
(0.20  TO  0.40) 

0.0054  TO  0.0108 
(0.31  TO  0.62) 

0.0014  TO  0.0027 
(0.078  TO  0.156) 

1.38 

^8 

SP3 

0.0036  TO  0.0071 
(0.034  TO  0.068) 

0.0283  TO  0.0565 
(0.27  TO  0.54) 

0.0072  TO  0.0143 
(0.41  TO  0.82) 

0.0018  TO  0.0036 
(0.102  TO  0.204) 

1.34 

END  OF  MISSION 

0.0025  TO  0.0050 
(0.024  TO  0.048) 

0.0199  TO  0.0398 
(0.19  TO  0.38) 

0.0051  TO  O.OIOI 
(0.29  TO  0.58) 

0.0013  TO  0.0025 
(0.072  TO  0. 144) 

1.51 

ORBITER 

CRUISE: 

1.06 

100  PERCENT 

0.0057(0.054) 

0.04S0  (0.43) 

0.0113  (0.65) 

0.0028  (0.162) 

50  PERCENT 

O.OOQl  (0.030) 

0.0251  (0.24) 

0.0063  .^.36) 

0.X16  (0.090) 

1.06 

20  PERCENT 

0.0026  (0.025) 

0.0209  (0.20) 

0.0052  (0.30) 

0.0013  (0.075) 

1.06 

■i  13 

ENCOUNTER* 

0.0029  TO  0.0059 
(0.028  TO0.<»6) 

0.0230  ^0  0.0461 
(0.22  Tu  0.44) 

0.0059  TO  0.0119 
(0.34  TO  0.68) 

0.XI5  TO  0.0030 
(0.085  TO  0.170) 

1.01 

IN  ORBIT* 

0,0029  TO  0.0059 
(0.028  TO  0.056) 

0.0230  TO  0.0461 
(0.22  TO  0.44) 

0.0059  TO  0.0119 
(0.34  TO  0.68) 

0.0015  TO  0.0030 
(0.085  TO  0.170) 

1.03 

IN  ORBIT** 

0.0024  TOC. 048 
(0.023  TO  0.046) 

0,0188  to  0.0377 
(0.18  TO  0.36) 

: e.W4?  TO  0,0098 
(0.28  TO  0.56) 

0.0012  100,0024 
0.070  TO  0.140) 

1.09 

144 

J 

END  OF  MISSION 

0.0022  TO  0.0044 
(P.02I  TO  0.042) 

0.0178  TO  0.0356 
(0.17  TO  0.34) 

0.0044  TO  0.0087 
(0.25  TO  0.50) 

0.0011  TO  0.0022 
(0.062  TO  0.124) 

1.07 

AV  (^VS) 
\n  MS  PULSE 


CONTINUOUS 
(PER  SECOND) 


0.0016 

0.0009 

0.008 

O.OOU  TO  0.0022 
0.0014  TO  0.0028 
0.0019  TO  0.0038 
0.0024  TO  0.0048 
0.0022  TO  0.0044 


0.014 

0.007 

0.006 

0.009  TOO  018 
0.012  TO  0.024 
0.014  TO  0.028 
0,019  TO  0.038 
0.01B  TO  0.036 


TRANSVERSE 
THRUSTER  AV 
' (M/S)/REV 
2-SECOND  PULSES 
TWO  FIRINGS/REV 


0.0029  0.024 

0.0016  0-0>4 

0.0014  0.011 

0.0013  TO  0.0026  O.OlO  TO  0.020 

0.0018  TO  0.0036  O.OU  TO  D.02B 

0.0018  TO  0,0036  O.OU  TO  0.028 

O.OOTS  TO  0.0030  0,Ot2TOO.OZ« 


0.0S6 

0.028 

0.024 

0.036  TO  0.072 
0.048  TO  0.096 
0.56  TO  0.112 
0.076  TO  0. 152 
0.072  TO  0. 144 


0.096 

O.GSu 

0.044 

0.040  TO  0.060 
0.056  TO  0.112 
0.056  TO  0.112 
9; 048  to  0.096 


MAGNETOMETER  RETRACTED. 
‘'magnetometer  DEPLOYED. 
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The  relative  trajectories  shown  in  Figure  8.  5-33  show  only  one 
probe  interferes  with  the  deployed  magnetometer  boom,  thereby  requiring 

retraction  of  the  boom  for  release 
of  this  probe.  The  relative  trajec- 
tories of  the  first  and  third  probes 
released  begin  in  a direction  along 
a radial  line  passing  through  the 
spacecraft  centerline;  however,  the 
relative  trajectory  of  the  second 
probe  released  begins  in  a direction 
approximately  0.  157  rad  (9  deg)  off 
a radial  line  due  to  the  center-of- 
mass  offset  of  the  bus  and  last 
remaining  probe  at  that  time. 

Figure  8. 9-33.  Smell  Probe  Trajectories  Relative  to 
Probe  Bus  Coordinate  System 

The  small  probes  are  released  sequentially  from  the  bus  with  no 
impulse  imparted  to  the  probe  by  the  release  mechanism.  As  a result, 

each  probe  travels  in  an  iner- 
tial direction  perpendicular 
to  a radial  line  connecting 
the  spacecraft  and  the  probe 
centers  of  mass  at  the 
instant  of  release  as  shown 
in  Figure  8.  5-34.  No  change 
of  either  probe  or  bus  spin 
rate  occurs  as  a result  of 
probe  release.  The  velocity 
changes  imparted  to  the  probe 
and  bus  are  = wr^; 

cor^;  where  u)  is  the 
spin  rate.  Nominal  values 
for  the  velocity  increments 
expected  in  the  Thor/Delta 
configuration  are  given  in 
Table  8.  5-lZ. 


Figure  8.9-34.  Smill  PntM  Rtluu  domtiy 

Table  8.  5-lZ.  Velocity  Increments 
Produced  by  Small  Probe  Releases 


EVENT 

(M) 

(M) 

^^PROBE 

IMyS) 

AV 

BUS 

(H'S) 

EiRSr  SMAU  PROBE  RELEASE 

0.B3 

0.13 

0.43 

-0.069 

SECOND  small  probe  RELEASE* 

0./7 

0.I4S 

0.40 

-0.076 

THIRD  SMALL  PROBE  RELEASE 

0.68 

0.1$ 

0.35 

-0.078 

THE  AV'S  IMPARTED  DURING  THE  SECOND  PROBE  RElEASt  WILL  8E  IN  A DIRECTION 
APfROXIMAIEiV  0,  iV  RADIAN  <9  DfcOHEESl  Off  PERP€NDl€UtAR  TO  THE  RADlAt 
UNE  CONNECTED  TO  THE  CENTER  OE  THE  PROBE  AND  THE  CENTER  Of  THE  SPACE- 
CRAPT  DUE  TO  THE  CENTER  OP  MASS  LOCATION  PRIOR  tO  SECOND  PROBE  RELEASE. 
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During  arnall  probe  release,  dlsturbd.ncefl  can  induce  tranaverae 
rates  that  will  cause  procession  of  the  momentum  vector  and  nutation  of 

the  spin  axis.  One  source  of  distur- 
bance torques  is  the  preload  energy 
in  the  release  mechanism.  This  ener- 
gy can  produce  a force  misaligned  with 
the  probe  center  of  mass  as  shown  in 
Figure  8.  5-35. 

The  curves  in  Figure  8.  5*36  indi- 
cate the  magnitude  of  the  errors  as  a 
function  of  the  various  parameters.  Since  the  center  of  mass  of  the  small 
probe  lies  approximately  2 centimeters  above  the  plane  of  the  release 

mechanism,  it  can  be  determined 


figure  8.5-15.  forges  Inducing  Treversc  Rates  During 
Soiaii  PnDe  Release 


from  the  curves  that  only  small 
preload  forces  can  be  allowed. 

For  example,  using  a relatively 
stiff  release  mechanism  atruc- 
tvire,  i.  e. , k = 1.  05  x 10^  N/m, 
a preload  force  of  approximately 
50  newtons  (11  pounds)  will  induce 
0.  017  rad  (1  deg)  of  attitude  shift 
and  nutation.  Softer  structures 
will  induce  higher  errors  for  the 
same  preload.  Therefore,  a 
design  was  conceived  to  release 
the  probe  in  two  stages.  The 
first  stage  releases  the  preload,  which  is  necessary  to  hold  the  probe 
firmly  during  boost.  After  this  preload  is  released,  the  probe  is  restrained 
in  the  release  mechanism,  with  only  loads  due  to  centrifugal  force  acting  on 
the  structure.  This  load  is  approximately  6.  5 N (1.  5 lb).  Therefore,  the 
probe  and  release  mechanism  structure  is  required  to  produce  a stiffness 
of  only  440  N/cm  (250  Ib/in. ) to  limit  the  attitude  shift  and  nutation  to  less 
than  0.  017  rad  (I  deg).  This  can  be  achieved  easily. 

Another  source  of  attitude  disturbance  is  the  shift  of  the  spacecraft 
principal  axis  after  each  probe  is  releaced,  due  to  the  errors  in  aligning 


Figure  8.5-36.  Small  Prote  Tipoll  Errors  (or  a Preloaded  Release  System 
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the  probe  center  of  masfl  and  the  spacecraft  center  of  mais  in  the  same 
plane  perpendicular  to  the  spin  axis.  The  small  probe  attitude  shift  and 
nutation  will  be  equal  to  the  spacecraft  principal  axis  tilt  due  to  this  effect. 

The  largo  probe  is  separated  from  the  bus  by  imlocking  three  ball- 
lock  bolts,  thereby  allowing  the  three  separation  springs  to  impart  an 
axial  relative  velocity  of  about  0.  3 m/s  (1  ft/s)  to  both  probe  and  bus. 

The  resulting  inertial  velocity  changes  are  0.  196  m/s  (0.  65  ft/s)  for  the 
probe  and  -0.  124  m/s  (0.  41  ft/s)  for  the  bus.  Uncertainties  in  these 
values  can  be  limited  to  less  than  ±5  percent  by  calibrating  the  separation 
springs. 

The  separation  event  will  also  produce  disturbances  that  will  pre- 
cess  the  probe  momentum  vector  and  induce  nutation.  A summary  of  the 
error  analysis  including  contributions  from  various  sources  is  given  in 
Table  8.  5-13. 


Table  8.5-13.  Large  Probe  Separation  Tipoff  Errors 
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ANOlT 
KAIL 
(SAL'  Si 

vK 

Shim  AN!** 

IMS  )1  Afl.  ^N  AMG-lL 
RAP  .DEG‘ 

NtT  LA^^^’AL  ^PKINP.  f 
1 NtvMON  to.,!;  POONtv 

0.005 

(Vt'tW  It* 

liVk'INO  Dlfft'-TNIiAt 

f’ULtNf 

O.OOo 

0 01 0> 

HflGMT  OF  f ACH  'SPRING 
■0  ClNiriMl  TCk  i-O.P',?  INCH’ 

0,005 

OaXW  Lf.LO 

5PKING>  ^ADlAL  ..tXAHON 
:0.^^Ll;NllMlU^  i U.06  INlH) 

0 jOl 

0. 002  \0.  t ? 

bAlL-LLlCk  KUtASt  DimKtNllAL 

5 milliseconds 

O.003 

0.005  i0.3> 

K'jb  igjtal 

o.oi 

o.oi;  it. 01 
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Detailed  attitude  determination  and  control  performance  analyses 
have  been  done  for  both  the  Thor/Delta  and  Atlas/Centaur  configurations. 
The  subjects  considered  include  disturbance  torque  analyses  during  cruise 
and  orbit,  dynamic  analyses  of  all  maneuvers,  reaction  control  subsystem 
performance  evaluation,  attitude  determination  accuracy  analyses,  and  an 
analysis  of  the  commxmications  antenna  and  science  instrument  pointing 
requirements. 


Following  the  approach  used  in  the  preceding  section,  results  are 
presented  in  chronological  order.  Where  applicable,  data  for  the  Thor/ 
Delta  and  the  Atlas/Centaur  configurations  are  given  separately, 
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Separation  from  Booster  d?  A/C  III  T/D  ill 

A third  stage  burnout,  the  Thor /Delta-launched  orbiter  spacecraft 
+ 2 83  +27 

will  be  spinning  at  9,42  * rad/s  (90  ..  rpm).  Ass\jming  a combined 

* 1 * *■*  f " 1 2 

spin  moment  of  inertia  of  96.  5 kg-m^  (71  slug-ft  ),  an  inertia  parameter 
X = 0.  45,  and  other  parameters  as  in  the  probe  bus  case»  the  peak  nuta* 
tion  angle  will  be  on  the  oi*der  of  0.  087  radian  (5  degrees)  at  the  maximum 
spin  speed  of  7.  95  rad/s  {76  rpm). 

After  separation,  a nutation  angle  of  0.  035  radian  (2  degrees)  is 
predicted  when  the  following  assumptions  are  made: 

• Nutation  angle  before  separation  = 0.  087  radian  (5  degrees) 

2 

• Average  transverse  MOI  after  separation  = 65.  5 kg  • m 
(46  slug-ft^) 

2 

• Average  transverse  MOI  before  separation  = 177  kg  • m 
(130  slug-ft2) 

2 2 

• Spin  MOI  after  spacecraft  separation  =s  91.  1 kg  • m ^64  slug-ft  ) 

9 2 

• Spin  MOI  before  separation  = 101.  1 kg*  (71  slug«l-  ) 
e Other  parameters  same  as  for  probe  bus. 

The  momentum  shift  will  be  approximately  0.  087  radian  (5  degrees) 
and  the  nutation  damper  time  constant  for  the  Thor/Delta  orbite.*  after 
separation  is  on  the  order  of  15  minutes  at  0.  52  rad/s  (5  rpm). 

The  Atlas /Centaur-launched  spacecraft  will  be  initially  oriented  and 
spun  up  to  0.  52  rad/s  (5  rpm)  by  the  Centaur.  Since  no  data  on  Centaur 
operation  at  0.  52  rad/s  (5  rpm)  are  available  at  the  present  time,  the 
corresponding  analysis  of  separation  dynamics  could  not  be  completed., 

(31  w 

Despin  Maneuver  T/D  III 

The  initial  spin  rate  of  the  Thor /Delta  spacecraft  after  separation 
+2  83  +27 

is  9.  42  rad/s  (90  i‘pm).  By  command,  the  control  system  will 

be  operated  to  reduce  the  spin  speed  down  to  0.  61  rad/ s (5.  8 rpm).  The 
nomi*--'!  rate  of  0.  5 rad/s  (4.  8 rpm)  will  be  attained  after  the  magnetome- 
ter boom  is  deployed  (Version  III  science  payload). 

2 

Assuming  an  average  deceleration  rate  of  0.  09  rad/s  (0.  86  rpm/s), 
the  required  firing  time  will  be  in  the  range  from  82  to  129  seconds. 
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Based  on  calculations  made  for  the  probe  bus,  it  follows  that  mag- 
netometer boom  deployment  loads  due  to  nutation  and  Coriolis  effects 
will  be  small  for  the  orbiter  also. 

Cruise  Phase  Attitude  Determination  and  Control  Q A/C  III  T/D  III 

Figure  8.  5-37  is  a stcreographic  projection  showing  locations  of  the 
sun  and  earth  and  spin  axis  orientations  during  orbiter  cruise.  Initially, 
the  spacecraft  will  point  south  in  the  orientation  designated  A in  the  figure. 
During  the  first  5 days,  this  attitude  will  allow  comm\inications  with  the 
Omni  and  the  high-gain  antennas.  After  the  first  midcourse  correction, 
planned  on  day  5,  the  spacecraft  will  be  processed  to  the  B orientation, 
near  which  it  will  remain  for  the  next  50  days  until  the  second  midcourse 
correction  is  executed.  After  the  second  midcourse  maneuver,  the  cruise 
attitude  will  be  C.  After  200  days,  the  cruise  orientation  will  be  D.  From 
there,  the  vehicle  will  be  precessed  to  point  E for  Venus  orbit  insertion. 

A syzygy  condition  occurs  on  day  168,  when  the  sun,  the  earth,  and  the 
spacecraft  are  almost  aligned* 


VENUS 


figure  8. 5-3/.  Stereoqraphic  Projeclion  Showing  Sun-tarth- 
Spacecraft  Geometry  During  OfWier  Cruise 
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Attitude  drift  during  cruise  is  produced  by  solar  pressure  torques. 
Disturbance  torqvie  analysis  results  for  the  Thor/ Delta  and  Atlas/Centaur 
configurations  are  given  in  Figure  8.  5-38.  Drift  rates  are  larger  in  the 
Ihor/Delta  configuration  because  the  solar  array  height  and,  consequently, 
the  offset  between  centers  of  pressure  and  mass  are  greater  than  in  the 
Atlas /Centaur  configurations.  Precession  caused  by  solar  pressure  is 
always  about  the  line  joining  the  spacecraft  and  the  sun.  Consequently, 
at  any  given  point  in  time,  the  solar  pressure  drift  will  change  the  earth 
aspect  angle  at  a rate  dependent  on  the  earth-vehicle -sun  angle.  As  the 
inertial  location  of  the  sun  (in  a vehicle-centered  coordinate  system) 
changes  with  time,  any  accumulated  precession  due  to  solar  pressure  will 
also  include  a small  component,  which  will  appear  as  a sun  aspect  drift. 


A/C  III 


A/C  111 
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f iqiire  8.  Solar  Pressure  Drift  Rate  Versus  Time  Orbifer  Cruise  Phase 

Figure  8,  5-37  shows  that  precession  caused  by  the  solar  pressure 
during  the  50-day  period  following  the  first  midcourse  correction  wdll  be 
almost  along  the  desired  locus  from  B to  C.  During  this  period,  the  Thor/ 
Delta  configuration  would  precess  about  0.  35  radian  (<J0  degrees),  while 
the  Atlas/Centaur  spacecraft  would  drift  only  0.  15  radian  (8.  5 degrees). 

The  frequency  with  which  attitude  corrections  have  to  be  made 
depends  on  the  pointing  error  allowance  during  cruise.  Assuming  a maxi- 
mum pointing  error  of  0.  0524  radian  (3  degrees)  and  corrections  to  bias 
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A/C  HI  solar  pressure  effects,  intervals  between  maneuvers  for  the  Thor/Delta 
^ orbiter  would  vary  from  7 to  15  days.  For  the  Atlas/Centaur  configura- 
tion! the  corresponding  intervals  would  be  in  the  range  from  1 7 to  35  days. 
Consequently,  for  the  Atlas /Centaur  configuration,  only  one  attitude 
correction  may  be  necessary  during  the  interval  between  first  and  second 
midcourse  corrections. 

The  sun  aspect  sensor  and  the  fanscan  system  provide  attitude 
determination  information.  Sim  aspect  measurements  are  made  with 
accuracies  estimated  by  the  same  model  assumed  for  the  probe  bus  space- 
craft. During  cruise,  fanscan  will  provide  data  from  which  earth  aspect 
angle  can  be  deteriiilAied  with  an  accuracy  better  than  0*  0044  radian 
(0.  25  degree),  3(r.  The  overall  attitude  determination  accuracy  is  also  a 
function  of  the  sun- vehicle -earth  angle*  Figure  8*  5-39  is  a plot  of  attitude 
determination  accuracy  during  orbiter  cruise.  Except  during  syzygy  con- 
ditions, attitude  determination  errors  will  be  well  below  the  0.  0175-radian 
(I -degree)  limit*  All  critical  functions  can  be  performed  at  times  when 
attitude  information  quality  is  such  that  no  degradation  of  mission  objec- 
tives will  occur* 
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figure  8. 5*39.  Attitude  Determination  Accuracy  During  Orbiter  Cruise 

The  attitude  determination  accnracy  dtirinij  syzygy  can  be  improved 
by  prediction  of  the  drift  due  to  solar  pressure  effects  as  shown  in  Fig- 
ure 8,  5-39,  where  a 2-percent  estimation  accuracy  (easily  attainable 
after  150  days  of  tracking)  is  shown  bntuiding  the  error  to  less  than  the 
required  0,  0175  radian  (1  degree)  limit. 
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Earth  aspoot  angle  information  during  midcour«e  maneuvers  is  j 

obtained  by  clopplcr  measurements.  Consequently,  the  corresponding  | 

attitvide  determination  accuracies  will  be  in  the  ±0.  0077  to  ±0.  0209  radian 
(±0^  44  to  ±1^  2 degree)  as  in  the  probe  bus  configurations,  d 

i 

Midcourse  Maneuvers  \ 


t ables  8.  S-14  and  8.  5-15  contain  summaries  of  attitude  errors,  ! 

velocity  dispersions,  and  spin  rate  variations  that  may  occur  during  mid- 
course  maneuvers  with  the  Thor/ Delta  and  the  Atlas /Centaur  orbiter 
configurations.  Attitude  determination  errors  are  not  included  because 
the  orientations  at  which  these  maneuvers  should  be  executed  are  not 
defined  at  present.  Assumptions  made  in  the  error  analyses  are  sliown 


Table  8.5-14.  Thor/Delta  Orbiter  Dynamic  Disturbances 


faiw 
T/0  III 


EVENT 

AV 

S) 

THRUST 

EACH  THRUSTER 
. N (LB)  1 

SPIN  RATE 
CHANGE 
1 RAO/S  (RPM)! 

ANGtt 
Of  AHACK 
ERROR 

!RAD(DEG)I 

MOMENTIMR 

VECTOR 

SHIFT 

IRA0(DEC); 

VflOCTTY 

DISPERSION 

ANGLE 

IRAD(0IC)] 

VELOCITY 

DEGRADATION 

(MS) 

NUTATION 
ANGLE 
.RAO  (OEG): 

SEPARATION  FROM  BOOSTER 

0.25* 

0 (C*) 

O.0B7  (5) 

0.035  (2) 

FIRST  MID^OURSE 

•5.2  (l.i;) 

*1.31  (112.5) 

O.OB4C4.e) 

0.023  (1.3) 

0.0)2  (0.7) 

o.n 

0.06)  (3.S) 

SECOND  MIOCOURSE 

7 

'3.1  ^o.n 

*O.I3(il.2) 

O.OBI  (3.9) 

0.014(0.8) 

O.OO;  (0.4) 

0.004 

0.037  (2.1) 

THIRD  MIDCOURSE 

7 

'3.1  ('^0.7) 

*0.03  (*0.35) 

0.011  (2.9) 

0.014  (0.8) 

0.007  (0.4) 

0.00) 

0.037  (2.1) 

DE  BOOST 

2B  500  (6400) 

0 (0) 

O.IS4<8.B) 

0.042  (2.4) 

0.021  (1.2) 

(0.5%) 

0.112  (6.4) 

PERIAPSIS  TRIM  AV  (TOTAL) 

43.5 

3.1  (0.7) 

*0.52  (IS) 

0.037  P.t) 

0.010(0.6) 

0.005  (0.3) 

0.013 

0.026  (1  5) 

‘assumes  I M s RIIATIVE  VElOCiTY  AT  SEPARATION. 


OTHER  ASSUMPTIONS:  9-MILLIRADIAN  THRUSTER  MISALIGNMENT 

»4  PERCENT  THRUST  LEVEL  UNCERTAINTY  FOR  EACH  THIUSTB 

O.S  RAO/  S 1$  RPM)  SPIN  RATE  DURING  MIKOURSE  AND  iUIAPSiS  TRIM  MANEUVERS 

6.n  RAD  S (60  RPM)  SPIN  RATE  DURING  DEBOOST  (VENUS ORBIT  INSERTION. 


Table  8.5-15.  Atlas/Centaur  Orbiter  Dynamic  Disturbances 
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EVENT 

Av 

(MS) 

THRUST 

EACH  THRUSTER 
; N (LB): 

SPIN  RATI 
CHANGE 
1 RAD/S  (RPM)) 

ANGLE 
OF  ATTACK 
ERROR 

IRAO  (DlG)i 

MOMENTUM 

VECTOR 

SHIFT 

1 RAO  (DEO)  i 

VELOCITY 
DISPERSION 
ANGLE 
IRAO  (DEG)) 

VELOCITY 
Of  GRADATION 
(M,S) 

NUTATION 
ANGLE 
RAO  (DEG) 

FIRST  MIDCOURSE 

14.5 

5.2  (1.17) 

iO.293  (i2.B) 

0.022  (4.1) 

0.024  0.4) 

0.012  (0.7) 

0.0)5 

0.047  (2.7 

SECOMDiAltKOURSE 

7 

5.2  (1.17) 

*0.147  (« 1.4) 

0.022(4.1) 

0.024  ()  .4) 

0.012  (0.7) 

0.007 

0.047  (2.7) 

THIRD  MlDCOUR'i 

2 

5.2  (1.17) 

*0.042  (*0.4) 

0.022(4.1) 

U.024  ()  .4} 

0,012  (0.7) 

0.002 

0.04;  (2.7) 

LIEBOl'tST 

21  000  (4800) 
MAXIMUM 

0 (0) 

0.065(3.7) 

0.Q2I  0 .2) 

0.010(0.6) 

(0.1%) 

0 045  (2.5) 

PERIAPSIS  TRIM  AV  (TOTAL) 

43.5 

5.2  (1.17) 

« 7B5(*7.5) 

0.072(4.1) 

0.024  0 .4) 

0.0)2  (0.7) 

0.(M 

0 W7  i2.7) 

ASSUMPMONS  9>MIUIRADIAN  THRUSTER  MlSA|IC<NMENT 

<4  rm  iM  THRUST  KVEI  UNCERTAINTY  FOR  CAOI  tllRUSIER 

(T  V RAD  S 0 RPM)  SPIN  RAH  FOR  MIDCOLIRSE  AND  RRIAPSiS  IRMA  RAANlUVERS 

6 PAD/ S (60  KPm)  spin  RATE  FOR  OEIOOSE  MANEUVER  (VENUS  ORBIT  (NSER110NI. 
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with  the  tables,  and  considerations  of  the  magnitude  of  the  various  error 
sources  and  definitions  of  parameters  are  similar  to  those  for  the  probe 
bus  spacecraft. 

Venus  Orbit  Insertion  Maneuver 

The  Venus  orbit  insertion  maneuver  will  be  executed  on  day  200, 

The  orientation  required  for  this  maneuver  is  shown  as  point  E in  Fig- 
ure 8.  S-37,  where  the  sun  aspect  angle  will  be  about  1.  19  radian 
<68  degrees)  and  the  earth  aspect  angle  will  be  1,  045  radiein  (60  degrees), 
approximately.  The  spacecraft  precession  required  (from  D to  E)  is  on 
the  order  of  1.  08  radians  (62  degrees). 

Since  the  earth  will  be  on  the  forward  side  of  the  spacecraft,  where 
the  Omni  antenna  is  on  center,  no  doppler  information  will  be  available 
for  attitude  determination  unless  a small  AV  maneuver  is  executed.  The 
approach  proposed  consists  in  executing  an  open-loop  precession  maneuver 
from  D to  E.  Assuming  an  impulse  bit  predictability  error  of  3 percent, 
the  execution  error  along  the  constant  rhumb  path  would  be  about  0.  03 
radian  (1,  9 degrees).  However,  the  accuracy  of  execution  can  be  improved 
significantly  by  information  provided  by  the  stin  aspect  sensor.  For 
instance,  the  sun  aspect  angle  at  the  end  of  the  constant -rhumb  maneuver 
is  known,  Mkd  the  angles  between  the  precession  path  and  the  constant  solar 
aspect  loci  are  predictable.  For  the  assumed  geometry,  the  sun  sensor 
error  is  about  0.  0038  radian  (0.  22  degree)  and  the  angle  between  the  rhumb 
line  and  the  constant  sun  aspect  locus  at  E is  on  the  order  of  0.  47  radian 
(27  degrees).  Consequently,  the  tmeertainty  along  the  rhumb  line  could  be 
theoretically  reduced  to  about  0.  0085  radian  (0.  49  degree).  If  other  effects 
such  as  dispersion  across  the  rhximb  line  direction  and  trim  maneuver 
errors  are  included,  the  overall  error  will  be  in  the  0.  01  to  0.  012  radian 
(0.  6 to  0.  7 degree)  range. 

Attitude  Determination  and  Control  in  Orbit 

Figure  8.  5-40  shows  sun  and  earth  locations  (in  ecliptic  coordinates) 
during  the  orbit  phase.  Point  E represents  the  spin  axis  orientation  after 
the  deboost  maneuver.  Point  F corresponds  to  the  attitude  that  would 
optimize  communications,  while  point  G is  the  preferred  orientation  for 
science  instrument  pointing  (perpendicular  to  the  Venus  orbit  plane). 
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Figure  8. 5-40.  Sterographic  Projection  Showing  Sun -Earth -Spacecraft 
Geometry  in  Orbit 


Inspection  of  the  graph  shows  that  there  are  periods  during  which  the 
spacecraft  can  be  normal  to  the  Venus  orbit  plane  without  affecting  com- 
mxmications  (i»  e.  , 140  days  after  VOI)*  Therefore,  the  selected  orienta- 
tion policy  consists  of  pointing  as  close  to  G as  allowed  by  communication 
constraints. 

Disturbance  torques  in  Venus  orbit  are  mainly  due  to  solar  pressure 
[O.  014  radian  (0.  80  deg)/day  drift  rate  for  the  Thor/Delta  orbiter].  Drift 
rates  caused  by  gravity  gradient  and  aerodynamic  torques  are  at  least  one 
order  of  magnitude  lower  than  the  effects  of  solar  pressure  [i.  e.  , the 
drift  rate  induced  by  gravity  gradient  is  of  the  order  of  0.  0008  radian 
(0.  045  deg)/day  and  aerodynamic  torques  cause  precessions  of  the  order 
of  0.  0002  radian  (0.  Oil  deg)/day  at  200  km  perlapsls  altitudes].  Attitude 
drifts  produced  by  environmental  disturbance  torques  are  shown  in 
Figure  8.  5-41. 
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Figure  i.  $*41.  Attitude  Drift  Produced  by  Environmental 
Disturbance  Torques  in  Orbit 

Drift  rates  caused  by  solar  pressure  can  be  reduced  (in  the  Thor/ 
Delta  orbiter  case)  by  either  raising  the  center  of  mass  (requires  redis- 
tributing equipment)  or  lowering  the  center  of  pressure  (by  attaching  a 
solar  sail  or  fin  to  the  lower  part  of  the  spacecraft). 

Antenna -pointing  requirements  depend  on  the  commtmication  link 
budget  allocations  for  effects  of  pointing  errors  that,  in  general,  are  a 
fvinction  of  range.  Assuming  a 1-dB  tolerance  during  the  early  part  of  the 
orbit  phase  and  a maximum  loss  of  0.  3 dB  at  end  of  mission,  the  corre- 
sponding earth  aspect  angle  components  of  the  pointing  error  are  0.  029 
radian  (1.  67  degrees)  and  0.  016  radian  (0.  9 degree).  These  maximum 
allowable  errors  are  based  on  the  assumption  of  a 1.  22 -meter  (48- inch) 
Franklin  array  with  a half -power  beamwidth  of  about  0.  1 radian 
(5.  8 degrees)* 

If  only  communications  requirements  are  considered,  the  allowable 
spin-axis -pointing  errors  may  be  larger  than  the  above  limits  because 
component  rotations  about  the  spacecraft-earth  line  have  no  effect  on 
antenna  gain.  Figure  8.  5-3A  shows,  as  functions  of  time,  the  maxim\un 
rotations  about  the  sun  line  that  can  be  tolerated  without  exceeding  the 
1 dB  and  0<  3 dB  attention  limits  assumed.  For  the  Thor/ Delta  configu- 
ration, the  minimum  interval  between  attitude  corrections  will  be  4 days 
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k A/C  III  it  processions  are  made  to  bias  the  pointin^i  in  a direction  opposite  to  the 
T/0  III  drift,  7'he  Atlas /Centaur  configuration  will  not  require  attitude 

corrections  more  often  than  once  every  9 or  10  days,  assuming  the  same 
control  policy. 


Figure  8.  5-3B  shows  how  much  the  spacecraft  may  be  allowed  to 
process  due  to  solar  pressure  effects  while  still  maintaining  the  ram 
experiments  within  specified  pointing  error  limits  at  periapsis.  One 
interesting  conclusion  derived  from  comparing  Figures  8.  5-3A  and 
8.  5-3B  is  that,  during  the  first  half  of  the  orbit  phase,  the  communica- 
tions and  ram  experiment  pointing  requirements  are  compatible.  After 
185  days  in  orbit,  both  requirements  could  be  made  compatible  if  the  ram 
experiment  pointing  error  tolerance  is  increased  from  0.  35  radian 
(2  degrees)  to  0,  525  radian  (3  degrees). 


Attitude  determination  accuracies  attainable  in  orbit  on  the  basis 
of  telemetered  sun  aspect  and  fans  can  information  are  shown  in  Figure 
8.  5-42.  The  maximum  limit  of  0.  0175  radian  (1  degree)  is  exceeded 
only  during  the  last  6 days  of  the  mission,  when  the  pointing  error  can  be 
allowed  to  be  as  high  as  0*  049  radian  (2.  8 degrees)  without,  violating  the 
assxuned  ram  experiment  and  communications  pointing  constraints. 
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RCS  performance  data  for  the  orbiter  configurations  are  given  in 
Tables  8.  5-10  and  8.  5-11,  wliich  include  the  abilities  to  process  the  spin 
axis,  spin-up  and  spin-down,  and  change  the  spacecraft  velocity  vector. 
Precessions  and  axial  velocity  changes  are  performed  by  a set  of  four 
thrusters  located  at  the  top  and  bottom  of  the  spacecraft.  Spin  control  and 
radial  velocity  changes  are  made  by  a set  of  four  thrusters  located  on  a 
plane  perpendicular  to  the  spin  axis  and  located  near  the  spacecraft's 
center  of  mass,  RCS  performance  varies  as  a function  of  propellant 
remaining  (blowdown  effects)  and  mass  properties.  The  peak  nutation 
factor  is  a ftmetion  of  mass  properties  and  thruster  firing  policy.  This 
factor  determines  the  maximum  nutation  amplitude  based  on  the  precession 
step  size. 

Periapsis  Maintenance  Maneuvers 

Orientations  for  periapsis  maintenance  maneuvers  are  shown  in 
Figure  8,  5-13.  Spin  axis  attitude  determination  accuracy  calcvilations 
for  periapsis  maintenance  are  based  on  the  same  assumptions  and  pro- 
cedures used  for  the  probe  mission.  Results  are  included  in  Table  8.5-16 
in  terma  of  total  attitude  determination  errors,  which  corresponds  to  the 
semi-major  axes  of  the  associated  error  ellipses.  Peak  attitude  errors 
range  from  0.007  radian  (0.04  degree)  to  0.0175  radian  (1  degree). 


Table  8.5-16.  Velocity  Errors  During  Thor/Delta  and 
Atlas /Centaur  Orbiter  Maneuvers 
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o.n 
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0.20 
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o.te 
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0.3?  loo.. ’4 
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0.37  TO  0.74 

0.26  TO  0.32 
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0 31  TOO  54 

0.41  TO  0.76 

0.33  TO  0.63 

0,44  )U  1.20 

0.32  TO  0.33 

Periapsis  maintenance  maneuver  execution  errors  given  In 
Table  8.5-lb  for  the  Thor/Delta  and  Atlas/Cenlaur  configurations. 
Axial  velocity  errors  are  caused  by  uncertainties  in  the  thruster 
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impulse,  which  have  been  assessed  as  ranging  from  3 to  6 percent  of  the 
desired  level.  Radial  velocity  errors  result  from  a combination  of  atti« 
tude  errors  incurred  prior  to  thrusting  and  velocity  dispersions  caused 
by  effects  of  misalignments  while  thrusting.  Attitude  determination 
errors  are  due  to  solar  and  earth  aspect  measurement  errors  and  the 
associated  geometry.  Velocity  dispersion  errors  were  estimated  assum- 
ing a 9-milliradian  thrust  vector  misalignment  for  the  orbiter  configura- 
tions, and  four  percent  thruster  Imbalance  was  assumed  in  both  cases. 

8.  5.  9 Attitude  Determination  and  Control  Performance,  Version  IV 
Science  Payload.  1978  Probe  Mission  Launch 


8.  5*  9e  1 1978  Probe  Mission  A/CIV 


This  section  contains  ADCS  performance  data  corresponding  to  the 
1978  probe  mission.  The  Version  IV  science  payload  preferred  space- 
craft  configuration  is  assumed  here. 

Separation  From  Booster 

The  spacecraft  will  be  initially  oriented  and  then  spun  up  to  0.  5 
rad/s  (4.  8 rpm)  by  the  Centaur  control  system  prior  to  separation.  An 
analysis  of  the  separation  dynamics  is  not  included  at  present  because 
the  pertinent  Centaur  data  are  not  available. 

Cruise  Phase  Attitude  Determination  and  Control 

The  geometry  during  probe  bus  cruise  is  shown  in  Figure  8.  5-43. 
During  the  first  5 days,  the  spacecraft  will  be  pointing  in  the  direction 
designated  as  A.  After  the  first  midcourse  maneuver,  the  spacecraft 
will  be  processed  to  position  B.  where  it  will  remain  during  the  following 
45  days.  These  orientations  have  been  selected  for  facilitating  thermal 
control  of  the  large  probe  during  cruise.  After  the  second  midcourse 
maneuver  the  spacecraft  will  be  processed  to  point  C,  at  which  the  earth 
pointing  phase  begins  (aft  end  points  at  earth). 

Syzygy  occurs  at  about  60  days  from  launch,  but  it  is  not  a problem 
any  more  because  the  sun  aspect  angle  (while  earth  pointing)  will  be 
about  0.  35  radian  (20  degrees),  and  doppler  modulation  of  the  offset  omni 
antenna  provides  attitude  information  with  accuracy  independent  fro.n  the 
earth-spacccraft-sun  angle. 
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f kiure  8. 5-43.  SterwBMphic  Projecdon  Showing  Angular  Geometry  During  ProDe 
Bus  Cruise  and  Probe  Deployment  and  Retargeting  Maneuvers 

Precession  rates  caused  by  solar  pressure  and  required  for  earth 
tracking  are  shown  in  Figure  8.  5-44  as  functions  of  time.  The  solar 
pressure  drifts  are  significantly  lower  than  earlier  configurations  due  to 
a lowering  and  size  reduction  of  the  solar  array. 


Figure  8. 544.  Precession  Rales  During  HJ8  Probe  Bus  Cruise 
8.5-74 
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Attitudo  dote' rni illation  accuracies  for  the  most  si{]nificant  cruise 
events  are  as  feilews: 

Initial  attitude  after  launch 
Initial  attitude  before  first  niidcourse 
rirst  inidcQurse 

Cruise  (after  first  midcourse) 

Si'cond  nvidcoursi* 

Cruise  (after  second  midcourse) 

Midcourse  Maneuvers 
Table  8.  5-17  contains  a summary  of  attitude  errors,  velocity 
dispersions,  and  spin  rate  variations  that  may  occur  during  midcourse 
corrections.  Parameter  definitions  and  assumptions  made  are  as 
described  for  Tables  8.  5-6  and  8.  5-7. 


±0.0115  radian  (±0.66  degree) 

±0.0117  radian  (±0.67  degree) 

±0.  004  radian  to  0.  02 1 radian 
(±0.  25  to  ±1.  2 degree) 

±0.011  radian  (±0,62  degrei  ) 

±0.  004  radian  to  ±0.  021  radian 
(±0.  25  to  ±1.  2 degrees) 

±0.004  radian  (±0.25  degree) 


Table  8.5-17.  Atlas/Centaur  Probe  Bus  Dynamic  Disturbances 
Due  to  Thruster  Firings 
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P r obe  Deployment  and  Retargetinu  Maneuvers 

The  geometry  during  probe  deployment  and  retargeting  maneuvers 
is  shown  in  Figure  8.  5-43.  All  maneuvers  will  start  from  and  return  to 
the  -arth- pointing  attitude. 
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Attitudi*  dote rmiaat ion  during  this  soquonc  t*  of  man«‘viv*‘ rs  is  lias«*d 
on  eun  at^nflor  afip^  data  and  dopplcr  modulation  iiuMsurt*nu*nls«  A 
summary  of  attitvu'  dcdcrniination  accuracies  at  tlu'  firolu*  release  and 
retargeting  orientations  is  presented  in  Table  8,  5-18. 


Table  8.5*18^  Probe  Deployment  and  Retargeting  Attitude 
Determination  Accuracies 
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Retargeting  maneuver  execution  errors  arc  given  in  Table  8.  5-17, 
and  velocity  crrorc'  due  to  combined  effects  of  attitude  determination  and 
execution  errors  are  shown  in  Table  8.5-19. 

Reaction  control  subsystem  performance  will  be  approximately  as 
given  in  Table  8.  5-11  since  changes  in  mass  properties  are  small. 

Probe  Release  Dynamics  I^A/Civ  «0'A/CIV  O A/C  IV 

Table  8*  5-20  is  an  updated  version  of  Table  8.  5-12  giving  velocity 
increments  produced  by  small  probe  releases. 

Large  p > be  tipoff  errors  produced  dxiring  separation  are  given  in 
Table  8.  5-21. 
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Table  8.5-19.  Velocity  Errors  During  Probe  and  Orbiter  Maneuvers 
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Table  8.5»20.  Small  Probe  Separation  Velocities, 
= 1.048  rad/s  (10  rpm)^ 


EVENT 

(M) 

'2 

(M) 

(M/?) 

''b 

(M/S) 

FIRST  SMALL  FR08E  RELEASE 

0.67 

0.18 

0.91 

•0.19 

SECOND  SMALL  PROBE  RELEASE 

0.81 

0,22 

C8S 

-0.23 

THIRD  SMALL  PROBE  RELEASE 

0.67 

0.25 

0.7 

•0,26 

tHESEAV‘$  AIE  IN  A OIKECTION  KEKNMCUIA*  TO  A KADIAl  IINE 
FEOM  THE  TEACECAAFT  aNTEKUNE  TO  THE  SEFAIlAriNO  FROIE  CENTER  OF 
MASS  EXCEPT  FOR  THE  SECOND  PROM  RELEASE,  WHICH  IS  APPROXIMATELY 
0.17  RADIAN  (10  OECREES)OFF  THIS  LINE  DUE  TO  THE  SPACECRAFT  CENTER- 
OF-MASS  LOCATION  AT  (HAT  TIME . 


8.  5.  9.  2 Orbiter  Mission 

Separation  From  Booster  (|^ IV 

The  spacecraft  will  be  initially  oriented  and  then  spun  up  to 
0,  5 rad/{?  (4.  8 rpm)  by  the  Centaur  control  system  prior  to  separation. 
An  analysis  of  the  separation  dynamics  is  not  included  at  present  be- 
cause tht  pertinent  data  are  not  available. 
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Tal)lo  Liar^»t»  Probe  Separation  Tipo£f  Krrora 


A/C  IV 
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Cruise  Phase  Attitude  Determination  and  Control  [jjj>A/CIV 

The  cruise  phase  geometry  is  as  shown  in  Figure  8.  5-37  eKcept 
that  the  spacecraft  will  be  initially  placed  in  the  earth-pointing  orienta- 
tion corresponding  to  the  fifth  day.  After  the  first  midcourse  maneuver 
the  spacecraft  will  be  returned  to  the  earth  pointing  orientation. 

During  the  first  110  days^  the  forward  end  of  the  spacecraft  will 
be  pointed  at  earth,  except  for  the  second  midcourse  maneuver  (planned 
on  day  55).  Attitude  determination  during  this  phase  will  be  provided  by 
the  conscan  system.  During  maneuvers,  attitude  determination  will  be 
on  the  basis  of  sun  aspect  sensor  and  doppler  modulation  data. 

After  130  days,  a spacecraft  flip  maneuver  is  required  to  point  the 
aft  end  at  earth,  which  is  necessary  to  maintain  the  solar  aspect  angle 
loss  than  1.57  radians  (90  degrees). 


There  arc  several  options  regarding  the  flip  maneuver.  The  j 

approach  favored  at  present  consists  in  programming  a 1.  57- radian  \ 

(90-dcgree)  open  loop  maneuver,  at  the  end  of  which  antennas  will  be  i 

switched  and,  if  required,  a small  AV  firing  will  be  made  for  doppler  j 

attitude  determination.  A second  1.57-radian  (90-degree)  maneuver  j 

will  be  programmed  afterwards  for  attaining  the  desired  earth-pointing  | 

ailitude.  Thv  optui-loop  maiunivers  can  be  executed  with  accuracies  in  j 

the  0.  047-  to  0.  063-radian  (^.  7-  to  3.  6-degree)  range,  on  tlie  basis  of  | j 

in-flight  real  lion  control  stibsyslem  calibration  data. 
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Atlilud,'  d,'foruvm.*lion  .luriu«  the  roiuaiiulor  ol'lh.'  . vuiao  phase 
NNill  he  i*n  Ih.'  l>asis  ol‘  svm  sensor  ami  iloppler  nuululation  data. 


F4-me  M.  shows  precession  rales  hue  lo  solar  pressure 

, .Heels  aiul  earlh  1 lacking-.  Finure  8.  '>-lh  shows  attilucle  .ielerminalum 
aeeuraeies  allainahle  hy  tloppl*'*"  measur«>n»ents.  The  curves  desxunaled 
A correspond  lo  si>iu  nu.dvilaliou  effects,  while  the  curves  labeled  U are 
based  on  a I m/s  velocity  maneuver.  Cairvcs  designated  A were  ob- 
tained by  assxuninp  an  antenna  phase  center  uncertainly  of  17.7  mnx 
(0.  inch)  on  a plaiu>  normal  lo  the  spin  axis. 


Fiquri'  H.  S-4V  Prwexston  Ralss  Due  to  solor  I’li'SMin'  .ii'il  t .« II'  1 1 Ji^ni'l 


Mideottrse  Maneuvers 

lable  8.'’--^  contains  summaries  of  altitude  errors,  velocity 
dispersions,  and  spin  rale  variations  th.it  may  occur  during  midcourse 
maneuvers.  1’he  assumptions  made  are  as  described  for  Tables  8.  f’-U 

and  8.  8 - 1 8. 
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Figure 8. 5^6.  Doppler  Attitude  Determination  Accuracies 


Table  8*5-^2«  Atlas/Centaur  Orbiter  Dynamic  Disturbances 
Due  to  Thruster  Firings 
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Venus  Q/bit  Insertion  Man^.uver 

The  orientatioii  required  for  this  maneuver  is  shown  in  Figure 
8.  5-47.  At  this  attitude,  th«  sun  aspect  angle  is  1.  172  radians  (67  de- 
grees) and  the  earth  is  on  the  forward  end  of  the  spacecraft  at  an  angle 
of  about  1.  047  radians  (60  degrees).  The  spacecraft  precession  re- 
quired is  on  the  order  of  2.  37  radians  (136  degrees). 


Figure 8. 5-47.  Venus Oftolt  Insertion  and  Ortit  Phase  Geometry 


Because  the  earth  is  on  the  side  of  the  spacecraft  where  the  omni 
antenna  is  on  center,  no  doppler  information  will  be  available  for  attitude 
determination  unless  a small  velocity  maneuver  is  executed.  Sun  sensor 
data  cannot  be  used  to  improve  the  open-loop  maneuver  accuracy  as  in 
the  fanbeam  fanscan  configurations  because,  near  the  end,  the  sun  aspect 
is  almost  constant.  The  approach  proposed  consists  in  first  precessing 
to  a point  such  as  A (in  Figure  8.  5-47)  where  the  earth  aspect  angle 
(about  1.4  radians  (80  degrees)!  is  favorable  for  doppler  attitude  deter- 
mination by  means  of  a small  AV  maneuver.  The  orientation  at  A can  be 
estimated  with  an  accuracy  on  the  order  of  0.  013  radian  (0.  74  degree). 
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From  this  point,  a precession  maneuver  of  about  0.  995  radian  (57 
degrees)  is  executed  to  reach  the  VOI  attitude#  Assuming  an  execution 
uncertainty  of  ±0.  030  radian  (±1#7  degree),  the  total  error  will  be 
approximately  0.  016  radian  (1.  9 degrees). 

Attitude  Determination  and  Control  in  Orbit 

The  angular  geometry  during  the  orbit  phase  is  shown  in  Figure 
8.  5-47.  During  the  first  37  days  in  orbit  the  aft  end  of  the  spacecraft 
will  be  pointed  at  earth.  After  a flip  maneuver,  the  forward  end  of  the 
spacecraft  will  be  maintained  earth  pointing  through  the  rest  of  the 
mission. 

As  shown  in  Figure  8.  5-48,  the  main  source  of  attitude  drift  in 
orbit  is  earth  motion#  Solar  pressure  effects  produce  precession  rates 
which  are  approximately  one  order  of  magnitude  lower* 


0 40  M 120  140  200  240  DAYS  FROM  VENUS 

OtllT  INSERTION 

Figure  8. 5-48.  Attitude  Drill  Rates  in  Orbit  Due  to  Solar  Pressure  and  Earth  Motion 


During  the  first  37  days  in  orbit,  antenna -pointing  errors  up  to 
0.205  radian  (12  degrees)  can  be  allowed  except  during  occultation 
experiments.  Therefore,  the  frequency  of  attitude  corrections  during 
this  period  will  depend  on  the  occultation  experiment  schedule. 

The  comniunications  link  budget  allows  a maximum  pointing  error 
of  0.017  radian  (1  degree)  during  earth  occultation  experiments.  This 
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requirement  can  easily  be  met  since  the  attitude  determination  accuracies 
attainable  with  sun  sensor  and  doppler  data  will  range  from  0.  0066  to 
0*  0070  radian  (0,  44  to  0.  46  degree). 


After  the  flip  maneuver,  antenna-pointing  requirements  will  vary 
from  ±0.  070  to  40.  017  radian  (±4  to  ±1  degrees),  depending  on  communi- 
cations range.  Consequently,  intervals  between  attitude  corrections  will 
be  in  the  range  from  8 down  to  1.  7 days. 


Reaction  control  subsystem  performance  in  the  preferred  Atlas/ 
Centaur,  Version  IV,  science  payload  orbiter  configuration  will  be 
approximately  as  given  in  Table  8.  5-11. 


Periapsis  Maintenance  Maneuvers 

Periapsis  maintenance  maneuvers  will  be  made  in  the  earth 
pointing  orientations  shown  in  Figure  8.  5-47.  Combinations  of  axial  and 
radial  firings  will  produce  the  required  velocity  increments  as  described 
in  Figure  8.  5-13. 

Execution  errors  are  mostly  due  to  dynamic  effects  and  uncertain- 
ties in  the  orientation  and  magnitude  of  the  transverse  thrust  pulses. 
Table  8.  5-22  presents  a sumrnary  of  attitude  errors,  velocity  disper- 
sions, and  spin  rate  variations  that  may  occur  during  periapsis  mainte- 
nance maneuvers. 


8.  5.  10  ADCS/Science  Interface 

8.  5.  10.  1 Radar  Altimeter  and  Ram  Experiment 
Gimballing  Requirements 

In  the  spacecraft  configurations  with  the  spin  axis  oriented  approxi- 
mately normal  to  the  Venus  orbit  plane,  the  science  instrument  pointing 
geometry  at  periapsis  is  fixed  as  long  as  orbit  parameters  are  main- 
tained close  to  the  nominal  design  values.  Therefore,  if  measurements 
are  made  at  periapsis  only,  Uie  corresponding  instruments  can  be 
mounted  directly  on  the  spacecrait  at  the  required  angles  from  the  spin 
axis. 


If  tracking  capability  and/or  insensitivity  to  orbit  parameter 
changes  are  required,  then  the  affected  instruments  may  have  to  be  gim- 
balied  for  changing  the  angles  between  their  lines  of  sight  and  the  spin 
axis. 
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Fipuro  S.  shows  tlu>  )^iinha1  aii{>li'S  ri'qiiirod  lo  point  tho  radar 

altinxetcr  antenna  and  the  rain-viewing  experiments  during  tiie  time 
period  within  B minutes  from  periapsis  crossing.  This  period  corres- 
ponds to  the  orbit  sector  where  the  spacecraft  altitudes  are  lower  tluui 
1000  km.  The  spacecraft  spin  axis  is  assumed  perpendicular  to  tlie 
Venus  orbit  plane*  The  radar  altimeter  antenna  is  assiuned  gimballed 
about  an  a:ds  perpendicular  to  the  spin  axis  and  the  gimbal  angles  are 
chosen  so  that  the  borcsight  axis  points  at  nadir  once  per  revolution. 

The  ram-viewing  experiments  are  also  assumed  gimballed  about  an  axis 
perpendicular  to  the  spin  axis.  Gimbal  angles  are  chosen  so  that  the 
lines  of  sight  point  in  the  direction  of  the  spacecraft  velocity  vector  once 
per  iir  radians  (once  per  revolution). 


FIgurt  t S-49.  Ridar  Alttmitar  and  Ram  Ei^trtmant  Angtas  for  Tracking,  Spin  Axis 

Normal  To  Vanus  Orbit  riana  (Solid  Unas  Ripresant  Raqul  rtmantsi 

Use  of  a single  gimbal  drive  for  both  the  radar  altimeter  and  the 
ran\  experiment  package  is  not  feasible  because,  while  the  nadir  pointing 
vector  scans  ±0.  7 radian  (±40  degrees)  over  the  16-n\inute  period,  tht' 
ram  vector  sweeps  throvigh  an  angle  of  ±0.  384  radian  degrees)  only. 

If  linear  approximations  to  the  reqviired  gimbal  angle  functions  ari‘ 
used,  the  peak-pointing  errors  incurred  (without  Including  spacecraft 
attitude  errors)  will  be  of  the  order  of  0*  006  radian  5 degrees)  for 
the  radar  altimeter  and  0.  0026  radian  (!•  ? degrees)  for  the  ram  experi- 
ment package. 
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An  intorosting  conclusion  that  may  be*  dcx'ived  from  Figure  8.  5-19 
is  that  a single  programmer  (or  drive  control  logic)  can  be  used  for  gim- 
balling  both  experiments  simultaneously. 

The  earth-pointing  configurations  require  gimballing  of  both  the 
radar  altimeter  and  the  ram-looking  experin\enta,  irrespective  of  track- 
ing requirements,  because  the  pointing  geometry  varies  with  time  in 
orbit. 

Figure  8.5-50  shows  the  radar  altimeter  gimbal  angle  profiles 
required  for  nadir  tracking  with  earth-pointing  spacecraft  configurations. 
Parameters  shown  on  the  graph  are  times  in  days  from  Venus  orbit  in- 
sertion. The  required  pointing  functions  can  be  approximately  by  linear 
programs  with  errors  within  the  0.  053-radian  (3-degree)  to  0.  175-radian 
(10  degree)  range  (neglecting  spin- axis -pointing  errors).  The  program- 
ming logic  required  should  have  the  capability  to  select  initial  values  and 
slopes  by  gro\ind  command. 

IMDI  (OECI 


Figure  8.S-S0.  Radar  Altimeter  CImbal  Angles  tor  Tracking.  tarth-Pointing  Conliguralions 

Gimbal  angles  required  to  point  the  ram-viewing  experiments 
(between  1000-km  points)  with  the  earth- pointing  spacecraft  are  shown 
in  Figure  8.5-51.  These  functions  can  also  be  approximated  by  linear 
programs,  and  the  resulting  errors  (neglecting  spacecraft  altitude 
errors)  would  be  in  the  range  from  0.  0175  radian  (1  degree)  to  0,  087 
radian  (5  degrees). 


8.5-85 


ALL  VERSION  III  ORBITERS  ALL  EARTH-POINTING  ORBITBIS 


\ 


1 


Figure  8. 3-$l.  Ram  Experiment  Gimtal  Angles  for  Tracking,  Earth -Pointing  Configurations 
8.5.10.2  Gimbal  Actuator  Design  Example 

Figure  8.5-52  shows  a simple  mechanization  suggested  for  gimbal- 
ling  the  radar  altimeter  that  employs  a size  8 stepper  motor,  a spur 
gearhead,  and  a harmonic  drive  final  reduction.  The  motor  basic  step 
angle  is  1.  57  radians  (90  degrees),  which  is  reduced  by  15:1  in  the  gear- 
head  and  an  additional  120:1  through  the  harmonic  drive.  Thus,  the  out- 
put motion  per  input  pulse  is  0.  0009  radian  (0.  05  degree). 
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figure  & 3 32.  Gimbil  Actuator  Design  Example  for  Altimeter 
and  Rnr  Platform 
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To  determine  output  shaft  position,  a permanent-magnel-operated 
reed  switch  is  used  for  the  null  position  indication,  and  pulses  to  the 
motor  are  counted  and  stored  in  a register.  At  switch  closure,  the 
register  is  set  to  zero  and  the  count  in  the  register  at  any  given  time  is 
proportional  to  the  drive  output  travel.  This  type  of  position  indication 
has  advantages  oVer  other  types,  such  as  resolvers  or  potentiometers, 
because  no  complex  electronics  are  required  or  wear  elements  are 
involved. 

The  drive  would  employ  lubrication  techniques  that  were  success- 
fully flown  by  TRW  on  the  DSCS-II  antenna  drives  of  a similar  design. 
NPT-4  oil  would  be  used  on  all  wear  surfaces  and  oil/vacuum  impreg- 
nated nylasint  reservoirs  would  be  strategically  placed  to  assure  replen- 
ishment of  the  oil  lost  by  evaporation  or  creep.  The  pinions  would  be 
440C  stainless  steel  with  porous  phenolic  ball  separators. 

8.  5.  10.  3 Refracted  Ray  Tracking  During 

Occultation  Experiments  ALL  ORBITERS 

As  the  Pioneer  Venus  spacecraft  becomes  occulted  from  the  earth, 
RF  signals  will  be  refracted  by  the  Venus  atmosphere.  High-gain  antenna 
orientations  required  to  track  the  refracted  signals  are  plotted  in  Figure 
8.  5-53,  which  is  a stereographic  polar  diagram  with  time  from  VOI  as  a 
parameter.  Inspection  of  the  graph  shows  that  various  spin  axis  preces- 
maneuvers  are  required,  in  most  cases,  if  both  entry  and  exit 
occultations  are  to  be  tracked. 

One  possible  maneuvering  approach  is  shown  in  the  graph  and  con- 
sists of  precessing  only  in  the  plane  of  the  earth  and  the  initial  spin  axis 
orientation.  The  required  precession  rates,  of  the  order  of  0.  0017  rad/s 
(0.  1 deg/s),  can  be  attained  by  either  using  pulse  durations  greater  than 
125  milliseconds  or  by  operating  with  multiple  firings  per  spin  revolution. 
Other  strategies  eliminating  the  need  for  spacecraft  precessions  during 
tracking  have  been  considered  and  discarded  because  of  the  large  pre- 
cession amplitudes  and  rates  required  for  repositioning  after  completing 
occultation  entry. 

The  graph  presented  on  the  right-hand  side  of  the  chart  shows  the 
spacecraft  precessions  required  30  days  after  VOI.  Superimposed  on 
the  graph  are  examples  of  precession  command  profiles  providing 
piccewise-linear  approximations  to  the  required  time  functions. 
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Figure  1 $*5}.  Earth  Occultainn  Ei^riniant  Tracking  RaquiremenU 


8.5.10.4  Dual  Frequency  Occnltation  ADCS  Interface  [|^A/CIV 

The  preferred  way  of  accommodating  this  Version  IV  science  pay- 
load  experiment  is  to  limit  the  ex,  “"iment  to  the  first  37  days  in  orbit, 
when  the  tail  of  the  spacecraft  is  earth  pointing.  The  same  medium-gain 
(Pioneers  10  and  11  derived)  horn  that  is  used  on  the  probe  bus  provides 
S-band  commxmications.  and  a slightly  narrower  pattern  X-band  horn  is 
added  (derived  from  DSCS-II). 


Prior  to  occultation,  the  spacecraft  is  prepointed  away  from  earth 
to  the  communication  angle  limit  [about  0.205  radian  (12  degrees)].  As 
the  rays  refract  during  occultation,  they  ride  up  the  pattern.  Actually, 
the  occultation  experiment  Can  continue  (with  postfacto  data  processing) 
beyond  the  point  of  downlink  loss  and  it  is  expected  tliat  S-band  to  0.  31 
radian  (18  degrees)  and  X-band  to  0.205  radian  (12  degrees)  can  be 
achieved. 


This  implementation  limits  the  experiment  to  the  entering  (or 
exiting,  but  not  both)  occultations,  but  requires  no  maneuvers  commanded 
in  real  time.  It  impacts  the  ADCS  system  only  in  an  operational  sense. 
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8.6  PROPULSION 

The  propulsion  subsystom  consists  of  a common  dosipn,  rnonopro- 
pcllant  hydrazine  reaction  control  system  { RCS)  for  both  tin?  probe  bus 
and  orbitor,  and  a solid  fuel  orbit  insertion  motor  (OIM)  for  the  orbiter. 
Figure  H,6-i  svtnimarizes  the  propulsion  subsystem  for  the  preferreu 
Atlas/Centnur  Version  IV  science  payload. 

The  preferred  subsystem^^  minimize  developnu  nt  risk  and  cost  and 
offer  high  reliability.  The  RCS  consists  of  flight-proved  components, 
principally  from  Pioneers  10  and  11.  Blowdown  pressurization  and  cen- 
trifugal forces  resulting  from  spacecraft  spin  provide  positive  propellant 
expulsion  with  simple,  inexpensive  tanks.  Eight  Pioneer-type  catalytic 
thrusters  provide  redundancy  for  all  spacecraft  RCS  maneuvers.  The 
flight-proven  Aerojet  SVM-2  solid  rocket  motor,  selected  for  the  orbiter, 
provides  the  required  propellant  load  capability. 

Requirements,  tradeoff  studies,  and  preferred  subsystem  descrip- 
tions for  the  Atlas /Centaur  and  Thor/Delta  are  discussed  below.  Addi- 
tional details  of  the  OIM  are  presented  in  Appendices  8.6A,  8.6B,  and 
8.6C. 

^ ^ ^ Rgstciion  Control  System 

The  preferred  blowdown  pressurization  monopropellant  hydrazine 
RCS  provides  the  thrust  required  by  the  attitude  control  subsystem  to 
adjust  spacecraft  spin  rate,  precess  the  spin  axis  to  control  spacecraft 
attitude,  and  perform  AV  maneuvers.  Because  the  RCS  consists  mainly 
of  flight-proven  hardware  from  Pioneers  10  and  11,  it  provides  minimum 
cost,  minimum  development  risk,  and  high  reliability. 

®*6*1*1  RCS  Requirements 

The  RCS  requires  1)  energy  to  change  spacecraft  spin  speed,  atti- 
tude, and  velocity;  2)  use  of  existing  hardware  to  achieve  a cost-effective 
system;  and  3)  a system  design  that  interfaces  with  the  attitude  control 
subsystem. 

The  energy  requirements  for  the  probe  and  orbiter  rnissions  are  of 
approximately  the  same  magnitude.  However,  the  energy  requirements 
for  the  Atlas/Centaur  probe  and  orbiter  missions  are  somewhat  lower 
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than  those  of  the  similar  Thor /Delta  missions.  This  results  from  the 
high  degree  of  injection  accuracy  afforded  by  the  Atlas /Centaur  which  is 
reflected  in  reduced  miscoursc  AV  and  spin  control  requirements  as 
shown  in  Table  8.6-1.  Because  Atlas/Centaur  weights  are  considerably 
higher  than  those  for  the  Thor /Delta  mission,  there  is  not  a wide  differ- 
ence in  RCS  propellant  needs. 

Maximum  use  of  existing  (off-the-shelf)  hardware  achieves  a cost- 
effective  subsystem  that  meets  the  spacecraft  and  trajectory  energy 
requirements.  The  major  development  and  test  costs  and  risks  associated 
with  a new  RCS  are  eliminated,  minimizing  hardware  design  costs. 

Because  of  the  weights  involved,  selection  of  effective  off-the-shelf 
hardware  for  Thor/Delta  is  more  difficult  than  for  the  less  weight- 
constrained  Atlas /Centaur. 

The  RCS  system  design  requirements  reflect  the  interface  with  the 
attitude  control  system,  predicted  on  mission  requirements  involving 
velocity  changes,  precession  maneuvers,  and  spin- rate  changes. 

The  velocity  increment  changes  are  best  achieved  by  axial  thrusters, 
which  can  be  fired  continuously,  and  are  not  subjected  to  the  specific 
impulse  impulse  degradation  associated  with  pulsed  radial  or  transverse 
thrusters. 

To  minimize  unbalanced  torques  during  thruster  operations,  the 
axial  thrusters  must  be  parallel  to  the  spacecraft  spin  axis.  Thrust  level 
and  thruster  location  are  defined  by  the  goal  that  the  spacecraft  precession 
should  not  exceed  approximately  0.017  radian  (1  degree)  during  a 125- 
millisecond  pulse. 

Both  the  transverse  (spin)  thrusters  and  the  propellant  tanks  centers 
of  mass  are  located  in  the  plane  of  the  spacecraft  center  of  gravity  to 
minimize  precession  in  the  pulsed  lateral  translation  mode. 

Tiiree  propellant  tanks  are  required  to  improve  spacecraft  stability 
and  to  accommodate  the  basic  structural  layout. 

A further  system  requirement  is  that  no  probable  sii’glc -point  mal- 
function will  cause  loss  of  the  mission. 
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performance  characteristics 

TC  TAL  IMPULST.  L^OMINAI  fN-S 
TOTAL  IMPULSE  REPRCDUCIBILIT Y.  3fr 
ICTAl  DURATION  'SECONDS' 

THRUST  LEVEI 
NOMINAL 

maximum 

maximum  EfFECTiVr  CPFRATING  PRESSURE 
specific  OFIAY  TlMf  iSECC'NDS 

IGNITION  DELAY  TIMF  fSECCNDS^ 


405  560  '91  137  LB-S' 
23 


15  000  N (3  370  LBF 
21  500  N l4  840  LBF 


3.51  K 10 
2B3.6 
< 0.100 


■ 3U  PSIA' 


SERVICE  IIMITS 

OPFRATir-JG  TEMPFRATURl 
S TO  RACE  Tl  MPEF’AUJRf 
iMPC'StD  AXIAL  ACCELFRATIOM  .'G' 
lATPCSID  I AURAL  ACCriEHATION  tG' 
HLIMiniTY 

TEMPI  RATURL  CYCUNG  LIMITS 
SPIFJ  RATE 


-7  TO  tAS^C  t+20  TO  U10'’F1 
-12  TO  *60'C  i+lO  TO  kT40'  F' 

14 

2 

98%  AT  *49'‘C  •+!  20“F'  FOR  120  HR 
«7  TO  -^43®C  f+20  TO  ■».T10‘’F' 

0 TO  U .5  rad  5 -0  TO  lU  RPA'' 


figure  8.6-1.  Preferred  Allas/Centeur  RetcHon  Confrel  Subsystem 
endOibIt  Insertion  Motor 
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Table  8.6-1.  Energy  Requirements  for  the  Probe  and  Orbiter  Missions 


THOR/DELTA 

ATLAS/CENTAUR 

VERSION  IV  1 

AUAS/CENTAUR  1 

PROBE 

ORBITER 

PROBE 

ORBITER 

PROBE 

ORBITER 

midcourse  .IV  (M/S) 

82 

82 

10 

23.5 

10 

10 

PROBE  DEPLOYMENT  AV  (M/S) 

41.23 

0 

49.12 

0 

49.12 

0 

PERIAPSIS  AV  (M/S) 

0 

43.5 

0 

43.5 

0 

43.5 

ATTITUDE  CONTROL  PRECESSION  ^RAD  (DEG) 

21.485 

(1231) 

21.031 

(1205) 

25.865 

(1482) 

21.031 

(1205) 

25.865 

(1482) 

25.444 

(1458) 

SPiN  CONTROL  CHANGE  IN  SPIN  RATE  fRAD/S  (RPM)l 

16.860 

(161) 

23.143 

(221) 

6.912 

(66) 

12.881 

(123) 

6.912 

(66) 

12.881 

023) 

TOTAL  PROPELLANT  REQUIRED  T KG 

18.2 

16.3 

16.7 

13.0 

17.1 

14.7 

8.6.  l.Z  RCS  Tradeoff  Studies  ALL  CONFIGURATIONS 

Tradeoff  studies  were  performed  to  determine  the  best  approach  to 
use  in  configuring  the  RCS.  These  studies  determined; 

• The  required  number  and  locations  of  the  thrusters 

• Thruster  position  outboard  from  the  spacecraft  spin  axis 


• The  most  desirable  propellant 

• Whether  blowdown  or  regulated  pressurization  was  optimum 

• Whether  a bladder  was  needed  to  maintain  propellant  position  or 
whether  spacecraft  spin  forces  would  be  sufficient  to  ensure  con- 
tinuous propellant  feed  for  the  thrusters 


• The  most  applicable  propellant  tank. 

Determination  of  Thruster  Required  Number  and  Location 

Figure  8.6-2  shows  thruster  locations  for  three  to  eight  thrusters 
and  indicates  that  more  than  five  are  required  to  ensure  mission  success 
with  the  failure  of  a single  thruster.  If  amplification  of  the  coning  angle 
is  important,  then  eight  thrusters  are  required;  if  not,  si>  could  be  used. 

. Thruster  Position  Outboard  from  the  Spacecraft  Spin  Axis 

^ The  most  desirable  position  for  RCS  thruster  mounting  is  at  the  out 

^ A/C  III  board  edge  of  the  spacecraft  platform.  This  position  minimizes  exhaust 
gas  impingement  on  the  spacecraft.  However,  the  requirement  that  the 
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f 


thrust 

ARRANGEMENT 


A/C  Ml 


\N 

A/C  n\ 


ispacocraft  proct  ss  0.017  railian  {1  dognu*)  or  losts  with  i'iu  li  prt'Ct\ssioii 
pulso  firing  mussl  also  bo  considorod.  At  a nominal  momont  of  iiu'rtia  of 
176  kg*  m (130  nlug-fl  during  all  portions  of  Iho  mission,  llu'  Alias/ 
Contaur  tl\rusti»rs  could  bi'  posilionod  at  the  spacecraft's  outboard  cdgi' 
and  opcraliul  at  l^^^-minisccond  pulsi's  without  cxCiH'dii^g  this  roq\ure- 
mcnf  (Figure  8.6-3). 


‘ l-  I i I 

w»  lOD  1?0  140  )MMSlt*OFT^) 


f iQiiro  8. 0"3  Maximum  Allow.ihlc  rr^ession  Thruster  Radius  Arm  to  Meet  0. 017  Radidn 
(I  Degree)  Precession  limit  at  0. 125  Second  Puisewldlh  «is  a Fumlion  of 
nmjst  level  and  Spacecraft  Moment  of  Inertia 


T/0  III 


T/D  m 


]'"or  the  1'hor/Delta,  at  a nominal  moment  of  inertia  of  88  kg  • m"" 

(65  slug-ft  ),  when  tiu'  thrust  levcvl  is  ^.34  N,  the  precession  requirement 
of  0.0!  i radian  (<1  degree)  or  K'ss  could  be  met  by  using  a shorter  pulse- 
width  (64  ms  Z,2  N).  Only  after  the  system  supply  pressure  drops  to 
approximately  300  psia  could  the  desirc'd  0.  125-millisecund  pulsewidth 
be  used. 


Other  itt  ins  influencing  thruster  location  are  structural,  thermal, 
and  itnpingemenf  considrrafinns.  Strurturnl  aspects  are  not  critical 
beA'auHe  the  thruster  weights  and  thrust  levels  are  relatively  low  and  do 
not  present  de  sign  problems. 
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I 


ALL  CONFIGURATIONS 


Tlu'  llu'rmal  oonsidiTalii'nti  Jirt*  somewhat  tAiore  importanl.  Whil<- 
it  would  he  desirable  to  locate  all  thrusters  so  that  solar  and/or  space- 
craft conductive  healinn  could  he  used,  this  is  not  practical  with  either 
spacecraft  configuration.  Therefort*,  some  of  the  thrusli  rs  wilt  he  shadi'd 
and  will  require  heaters.  Wherever  possible,  the  thrusters  are  ihermallv 
couplecl  to  the  warmer  spacecraft  structure,  and  all  thrusters  are  insu- 
lated to  minimise  radiative  heat  losses  and  healer  power  requirements. 


Plume  impingement  was  a key  consideration  in  thruster  location. 
The  outboard  locations  selected  tend  to  minimize  plume  impingement  on 
critical  surfaces* 


l^ropcllant  Solcclion 

The  propellant  tradeoff  was  made  early  in  the  study,  but  since  iho 
propellant  weights  involved  span  the  final  selected  weights,  the  results 
are  still  valid. 

Figure  S,e-4  shows  that,  regardless  of  lavinch  vehicle  or  mission, 
the  use  of  monopropellant  hydrazine  results  in  the  lightest  systems.  The 
other  systems  show  less  direct  cost,  but  the  ammonia  systems  exceed  the 
spacecraft  power  capability  and  the  nitrogen  systems  are  far  loo  heavy. 
Monopropellant  hydrazine  is  the  best  choice. 


litjurpc  ^ 4 H('S  rnnvHtint  Iraiteolfs 
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Blowdown  Versus  Regulated  Prossurization  ALL  CONFIGURATIONS 

As  was  the  case  for  propellant  selection,  the  blowdown  versus  rogu- 
lated  pressurization  tradeoff  study  was  done  early.  However,  since  the 

weight  of  propellants  studied  encompassed  the  selected  final  propellant 
loading,  the  results  remain  valid. 

The  weights  arc  based  on  use  of  the  27.  9 cm  ( 1 1 inch)  diameter 
Manner  '69  tank  and  Pioneers  10  and  11  type  FLTSATCOM  thrusters.  As 
shown  in  Figure  8.6-5,  the  selected  blowdown  system  is  lighter.  I:  is  also 
reliable  and  less  costly* 
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Figure  8. 6-^,  BlMdown  Versus  Regulated  Pressurliitlon  tradeoff 


Bladder  Versus  Centrifugal  Forces  ris.  latw 

tor  Continuous  Propellant  Feed  A/C  IV  O T/D  III 

The  use  of  centrifugal  force  for  propellant  feed  eliminates  the  need 
for  a bladder  and  its  associated  components.  Bladders  are  not  required 
when  there  is  a bond  number  greater  than  10  (when  centrifugal  forces 
dominate  over  surface  tension).  The  bond  number  is  defined  as: 


B = 1 R^g 

o sunace  tension  force  ~ "ajp 


p liquid  density 
0“  surface  tension 
g ^ acceleration  due  to  spin 
R » tank  radius 

The  properties  of  hydrazine  over  the  spacecraft  temperature  ranges  are: 

p 1 . 00^  g/cm'^ 

O’  74  •Tn  dyne /cm 

With  tank  diameters  of  27.9  cm  (11  in.),  therefore,  the  bond  number  for 
the  Thor/Delta  vehicle  (with  its  0.5  rad/s  spin  rate)  is: 


B 


(13.9  cm)*"  12.9  cm/s^ 

T 


74.  1 cm  /s 


34 


The  Atlas/Centaur  has  an  even  greater  margin  because  of  its  larger  diam- 
eter Defense  System  Communications  Satellite  (DSCS)  II  tanks.  Fig- 
ure 8.b-6  shows  how  the  bond  number  varies  vvill^  spin  rate  for  the  Atlas/ 
Centaur  and  Thor /Delta  configurations. 
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Propellant  Tank  Selection  A/C  IV  T/0  III  A/C  !V  T/0  III 

The  hydrazine  quantities  to  be  stored  for  the  various  missions  and 
spacecraft  are  shown  in  Table  8.6-2. 


Table  8.6-2  Propellant  Requirements 


LAUNCH 

VEMiCLt 

MISSION 

USABLE 
PROPELLANT 
KG  ^LB) 

residual 

KG  (LB) 

TOTAL 
KG  ILB) 

PRES5UKANT 
KG  ILB) 

THOK  DELTA 

■ 

PROBE 

ORBITER 

17.9  t39.3) 

15.9  135.0) 

0.4  10.8) 
0.4  (0.8) 

18.3  140.1) 

16.3  135.8) 

0.3  10.6) 
0.3  (0.6) 

ATLAS  CENTAUR 

PROBE 

ORBITER 

15.6  (34.4) 

12.6  127.8) 

1 .5  (3.2) 

1.5  13.2) 

17.1  137,61 

14.1  (31.0 

1.5(3.41 
1.7  (8.3) 

VERSION  IV 
ATLAS  CENTAUR 

ORBITER 

13,2  129.3) 

1 

1 .5  13.2) 

14.7  132.5) 

1.6  (3.7) 

Three  candidate  tanks  were  considered.  These  were  the  Mariner  '69 

tank  (1. 14  x 10^  cm^,  697  in.^),  the  Skynet  tank  (8.  14  x 10^  cm^,  497  in.^), 

4 5 3 

and  the  DSCS  II  tank  (Is  89  x 10  cm  , 1100  in.  ).  Each  candidate  tank  has 
been  qualified  and  flown  on  hydrazine  subsystems.  The  DSCS  II  tanks  are 
the  most  attractive  for  the  Atlas /Centaur  spacecraft,  while  the  Mariner  *69 
tank  is  best  for  the  Thor/Delta. 

Table  8.6-3  shows  a comparison  of  the  candidate  tanks.  The  key 
considerations  in  selecting  the  DSCS  II  tanks  for  the  Atlas/Centaur  space- 
craft were  the  adequacy  of  the  existing  design  (600  psia  operating  pres- 
sure), the  piping  system  simplicity  and  high  reliability,  and  minimum 
platform  outboard  area  committed  to  the  RCS  piping.  The  Mariner  *69  tank 
was  selecved  for  the  Thor/Delta  spacecraft  because  the  Skynet  tanks  pro- 
vided insufficient  volume  to  meet  the  desired  3.4:1  blowdown  pressure 
ratio  and  the  DSCS  II  tanks  present  packaging  problems  because  of  the 
large  tank  envelope. 


Maintenance  of  Positive  Propellant  Head 
During  the  Mission 


A/CIV 


A/C  IV 


The  0.5  rad/s  (5  tpm)  spacecraft  spin  rate  produces  centrifugal 
forces  adequate  to  maintain  a positive  propellant  lead  at  the  tank  outlet 
ports  with  0*42  kg  (0*92  lb)  residual  hydrazine  per  iank.  The  most  critical 
period  of  the  mission  relative  to  propellant  unporiing  (exposure  of  the 
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Table  8.6-3.  RCS  Tank  Tradeoffs 
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1^  A/C  IV  liquid  outlet  port  to  gas  during  RCS  operation)  occurs  at  end-of-li£e.  At 
this  time  the  spacecraft  is  at  its  lowest  weight  and  axial  thruster  firings 
[[)*A/CIV  have  the  greatest  effect  on  the  in-tank  propellant  position. 


Propellant  position  in  the  preferred  Atlas/Centaur  tanks  at  end-of- 
life,  i.e.,  with  the  +X  axis  thrusters  firing  is  shown  in  Figure  8.6-7.  The 
propellant  position  is  approximately  0.  19  radian  (11  degrees)  from  the 
vertical  at  0.5  rad/s,  and  represents  an  unavailable  volume  of  415  cm  , 
or  0.42  kg  of  hydrazine  per  tank.  Firing  the  +X  axis  thrusters  is  worst- 
case,  as  acceleration  from  the  -X  axis  thrusters  would  orient  the  pro- 
pellant toward  the  liquid  outlet  port  in  a conospheroid  tank. 


The  sensitivity  of  the  residual  propellant  to  spacecraft  spin  rate  in  a 
conospheroid  tank  is  shown  in  Figure  8.6-8.  Unporting  can  be  prevented  by 
on-loading  the  proper  amount  of  propellant.  With  a 0.  5 rad/s  spin  rate, 

0.42  kg  of  residual  propellant,  an  acceptable  quantity,  is  sufficient.  At  spin 
rates  below  the  0.4  r.ad/s  range,  the  necessary  residual  quantities  become 
excessive.  Spin  rates  above  0.5  rad/s  would  reduce  the  hydrazine  required. 
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Figure  16-7.  Atlas^Centaur  Propellant  Position  at  End  of  life  With 
♦X  Axis  Thrusters  Firing 


Figure  8. 6-1  Residual  Propellant  Necessary  to  Prevent 
Propellant  Unporting  In  Atlas /Centaur 
Conospheroid  Tanks 


8»6*1*3  Preferred  Atlas/Centaur  RCS  Description 

The  selected  RCS,  Figure  8*6-9#  is  common  to  the  probe  bus  and 
orbiter*  Eight  thrusters  are  used  to  provide  redundancy  and  to  prevent 
coning  angle  amplification;  the  transverse  thrusters  also  simplify  ground 
station  operation  by  retaining  spin-axis  orientation  during  lateral 
maneuvers. 
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Figure  1 6 9.  Prelf ri ed  Atliis/Cenlaur  RCS 
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Pioneer  10  and  11  flight-qualified  components  are  used  throughout 
the  subsystem  to  eliminate  development  risk  and  to  minimize  cost.  Minor 
design  changes,  incorporated  for  FLTSATCOM,  adapt  the  Pioneer  10  and 
1 1 hardware  to  this  specific,  unclustered  engine  application. 

The  propellant  and  pressurant  lines  and  fittings  are  welded  or  brazed 
(between  the  thrusters  and  tanks)  to  ensure  leak -free  assemblies.  Blow- 
down pressurization  and  centrifugal  force  for  propellant  positioning  and 
expulsion  eliminates  the  need  for  a bladder  and  the  associated  regulators 
and  pressurization  components.  This  simplified  RCS  minimizes  cost  and 
provides  high  reliability. 

General  Arrangement 

The  RCS  is  composed  of  three  propellant  tanks  with  temperature 
sensors,  and  eight  thrusters  (four  axial  thrusters  for  large  AV  maneuvers 
and  precessions,  and  four  transverse  thrusters  for  spin  control  and  small 
lateral  AV  maneuvers)  as  shown  in  Figure  8.6-9.  Each  thruster  has  a 
propellant  valve  heater,  thermostat,  and  temperature  sensor.  The  cata- 
lyst bed  and  a pressure-switch  pulse  counter  have  heaters  and  tempera- 
ture sensors. 

There  are  primary  and  secondary  thermostat  circuits  for  all  heating 
elements,  providing  series -parallel  redundancy.  While  conservative 
tenrperature -control  limits  on  all  heaters  increase  the  needed  power,  they 
assure  a positive  deadband  between  the  primary  and  secondary  heaters  so 
that  both  circuits  do  not  come  on  simultaneously,  causing  excessive  power 
drain.  Integration  and  test  costs  are  minimal.  The  use  of  tighter  control 
limits,  with  secondary  heater  power  turn-on  close  to  the  hydrazine  freezing 
point,  would  require  additional  verification  testing  to  assure  that  parts  of 
the  system  away  from  the  thermostat  do  not  actually  freeze. 

The  tanks  and  thrusters  are  connect::d  by  plumbing  without  heaters, 
but  containing  temperature  seniors.  They  are  within  the  thermally  con- 
trolled equipment  compartment.  A filter  is  located  upstream  of  the 
thrusters.  A fill  and  drain  valve  provides  for  loading  and  draining  the 
propellant.  Common  gas  ahd  propellant  lines  maintain  equal  quantities  of 
propellant  in  the  throe  tanks  for  spacecraft  balance. 


8.6-13 


1^  A/C  IV  > A/C  IV 


Piping 

Proper  lino  Hiding  and  routing  aro  eefiontial  to  maintain  equal  pro- 
pellant )oad6  annont?  tanks  and«  thorefare,  spacecraft  balance.  For  the 
preferred  RCS  piping.  Figure  8.6-10,  as  for  all  TRW  spin-stabilized  hydra- 
zine systems,  the  tanks  are  interconnected  with  fliglit -proven  0,95  cm 
(0,375  inch)  diameter  piping.  The  plumbing  is  routed  to  maintain  equal 
levels  (loads)  in  the  three  ranks  during  static  and  dynatnic  conditions.  Gas 
bubbles  in  the  liquid  lines  will  migrate  into  the  tanks,  as  will  liquid  in  he 
gas  lines. 

MU  AW 


Flqure  8. 6 10.  Atu&.'Centdur  RC  S Pipir^  Diagram 

To  prevent  bubble  traps,  the  liquid  supply  piping  on  the  probe  bus 
is  routed  over  the  small  probes.  Inboard  routing  is  not  recommended 
because  bubbles  could  be  trapped  in  these  inboard  piping  segments,  pre- 
venting liquid-lo-liquid  communication  between  tanks.  This  could  result 
in  unequal  tank  loading.  The  lines  are  also  oriented  to  maximize  the 
amount  of  propellant  that  can  be  drained  from  the  tanks  wliile  the  space- 
craft is  on-pad. 

The  OTbiter  liquid  piping  would  be  routed  in  the  same  manner.  How- 
ever, it  is  possible  to  route  the  orbiter  piping  along  the  platform. 
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The  DSGS  II  tank  does  not  require  dip  tubes  for  propellant  draining 
or  ullage  interconnect  because  the  tank  outlet  is  down  and  outboard  and  the 
gas  port  is  up  and  inboard.  The  liquid  port  is  covered  by  liquid  and  the 
gas  port  is  uncovered  in  both  spin  and  static  environments. 

RCS  Periormance 

The  following  three  tables  (Tables  8.6-4,  8.6-5,  and  8,6-6)  illus- 
trate the  RCS  performance  for  the  Atlas/ Centaur  spacecraft.  They  show 
the  propellant  required,  thruster  operations,  and  tank  pressures  for  each 
mission  mode.  Table  8.6-4  presents  the  RCS  performance  for  the  508  kg 
(1120  lb)  orbiter  payload  and  Table  8.6-5,  the  434  kg  (955  lb)  orbiter. 

The  probe  data  presented  in  Table  8.6-6  is  representative  (within  one  per- 
cent) of  either  the  1977  launched  probe  at  773  kg  (1703  lb)  or  the  1978 
launch  Version  IV  science  payload  probe  at  783  kg  (1724  lb). 


Table  8.6-4.  Science  Version  IV  ^tlas/Centaur  Configuration  — 

RCS  Performance,  Orbiter  Mission,  508  kg  (1120  pounds) 


mission  MODt 

tmruster  DuTYCYCIE 
ON  Off  IIME 
(SECONDS) 

NUMBER  Of  PULSES 
PER  lAO  IHKUSURS 

total  impulses 
N S (LB-S) 

AVERAGE  SPECIFIC 
IMPULSE 
(SECONDS) 

PR07E  LEANT 
CONSUMED 
[KG  (LBj] 

TANK 
PRESSURE 
(N  m2  « 10'9) 

HKST  MIDCOURSl 

PHKISS  1 .?C  KAD  ilOO  DEG) 

0.125  12. S 

740 

378  (62.5) 

180 

0.16  (0.351 

3.10 

Av  r M S 

CONflNUOUS 

770  SECONDS 

2 556  (800) 

?Z7 

1.60  (3.521 

FKtk.1  'S  1 ./G  i- a;;  HGDUtOj 

0.125  12.5 

240 

278  (62.5) 

180 

0. 16  10.35) 

CK':s5 

{s  JLA'^  TOKOUE  0.20  RAD  (12 

0.125  12.5 

?40 

272  (61) 

180 

0.15  (0.34) 

tAKirt  fhACK  1.63  RAD  i80D£Gl) 

MiDCOUKSt 

1 ./V  KAD  (lOUDtOl 

0.IZ5.  12.5 

240 

278  (62.5) 

180 

0.16  (0.3^, 

AV  1 M S 

CONTINUOUS 

no  SECONDS 

51'8  1)14) 

227 

0.23  (0.50) 

PRECESS  ! .70  PAD  (100  DCG> 

n. I?5  12.5 

240 

2/H  (62.51 

180 

0.16  (0.35) 

2.VV 

KIP  3. 06*^  ad  H8D  DEG' 

U. 125  12.5 

430 

‘■0(‘  (113) 

180 

0.29  (0.63) 

ItllhU  MIULUUKSE 

PR£C:SS  0.7/  PAD  (43  0(0 1 

0, 125  12, 5 

no 

124  (2BJ 

180 

1..07  (0.  16' 

AV  2 M *1 

CONTINUOUS 

220  SfCONOS 

1 016  (228) 

22/ 

0.46  (1.00) 

PPtCIbS  0.;/  pad  (45  DEG' 

0.125  12,5 

110 

124  (28) 

180 

0,07(0.16) 

2.83 

ir«IS(PT(.'iN 

PKtetSS  /.O'  •'AD  (l?2  DEG) 

0. 125  12.5 

300 

339  (76.3) 

180 

0.20  (0.43) 

SPtr4  to  6. 3 RAD  b 

CONTINUOUS 

3V5  SK  ONUS 

1 756  (3951 

22.5 

0.80  (I./6I 

2. 76 

SPIN  !■  > 0 5RAD  S 

CONTINUOUS 

345  SEC  ONUS 

1 529  (344) 

723  1 

j.70  0.54) 

price jj  2.0/  RAD  (122  DEG; 

0.125  12.5 

2/« 

296  (66.  K 

\r 

0.1/  (0.38) 

fUP  3.06  RAD  (180  DEGI 

0 125  1/.'. 

410 

43/  198.4) 

l/V 

0.75  (0.S6' 

2.69 

UN-VjKei! 

{( ARTM  TRACK  4.25  RAD  (250  DK.i 
SULAk  Tt.WQllE  C.3/RAD  u2  OlGlj 

0 125  12.5 

620 

660  (149) 

1,7 

0,39  (0.«:>) 

PIRIAI  ',r  MAlUtI  nance 

1/1  M 3 

k 1 •NtiNiloUS 

lllXl  bICONDS 

4 4/2  (1006) 

2/2 

2 , 05  ( ) . 57 » 

'•J  2 M S 

ei)Kllf4UOUS 

960  sreoNm 

4 009  (902) 

272 

1 , ;o  (3 

12.3  M j 

CONIINUOUS 

non  Sl(  <1N!>5 

4 4/2  (lUOi'.  - 

//.’ 

7.05  u.’»7' 

M , - M '1 

C(  )NTIt4itOU'j 

/fo  SECONDS 

3 160(711) 

.’// 

1 .45  u)./0) 

2 . 26 

riHAi'. 

.i4Vi  PUlMb 
5’Ml)k|(OND5 

28  343  (6  3 M 4) 

I.C.)  (79.7/» 

A/C  IV  [jJ^A/CIV 


Table  8.6-*>.  Atlas/Centaur  Configuration  RCS  Performance, 
Orbiter  Mission 


V ■^  .lOfj  bHlDt 

IhK'U  .lhl  DUIY  C YClf 
. 'N  Iff  lIMf 
■ S((  < 'NDSi 

NIJMfUR  ( i|  nil  SIS 
riR  IW4^  IMRUSUR', 

lOIAL  IMPUl  f‘. 

|n  S | 

AM  f.A(>r  ‘irrcK  ic 
IMfUI/il 
<“)!(  a;/NDj' 

IT'.-  'PI  llANl 
C ONSUMfp 

Ik:-  -18.} 

iriiiiAi  AiTinjof 

nr  ppi 

roNMNllOIIS 

/,(.!  r(/>i 

??•> 

0.(13  i-'.OM 

U.l/- 

IM 

174  .19. 

(75 

0.10  .0,77! 

trim  spin 

0,  i.u  n.5 

NrrATivf 

Minroniisf  14/.  A,i  s,  s.  ? s 

PHKfSS 

.i.U'S  l?.s 

84(1 

939  (i?lh 

173 

O.SS  .1,?2- 

TV 

ccmiNijous 

9 4V6  12134! 

222 

4. 37  (9.67: 

IWIM  SPIN 

VARIES 

165  (371 

170 

0.10  (0.721 

0»UI6t 

0.125/12.5 

lOS 

56  (131 

170 

0.04  (0.081 

ORBIT  INSeRltON 

pREcess  1 

1 )?,S 

13* 

1 76/7. 

170 

, 0.04  tO.IOi 

SPIN  UP 

CcNtINUOUS 

1 1 157  (7601 

770 

I 0.54  0.191 

DESPIN 

CONTINUOUS 

j 1 157  .760* 

770 

; 0.54  0.191 

PRECESS 

0.175  17.5 

135 

i 76  (^7^  1 

170 

: 0.04  (0.10) 

PERIAPSIS  MANEUVERS  AND 
ATTITUDE  MAINTENANCE 

j 

PRECESS 

0.175  I?.5 

583 

654  <147' 

160 

j 0.4?  (0.9?l 

TV- 

CONMNUOUS 

n 935  '7603' 

710 

5.58  O?.J0l 

TRIM  SPIN 

VARIES 

709  .47  ' 

IM 

0.14  ,0.301 

CRUISE 

0.125  12.5 

270 

182  -4 1 ' 

16D 

0.1?  I0.?6^ 

TOT  At 

1 

76  34?  (5919. SI  ' 

]?.6  (77.701 

Table  8.6-6.  Science  Version  III  and  IV  Atlas/Centaur  Configuration  | 

RCS  Performance,  Probe  Mission 


MISSION  mode 

THRUSTER  DUTY  CYCLE 
ON.  OFf  TIME 
(SECONDS) 

NUMBER  OF  PULSES 
TWO  THRUSTERS 

TOTAl  IMPULSES 
^N-S(LB-S) 

AVERAGE  SPECIFIC 
IMPULSE 
(SECONDS) 

propellant 

CONSUMED 
[KG  UBl] 

TAN), 

' TOSURE 
iN  « 10‘6i 

f IKSI  MIDCOUKSl 

P-iECtSS  ( . ’0  SAP  1 i A[>  . lo:  !M  /.  tpo  DIG. 

C. 125  12.5 

640 

738  (166,, 

180 

0.42  lO.9^' 

3.  IV 

‘.V  7 M '■ 

^.ONTlNUOUS 

5 ,'3  SICOE4D3 

5 498  (123/! 

227 

?,4/  (5,451 

2,86 

SULAR  TOftOUt  ANl>f  AHtM  P-AeK 
|0,<.5BAO  ,38  CMC./ 

P 12.5  12.5 

120 

140  (31 .4) 

IBO 

0 08  (0.17) 

siv..  ^4D  v,ajcou“S( 

pviass  ! r0R.M^  I VORAD  IIOODEG  UX’.DEG' 

0.  125  12.3 

640 

738  (1661 

180 

0.42  (0.92) 

TV  1 M.  Ai. 

CONTINUOUS 

85  SECC^NDS 

ns  (177) 

227 

0.35  (0.78) 

2.8) 

iHibl.)  MlLHLuu^’Sf 

PPtCESS  0.:'7  SAD  0.77  «AD  t45DI(.  45DFG1 

LI.  .25  12  3 

288 

388  (75) 

IBU 

0. 19  (0.42) 

TV  2 M S 

CONTINUOUS 

165  SECONDS 

1 570  (354) 

22/ 

0.71  (1.56) 

2.75 

large  probe  rue  ah 

SPIN  TO  7. 1 RAD  S 

CONTINUOUS 

2W  SECONDS 

662  (149) 

IBO 

0.30  (0.66) 

PRECESS  0.43  RAD  0 13  RAD  (25  OEG  25  OEG) 

0.125  12.5 

660 

702  (IS8) 

178 

0.40  (0.8B) 

DESPIN  TO  1 RAD  S 

CONTINUOUS 

45  SECONDS 

304  (86.5) 

225 

0.17  (0.38) 

RITAKOET  release  SMALL  PROBE  NO.  1 

PRECESS  3.60  RAD  (212  DEG) 

0.125  12.5 

1390 

1 467  (330) 

177 

0.80  (1.76) 

2./0 

TV  l.2t  M S 

CONltNUOUS 

65  SECONDS 

373  (129) 

224 

0.27  (0.58) 

rmakoet  kelease  small  probe  no.  2 

PRECESS-!:  3 68RAD  (216.2  :.tG/ 

0.125..  12.5 

10/0 

1 125  (253) 

i;; 

0.64  (1 .41) 

TV  16.07  M S I 

cUNtINUOUS 

/VOStCUNtiS 

6 294  (14(6) 

223 

2.89  (6.36) 

2.43 

RETA^'jET  «tlf  ASf  SMAlL  PROBE  NC> . 3 

PRfCtSS  . ?:  S 85  RAD  344  I'Ki) 

0 125  12  3 

132S 

1 39t  (3132 

0.80  (1.771 

TV  6.12  M 5 

CONTlNU(3US 

760  SECONDS 

1 942  (437) 

222 

0.99  (1.97) 

2 33 

lOfAKGfT  BUS 

PRECESS  0.44  RAO  U.44  RAD  (2S-B  DtU-  23.8  DIG) 

0.125  12.5 

155 

163  (36.6) 

17/ 

0.10  (0.22) 

,>V2S.77M.  S 

CONTINUOUS 

KWO  SECONDS 

7 263  (1634) 

221 

2.8C  (6.1/) 

2,19 

SPIN  TO  63  rad  s 

CONTINUOUS 

120  SECONtJS 

902  1203) 

221 

0.43  (0.9)) 

UV  EXPERIMINT  - 1 , J6  RAEM0O  nEvtl 

0.125  12.5 

245 

2Sa  (58) 

1/6 

0.15  (0,33) 

SPINCUNIKoi 

loNIiN'IOUS 
(0.03  RAO  5 M,  5) 

100  SECONDS 

738  (DM) 

^^1 

0.34  (0  75 

2 )0 

lOlAlS 

6533  PIUSES 
J4VS  SECONDS 

33  671  (7.');5,5) 

15.6  (34.3*) 
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Ottu  r RCS  Ft  aturcs  A/C  IV  [JJ>A/CIV 
Figure  8.b-ll  summarizes  other  features 
Centaur  RCS* 

8.6.  1.4  Preferred  Thor/Pelta  RCS  Description 


of  the  preferred  Atlas/ 


T/D  III 


w 

T/D  III 


The  selected  RCS  is  common  to  both  the  probe  bus  and  the  orbiter. 

The  design  is  similar  to  the  Atlas/Centaur  RCS  described  in  Section  8.0.  1.3. 

Flight -qualified  hardware  is  used  throughout;  eight  thrusters  arc  used  to 

provide  redundancy  and  to  prevent  coning  angle  amplification;  and  blowdown 

pressurization/centrifugal  expulsion  are  used.  The  preferred  Thor/Delta 

power  and  telemetry  requirements  and  design  arc  identical  to  the  preferred 

Atias/Centaur,  Figure  8.6-11.  Figure  8.6-12  summarizes  other  features 

of  the  preferred  Thor /Delta  RCS  subsystem. 

laiw 

A/CIV  O T/D  III 

A solid  rocket  was  selected  for  both  the  Atlas/Centaur  and  the  Thor/ 
Delta  orbiter  missions.  The  Aerojet  SVM-2  is  optimum  for  both  the 
earlier  and  Version  IV  science  Atlas/Centaur  orbiters.  The  existing, 
qualified  motor  design  has  the  necessary  propellant  load  capability.  The 
Hercules  BE-3-A  motor,  selected  for  the  Thor/Dclta  orbiter,  is  also 
qualified,  and  the  existing  design  is  totally  adequate  with  the  addition  of 
a safe  and  arm  device. 


8.6.2  Orbit  Insertion  Motor 


Bipropellant  rockets  were  evaluated  and  found  to  present  higher  risk 
and  cost  than  solid  rockets,  although  the  bipropellant  showed  a small 
performance  advantage. 

Appendices  8.6A  and  8.6B  discuss  the  details  of  the  selected  Atlas/ 
Centaur  and  Thor/Delta  solid  motors.  Appendix  8.6C  discusses  the  con- 
tamination aspects  of  solid  motors  in  general. 

8.6.2. 1 Requirements  (]J>A/CIV  ^ T/D  III 

The  mission  requirements  shown  in  Table  8.6-7  are  payload  weight 
and  velocity  change,  the  key  performance  requirements.  Because  each 
candidate  motor  was  compatible  with  the  applicable  spacecraft  design, 
additional  performance  requirements  (envelope,  weight,  etc.)  were  not 
considered  critir.al. 
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Tables.  6-7.  Mission  Requirements 


A/C  IV 

VELOCITY  CHANGE 

PAYLOAD  WEIGHT  | 

LAUNCH 

VEHICLE 

MIDCOURSE 

ORBIT 

INJECTION 

SEPARATION 

INJECTION 

IGNITION 

(31  W 

(M/S)  (FT/S) 

WS)  (FT/S) 

(KG)  (LB) 

(KG)  (LB) 

T/D  III 

THOR/OELTA 

atlas/centaur 

ATLAS/CENTAUR 
VERSION  IV 
SCIENCE  PAYLOAD 

82  1269) 

23  5 (77) 

23.5  (77) 

954  (3130) 

854  (3130) 

854  (3130) 

292.6  (645) 

463  (960) 

509  (1120) 

280.3  (618) 

429.3  (946.5) 

505  (11 '5) 

8. 6. 2. 2 

Tradeoffs 

^A/CIV  ^ 

f31W 

^ A/C  III 

fsiw 
T/D  III 

Tradeoff  studies  were  made  to  determine  whether  existing  rocket 
motor  systems  could  meet  the  Pioneer  Venus  Type  II  trajectory  for  both 
the  Atlas/Centaur  and  the  Thor/Delta  launch  vehicles.  Only  motors  that 
had  been  successfully  flown  in  space  were  considered.  Primary  criteria 
for  selection  were: 

s Magnitude  of  changes  to  meet  Pioneer  Venus  requiremsnts 

• Demonstrated  reliability  in  flight 

• Overall  cost  of  procurement 


• Design  limitations 
Atlas /Centaur  [|^  A/C  IV 


w 

A/C  ill 


Solid  Rocket  Motor  for  Use  with  Hydrazine  System.  Tables  8.6-8 
and  8.6-9  show  the  key  features  of  the  candidate  motors  for  the  initial 
Atlas/Centaur  orbiter  and  the  Atlas/Centaur  Version  IV  science  payload 
orbiter. 


The  Hercules  BE-3-B  motor  required  such  a large  addition  to  the 
cylindrical  portion  of  the  chamber  that  it  was  dropped  from  contention 
early  because  requalification  would  be  necessary.  The  increased  cost 
and  risk  are  not  warranted. 

The  Thiokol  TE-M-521  motor  is  acceptable  for  the  initial  Atlas/ 
Centaur,  but  requires  4,  22  cm  additional  length  in  the  cylindrical  portion 
of  the  motor  case  plus  an  increase  in  throat  area  to  accommodate  the 
increased  propellant  weight  and  burning  surface  area,  The  TE-M-521 
would  have  to  be  lengthened  12.5  cm  for  the  Version  IV  science  payload, 
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THE  PREFERRED  RCS  USES  fllCHT-QUAllFlEO  THRUSTER  HWW*^** 


PROPELLANT  TANK 

K 

THRUSTER 

X 

THRUSTER  VALVE 

X 

FILTE? 

X 

PRESSURE  TRANSDUCER 

X 

FILL  AND  DRAIN 
VALVE 

LINE  AND  FiniNGS 

X 

FlTSATCOM 
FLTSATCOM 
PIONEERS  10  AND  11 
PIONEERS  10  AND  1 1 
PIONEERS  10  AND  1 1 


PIONEERS  10  AND  H 
WtTH  MODIFIED  lINF 
RUNS/SIZE 


♦ DERIVED  FROM  PIONEER  10  AND  11  ISOTOPE-HEATED,  DUAL  THRUSTER  UNIT:  REMOVED  FROM 

EXPENSIVE,  COMPLEX  CLUSTER  UNIT,  MOUNTED  SEPARATELY:  VALVE  AND  DECOMPOSITION  CHAMBER 
MECHANICALLY  ATTACHED  WITH  PERFORATED  METAL  THERMAL  STANDOFF;  ISOTOPE  HEATING  ELEMENT 
DELETED.  THRUSTER  VALVE  SEAL  MATERIAL  IMPRON^D,  ELIMINATING  DRY  SEAL  LEAKAGE  EXPERIENCED 
DURING  PIONEER  10  AND  11  SUBSYSTEM  TESTING.  REDUCED  UNIT  COMPLEXITY  LOWERS  COSTS  AND 
INCREASES  RELIABILITY. 


ITEM 


PROPELIANT  TANK 

THRUSTER 

FILTER 

PRESSURE  TRANSDUCER 
FILL  AND  DRAIN  VALVE 
LINES  AND  FITTINGS 
TOTAL  HARDWARE 
PRESSURANT 
PROPELLANT 
TOTAL  LOADED  WEIGHT 


* weights  of  the  HARD\VARE  for  MOUNTING  THE  TANKS,  THRUSTERS,  V4 
ARE  NOT  SHOWN  HERE;  THEY  A RE  PARTS  OF  OTHER  SUBSYSTEMS.  . 


n THE  SEIECTED  TRW  MRE-1  THRUSTER  GIVES  EXCEUEMT  PERFORMANCE  OVER  A WIDE  BLOWDOWN 

^ range,  as  verified  by  actual  test  data  from  pioneers  10  AND  u • 


E RCS  POWER 


(U)  (N) 

ni.2 


PULSING  -0.125  SECOND  ON, 
11.9  SECONDS  OFF 


^0  100  200  300  400  500(N/M^) 

TANK  PRESSURE 

I J 11 i J I 

0 0.5»I0^1.0MlO*1.5*U](^2.0)tl0^2.5*10^3.0»ld^  (PSIA) 


* THRUSTIR  PI  RFORMANCE  DATA,  IN  CON iUNCTlON  WITH  PROPELLANT  TANK  BLOWDOWN.  VERIFtEO 
INITIAI  PROPHLANT  ESTIMATES  TO  WITHIN  ONE  PERCENT. 


THRUSTER  VALVE 
ACTUATION  POWER 


pressure  TRANSDUCER 
THRUSTER  VALVE  HEATERS 
SPIN 

AV  UPPER 
AV  LOWER 

THRUSTER  CA^'tYST  BED 
SPIN 

AV  UPPER 
AV  LOWER 

TOTAL  CONTINUOUS  POWER 


NO  heaters  are  needed  for  PROPELLANT  TANK  AND  LINES  WH 
[A.44®C+  (40“F+)|  EQUIPMENT  COMPARTMffJT.  PROTRUDING  PO 
AND  INSULATED. 

NOTE;  HYDRAZINE  ENEi  ZFS  AT  -1.67‘>C 


A/C  IV  (ji^A/CIV 


::;URACY  OF  USING  FLIOHI  ItSIlO  COMPOItfNrS  WIIH 


C WE  PIONEER  VENUS  EHRUSTER  REQUIREMENTS  ARE  LESS  SEVERE  THAN  PIONEERS  10  AND  11  OR 
ELTSATCOM.  GIVING  A HIGH  LEVEL  OF  CONFIDENCE  IN  THE  SELECTED  THRUSTER 


1 

! 


vMir.HT  1 

ptfl 

T"OWPONLNl 
IKG  16  ! 

roTAifpo  lei  1 

CPStTFP 

T .54  i3,4. 

4,4?  -10.?. 

4.4?  10.?. 

C.27  '0.6> 

?.17  4.81 

2.17  '4. '3 

0.18  '0.4i 

0.18  '0.4. 

0.18  '0.4' 

O.ie  0.4. 

0.18  0.4: 

0.18  .0,4 

Q.D?  ;q.2j 

0.09  .Q.2i 

0.09  (0,?: 

0.77  1.7: 

0.77  1.7. 

8.03  '17.7' 

8.03  '17. 7' 

0.41  .0.9) 

0.41  0.9. 

15.06  03.2) 

14.4  06.6! 

23.49  (51.8! 

25.04  155. 2t 

tTr.M 

MISSION  RFOUIREMENT5  | 

i 

1 

PIONURS  m AND  11 

FlTSATCOM 

PIONEER  VENUS 

//A  ^ If/ijPvl  PPriPt  1 LANT 

(IBi  TKG) 

18)  IKG) 

18)  (KG) 

iHPrjilCMPifl 

“jIMOlf  THHJ'sTf  fl 

12,25  f27. 

16.33  136) 

9,07  (?01 

1 

total  All  thrusters 

24.76  /59> 

63,50  (140) 

15.9  (35) 

■ n 

NUMBtP  or  thrusters 

6 

16 

8 

PfR  spacecraft 

■■ 

MAXIMUM  HOT  PULSES, 

18  500 

21  1J3 

6 600 

i 

SINGLE  THRUSTER 

MINIMUM  TEMPERATURE 

120 

1 104 

114 

1 

STARTS,  SINGLE  THRUSTER 

MAXIMUM  CONTINUOUS 

6 500 

220 

3000 

fIRING,  SINGLE  THRUSTER 

(SECONDS)  1 

1 

€ Tanks,  thrusters,  valves,  etc.,  and  wiring 
•HR  SH8SYSTEWS. 


♦ not  really  a cold  START  KCAUSE  HEATERS  LIMIT  MINIMUM  TEMPERATURE  TO  121  “C  (250*F),  REQUIRES 
ONE  WATT  HEATER  POWER  P£.<  THRUSTER  WITH  4.4*C  (40®F)  PROPELLANT  . 


E=* 


jV/ATTS. 

VSTEM 

'’EPAGE 

REMARKS 

10 

8ASED  ON  P(RING  TWO  THRUSTERS 
DURING  OPERATION.  POV/ER  ONLY 
DURING  FIRING.  3300  SECONDS 
MAXIMUM  STEADY  STATE;  TWO 
SECONDS  MAXIMUM  PULSING  PER 
FIRING 

:d.3 

^ iTiNUOUS 

CONTINUOUS  POWER  VALUES  BASED 

'^.2 

ON  USE  OF  THERMAL  STANDOFFS 

^.2 

AND  THERMOSTATIC  CONTROL 

~D.4 

PRIMARY  HEATER  POWER  ON  AT 
12.78°C  (5S®F),  OFF  AT  13.34“C  f65*F). 

*^.2 

SECONDARY  HEATER  ON  AT  7.22=C 

6 

“3.4 

*3i.5 

145«Ft.  OFF  AT  t2.78"C  (55°F). 

' AND  LINES  WHICH  ARE  X:EPT  IN  THE  HEATED 
I^SOTRUOING  PORTIONS  ARE  COPPER-COATEO 


iy&OUT 


F the  RCS  TELEMETRY  PROVIDES  INSTRUMENTATION  NEEDED  FOR  PERFORMANCE  PREDICTIONS  (BURN 
TIMESfPULSES).  DIAGNOSTIC  PURPOSES.  AND  MONITORING  NORMAL  RCS  OPERATION 


ITEM 

ALLOWABLE 

range 

CONTROL 

SETTING 

REMARKS 

TEMPERATURE 

rc<*F'j 

|«C  (®F1) 

PROPELLANT  TANK 

10  TO  49  (40  TO  120) 

12.8  TO  18.2  (55  TO  65) 

TEMPERATURES  ARE  TAKEN  AT  LOCATIONS 

PROPELLANT  LINE 

10  TO  49  (40  TO  120) 

12.8  TO  18.2(55  TO  65) 

WHERE  FREEZING  OF  HYDRAZINE  COULD 

PROPELLANT  VALVE 

10  TO  109  (40  TO  230) 

12.8  TC  18.2(55  TO  65) 

OCCUR. 

CATALYST  BED 
PRESSURE 

10  TO  980  i40  TO  1800) 
IN/M^  (PSIA)J 

NONE  ^ 

temperature  indicates  THRUSTER 
OPERATION. 

PROPELLANT  TANK 

10*10^T03.45k10“* 
F145TO  500) 

NONE 

INDICATES  THRUSTER  BURN  TIME, 
INDICATES  PULSES  NECESSARY  TO  DELIVER 

THRUST  CHAMBER 

none 

REQUIRED  IMPULSE.  PRESSURE  SWITCH 
DELIVERS  A PULSE  FOR  EACH  THRUSTER 
FIRING- 

Figure  8.6-11.  Other  Features  of  the  Preferred  Atlas/Centaur  RCS 

8.6-19 


A fHE  PREFERRED  THORfDEUA  RCS.  WITH  THE  EXCEPTION  OF  THE  SPHERICAL  TANK.  USES 
THE  SAME  HARDWARE  AS  THE  PREFERRED  ATLASICENTAUR,  AND  THE  SAME  THERMAL 
CONTROL  APPROACH. 


C THE  PREFERRED  RCS  PIPING  ARRANGEMENT  ACCOMMOf>Aits  m sutcti 

PROPf  U ANT  TANK.  WHICH  HAi  iUM  MODIflfD  TO  HUMINATf  THE  BLADOtH  AND 
iHREt  TU6E5  AT  THE  TANK'S  OUTBOARD  END:  Mi  FOB  IHRUSUR  PROPtUANT  SUPPlV, 
FOR  ON-PAD  PROPE LEANT  DRAINING,  AND  i3,  fOR  ULLAGE  INTERCONNECT  IN 
CONDITIONS,  PIPING  IS  0,95  CM  iO.375  IN,  I IN  DIAMETER.  AMDROUTEOTOI 
AND  TO  MAINTAIN  EQUAL  PROPEI.IAMT  HEADS  IN  THE  TANKS. 


GAS  EQUAU2AT1QN  LINE 


PROPtUANT  • 
TANK 


TYPICAL  HEATER 
CIRCUIT 


FILL  and 
DRAIN  VALVE 


INSTRUMENTATION 
AND  HEATERS 
TYPICAL 


TRANSVERSE  THRUSTER  FOR  SPIN  AND  LATERAL  AV 
AXIAL  THRUSTER  FOR  PRECESSION  AND  AXIAL  AV 


SPIN 

THRUSTERS 


GAS 

EOllALIZATION 

^PROPELLANT 

\ \ line 


♦ proper  line  SIZING/ROUTING  IS  ESSENTIAL  IN  MAINTAIN/:.'  *'.  SEACFCRAFT  I 


R THE  RCS  WEIGHT  BREAKDOWN  reflects  the  accuracy  of  using  flight-tested  components 

WITH  KNOWN  WEIGHTS.*  THE  PP06E  AND  ORBITER  HARDWARE  WEIGHTS  ARc  IDENTICAL;  HOV/fVER . 
’HE  ORBITER  PROPELLANT  TANKS  aRE  LOADED  TO  ONLY  14.24  KG  <35. B LBi. 


D THE  PREFERRED  RCS  USES  FLIGHT-QUALIFIED  THRUSTER  HARDWARE. 


ITEM 

NUMBER 

required 

WEIGHT  [KG  fLSi) 

PER 

COMPONENT 

TOTAL 

PROPELLANT  TANK 

3 

1,04  (2  3l 

3.12  (6.9) 

THRUSTER 

8 

0.27  f0.6l 

2.17  (4.8) 

FILTER 

» 

0.18  (0.4) 

O.tfi  (0.4) 

PRESSURE  TRANS 

1 

0.18  (0.4i 

0.18  (0.4) 

FILL  AND  DRAIN  VALVE 

1 

0.09  (0.2) 

0.09  (0.2) 

LINES  AND  FITTINGS 

- 

— 

0.90  (2.0) 

TOTAL  HARDWARE 

6.67  (14.7) 

PRESSURANT 

0.27  (0.6) 

PROPELLANT 

18.19(40.1) 

TOTAL  LOADED 

25.13  (55.4) 

ITEM 

USE 
AS  ( V 

CHANGED 

remarks  1 

PROPELLANT  TANK 

X 

MARINER  '69  WITHOUT  A HI 
AND  WITH  mODIFICATIONJ 
TANK  MOUNTING  | 

THRUSTER 

X 

FLTSATCOM* 

THRUSTER  VALVE 

X 

FLTSATCOM*  j 

FILTER 

X 

PIONEERS  10  AND  11  i 

PRESSURE  TRANSDUCER 

A 

PIONEERS  lOANO  11  | 

FILL  AND  DRAIN  VALVE 

X 

PIONEERS  10  AND  11  J 

LINE  AND  FITTINGS 

X 

PIONEERS  10  AND  11  WITHj 
LINE  RUNS/SI2E  j 

i 

WtIGHrS  OF  tHt  HAHOWAlit  FOK  MOUNIING  THC  tANAS,  ’HRU5USS,  VAlVfS.  ttC.  ANDWIHING 
ARE  NOT  SHOWN  HERE;  THEY  ARE  PARTS  Of  OTHER  SUBSYSTEMS. 


* DIVIDED  FROM  PIONEERS  10  AND  1 1;  MODIFIED  THE  SAME  AS  ATLAS  CENTAU*  t 
REDUCED  UNO  COMPLEXITY,  HIGHER  RELIABILITY.  AND  LOWER  COSTS. 


I 


UA,T{S  fHt  ‘itltcito  MARJNI  R 
' THf  fllADDER  AND  incorporate 

PROPtilANT  SUPPLY,  *2,  AS  A DIP  TUBE 
^jftRCCNNECT  Ihi  SlAfiC  AND  DYNAMIC 
tt^MORCurf  D TOPkfcvtMr  fiUBBU  TRAPS 


EQUIPMENT 

PtAffOBM 


SPIN 

. thrustehs 


P«S$URANT 

equalization 

UNE 


' PROPELLANT 
LINE 


PRECESSION  THRUSTERS 


► SPACECRAFT  BALANCE. 


10  AND  n 
lOAND  11 
10  AND  II 

lOAND  a WITH  MQDIHfW 
%^SIZE 


YIaS  CtNTAUR  THRUSTEIC  VALVE; 
COSTS. 


AVERAGE 

SPECIFIC 

IMPULSE 

<StCONOS' 


ORBIT 

INSERTION 


PERIAPSIS 

MANEUVERS 

AND 

ATTITUDE 

MAINTENANCE 


CRUISE 

PRECESS 

SPIN  UP 

OESPIN 

PRECESS 

PRECESS 

AV 

TRIM  SPIN 
CRUISE 


3 594 
900 

REAL-  TIME 
REAL-TIME 


PROPELLANT 
CONSUMED 
[kg  (L6)J 

0,39 

/D.85I 

0.05 

(0.1D 

0.30 

0.67) 

10.20 

(22.50) 

0.24 

f0.521 

0.04 

<0  00) 

0.02 

(0.05; 

0.25 

fO.55) 

0. 24 

fO.54) 

0.02 

(0.05) 

0.20 

(0.45 f 

3.75 

(6.27) 

0.09 

(0.20\ 

0.06 

f0.13) 

15.85  (34.97) 

AVERAGE  THRUSTER 

TIME  SPENT 
IN  MODE 

DUTY  CYCLE  PER  PULSE 
TIME  (SECONDS) 

1 MISSION  MODE 

(SECONDS) 

ON 

OFF 

INITAL 

DESPIN 

160 

CONTINUOUS 

ATtiTUDE 

PRECESS 

I OSO 

0.125 

12.5 

TRIM  SPIN 

MIOCOURSE 

PRECESS 

7 988 

0.125 

12.5 

73  MA 
7 M/S 

AV 

-3  2X 

CONTINUOUS 

2 M/'5 

1RIMSPIN 

REAL-TIME 

VARIES 

CRUISE 

REAL-TIME 

0.125 

12.5 

PROBE 

PRECESS 

9 161 

0.125 

12.5 

DEPLOYMENT 

AV 

^640 

CONTINUOUS 

SPIN  TRIM 

0.032  TO  0.125 

12.5 

ATTITUDE  A 

MAINTENANCE 

PRECESS 

0.125 

12.5 

1 TOTAL 

TOTAL 
IMPULSE 
[N  . S (LB-Si) 

AVERAGE 

SPECIFIC 

IMPUISE 

(SECONDS' 

1 415  Old) 

225 

93  (21 1 

175 

NEG 

716  (161) 

173 

28  335  (6  3701 

222 

444  MX) 

170 

133  (30) 

170 

B4t  (189) 

160 

5 680  (1  277) 

220 

89  (20) 

160 

169  (38) 

170 

37  915  (8  524) 

Figure  8, 6-12,  Preferred  Thor/Deltd  PCS 
8.  6-ZO 
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A/C  III 


Table  8.  6-8,  Orbit  Injection  Rocket 

Details  for  Initial  Atlas/ 
Centaur  Configuration 


candidate 

SPACECRAFT  7 
WEIGHT  AT  1 

f 

— r 

. 1 

MOTOR 
WEIGHT 
(KG)  (LB) 

. i 

PROPEILAF-T 

THRUST 

CIUIICAL 
D£StO)4 
UMITATIONS 
(WtTHIN  PIONEER 
VENUS  DESIGN 
REQUIREMENTS) 

ORBIT 

injection 

rocket 

IGNITION  ! 

{NOT  INCLUDING  1 
ORBIT  INSERTION  ] 
ftOCKETj 

Koj  m i 

OELIVfcRfcU  j 

impulse  I 

(N  ‘ Sj  (Lfif-5)  i 

i 

t 

WEIGHT  ! 

(KG)  (LB) 

>'♦  EIGHT 
Change 

(KG)  (LB) 



maximum 
IN)  (LBF) 

average 

(N>  (LBf) 

c*ha1S?es 

HEkCulES  6E-3-B  ■ 

i 

j 

43  m 

am} 

ADD  L2.70C<^' 

(5.0  IN.)  TO  CASE, 

MINIMUM  FIRING 
TEMT>FRATURF 

PIONEER  VENUS 

786.9 

(632.7) 

343  577 

(77  243)  ’ 

176.96 

(799.9)  1 

142.34 

013.9) 

.r37.63 

(460.9) 

46  TtM 

ElO  5QflJ 

REQUIREMENT 

i 

1 

INCREASE  THROAT 
AREA 

EXISTING 

N,  A 

(N,A) 

269  549 

(60  600) 

99.34 

(219.0)  1 

112.31 

(247.6) 

0 

(0) 

36  474 

<8  200) 

34  250 

(7700) 

NONE 

minimum  firing 
UMPERATUfif 

SOCKET 

CAPABklllES 

sfC  (♦^32®F) 

THIOKOl  rE-M-521 

17  570 

(3950) 

ADD  4. 22  CM 
(1.66  IN.)  TO 

none 

PIONEER  VENUS 

29; .43 

(642.5) 

346  752 

(77  957) 

122.61 

(270.3' 

137.89 

(304.0) 

♦10.57 

(♦23.3) 

16  8)5 

(4  230) 

REQUIREMENT 

CASE 

EXISTING 

ROCKET 

capabilities 

N/A 

(N/A) 

318  477 

(7T  600) 

112.04 

(247.0 

1 

125.74 

(277.2) 

0 

(0) 

17  125 

(3  850) 

16  013 

(3600) 

NONE 

NONE 

AEROJET  SVM-2 

(44  833}  j 

1 

14  990 

(3370) 

NONE 

NONE 

PIONEER  ViNUS 

requirement 

204.56 

(267.4) 

346  201 

124.51 

(274.5) 

144.74 

(319.0 

14.  n 

(-31,1) 

2)  526 

(4  640} 

NONE 

EXISTING 

ROCKET 

CAPABILITIES 

N/A 

(N/A) 

3B6  531 

(86  900) 

120.62 

(305.6) 

158.85 

(350.2) 

0 

(0) 

21  484 

4 830 

13  967 

(3140) 

i 

NONE 

HERCULES  BE-3-B 
STATUS:  PRODUCTION 
f light  HISTORY;  9 flights 
STRYPE  (AEC) 
advanced  vela 

program  cost  (ESTJ:  S2I5K 
DELIVERY:  10  MONTHS  ARO 


THIOKOl  TE-M-521 
STATUS:  PRODUCTION 
flight  HISTORY:  7 FLIGHTS 
SKYNET  I 
NATO  I 
IMP  H 

program  COST  (EST):  S328K 
DELIVERY:  17  MONTHS  ARO 


AEROJET  SVM-2 
STATUS:  PRODUCTION 

FLIGHT  HISTORY:  5 fUGMTS 
INTELSAT  III 

program  cost  (EST):  S307K 
DELIVERY:  10  MONTHS  ARO 


Table  8.6-9.  Orbit  Injection  Rocket  Details  for 
the  Atlas/Centaur  Version  IV 
Science  Payload  Configuration 


candidate 

OR81T 

injection 

rocket 


spacecraft 
«.EIGHT  at 
ignition 

(NOT  INCLUDING 
ORBIT  INSERTION 
ROCKET) 
(KG)  (LB) 


THIOKOL  TE-M-j2t 


PIONEER  VENUS 
REQUIREMENT 


EXISTING 

rocket 

capabilities 

AEROJET  SMV-2 


PIONEER  VENUS 
requirement 

EXISTING 

rocket 

CAPAeiLilitS 


(762.  B) 
IN /A) 


340.41  (748.9) 

N A (N/  A) 


DELIVERED 

IMPUISE 

(N  5)  (LBf-S) 


PROPELLANT 
WEIGH! 
(KG)  (LB) 


THIOKOL 

STATUS.  PRODUCTION 
ftfOHT  hIStORY;  /FLIGHTS 
SKYNET  I 
NATO  I 
ImPH 

program  cost  (ESD:  1320K 
UE LIVERY:  1/  MONTHS  ARO 


405  729  (91  218)  : 143.77  (316.3) 

3)8,477  (71600)  ; 1)2.04  (247.0) 

i 

1 

405  360  (91  137)  | 1 46. 09  (321.4) 

386,131  (86  900)  I 130.62  (305.6) 


! PROPELLANT 
wplOR  I VVEIGHI 

' CHANGE 

(KG)  (LB)  , ^LB) 


160.09  (352.2)  ' ♦31.50  (+69. 3) 


125.74  (277.2)  j 0 


166.41  (366.1) 

150.85  (350.2) 


♦ 7.18  (05.8) 

0 (0) 


thrust 

maximum 
(N)  (LBF) 

AVERAGE 
(N)  (LBFl 

18  813  (4230) 

17  570  (3950)  - 

17  125  (3050) 

16  013  (3600) 

21  520  (^040) 

14  990  (3370) 

21  4.'4  (4830) 

13  967  (3140) 

DESIGN 

CHANGES 


ADD  12.5CM 
14.9  IN.)  TO  CASE 


NONE 

NONE 


AERCUFT  SVM-2 
STAIUS:  PRODUCTION 
RIGHT  HISTORY;  5 FLIGHTS 
INTELSAT  III 

pR(jr.RAMCc;)ST  (tST);  S3U7K 
DELIVERY:  10  MONTHS  ARO 


8. 6-^1 


critical 

DESIGN 

limitations 
(yviTHlN  PIONEER 
VENUS  DESIGN 
REQUIKFMENTS) 


NONE 

NONE 


1 


'-j 


A/C  IV  A/C  III 

requiring  requalification  testing  and  unnecessary  costs.  The  weight  in 
orbit  is  about  6.80  kg  (15  lb)  greater  for  the  TE-M-521  than  for  the 
selected  motor,  but  in  a non-weight -limited  system  this  is  not  a signifi- 
cant parameter . 

The  selected  Aerojet  SVM-2  offers: 

• No  anticipated  changes  to  any  hardware 

• Ability  to  accommodate  a ±10  percent  propellant  load  variation. 
Requirements  to  the  earlier  Atlas /Centaur  are  a -14.  1 kg 
(-Ji.  1 lb)  or  10.2  percent  propellant  off-loaded.  For  the  Ver- 
sion IV  science  payload,  the  requirements  are  a +7. 18  kg 
(+15.8  lb)  or  4.6  percent  propellant  on-load. 

• Successful  flight  history 

• Program  costs  and  risks  lower  than  the  TE-M-521  (10  percent 
lower  cost). 

Bipropellant  Versus  Solid/Hydrazine  RCS  Systems  Tradeoff,  Atlas/ 
Centaur  Orbiter.  In  Table  6,6-10,  three  liquid  bipropellant  systems  are 
compared,  and  the  best  bipropellant  system  is  compared  to  the  mono- 
propellant/solid rocket  system. 


Table  8.  6-10.  Comparimn  of  Bipropellant  Versus  Solid 

Hydrazine  RCS  Systems  for  Atlas/Centaur 


SYSTEM 

USABlt  WONIEft  VENUS 
SPACECRAFT 
WEIGHT  IN  ORBIT* 
(KG)  (LBt 

RCS  SYSTEM 
BURNOUT  WEIGH 
(KG'  'L8i 

PROPELLANT  WEIGHT 
REQUIRED 
(KG)  (LB) 

PROPELLANT 
SPECIFIC  IMPUtSE 
(N-S/KG)  (LBF-S/LBM) 

IMPULSE  DEI  .VERID  I 
(N*S)  (IBF-S)  1 

MARINER  71 

156.2 

(344.01 

150.r- 

(331.0) 

127.4 

(285.0) 

2775.7 

(283.0) 

350  749 

(60  654) 

iN-O./MMH) 
7 4' 

MMBPS 

216.9 

(477.7) 

9.0 

(207.0) 

125.0 

(275.3' 

2893.4 

(295.0) 

361  178 

(81  200) 

7 4 

SYMPHONIE 

294.0 

1647.51 

20.4 

(44.9, 

12I.5 

(267.6) 

2991.5 

(305.0) 

363  072 

(81  626) 

(N_0.  A-50' 
7 4 

' 

ERW 

288.2 

(634.81 

4.5 

(9.9) 

2157.0 

(220.0) 

21  36? 

(2  178) 

1 

H,. 

SELECTED  ( 

SVM-? 

288.2 

f634.8> 

124.5 

(274.5) 

2781.6 

(283.61 

.346  201 

(77  833) 

' 

(SOLID) 

, 

SYMPHONIE 

294.0 

(647.5) 

12T.5 

(767.6) 

2991.5 

(305.0) 

363  07? 

<81  626) 

ERSO  I 

*RCOUIRtD  PIONftR  VtNUS  SPACfCRAH  WtIGHT  IN  ORBIT  IS  285  KG  (62B  LB'. 


8.6-22 


faiw 
A/C  III 


The  ESRO  Symphonie,  the  MMBPS  (multi-miesion  spacecraft),  and 
the  U.S.  Mariner  *71  bipropellant  systems  were  compared  to  determine 
which  would  best  supply  enough  impulse  to  perform  both  midcourse  and 
orbit  injection  maneuvers.  All  three  supplied  enough  impulse.  The 
MMBPS  and  Mariner,  however,  are  too  large  and  must  be  grossly  off- 
loaded. Neither  allows  adequate  usable  spacecraft  weights  in  orbit.  The 
Symphonie  is  favored  by  a good  margin. 

Other  liquid  bipropellant  systems  could  be  assembled  from  existing 
qualified  components  such  as  the  Marquardt  R4D  Apollo  thrusters  of  the 
Rocketdyne  or  Bell  tankage.  In  the  interest  of  minimizing  costs,  this 
study  considered  only  complete  systems  that  could  be  used  in  their  exist- 
ing qualified  configurations. 

The  selected  liquid  bipropellant  system  was  then  compared  to  the 
hydrazine /solid  rocket  system  in  terms  of  relative  .omplexity  (relia- 
bility), cost,  and  flight  experience.  In  all  three  areas,  the  hydrazine/ 
solid  system  is  favored.  Because  bipropTillant  systems  are  more  complex 
than  hydrazine/ solid  systems,  they  are  less  reliable.  Bipropellant  sys- 
tems historically  cost  two  to  three  times  as  much  as  equivalent  monopro- 
pellant systems.  Finally,  the  flight  history  of  satellite  propulsion  systems 
is  overwhelmingly  in  favor  of  hydrazine/solid  systems. 

The  study  results  indicate  that  the  ESRO  Symphonie  has  a small 
weight  advantage  (6  kg  lighter)  over  the  solid  system,  but  for  a non-weight- 
limited  system,  this  is  not  a significant  parameter.  The  bipropellant  sys- 
tem may  have  some  advantage  in  terms  of  its  relatively  long  burn  time 
which  would  produce  lower  gravity  forces  and  might,  therefore,  permit 
lighter  deployable*  structural  elements.  In  terms  of  all  the  criteria,  how- 
ever, simplicity,  and  historical  performance  record  of  the  hydrazine/ 
solid  rocket  system  makes  it  the  preferred  choice. 

(31  w 

Thor/Delta  4^  T/D  III 

Solid  Rocket  Motor  for  Use  With  Hydrazine  System.  Table  8.6-11 
shows  the  key  features  of  the  candidate  motors  for  the  Thor/Delta  orbiter. 

Only  two  known  existing  rocket  motors  meet  the  mission  require- 
ments without  gross  changes  in  design,  requiring  requalification  of  the 
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T/OIII  motor.  The  first,  the  Aerojet  SVM-l,  meets  the  mission  requirements 
with  the  following  changes  to  the  existing  design: 

• The  addition  of  2.  54  cm  (1  in.)  to  the  cylindrical  section  of  the 
motor  case 

• A slight  increase  in  the  throat  area  to  accommodate  the  increase 
in  propellant  burning  area  and  weight. 

These  changes  are  considered  minor  and  would  not  require  motor 
r equalific  ation. 

The  anticipated  $250K  program  cost  of  the  Aerojet  SVM-1  is  nearly 
twice  as  high  as  that  for  the  Hercules  BE-3-A,  the  second  and  preferred 
motor,  which  offers: 

• No  changes  to  the  existing  hardware  design  other  than  the  addi- 
ti  >n  of  a safe  and  arm  device 

• Off-loading  of  3.58  kg  (7.0  lb),  which  represents  only  a 4. 1 per- 
cent change  to  the  propellant  load  and  no  changes  to  the  motor. 

The  off-loading  can  be  accomplished  by  machining  the  internal 
surfaces  of  the  propellant  grain  with  existing  tooling  after  it  has 
been  cast. 

• A larger  nuvnber  of  successful  flights  (161  as  opposed  to  three 
for  the  SVM-1) 

• Program  costs  of  only  $135K. 

Bipropellant  Versus  Solid/Hydrazine  RCS  System  Tradeoff,  Thor/ 
Delta  Orbiter.  In  Table  8.2-12,  three  liquid  bipropellant  systems  are 
compared,  and  the  best  bipropellant  system  is  compared  to  the  monopro- 
pellant hydrazine  system.  As  for  the  Atlas/Centaur  orbiters,  the  ESRO 
Symphonie  is  favored. 

When  the  Symphonie  system  is  compared  to  a hydrazine/solid  pro- 
pellant system,  neither  exhibits  clear-cut  performance  advantages.  How- 
ever, as  for  the  Atlas /Centaur  orbiters,  the  hydrazine/n-«onopropellant 
system  is  simpler,  more  reliable,  less  costly,  and  has  superior  flight 
experience  to  the  bipropellant  system. 

js,  (31W 

8.6.2.  3 Preferred  Atlas/Centaur  Subsystem  IM-a/CIV  4 'A  A/c  ill 

The  Aerojet  SVM-2  solid  rocket  was  selected  for  either  the  earlier  or 
Atlas /Centaur  Version  IV  science  payload  orbiter.  The  existing  motor 
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Table  8.  6-H.  Orbit  Insertion  Rocket  Details 
for  Thor /Delta  Configuration, 
Orbitur  Mission 
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MINIMUM  FIRING 
TEMPERATURE 
0®C  (^32®F> 

AtRQj£T  SVM-1 
SIATUS:  PRODUCTION 

Flight  history;  3 flights 
COMSAT 

program  cost  lESt):  S250K 
DELIVERY:  10  MONTHS  A80 


HERCULES  6fc»3-A 
STATUS:  PRODUCTION 

FLIGHT  HISTORY:  161  FLIGHTS 
VELA  (USAf),  RANGER  (NASA), 
ATHENA  (AFBSO),  AMR  AO  (ARMY), 
SPARTA  (ARMY) 

PROGRAM  COST  (EST):  $I35K 
DELIVERY:  10  MONTHS  ARO 


Table  8.6-12.  Comparison  of  Bipropellant  Versus 
Solid /Hydrazine  RCS  Systems 
for  Thor /Delta 


SELECTED 


E5RO 


1 

SYSTEM 

USABLE  PIONEER  VENUS 
SPACECRAFT 
V/E1GHT  IN  ORBIT* 
(KG?  <LB) 

RCS  SYSTEM 
BURNOUT  WEIGHT 
IKGl  ILB) 

PROPELLANT  WEIGHT 
REQUIRED 
(KG)  (LB) 

PROPELLANT 
SPECIFIC  IMPULSE 
(N  • S/KG)  (lBF-.S/LeM) 

IMPULSE  DELIVERED 
(N-S)  (LBf-S) 

MARINER  '71 

51.3 

IT13.)) 

150.3 

G3!.0) 

91.2 

(200.9) 

2775.7 

(283.0 

252  944 

(56  867) 

(N  J MMHl 

MMBPS 
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88.2 
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2893.4 

(295.0) 

254  755 

(57  274) 

(Nj  MMH) 

SYMPHONIE 
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' (411.31 

20.4 

(44.91 

85.7 

(188.8) 

2991.5 
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256  169 
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(N„  O./A-SOl 
/ 4 

TRW 

167.8 

(413.7) 

10.67 

(23.5) 

2157.8 

(220.0) 

2?  996 

(5  170) 

i 

Bt-3-A 

187.8 

(413.7) 

83.05 

(163.1) 

2707.0 

(276.0) 

224  833 

(SO  548) 

j 

(SOLID) 

1 SYMPHONIE 

186.7 

(411.31 

85.7 

(I6B.S) 

2991.5 

(305.0) 

256  169 

(57  592) 

j 

(Nj  A-501 

‘required  pioneer  VENUS  SPACECRAFT  WEIGHT  IN  ORBIT  IS  187  KG  1413  POUNDSi 
FOR  SOLID  AND  186  KG  (411  POUNDS)  FOR  BIPROPEllANT. 
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dosign  is  unique  in  that  the  ±10  percent  propellant  load  variation  capability 
encompasses  the  requirements  of  both  of  these  spacecraft.  The  preferred 
motor  does  not  require  requalification  and  is  lower  in  cost  than  the 
Thiokol  TE-M-S121  candidate. 


Atlas /Centaur  Orbit  Insertion  Rocket  Description  j|ij> A/C  IV 

A detailed  description  of  the  selected  Aerojet  SVM-2  motor 
tained  in  Appendix  8. 6A. 

i 31  W 

8. 6. 2.4  Pveferred  Thor /Delta  Subsystem  T/0  III 


w 

A/C  III 


is  con- 


The  Hercules  BE-3-A  motor  was  selected  for  the  Thor/Delta  orbiter. 
The  existing  motor  design  meets  the  orbiter  requirements  with  only  minor 
changes  to  incorporate  a safe  and  arm  device  and  to  reduce  the  propellant 
load  by  kg*  These  changes  are  straightforward  and  requalification  is 
not  uecessary#  The  Hercules  motor  also  has  an  impressive  history  of 
flight  service  and  is  low  in  cost* 


Thor /Delta  Orbit  Insertion  Rocket  Description 


H 

T/D  ill 


A detailed  description  of  the  Hercules  BE-3-A  motor  and  the  recom- 
mended safe  and  arm  device  are  covered  in  Appendix  8*6B* 
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ALL  CONFIGURATIONS 


8.7  THERMAL  CONTROL 
8.7.1  Ini  roduci  ion 

Tilt-  tiu  rinal  t oni  rol  s\sicm  fL  sit»n  for  Ln*  nrofrrr<'d  Atlas/Ccntaur 
I unli^urnt  ion,  as  wtll  as  ail  optional  confimi  rat  jons , consists  of  himHallic - 
arlualtai  Iouvlt  asscml)!  ii*s,  multilayto’  insulation  blankets,  electrical 
luatt  rs,  and  srlottad  surfaen  eoaliii^s.  Tlu-nnal  system  hardware  and 
coatings  will  in  tti04Sl  instances  he  cotnmon  to  botli  the  probe  bus  and 
orbit er  spacecraft  wlu^n  eacli  is  launclied  by  the  same  type  of  booster. 
Hardware  commonality  is  stressed  in  the  systi*m  selection  to  reduce  over- 
all fabrication,  integration,  and  tc*st  costs.  Certain  individual  insulation 
blankets,  such  as  those  which  enclose'  the  orbit  insertion  motor,  and  the 
number  of  inquired  louver  assemblies  will  vary  between  the  probe  bus  and 
orbiter  di  signs.  The  alternate  modified  DSCS-II  configuration  thermal 
syr»lem  design  utiliz('d  electric  heaters  to  maintain  a constant  power  level 
in  the  equipment  mounting  area,  and  docs  not  require  louvers.  All  other 
features  of  the  preferred  design  are  retained  for  the  alternate  configuration. 

Temperature  control  of  the  large  and  small  probes  prior  to  separa- 
tion can  be  accomplished  by  controlling  the  transit  solar  aspect  angle, 
providing  probe  internal  heaters,  insulating  the  probes  during  trarsit,  or 
combining  two  or  three  of  these  systems.  To  minimize  the  electrical 
power  requirements  for  the  mission,  it  is  recommended  that  the  small 
probes  be  insulated  from  the  external  environment  and  radiativcTy  coupled 
to  the  equipment  compartment.  Furthermore,  heaters  can  be  eliminated 
in  the  large  probe  by  controlling  Hie  solar  aspect  angle  throughout  the 
mission.  This  technique  eliminates  heater  circuits  with  1)  their  associated 
wiring  and  electrical  connections  bet'veen  the  probe  and  spacecraft, 

2)  their  ground  command  switching  hardware,  and  3)  avoids  an  increase 
in  solar  array  size. 

The  6-watt  S-band  transmitter  selected  for  the  preferred  Atlas/ 
Centaur  design  requires  no  special  thermal  provisions.  However,  the 
31 -watt  transmitter  used  in  one  optional  design  requires  a thermal  .n 
insert  in  the  platform  under  the  transmitter  assemblies  to  conduct  boat 
away  from  the  corxent rated  energy  source  and  radiate  excess  heat  to 
space  through  the  louver  assemblies.  The  thermal  fin  insert  can  be 
eliminated  in  the  I hor/ Delta  t2«watt  transmitter  configuration  by  locally 
thickening  the  mounting  platform  face  sheets. 
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Pj  ' torrcd  A*  as/(  .i  nl.mr  Coiitj^^iiral iun.s  A/C  IV  [hj-A/CIV 

lh<  pri  ti-rri'd  A(  I,is/Ci  iii;iur  i)r.j|)c  Im.s  and  i>rl)itcT  llu  rmal  (.  oni  rol 
.sy.si.-ms  ulili/.r  c-ommon  liardwar..  and  .surfai-,  roalinya  wlu  ri'vrr  possildc- 
Ilu  llu  rmaJ  sy.sU  in  .uul  i(  ,s  inlwia  ni  pc rlorinanc-  an-  di-sc  rilnd  hcJosv  for 
boll.  mi.ssi.jn.s.  Tlu-  rr.al.d  (iuTn.al  cnvirunnunl  and  analysis  l.chniqucs 
u.Hcd  I o dele  nninc  sysU m performance  are  also  |)rovided. 

b.7.2.1  Probi'  Bus  Spacecraft  A/C  IV 

System  Description 


The  preferred  Atlas/Centaur  probe  bus  spacecraft  thermal  control 
system  description  and  pertinent  operational  features  are  presented  in 
Figure  8.7-1.  Specific  hardware  and  thermal  provisions  are  identified 
and  the  purpose  of  each  item  defined.  Hardware  is  designed  to  be  common 
with  both  mission  configurations  wherever  possible.  One  exception  to  this 
goal  is  the  outer  conical  section  of  the  forward  thermal  shield  which  is 
fabricated  of  24  aluminired  kapton  layers  instead  of  the  mylar/teflon  film 
used  for  the  other  thermal  shields.  The  aluminized  side  faces  outward 
be  !se  the  forward  facing  experiments  need  a«metallic  potential  refer- 
ence plane  on  the  forward  end  of  the  spacecraft.  'I  hLs  orientation  produces 
high  surface  temperatures  on  the  outer  insulation  layers  which  protect 
the  solar  array. 

Thermal  Control  System  Performance 

Figure  B.7-2  lists  the  maximum  predicted  temperature  variation  of 
each  component  during  the  entire  mission.  All  components,  including  the 
scientific  experiments,  meet  the  specified  acceptance  temperature  limits. 
The  figure  also  describes  the  earth -to -Verus  transit  temperatures  for 
the  solar  array,  large  probe,  battery,  and  potential  reference  plane. 


All  thi  ustor  valves  and  catalyst  beds  have  to  be  heated  when  not 
being  fired  to  prevent  the  temperature  of  the  hydrazine  from  falling  below 
4°C  (40  F).  Figure  8.7-2C  lists  valve  and  catalyst  oed  temperatures  for 
various  heater  power  comninations  for  the  three  thruster  types.  The 
selected  heater  power  levels  and  temperatures  are  indicated  on  the 
unshaded  lines.  A lol.il  power  requirement  of  5.2  walls  is  needed  to  keep 
(he  four  transverse,  iwo  ,,f|  AV,  and  two  forward  thrusters  warm. 

The  (.owers  ar.'  <|uite  low  beeause  the  thruster  surface  reposed  to  the 


A <HE8MAl  CONiaOl  &ySI(M  HASOWARC  DESCRIPTION 

TH£  fUQtt  eU5  uses  RELIABLE  AND  fUGMT-fKUVEN  fHlRMM  CONlKOL 
HARDWARE.  LOCATIONS  OF  HARDWARE  ARE  KEY?0  TO  THE  ADJACENT 
lARU  FOR  OETAItfO  DESCRIMIONS 


NAME  OF  ITEM 


DESCRIPTION  Of  HARDWARE 


SECTION  VIEW 


1 FORWARD  OMNI  ANTENMA  1-Mll  COAT  OF  5-I3G  WHITE  PAINT  ON  EXTERNA!  SURPASS  OF  OMNI  ANTENn/ 
THFRMAl  COATING 


7 LARGE  P'icBF  CLOSEOUT  ONE  CUTER  LAYER  OF  2-MIL  SILVER  TEFLON  (SILVER  SIDE  FACING  INWARD)  LAMINATED  TOl 
2-MIL  INNER  LAYER  OF  CLEAR  MYLAR  j 

T~ ImaliTr^if^lation  ~onV io-mil  fiberglass  jettisonable  cover  for  e^ch  probe,  externm^^^ 

COVER  WITH  22  LAYERS  OF  ALUMIN.ZED  MYLAR  SANDWICHED  BETWEEN  ONE  OUTER  2-MIL  AlUMiPjl 

XAPTON  AND  ONE  INNER  2-MIL  ALUMINIZED  MYLAR  COVER  SHEET  ^ALUMINIZED  SURFACRI 
IF2WARD).  SIMILAR  INSULATION  BLANKET  WITH  2-Mll  MYLAR  FXCE  SHEETS  INSULATES  EAM 
PROBE  FROM  THE  SPACECRAR  INTERIOR  EXCEPT  AT  THERMAL  WINDOW  PENETRATION,  ITEM  ^ 

XA,  SEE  FIGURE  8.7-4  J 


4 MEDIUM-GAIN  ANTENNA 
COATING 


3-Mll  COAT  OF  S-I3G  WHITE  PAINT  ON  EXTERNAL  SURFACE 


5 SOLAR  ARRAV  SUBSTRATE  3-MlL  COAT  OF  JM  BLACK  VELVET  PAINT  ON  BACK  SURFACE  OF  SUBSTRATE 
THERMAL  COATING 


6 MiOSHIELD 


7 SMALL  PROBE  THERMAL 
WINDOW 


ONE  OUTER  LAYER  OF  2-MIL  SILVER  TEFLON  (SILVER SIDE  FACING  INWARD}  LAMINATED  TO 
2-MIL  INNER  LA'.'ER  OF  CLEAR  MYLAR 

ONE  2-MIL,  0.047  M^  {0.5  FT^i  SHEET  Of  BLACKENED  KAPTON  BETWEEN  EACH  SMALL  PROK 
THE  EQUIPMENT  COMPARTMENT 


VIEW  OF  AFT  END 


B thermal  control  system  features 


• INSULATED  E'»»JlPMUH  COMPARTMLn:  WITH  LOUVIP'.  TO  MiPJIMiZl 
SOLAR  INTENSITY  VARIATION  DUPING  TRANSIT  TO  Vt  NUS 

• REAR  'iJRFACl  Of  SOLAR  ARRA  2 THERMALLY  COUPUD  HJDtRECTtY  TC 
SPACE  TO  REDUCE  ARRAY  TEMPI RATU RE 

• LOW  A8SORPTAMCE  ATIGH  [MITTANCL  SHIELDS  TO  PRf  Vl  f^T  S('4  AR 
iRRADlAf  ON  OM  ARRAY  REAR  SURFACE 

• HCATEO  THRUSTERS  WITH  COPPER-Pi \TtL  LIMtS  TO  PRt  VEMl  MYDKAZiNL 
FROM  f RLE  ZING 

• WHITE  PAINTED  'iURFACf,  I O'WI  R OPERATING  Tt  MMfRATURt  iLvELS 

• 'jf  LAP  A:>PLr  r ANGIL  'U . r J TRT  jI  ll  D D'  MAlfJTAlM  ACO  PTABU  ( APGl 
PPTjBE  riMPl  KAfURL 

• lARGt  PRF  'SrS  L'  OPtI  [>  RADlATi  /ll  Y ) SOLAR  ARRAY 

• small.  pRO'U  S a 'IIPUD  RAOlATIVI  t V E'JI  llPMNJT  fU ymPARTVU  rjf 

• •OS"|A{'h,  MTtiSfHABLE  PANI  i S APOt  !ND  SMALL  PI-(  (V I' 

MAiF rj  At  f ^prAfil  I PROBE  TLMPLRAIUPES  Ui  TRAf-jjU 


BIMETAL  ACTUATED  LOUVERS  TOTAL  BLADE  AREA  0.145  M^  fl.5«  FTO 

CLOSED  EFFECTIVE  EMITTANCE  0.20  FULL  CLOSED  AT  4‘C,  (40'F- 
OPEN  EFFECTIVE  EA4ITTANCE  0.74  FULL  OPEN  AT  29*C,  f85’F> 
3-MIL  COATS  OF  2-93  WHITE  PAINT  PLATFORM  UNDER  LOUVERS 


EQUIPMENT  COMPARTMENT 
SIDE  INSULATION 


10  i EQUIPMENT  CCMrARTMENT 
TOP  I INSULATION 


EQUIPMENT  COMPARTMENT 
I AFT  INSUIATION 


12  \ EQUIPMENT  CCMi^ARTMENT 
RADIATIVE  AND  CCNDUC- 
1 TIVF  THERMAL  CO  UP  UNO 
I REOU'PEMf.NTS 


13  tfiCS  THRUSTfR  VALVE  BODY 
I AIvlD  SUPPLY  LINE  INSULA- 
i Lit  , f j.  VALVE  AND 
I CATALYST  BED  HEATERS, 

1 AND  tmR'MER  iSC  I AT  ION 


14  j CFNOAI  ■:  - llNDrP 
: INSIU  ATit  : i 


If,  ALT  ' Mf  i;  At  iT(  fJtJA 
’ THtPMAf  '■(  AMMO 


; 22  LAYERS  OF  1/4-MIL  ALUMiNIZEu  MYLAR  SANDWICHED  BETWEEN  ONE  OUTER  %MIL  J 
j ALUMINIZED  MYLAR  COVER  SHEET  (ALL  ALUMINIZED  SURFACES  EXCEPT  INSIDE  COVER  SHIB 
INWARD) 

KA,  see  FIGURE  8.7-4  , 

22  LAYEB  OF~l/4-Mll  ALUMINIZED  MYLAR  SANDWICHED  BETWEEN  TWO  2-MIL  ALUMINIZH 
MYLAR  COVER  SHEETS  (ALL  AlUM.NiZED  SURFAaS  EXCEPT  AFT  COVER  SHEET  FACE  INWABO] 


1/  ' .1,1}  I N'  - ''  :f  / l.!l 


1.'  I PI  A'' MAS'  ?l!'A 
I etlL  ■ U P ' U'-f 


LIT  'Ulin-1  ' a; 


j kA,  see  figure  8.7-4  ^ 

22  LAYEW  OF  :/4-Mll  ALUMINIZED  MYLAR  SANDWICHED  BETWEEN  ONE  OUTER  2-MIL  J 
ALUMINIZED  KAPTCN  AND  ONE  INNER  2-MIL  ALUMINIZED  MYLAR  COVER  SHEETS  (ALUMLPi 
SURFACE  FACE  FORWARD)  ^ 

kA,  SEE  FIGURE  8.  -4 J 

3-MIL  COATING  OF  3M  BLACK  VELVET  PAINT  ON  EQUIPMENT  PLATFORM  AND  HEAT  DISS1P4 
EQUIPMENT  j 

BARE  METAL  SURFACE  ON  CENTRAL  COLUMN  AND  HYDRAZINE  TA^4KS.  TANKS  CCNDU  ^ 
COUPLED  TC  MOUNTING  PIATFCRM  AT4D  ISOLATED  FRC  M COLUMN 
' PRCVIOE  GOOD  CONDUCTIVE  THERMAL  CCUPLlNG  STTWEtN  HIGH  HEAT  DENSITY  COM 
I fl.F.,  TRANSMITTER'  AND  PLATFORM  WITH  m INTERFACE  FI  HER  MATERIAL.  H ' 14?  W/M 

U5  BTU4iR-FT^  -°Fi _ . . 

t LOWER  Iv  THRUSTER  I NSULaTeD  COMPLETE LV  WITH  HIGH  TEMPERATURE  MOLYBDENUM  FOll 
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Figure  1?./  1.  Preferred  Atlas/Centaur  Pnpbe  Bus  Spacecraft  Thermal 
ContfDl  System  Description 


A COMPONENT  (EMPERATURE  CONTROL  CAPABILITY  VERSUS  TEMPERATURE  REQUIREMENTS 

AU  COMPONENTS  AIE  MAINTAINED  WITHIN  SPtCiHtD  TfMfFRATURI  LIMITS.  i OU  SOME  OF  THC 
fXPtPtMfWS  THE  SPECIFIED  lIMtTS  Mtf  TENTATtVE . TMfSE  I1MIT5  MUST  KCOMF  MO«  CLIARIY  DEFINED 
DURING  THE  HARDWARE  PHASE. 
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C ATTITUDE  CONTROL  SYSTEM  TEMPERATURES  AND  POWER  REQUIREMENTS 

A STUDY  OF  THRUSTER  TEMPERATURE  RESPONSE  IN  BOTH  FIRING  AND 
NONFIRING  MODES  WAS  PERFORMED  TO  DETERMINE  HEATER  POWER 
REQUIREMENTS . HEATERS  WILL  BE  THERMOSTATICALLY  CONTROLLED. 
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Thermal  Performance 
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ambient  environment  is  kept  small  and  three  0,03-meter  (1-inch)  long 
titanium  standoffs  are  used  to  attach  the  thruster  valve  to  the  structure. 
Additional  heater  power  is  not  required  for  the  lines  and  fuel  tanks  since 
the  t'quipitumt  compartment  level  is  maintained  above  4 C (40  F)  and  fuel 
lines  external  to  the  compartment  are  wrapped  with  multilayer  insulation. 
Copper  plated  ( 10  mil)  lines  are  used  to  enhance  thermal  conduction  and 
prevent  local  cold  spots  from  occurring.  Figure  8.7-2C  also  indicates  that 
the  valves  will  not  overheat  after  firing  has  been  completed. 

Thermal  Environment 

The  design  thermal  environment  tor  the  entire  probe  bus  spacecraft 
mission  is  shown  in  Figure  8.7-3.  Adequate  on-stand  spacecraft  tempera- 
ture control  is  provided  by  supplying  45  kg/min  (100  Ib/min)  of  conditioned 
air  into  the  fairing.  The  air  supply  is  controlled  between  16^C  (60^F)  and 
38^C  (lOO^F)  with  a relative  humidity  less  than  50  percent  (Figure  8.7-3A). 

Figure  8.7-3B  also  specifies  typical  ascent  temperature  histories 
for  the  inner  and  outer  surtaces  of  the  Atlas /Centaur  fairing.  Since  the 
shroud  is  constructed  with  a 0.04  meter  (1.7  5-inch)  thick  phenolic  honey- 
comb wall,  the  interior  surface  temperature  is  unaffected  by  external 
aerodynamic  heating  during  ascent.  Therefore  extra  thermal  protection 
is  not  required  for  ascent  temperature  control.  Low  heat  capacitan'te 
spacecraft  surfaces  such  as  solar  cells,  silver  teflon  thermal  shields, 
and  aluminized  insulation  blankejts  are  prevented  from  exceeding  their 
respective  maximum  temperature  limits  after  shroud  separation  by 

jettisoning  the  fairing  275  seconds  after  liftoff  when  the  free -molecular 

2 2 

heating  is  below  342  watts/meter  (0.03  BTU/ft  -sec). 

The  transit  thermal  environment  from  booster  separation  to  Venus 
encounter  cons^iders  that  the  spacv.craft  orientation  is  inertially  fixed, 
with  exception  of  solar  pressure  perturbations,  between  the  first  and 
second  midcourse  maneuvers,  and  then  remains  earth  pointing  until 
encounter.  The  resultant  orientation  provides  sun  aspect  an  les  that  will 
maintain  acceptable  temperatures  of  the  large  prbbe  without  the  use  of 
electric  hea  ers  (Figure  8.7-3C). 

Probe  bus  heat  dissipations  for  all  components  are  tabulated  in  Fig- 
ure 8.  7-3E,  A representative  mission  power  profile  is  also  included  to 
indicate  the  overall  variation  in  spacecraft  heat  dissipation,  Figure  H.7-3D. 
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Thermal  Analysis  Techniques  A/CIV 

Figure  8.7-4  presents  the  probe  bus  spacecraft  and  typical  lliruster 
aialyiical  computer  models  used  in  the  study.  Component  temperatures 
far  various  operating  conditions  were  calculated  with  lluse  mod<  Is,  using 
the  TRW  thermal  analyzer  computer  program.  Critic  al  "configv.rai  iui: 
factors”  input  into  these  programs  were  determined  by  tlu’  TRW 
"VIEWFAC”  program,  which  generates  a hemispherical  view  from  one 
surface  to  all  adjacent  surfaces.  A typical  computer  generated  picture  is 
shown  in  Figure  8.7-4B. 

8. 7. 2, 2 Orbiter  Spacecraft  [j^A/CIV 

System  Description 

A description  of  the  preferred  Atlas/Centaur  orbiter  thermal  con- 
trol system  design  is  shown  in  Figure  8.7-5.  The  specific  hardware  and 
thermal  provisions  are  identified  along  with  the  purpose  of  each  item. 

Thermal  Control  System  Performance 

Prelaunch  orbiter  spacecraft  temperatures  are  identical  to  probe 
bus  spacecraft  temperature  for  that  period.  The  hydrazine  system  power 
requirements  and  temperature  levels  are  also  identical  to  the  probe  bus 
system  throughout  the  mission.  Other  orbiter  spacecraft  component 
temperatures  will  vary  between  the  levels  listed  in  Figure  8.7-6A. 
Earth/Venus  transit  and  Venus  orbit  temperature  histories  of  selected 
components  are  presented  in  Figure  8.7-6B. 

All  component  temperatures,  including  all  scientific  experiments 
located  within  the  equipment  compartment,  except  the  infrared  radiometer, 
remain  within  their  respective  acceptance  temperature  range.  The  infra- 
red radiometer  temperature  will  exceed  its  upper  acceptance  limit,  which 
is  much  lower  than  other  experiment  temperature  limits,  during  the 
mission.  If  the  upper  temperature  limit  ^an  be  raised  without  degrading 
the  instrument  performance,  platform  mounting  will  be  acceptable. 
Otherwise,  the  instrument  will  have  to  be  isolated  from  the  equipment 
compartment  and  provided  with  its  own  therma’  control  system.  A multi- 
layer insulation  and  electric  heater  syf  tern  combined  with  a dedicated 
radiator  panel  is  best  for  this  arrangement. 
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■ L_STANDC.'FfS 


G!MM)Zi 
*!  x'PfRAn 

O A^PCM 


SURFACE  THERMAL  PIOPERTIES 

P'tPP(  Sf 

INSiDt 

OUTSIDE 

u 

new 

PEG 

NEW 

• 

V : .-;vr:A; 

'.MNiMt  ’1  ABu  KStO  SCUR  AND  ALBEDO  Hf  AT  INPUT 
’ Rf r<  W.i  vaRJ IN  TtMWSATURE  PURINE  MIJSIOhi. 

!c  tati  HiSURES  Solar  HtAriMo  to  limit  minimum 
temper  AH  (EES  fC  ((  AU  SOIAR  ASPECT  ANOIES  ENCOyNTEWO 

0.74 

0.19 

0.86 

i UE-t  JA. 

MINIM' JE  AftSOPBfD  SeiAS  Af3l>  AlgfpC  MWT  tWMif 
1C  ULUCL  VARiATfCW  ifi  tEMPERATURF  pyRIwCMtSSteN. 

U CAIlL.  ft  ENSURLS  SOI  AR  HEATING  TO  LIMIT  MINIMUM 
* lEMPERATlJRES  F'-R  AU  SOLAR  ASPECT ANGITS  INCCUNTERfD 

0.?4 

0.39 

0.B8 

tXTfcBr-A! 

VNiMiZL  aBSCRBLD  SOLAR  AND  ALBEDO  HEAT  INPUT 
0 REDIOD  ■.  ARIATICN  IN  TEMPERATURE  AND  REFLECTOR 
[VSTCRTCN  nUR'NG  MISSION 

— 

— 

D.24 

0.39 

0.B8 

QpTt^TtRNAi 

MINIMIZE  DIPfCT  AND  REFLECTED  SOtAR  AND  ALBEDO 
: HEAT  INPUT  TC  LIMIT  MAXIMUM  SUPPORT  TEMPERATURES 



- 

- 

0.74 

0,39 

0.68 

LjJ  CP3  BACK 

MAXIMIZE  RAD‘ANT  MEAT  TRANSFER  FROM  BACK  SURFACE 
OF  SOLAR  ARRAY 

- 

0.90 

0.80  0.80  0.80 
AT  ZERO  ARRAY 
OUTPUT 

SD  teflon 
S^iM  NATFO  TC 
. - AR 

SHIELD  BACKSIDE  CF  SOLAR  ARRAY  FROM  DIRECT  OR 
reflected  solar  and  ALBEDO  IMPINGEMENT.  PROVIDE 
LCVv  TEMPERATURE  BOUNDARY  aCW  • 1 TO  MAXIMIZE 
HEAT  TRANSFER  FROM  BACK  SURFACE  OF  SOLAR  ARRAY 

0.66 

0.08 

0.18 

0.66 

^ RADIATiVELV  OECOUPlt  CYLINDER  FROM  SOLAR  ARRAY 
AND  FORWARD  SH'EID 

i 

j 

- 

0.05 

-- 

- 

0.05 

F=UIL  CLOSED 
OPEN  AT 

platform 

' CCNT8CL  EQUIPMENT  COMPARTMENT  HEAT  LEA"^  TC 
i OFFSET  THE  VARIATION  »N  EQUIPMENT  AND  ENVIRCN- 
• MENTAL  HEAT  INPUT  EXPERIENCED  DURING  THE  MISSION 

■ TO  maintain  component  temperatures  within 

ACCEPTABLE  LIMITS 

i 

i 

0.50 

i 

1 - 

0.50 

0.20 

CLOSED 

0.74 

OPEN 

LAR  SANO- 
TJM'MIZ  ED 
: NIIZED  MYLAR 
r-.ES  EXCEPT 

M.NIMIZF  solar  and  albedo  heat  LEAK  INTO  AND 
UNf*C  ^3TR^  lied  heat  leaks  cut  cf  the  EQUIPMENT 
CCMPAOTmENT,  stable  aluminized  kaptcn  minimizes 
E>TtR»sAL  SURFACE  PROPERTY  DEGRADATION 

i 

t 

0.69 

j 0.45 

i 

i 

0.50 

0.69 

LAR  r-AND- 

MiM'.'  ZE"-  UNCC  nTbC  LLtD  HEAT  LEAKS  INTC  AND  C UT 

■ — 

-- 

0.69 

1 

i 

i 

- 

0.69 

•:^£0  MYLA» 

. CES  EXCEPT 


CP  THf  EQUIPMENT  COMPARTMENT  AND  THERMAUV 
rnC  ' :.!PUS  CCMPAi^TMENT  FROM  LAP  ARRAY 


iANL-"  , 
UMIfsil?  ED 

Apror^ 
?ACE  FORWARD'*! 


■pAitiT  ON 
: PLATING 

AT  3D 

--'■vfLf 
f"“^D  ISOLATED 

*^L  CCUPL'*^^0 
^ENT  't.E., 

-s'  TrrrERFAcc 
-C  r25  BT'J/HR- 

"lEULV  vmn 

’^4E^  tXTERNAl 
^{JlAlED  ’-VITH 

^-FT"-  F 
'hjTROUED 
15  WITH 
heater 

F . HEATER 

: friT  TITANIUM 


MiNiMulE  UNCCNTRCLLED  FTEAT  LEAKS  CUT  Cf  THE 
EOUiPMEY^  CCMPARTMEF4T.  MINIMISE  SC  I ID  WC  TCft 
PLUME  RADIANT  HEAT  INPUT  TC  EQUIPMENT  COMPART- 
MENT. 5TA9LE  ALUMINIZED  K APTCN  MINIMIZE 
E/T:R^.Al  SU»FACE  PROPERTY  DEGRADATION 

EQUALISE  TEMPEi<AIURt  GKADIfT-iTS  WITHIN  EQUIPMENT 
; rCMPARTMENT  SV.MAMMIzIN'.  PADIATIVi  THERMAL 
■ rrUPl'T:G  BETvVFfN  STRUCTURE  AMD  HEAT  DISSIPATING 
i CC  MPCMFMTS 

; THERMAUV  DECOUPLE  ZERC  HEAT  DISSIPATING  CCMPC- 
i NENTS  prom  surrounding  to  minimize  TEMPERATURE 
: VARIATIONS  DURING  TRANSIENT  '’■MVIRCNMi  NTAL 
^ conditio  MS 

MINIMIZE  CCMOCNETJl  TO  EOUIPMENT  PLATFCRM 
^ TEMPERATURE  GRADIEHiTS  TOMINiKMZE  MAXIMUM 
CCMPCNEFJT  TEMPERATURE  ABOVE  SURROUNDINGS 

T minimize  unco  NTRCl  led  THRUSTER  MEAT  LEAK  TC 
SPACE 

minimize  ifMPtRATURE  GRADIET.TS  IN  SUPPLY  LINES 
! AND  HEAT  U A^- V itiTf  OR  CUT  OF  |H»USTEB  AND  MNES 

i maintains  THRUSTER  AND  SUPPLY  LiNE  TEMPERATUESS 
\ ABOVE  MINIMUM  TEMPERATURE  IIMITS 

( r.fUMES  THRUSTfP  FROM  STRUCTURE  TO  MINIMIZE 
i HEATER  pr"‘WFR  RFOUIRFMEHT 


0.45  0.50  0.69 


0,T2  0.1?  0.05 

0.05 


ID 

NO. 

NAME  OF  ITEM 

description  Of  HARf  VARE 

14 

MOTOR  NOZZLE 
CAP  INSULATION 

?2  LAYtRS  CF  1^4-MIL  ALUMINIZED  KAPTCN  SAND- 
WICHED BETWEEN  IV^C  2-Mll  ALUMINIZED  KAPTON 
COVER  SHEETS  ALUMINIZED  SURFACES  FACE  INWARD) 

K.D(,  see  FIGURE  8.7*4 

15 

SOLID  MOTOR 
INSULATION 

2?  LAYERS  CF  l''4-M!l  ALUMINIZED  KAPTON  SAND- 
WICHED BETWEEN  TWO'  2-MIL  ALUMINIZED  KAPTON 
CCVFR'SHEETS  (ALUMINIZED  SURFACES  FACE  INWARD) 

K%  SEE  FIGURE  8.7-4 

U 

SUN  SENSOR 
INSULATION 

22  LAYERS  OF  1 /4-MIL  ALUMINIZED  MYLAR  SAND- 
WICHED BETWEEN  ONE  CUTER  2-MIL  ALUMINIZED 
KAPTON  AND  ONE  INNER  2-MIL  ALUMINIZED  MYIA« 
COVER  SHEETS  (ALUMINIZED  SURFACES  FACE  INWARD! 
kA.  see  figure  8.7U  1 

17 

AFT  OMNI  ANTENNA 
THERMAL  COATIP’G 

3-Mll  COAT  OF  S- '3G  WHITE  PAINT  ON  EXTERNAL 
SURFACES  CFOMNl  ANTENNA 

18 

An  SUN  SHIELD 

ONE  S-MIL  SHEET  CF  '/HITE  PAINTED  KAPTCN 
(PAINTED  SIDE  FACING  INWARD) 

19 

RAM  PLATFORM 

insulation/ 

RADIATOR  surfaces 

22  LAYERS  OF  1/4-MIL  ALUMINIZED  MYLAR 
SANOWICMEDBETWEEN  ONE  OLHER  2-MIL  ALUMINlZCl 
KAPTON  ANOONE  INNER  2-MIL  ALUMINIZED  MYLAR 
COVER  SHEETS  (ALUMINIZED  SURFACES  FACE  INWARD)  ] 
K/X  ^ SEE  FIGURE  e. 7-4 

TWO  0.037  M^  (0,4  FT^  SECOND  SURFACE  MIRROR  J 
COVERED  SURFACES  ON  EITHER  END  Of  PLATFORM  | 

1 8-WATT  ELFaSIC  HEATER  • 

! J 

20 

— n ? 

motor  HEATER  ! 5-WATT  ELECTRIC  HEATER  WITH  K lERMCSTATIC 

1 CONTROL 

' 1 

21 

r' 

MEDIUM- GAIN 
antenna  COATING 

! 

3-MIL  COAT  CF  S-13G  WHITE  PAINT  ON  EXTERNAL 
SURFACE  * 

22 

RAM  BOOM 
INSULATION 

! 

22  LAYERS  CF  1 /4-Mlt  ALUMINIZED  MYLAR  SAND- 

. WICHED  between  ONI  OUTER  2-MIL  aluminized  i 

KAPTON  AND  ONE  INNER  2-MIL  ALUMINIZED  j 

MYLAR  COVER  SHEETS.  ! 

K X,  SEE  FIGURE  8.'^  4.  | 

?3 

MOTOR'PIATFORM 
ATTACHMENT  RING 

MBERGLASS  SUPPORT  STRUCTURE 

-i 

?4 

SHUNT  RADIATOR 

3 MIL  COAT  OF  $ 130  V.IM  U PAINT  ON  AFT  j 

SURFACE,  FORWARD  SURFACk  UNCOATfO 

•.  TTTT-  *■  ■ 

// 

T' 

1 

II 

^ A/C  IV 

j 

■ 1 

SURFACE  THERMAL  PROPERTIES  | 

or  lUM  1 

IH  jCRiri.i  t . ■■  <i  HARh.vARl  j 

PURPOSi 

INSIDE  1 

oirrsiOE  1 

n'^ 

DEG 

' 

n'^ 

OEG 

NiSUI  ATION 

??  1 AYfRS  C r 1 4-Mll  MUMINI7E0  KAPTON  SAND-  i 
‘.MCHED  SEr.vEEN  V/JC  ?-Mll  AIUWINI^ED  KAPTCN  i 
CO  VER  SHEETS  AlUMOjI  ’EO  SURFACES  FACE  IrWAPD 

y,  SEE  FIGURE  8. .^-4 

MINIMIZE  UNCONTRCILFD  HEAT  LEAK  FROM  SC  LID 
MOTOR  TO  MAINTAIN  MOTOR  WITHIN  ACCEPTABLE 
TEMPERATURE  LIMITS  PRIOR  TO  FIRING.  NCZ/lf  CAP 
IS  IFTISONFDV/HEN  MOTOR  FIRfS 

- 

-- 

0.05 

0.45 

0.50 

0.69 

:z:i  motor 

T.ATrOKk 

7?  LAVERS  OF  1 4-Mll  AHJMIN^ZED  RAPTCN  SAND- 
V/iCHED  BETWEEN  TwC  7-MlL  ALUMINIZED  KAPTON 
COVER  SHEETS  lAlUMiNI.MD  SURFACES  FACE  INlV/ARD 

K^.  SEE  FIGURE  8.7-4  j 

MINIMIZE  UNCONTROLLED  HEAT  I FAK  FROM  SOLID 
MOTOR  TO  MAINTAIN  MOTOR  WITHIN  ACCEPTABLE  | 

TEMPERATURE  LIMITS  PRIOR  TO  FIRING.  MINIMIZE  I 

UNCONTROLLED  HEAT  LEAK  FROM  THE  EQUIPMENT  COM- 
PARTMENT, MINIMIZE  SOLID  MOTOR  RADIANT  HEAT/ 
SCAK-BACK  to  equipment  COMPARTMENT  AFTER  MOTOR 
FIRING.  KAPTON  REQUIRED  TO  PREVENT  DEGRADATION 
OF  INSULATION  THERMAL  PROPERTIES  DUE  TO  HEAT/ 
SCAK-BACK  FROM  MOTOR  CASE 

0.69 

0.05 

■i 

SENSOR  1 

_JLATJCN 

i 

77  layers  of  1 4-MIL  ALUMINIZED  MYLAR  SAND- 
WCHED  BETWEEN  ONE  CUTER  ALUMINIZED 

I^APTON  AND  ONE  INNER  J-MI L ALUMINIZED  MYLAR 
COVER  SHEETS  -ALUMINIZED  SURFACES  FACE  INWARD) 
K \ SEE  FIGURE  8. -4 

MINIMIZE  SOLAR  AND  ALBEDO  HEAT  LEAK  INTO  AND 
UNCONTROLLED  HEAT  LEAK  CUT  CF  THE  SENSOR  ASSEM- 
BLY. STABLE  ALUMINIZED  KAPTON  MINIMIZES  EXTERNAL 
SURFACE  PROPERTY  DEGRADATION 

■■ 

0.45 

0.50 

0.69 

— — --  

^MNl  ANTENNA 
SMAL  COATING  | 

1 

3-Mtl  COAT  CF  S-'3G  WHITE  PAINT  CN  EXTERNAL 
SURFACES  CF  OMNI  ANTENNA 

MINIMIZE  ABSORBED  SOLAR  AND  ALBEDO  HEAT  INPUT  TO 
REDUCE  VARIATION  IN  TEMPERATURE  DURING  MISSION. 
LOCATION  ENSURES  SOLAR  HEATING  THROUGH  MOST  OF 
MISSION  TO  LIM  T MINIMUM  TEMPERATURE  DURING 
NORMAL  OPERATION 

0.24 

0.39 

0.88 

SUN  SHIELD 

i 

ONE  5-MIL  SHEET  CF  vjVhTE  PAINTED  KAPTON 
fPAlNTED  SIDE  FACING  llsP-VARD^ 

SHIELD  LOUVERS  FROM  DIREa  SOLAR  HEAT  INPUT  FC  R 
SOLAR  ASPECT  ANGLES  AS  LARGE  AS  1 .75  RAOIANSIlOO 
DEGREES') 

0.20 

0.35 

0.68 

0.45 

0.50 

0.69 

" ' 1 
1 
j 

PIATPCRM 

ELATION 

surfaces 

1 

22  LAYERS  Of  1 /4-MIL  ALUMINIZED  MYLAR 
SANDW  ICHED  BETWEEN  ONE  OUTER  2-MIL  ALUMINIZED 
KAPTCN  ANDONE  INNER  2-MIL  ALUMINIZED  MYLAR 
COVER  SHEETS  ALUMINIZED  SURFACES  FACE  INWARD' 
K/X  SEE  FIGURE  8.7-4 

MINIMIZE  SCIAR  AND  ALBEDO  HEAT  LEAK  INTO  AND 
UNCONTROLLED  HEAT  LEAK  CUT  CF  RAM  PLATFORM. 
STABLE  ALUMINIZED  KAPTON  MINIMIZES  EXTERNAL 
SURFACE  PROPERTY  DEGRADATION 

“ 

- 

0.05 

0.45 

0.50 

0.69 

i 

1 

•) 

'1 

j 

T'WC  0.037  M^  ,0.4  FT^  SECOND  SURFACE  MIRROR 
COVERED  SURFACES  ON  EITHER  END  OF  PLATFORM 

a-wATT  eleoric  heater 

PROVIDES  CONTROLLED  HEAT  LOSS  TO  SPACF 

MAINTAIN  ACCEPTABLE  TEMPERATURE  LEVEL  WHEN 
EXPERIMENTS  NOT  OPERATING 

- 

- 

0.90 

C.OB 

0.10 

0.78 

j 

j 

ICR  HEATER 

5-WATT  ELECTRIC  HEATER  WITH  THERMOSTATIC 
CONTROL 

MAINTAIN  ACCEPTABLE  MOTOR  TEMPERATURE  LEVEL 
DURING  TRANSIT  PRIOR  TO  MOTOR  FiRING 





i 

i 

I 

1 

. 

rDMJM-GAIN 
— 7e^^JA  COATING  ‘ 

3-MIL  COAT  CF  S-13G  WHITE  PAINT  ON  EXTERNAL 
SURFACE 

! MINIMIZE  SOLAR  AND  ALBEDO  HEAT  INPUT  TO  REDUCE 
1 VARIATION  IN  TFMPfKAUJRi:  DURING  MISSION. 

1 

- 

0.24 

0.39 

0.68 

i 

\ 

i 

^ ac  ow 

-ULATJON 

2?  LAYERS  CF  1 4-Mlt  ALUMINIZED  MYLAR  SAND- 
•MCHED  between  one  CJljTEK  2“MIL  ALUMINIZED 
♦-  AprON  AND  ONE  INNER  2-MIL  ALUMINIZED 
MYLA»  COVE»  SHEETS. 

MINIMIZE  SOLAR  AND  ALBEDO  HEAT  INPUT  AND 
UNCCN TROLLED  HEAT  LEAKS  CUT  OF  RAM  PUTFORM 
AND  EQUIPMENT  COMPARTMENT 

- 

- 

- 

0.45 

O.SO 

0.69 

i 

i 

i 

1 

K X,  SEE  FIGURE  B.’  4. 

L 

i 

■J 

1 

■1 

3 

i 

~^TOR  platform 
'^ACHWLNT  RifJG 

i 

FIBERGLASS  5UPPC-PT  STRUCTURE 

MINIMIZE  HEAT  LOSS  FROM  SOLID  ROCKET  MOTOR 
Oi  U or  SUPPORT  COLUMN 





j 

j 

'?-JNl  RADlAroR 

1 Mil  COAT  Of  S WHITF  PAINT  ON  AFT 

SURFACE,  FORWARD  SURFACE  UNCOAUD 

I 

MAXIMIZE  RADIANT  LOSS  TO  SPACE  AND  MINIMIZE 
ABSORBED  SOLAR  AND  ALBtDL*  MEAT  INPUTS 

■ 



— 

0.04 

0.24 

0.39 

0.89 

i 

1 

i 

figure  8. 7-5.  Preferred  Atlas/Centaur  Orbiter  Spacecraft  Thermal 
Control  System  Description 


j 


A COMPONENT  TEMPERATURE  CONTROL  CAPABILITY  VERSUS  TEMPERATURE  REQUIREMENTS 


B TEMPERATURE  HISTORY  OF  CRITICAL  COMPONENTS  DURING 
EARTH/VENUS  TRANSIT 


Alt  fQWfMfWTEMPaAIUlESEKCEiT  THE  lElAQIOMEfES  MEET  THE  5l>tCIFirD  ArffPlANa  •IMPlIIAtUBf 

IJMITS.  THt  IR  HJAOtOMETER  TEMRERAlURt  WILL  REACH  ?8«C  \6°C  f?0"F  ABOV{  THE  I2X  (S4'’F 

SfECIEICATlON  limit.  TO  CONTROL  TO  THE  ABOVE  LIMIT  WOULD  REQUIRE  THAT  THE  urilT  BE  ISOLATED  ffiOM 
THE  SPACECHAET  AND  PROVIDED  WITH  A HEATER.  SINCE  THIS  IS  A SiGNiHCANT  CHANGE  THE  ( IPPER  EXPERIMENT 
i temperature  limit  «mOL'LD  be  REVIEV.ED  TO  DETERMINE  WHETHER  IT  CAN  BE  RAISED. 


SPACECRAFT  TEMPERATURES  INITIALLY  DECREASE  WITH  MISSION  TIME  AS  THE 
SPACfCRAFT  GOES  OUT  TO  1.07  AU  AND  THEN  INCREASE  AS  THE  INCIDENT 
SOLAR  HEATING  MORE  THAN  DOUBLES  FROM  ITS  MINIMUM  VALUE.  THIS 
EFFECT  IS  DRAMATICALLY  SHOWN  BY  THE  SOLAR  ARRAY  TEMPERATURE  BELOW. 


SuB^YSrlfcM  AND 

P.P£C.*tacD  ' 

ACCEPT  ANCf 

CPtRATiNG  1 

TEMPI RAfllRI  LIMITS  1 

5CKNCL  CC^X'Pf^Ntr;IS 

MINIMUM 

MA/>  IX'-  M 

MINIMUM 

MAXIMl  iM 

C . E 

T f 

c -f 

X p 

Jv  NICAT!^-'  A 

■?MNI  A^;Tt^^.A•S 

-I/O  -700 

,-'4  75 

-145  .-330^ 

93  ,200; 

^IGh-GAiN  AMF;N^,A 

7!  It'O 

-206  '-340 

171  -340  ' 

mo 

24  75 

-185  -300: 

30  100 

S-3ANU  T«ifiNSWtrTf 

10  49 

43  no 

4 i40 

53  125 

Pn.'.  AMPL'ffLR 

10  49 

4?  !10 

4 40 

52  125' 

s-band  receivers 

IG  49 

4:  IJc 

-4  25 

43  no- 

medium-gain  antenna 

-129  r-?00 

24  75 

-105  -300 

38  ,100- 

data  handling 

dtu 

9 4:' 

:m  69 

-7  .20 

41  ,105 

DSU 

6 4^ 

19  .*7 

-7  -20 

41  105 

ODU 

9 '43' 

20  63 

-7  70 

41  105 

ELECTRICAL  POV.'ER 

BATTERY 

9 47 

24  75 

-1  -30 

29  ,85 

PCIJ 

10  .49 

38  100 

-20  -4 

65  149 

ctrf/inv:rter 

5 4i 

:s  S3 

-18  0 

49  120 

SHUNT  RADIATOR  ! 

.107  -153 

133  270 

.157  1-250 

132  (270 

SOLAR  ARRY  j 

~148  -23S 

10/  325 

-148  -235 

107  725. 

CDU 

10  49 

:-  i 70 

-7  70 

41  -I05' 

AC5.  PROPULSION 

CEA 

9 '48 

.’0  68 

-7  70 

41  1 105' 

SUN  SENSOR 

4 39 

52  125 

-15  -5 

60-140. 

THRUSTER  VALVE  8COYS 

13  55 

e;  ISO 

13  -55 

93  <200 

hydrazine  TANXS 

7 Xi 

21  70 

4 :45 

43  .110 

HYDRAZINE  LINES 

i 40 

82  180 

4 40 

82  .180 

Sf^LID  POCKET  motor 

4 4T 

16  62 

-7  VO 

33  100 

SCIENCE 

magnetometer  ELECTRONICS 

7 45 

I 2?  69- 

0 3/- 

60  ,14l.> 

RADAR  ALTIMETER  ELtCTRCNiCS 

5 42 

1 24  75 

-3C  1-22 

60  '140' 

ELECTRON  T£MPER4Tu«t  PR08F  ELEaRCNICS 

5 42 

j 26  79 

..  40 

43  MO 

UV  SPECTROMETER 

’0  49 

1 38  100 

1 'j 

40  '04 

tCN  MASS  spectrometer 

-2S  --U 

18  ^S- 

} -30  -22- 

60  140- 

IR  radiometer 

8 46 

23  -S?- 

i -3.»  -22- 

12  54. 

neutral  mass  SPECTROMETER 

-.'5  -n- 

19  ft  ' 

-30  -77 

60  14C 

X-BANU  OCOJLTATICN  ELECTRONICS 

r 45 

, ?4  75 

1 -30  -22 

60  140 

E VENUS  ORBIT  INSERTION  SPACECRAFT  TEMPERATURES  FOLLOWING  MOTOR  IGNITION 

COMPONENT  AND  STRUCTU  lEATlNO  BY  THE  ENGINE  WILL  NOT  BE  EXCESSIVE  DURING  ORBlT 
INSERTION  FIRING.  PLATFO  /.  MOUNTED  ELECTRONIC  OMPONENTS  WILL  EXHIBIT  ONLY  A 
SLIGHT  TEMPERATURE  RISE  AND  REMAIN  WITHIN  ACCEPTANCE  LIMITS. 


f»F 


("FI 


F TEMPERATURE  R I SE  OF  AFT-MOUNTEO  COMPONENTS  DURING 
VENUS  INSERTION  MOTOR  FIRING 

AFT-LOCATED  HARDWARE  SUCH  AS  THE  lOUVERS  AND  OMNI  ANTENNA 
HEAT-UP  DURING  MOTOR  FIRING.  THE  RATE  Of  TEMPERATURE  RISE  IS 
DtPEN  ENT  UPON  THE  VIEW  OF  THE  PLUME  AND  THE  THERMAL  CAPACITANCE 
OF  THE  EQUIPMENT.  EXCESSIVE  HEATINO  WILL  NOT  OCCUR  DURING 
FIRING. 


0 10  20  30  40  50 

FIRING  DURATION  (SEC' 


. .WV/*OU'j  r - 

/ 

- - ^ 


m 


ON  TiMf  AS  rM£ 
Sr  THE  INCIDEN? 

value,  this 

'^'-^feftATURE  BEtOW. 


CURING 


>VNT£NNA 
«I5E  15 

capacitance 

DURING 


C RAM  PLAIfORM  rEMPERATURES  AND  POWER  REQUIREWNTO 

The  «AM  PLATEOPM  THEPWAt  DESIGN  INCLUDES  INSULATION  WITH  AN 

0.074  METEP^  fO.8  PT^.  RADIATOR  PANEL.  AN  8-WATT  HEATER  IS  REQUIRED 
TO  MAINTAIN  THE  COMPONENTS  BETWEEN  -30AN0  40”C  (-22  AND  140*f  i 
PQR  Al  t MISSION  CONDITIONS. 

^ VENUS,  RADIATOR  AREA  0.8  FT^ 
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H TJMPERATURE  HISTORY  OF  CRtTlCAt  COMPONENTS  NEAR 
PERIAPSIS  IN  VENUS  ORBITER 

SPACECRAFT  temperatures  REACH  MAXIMUM  ORBIT  VALUES  AT  DAY  16d 
AFTER  INSERTION  WHEN  VENUS  ALBEDO,  EMISSION,  AND  FREE  MOLECULAR 
HEATING  RATES  ARE  AT  PEAK  VALUES.  TEMPERATURES  ALSO  REACH 
MINIMUM  ORBIT  VALUES  DURING  THE  SAME  ORBIT  WHEN  THE  MAXIMUM 
1.42  HOUR  SOLAR  ECLIPSE  OCCURS. 
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f igure  8. 7-6.  Prelerred  AtlaslCentaur  Orbiter  Spacecraft  Thermal  Performance 
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The  magnetometer,  IMU.  and  NMU  are  isolated  experiments  thac 
require  separate  temperature  control  provisions.  The  IMU  and  NUM  are 
located  together  on  the  ram  platform  and  can  be  thermally  controlled  by 
providing  an  insulation  enclosure  around  the  experiments  with  0,  037  m^ 
(0.4  ft/a)  surface  mirror  radiator  panels  on  either  end.  An  8-watt  heater 
mounted  on  the  ram  platform  is  operated  whenever  the  experiments  are 
turned  off.  The  operating  temperature  extremes  are  shown  in  Fig- 
ure 8.7-6C.  A fully  insulated  design  (Curve  C)  would  reduce  the  heater 
power  requirement,  but  produce  excessively  high  experiment  temperature 
when  the  experiments  are  operated. 

Typical  magnetometer  temperature  levels  that  can  be  achieved  in 
practice  are  presented  in  Figure  8.7-6D.  These  temperatures  can  be 
maintained  within  the  magnetometer  package  by  using  a radiator  surface 
in  conjunction  with  unit  internal  power  dissipation,  possibly  supplemented 
by  an  electric  heater.  The  figure  indicates  that  the  experiments  can, 
through  proper  design,  such  as  locating  radiator  surfaces  to  limit  sun 
exposure,  provide  acceptable  magnetometer  operating  temperatures. 
However,  the  design  will  be  sensitive  to  electrical  lead  losses,  insulation 
shorting,  and  other  physical  considerations. 


Positive  temperature  control  of  the  Venus  injection  motor  is 
achieved  by  mounting  a 5-watt  electric  heater  to  the  motor  attachment 
flange.  Excess  solar  array  power  is  available  prior  to  engine  ignition 
and  there  is  little  impact  in  providing  a heater.  The  heater  is  thermo- 
statically controlled  to  compensate  for  the  inherent  inaccuracies  in  the 
ability  to  predict  small  heat  losses  out  of  the  motor  compartment. 


Antenna  distortion  is  not  a severe  constraint  for  this  mission.  How- 
ever. it  is  desirable  t.>  reduce  the  overall  antenna  temperature  variation 
so  that  dimensional  change  is  not  excessive.  For  a white  antenna  surface 
the  temperature  will  be  between  -13I®C  (-204°F)  and  71°C  (I60°F). 


Firing  of  the  solid  rocket  motor  for  Venus  orbit  insertion  produces 
plume  radiant  heating  of  aft  facing  surfaces  and  internal  heating  by  the 
nozzle  and  casing  temperature  increase.  Figure  8.7-6G  specifies  the 
temperatures  at  which  low  capacitance  surfaces,  such  as  multilayer  insu. 
lation  sheets,  will  stabilize  when  heated  by  radiation  from  the  aluminum 
particles  in  the  motor  plume.  The  figure  indicates  that,  for  the  expected 
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heat  flux  value  identified  in  Figure  8.7-6E,  it  will  be  necessary  to  use 
aluminized  kapton  material  for  the  equipment  platform  aft-facing  insula- 
tion assemblies.  The  rear  surface  of  the  cylinder  closeout  section  which 
has  a heat  flux  greater  tnan  the  permissible  34  000  watts/m  (3  BTU/ 
ft^'-sec,  will  be  constructed  with  the  Insulation  attached  to  the  inside  of 
an  aluminum  collar.  The  al’jmlmun  collar  will  have  sufficient  thermal 
capacitance  to  limit  the  temperature  rise  in  the  area  and  protect  the  insu- 
lation from  being  damaged.  Other  aft  facing  aluminum  surfaces,  as 
shown  in  Figure  8.7-6F,  will  not  be  excessively  heated  by  plume  radia- 
tion. Heating  within  the  spacecraft  will  also  be  maintained  within  accept- 
able levels  by  the  central  cylinder  insulation.  Figure  8.7-6E  presents 
the  soakback  temperature  response  of  the  structure  near  the  motor  attach- 
ment and  a typical  electronic  component  mounted  to  the  honeycomb  plat- 
form. All  temperatures  are  well  within  limits. 

During  the  24-hour  Venus  orbit  the  spacecraft  can  approach  within 
200  kilometers  of  the  planet’s  surface.  At  these  heights  the  spacecraft 
is  exposed  to  planetary  emission  heating  which,  as  shown  in  Fig- 
ure 8.7-7G,  is  relatively  small.  After  approximately  168  days  in  Venue 
orbit,  the  spacecraft  is  also  subjected  to  reflected  solar,  or  albedo  heat- 
ing. Figure  8.7-7G  indicates  that  this  heat  is  much  greater  than  that 
produced  by  planetary  emission.  The  effect  of  these  combined  Venus  heat 
inputs  on  normal  spacecraft  operation  at  106.96  gigameters  (0.715  AU). 
as  well  as  the  maximum  1.4-hour  eclipse  that  occurs  at  the  same  time, 
is  shown  in  Figure  8.7-6H.  It  is  in  this  period  that  the  compartment 
interior  reaches  its  peak  temperature  and  the  solar  array  is  exposed  to 
both  its  minimum  and  maximum  mission  temperatures. 

Thermal  Environment 

Figure  8.7-7  presents  the  earth/Venus  transit  and  Venus  orbit 
thermal  environment  for  the  preferred  Atlas/Centaur  orbiter  spacecraft. 
The  on-stand  and  ascent  environments  are  identical  to  those  specified  for 
the  probe  bus  configuration  in  Figure  8.7-3.  Figure  8.7-7A,  H,  B and  C 
also  identify  the  trajectory  and  solar  aspect  angle  parameters  for  transit 
and  Venus  orbit  operation  of  the  earth-pointer  spacecraft,  as  well  as  heat 
dissipations  utilized  in  the  design.  It  should  be  noted  that  the  spacecraft 
will  be  flipped  3.  14  radians  (180  degrees)  two  times  in  the  mission  to 
maintain  proper  sun  position  for  the  solar  array. 
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B ORBITER  MISSION  HEAT  DISSIPATION  PROFILE 
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COMPONENT  HEAT  DISSIPATIONS 
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MAXIMUM  CWITER  SPACECRAFT  TEMPERATURES  OCCUR  NEAR  VENUS  PERIAPSIS 
WHILE  MINIMUM  TEMPERATURES  FOR  OTHER  SPACECRAFT  ELEMENTS  EXCEPT 
COMPONENTS  IN  THE  EQUIPMENT  COMPARTMENT  OCCUR  AT  THE  END  OF 
THE  1 .42-HOUR  MAXIMUM  ECLIPSE.  SOLAR  ASPECT  ANGLE  IS  0.S9  RADIANS 
(34  DEGREES)  AT  THIS  TIME  IN  THE  MISSION 

(BTU/HR-FT^)  5UN  PARALLEL  TO  LINE  OF  NODES  (ORBIT  DAY  168) 


D IMJECTION  MOTOR  CASE  TEMPERATURE  HISTORY  AFTER  IGNITION 


MOTOR  CASING  TLMPERATURE  RISE  DURING  VENUS  ORBIT  INSERTION 
CAN  HEAT  THE  ADJACENT  ORBiTER  STRUCTURE.  MOTOR  MOUNTING 
IS  DESIGNED  TO  MINIMIZE  THE  EFFECTS  OF  MOTOR  HEATING  TO 
SENSITIVE  SPACECRAFT  ELEMENTS 
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Figure  8.  V-7.  Preferred  Atlas/Centaur  Oibiter  Thermal  tnvironnient 
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Solid  particle  plume  radiant  heat  flux  rates  and  solid  motor  case 
temperature  histories  for  Venus  orbit  insertion  motor  firing  are  shown 
in  Figure  8.7-7D  and  E.  Maximum  albedo  and  planetary  emission  heat 
rates  that  will  be  encountered  in  orbit  for  a Venus  albedo  of  0,76  are  also' 
defined  in  Figure  8.7-7F  and  G.  The  maximum  heating  rates  occur  for  a 
few  days  approximately  168  days  after  orbit  insertion.  The  occurrence 
period  is  shown,  along  with  the  design  periapsis  altitude  variation,  in 
Figure  8. 7-7H. 

Thermal  Analysis  Techniques 

The  preferred  Atlas/Centaur  analytical  computer  model  is  presented 
in  Figure  8.7-8.  Thruster  heater  requirements  are  identical  with  those 
determined  for  the  probe  bus  spacecraft. 

8.7.3  Thor/Delta  Configurations 

As  with  the  Atlas /C.  ntaur  configurations  common  hardware /surface 
coatings  are  used  wherever  possible  for  the  Thor/Delta  probe  bus  and 
orbiter  spacecraft  designs.  Descriptions  of  two  Thor/Delta  configurations 
appropriate  to  the  Version  III  science  payload  are  presented  belcw.  Simi- 
lar Atlas/Centaur  designs  were  also  analyzed  in  detail  to  select  the  equivi- 
lent  thermal  hardware. 

8.  7.  3.  1 Probe  Bus  Spacecraft.  1977  Launch  T/D  III 

System  Description 

Figiire  8.  7-9  describes  the  design  Thor/Delta  probe  bus  thermal 
control  system  configuration.  The  description  uses  the  previously  pre- 
sented Atlas/Centaur  format,  and  presents  both  Thor/Delta  and  Atlas/ 
Centaur  Version  III  louver  area  requirements. 

Thermal  Control  System  Performance 

Predicted  mission  opera  ’onal  temperatures  are  presented  in  Fig- 
ure 8.  7-10  for  the  Thor /Delta  probe  bus  configuration.  All  spacecraft 
temperatures  are  maintained  within  acceptance  limits  by  the  reduced 
thermal  control  system  design. 

TherniSl  Environment 

The  Thor /Delta  prelaunch  and  ascent  environment  is  much  different 
than  that  experienced  on  the  Atlas/Centaur  launch  vehicle.  Figure 
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Figure  8. 7-8  Preferred  Atlas/Centaur  Orbller  Spacecraft  Thermal  Model 
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T/0  III 

8,7-1  lA  defines  the  spacecraft  prelaunch  thermal  environment  for  the 
Thor/Delta  fairing.  Adequate  on-stand  spacecraft  temperature  control 
is  provided  in  the  Thor/Delta  design  by  supplying  approximately  68  kg/ 
min  (150  Ib/min)  of  conditioned  air  into  the  fairing.  The  air  supply  is 
controlled  between  10°C  (5U°F)  and  iZ^C  (90°F)  with  a relative  humidity 
less  than  50  percent. 

Figure  8,7-1  IB  also  specifies  ascent  temperature  histories  for 
three  points  on  the  standard  Thor/Delta  fairing.  Since  excessively  high 
fairing  temperatures  exist  adjacent  to  the  spacecraft  during  ascent, 
insulation  will  be  required  on  the  inside  surface  of  the  fairing  to  prevent 
local  shroud  surfaces  from  exceeding  135*^C  (175**F).  The  free-molecular 
heating  rate  that  occurs  after  fairing  jettison  is  included  in  the  figure. 
Fairinq  jettison  is  delayed  until  the  free-molecular  heating  is  below 
1140  watts/meter^  (0,  1 BTU/ft^-s)  to  prevent  low  heat  capacity  space- 
craft surfaces  such  as  solar  cells*  silver  teflon  thermal  shields,  and 
aluminized  insulation  from  exceeding  maximum  temperature  limits. 

For  the  Thor/Delta  configuration,  low  heat  capacitance  surfaces 
that  face  aft  can  be  heated  bv  third-stage  engine  firing.  Figure  8,  7-1 1C 
describes  the  engine  case  temperature  response  for  the  144-second  period 
following  ignition  until  the  spacecraft  separates  from  the  boost  vehicle. 
Temperature  increases  are  small,  however,  because  the  engine  is  located 
a significant  distance  from  the  sensitive  surfaces. 

The  probe  bus  thermal  environment  encountered  during  transit  from 
earth  to  Venus  is  provided  in  Figure  8.  7-1  ID.  Representative  component 
and  syatem  power  dissipations  are  also  presented  in  Figures  8.  7-1  IE 
and  F, 

Thermal  Analysis  Techniques 

All  Thor/Delta  probe  bus  temperatures  were  calculated  using  a com- 
puter model  similar  to  that  used  for  the  Ati«;«t /Centaur  configuration. 
Thermal  environment,  dimensional,  and  physical  property  differences 
were  accounted  for  in  the  analysis.  The  thruster  computer  model  vas 
identical  in  both  the  Thor /delta  and  Atlas/Centaur  configurations.  An 
equivalent  Atlas /Centaur  Version  III  spacecraft  was  also  studied. 
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B PREDICTED  TEMPERATURES  DURING  EARTH-VENUS  TRANSIT 

SPACECRAFT  COMPONENT  TEMPERATURES  INCREASE  WITH  MISSION  TIME  AS  INCIDENT  SOIAR  HEATING 
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Figure  8. 7- 10.  Pror/Oelte  Probe  Bus  Spacecraft  Thermaf  Pertormaice 
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8.  7.  3.  2 Orbiter  Spacecraft 

System  Description  ; 

A detailed  description  of  the  Thor/ Delta  thermal  control  system 
design  is  presented  in  Figure  8.  7-12.  This  spacecraft  had  a boom- 

moiinted  magnetometer,  but  did  not  require  an  experiment  ram  platform,  \ 

Thermal  Control  System  Performance  | 

Figure  8.7-13A  lists  the  maximum  predicted  temperature  variation  I 

of  each  component  during  the  complete  mission.  The  actual  earth/Venus  j 

transit  temperature  fluctuations  of  the  selected  components  are  also  shown  i 

\ 

in  Figure  8.7-13B.  All  components  except  the  infrared  radiometer  will  j 

remain  within  acceptance  limits,  although  the  Venus  orbit  insertion  motor  j 

will  be  below  the  required  4^C  (40^F)  minimum  ignition  temperature  during  | 

the  first  110  days  of  the  mission.  This  is  acceptable  since  the  allowable  \ 

motor  cold  soak  temperature  is  -18^C  (O^F).  | 

I 

The  infrared  radiometer  will,  as  in  the  Atlas/Centaur  orbiter  design,  \ 

exceed  its  upper  acceptance  temperature  limit  during  the  mission.  The  : 

conclusions  ^nd  recommendations  discussed  in  the  preceding  paragraph  i 

for  the  Atlas /Centaur  design  are  also  valid  for  this  application.  ■ 

Thermal  Environment  i 

The  Thor /Delta  orbiter  spacecraft  prelaunch,  ascent  and  third-stage  j 

engine  firing  thermal  environments  are  identical  to  those  described  for  the  j 

probe  bus  spacecraft  in  Figure  8.7-11.  The  transit  thermal  environment 
from  separation  to  Venus  orbit  insertion  is  given  in  Figure  8.7-14A.  The 
solar  aspect  angle  is  quite  different  than  specified  for  the  preferred  Atlas/ 

Centaur  configuration  because  the  lecommended  Thor/Delta  orbiter  has  , 

its  spin  axis  always  normal  to  the  Venus  orbit  plane.  This  means  that  the 
sun  is  always  at  right  angles  to  the  spin  axis  instead  of  continuously  vary- 
ing like  the  earth-pointing  Atlas /Centaur  configuration. 

Typical  power  dissipations,  orbit  parameters,  and  injection  motor 
boating  characteristics  for  the  Thor/ Delta  orbiter  spacecraft  are  also 
included  in  Figure  8.  7-14.  The  maximum  Venus  heat  inputs  occur 
168  days  after  orbit  insertion  as  discussed  in  Section  8.  7.  2.  2. 
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riqure  8.  MZ.  Ihor/Oelta  Oftiler  Spacecraft  thermal  Control  Description 


'■,■4  I f.;  A 


H. 7-21 


A COMPONENT  TEMPERATURE  CONTROL  CAPABILITY  VERSUS  TEMPERATURE  REQUIREMENTS 

THE  THEHMAl  CONTROL  SYSTEM  WILL  MAINTAIN  ALL  COMRONENHS  EXCEM  THE  IR  RADIOMETER 
WITHIN  THEIR  SRECIFIEO  ACCEPTANCE  LIMITS  DURING  ALL  MISSION  RHASES.  THE  IR  RADIOMETER 
TEMPERATURE  WILL  REACH  28  C »6»C  I28*F>  A80VE  THE  I2*C  (54*F)  SPECIFICATION 

LIMIT. 


I 

PPfOICim  1 

A.'  Ci  fl  AMO 

rpM’AllNG 

TEMPI  RAIUPI  ^ 

CAlijPL  Ll/.*ir> 

sc  It  NO.  c;  r/f'i  ; Ml 

MirJIMUW 
l...  .. 

MA/  IP/UM 

KMNIMt/W  j 

lE/i  f/ 

_ . i .. 

c T- 

' c . ! 

r f 

CCWMUrJiCATiCNj 

1 

CA’NI  ANTENNAS 

-l?7  *196. 

?4  75 

-145  -230 

93  -.>00 

FANBEAW  ANTENNA 

-131  .-?04i 

71  lAO. 

.2-';6  >340 

171  340 

IIFLICTOR  FEED 

-115  <-l73< 

24  75 

-185  -300 

38  100 

S-BAND  TRANSMlTirps 

to  49  < 

57  .135. 

4 .40 

57*  125* 

FC'.vER  amplifier 

10  49. 

57  135. 

4 40-  1 

5?*  125* 

S-Banij  Htcnvtes 

10  49 

47  108. 

-4  25 

43  5 10 

DATE  HANOI  IN G 

DTU 

9 .47 

21  69 

-7  20 

41  .105. 

DSU 

6 43' 

19  47. 

-7  20 

41  .105' 

DDL 

9 48- 

70  '68 • 

-7  70 

41  '105' 

ELECTt^lCAL  PC.'  tP 

battepy 

9 47. 

?4  75 

-1  .30 

29  '85 

DCU 

10  49. 

38  100. 

-20  -4 

65  'M9- 

DC-DC  CONVERTER 

8 46 

28  .33. 

-18  0 

49  120' 

SHUNT  “^^ADIATC® 

-10?  -153. 

132  ?70. 

-157  -250 

13?  .270 

SClA?  ARRAY 

-125  -194; 

!02  215 

10?  -225 

102  215 

CU; 

10  49 

21  70; 

-7  '20  ■ 

41  -105 

ACS  P'’CPUL5ICN 

DMA 

-4  75 1 

54 '130. 

-72  -58- 

75  167 

DEA 

!0  49 . 

23  74 . 

-1?  10 

43  ilO 

CEA 

9 .48. 

20  .68) 

-7  <20 

4!  105 

SUN  SENS  OP 

4 i39- 

5?  125. 

-15  <5 

60  140 

ThPuSTE»  vALvE  aCDYS 

13  '55. 

82  180. 

1 3 . 55 

93  200 

WYDPAZINE  TANKS 

7 44 

21  70' 

4 40 

43 '110 

HYDRAZINE  LINES 

4 40* 

82  .180. 

4 .40 

82  180 

SCUD  ROCKET  MOTCP 

3 <37' 

16  '62  ■ 

-7  70' 

38  100 

SCIENCE 

magnetometer  ELECTpCNICS 

7 45 

21  .69 

0 3? 

60  140 

t'ADA»  altimeter  EIECTPONICS 

5 42. 

24  .75. 

•30  -2? 

1 60  140' 

ELECTRON  TEMPERATURE  PROBE  ELECTRONICS 

5 42. 

?6  79. 

4 40' 

43  <110. 

uv  spectrometer 

10  49 1 

38  100. 

0 32 

40  104 

ION  MASS  SPECTROMETER 

8 46. 

18  -65. 

-30  -22 

1 60  140 

IP  RADIOMETER 

8 i'46i 

27  81 

-30  -22 

12  'j4 

NEUtPAL  mass  SPLCTPOMETER 

8 46) 

22  72 

-30  -2?- 

0 

0 

fDTC  OPE^Air  AT  H5  F fr  e Of  0.5-HOUR  PER  ORBIT. 


D TEMPERATURE  RISE  OF  AFT -MOUNTED  COMPONENTS  FURING  VENUS 
INSERTION  MOTOR  FIRING 


AFT-LOCATEO  HARDWARE  SUCH  AS  THE  LOUVERS  AND  OMNI  ANTENNA  HEaT  UP 
DURING  MOTOR  FIRING.  THE  RATE  OF  TEMPERATURE  RISE  IS  DEPENDENT  UPON 
THE  VIEW  TO  THE  PLUME  AND  THE  THERAAAL  CAPACITANCE  OF  THE  EQUIPMENT. 
EXCESSIVE  HEATING  WILL  NOT  OCCUR  DURING  FIRING. 
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E EQUILIBRIUM  TEMPERATURES  OF  LOW  CAPAI 
DURING  VENUS  INSERTION  MOTOR  FIRING 


LOW  CAPACITANCE  SURFACES  SUCH , 
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HISTORY  of  critical  components  during 
;js  transit 


SPACfCSAFT  irMPtRAllikt-)  INITIAUY  DtCMASt  WITH  MISSION  IlMf  AS  iHt 
SfACEOUfT  GOES  OUT  TO  1 .07  AU  AND  THCN  INCRFASf  AS  THt  INcVdVnT 
SOLAR  HEATING  W08|  THAN  DOUBUS  fBOW  TTS  MINIMUM  VALUE. 
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C VLNUS  ORSir  INSERTION  SPAaCRATT  TEMPERATURES  FOLLOWING 
MOTOR  IGNITION 


COMPONENT  AND  STKUaUHt  HtATINC  6Y  THf  ENGiNf.  WELL  NOI  ht 
EXCESSIVE  DURING  ORBIT  INJECTION  FIRING.  PLATFORM  MOUNTED 
tlECWONIC  COMPONENTS  WILL  EXHIBIT  ONLY  A SLIGHT  TEMPERATURE 
RISE  AND  REMAIN  WITHIN  ACCEPTANCE  IIMITS. 
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F TEMPERATURE  HISTORY  OF  CRITICAL  COMPOMENTS  HEAR  PERI  APSIS 
IN  VENUS  ORBIT 

SPACECRAFT  TEMPERATURES  REACH  MAXIMUM  ORBIT  VALUES  AT  DAY  >68  AFTER 
INSERTION  V. HEN  VENUS  ALBEDO,  EMISSION,  AND  FREE  MOLECULAR  HEATING 
RATES  ARE  AT  PEAK  VALUES,  TEMPERATURES  ALSO  REACH  MINIMUM  ORBIT  VALUES 
DURING  THE  SAME  ORBIT  WHEN  AN  1 .42-MOUR  SOLAR  ECLIPSE  OCCURS. 


DAY  168  AFTER  VOI  I 
24-hour  ORBIT  | 

* I U 

MAXIMUM  ARRAY  LIMIT  | 

1. 42-HOUR  |l«ANS-  If  J 




-5UBSOLAK  POINT 


'TBALJSMITTIK 

^BATTERY  I 


V ('•j — riNAp'iis  I 

X MINIA^UM  ARRAY  f iwn  -iVV  R 

— M iIZ_Uj 

-1  0 I 

TIME  FROM  PI  BIAPSIS  fHuURS 


Figufv  8.7'13.  TTior/OalU  OrtHtir  SpicecnM 
Iheriml  Pei1t)rmence 


8,  7-22 


C COMPONENT  »■ 


A ORBITER  SPACECRAFT  TRANSIT  THERMAE  PARAMETERS 


B ORBITER  MISSION  HEAT  DISSIPATION  PROFIU 


TM£  SPACECRAFT  SOIAR  ASPECT  ANGLE,  INCIDENT  SOLAR  RADIATION 
INPUT,  AND  DISTANCE  FROM  THE  SUN  IMPACT  THE  THERMAL  SYSTEM 
DESIGN.  THE  SPACECRAR  ELEMENT  TEMPERATURES  HAVE  TO  BE 
MAINTAINED  WITHIN  ACCEPTANCE  LIMITS  WITH  A MISSION  SOLAR 
HEAT  FLUX  VARIATION  OF  ItAO  TO  2660  WATTS/MHER*  (300  TO  840  8TU/HR) 


A TYPICAL  HLAT  DISSIPATION  HISTORY  FOR  VARIOUS  CR8IUR 
SPACECRAR  AREAS  INDICATES  THAT  THE  OVERALL  MISSION 
HEAT  DISSIPATION  INCREASES  NEAR  VENUS  AS  MORE  SOLAR 
ARRAY  POWER  BECOMES  AVAILABLE  , THIS  HEA'^  DISSIPATION 
INCREASE  IS  ACCOMMODATED  ftV  THE  LOUVERS.  WHICH  VARY 
THE  HEAT  REJECTION  CAPABILITY  OF  THE  EQUIPMENT 
COMPARTMENT 
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E ORBIIER  SPACECRAFT  SOLID  MOTOR  PLUME  INCIDENT  RADIANT  HEAT  FLUX 


F VENUS  ORBIT  ANGLE  AND  ALTITUDE  PARAMETERS  NEAR  PERIAPSIS 


THE  AET  SURFACES  OF  THE  CUITER  SRACECRAFT  RECEIVE  RADIANT 
HEATING  FROM  THE  SOLID  MOTOR  PLUME  FOR  THE  23  SECONDS  THAT 
THE  ATLAS 'CENTAUR  MOTOR  FIRES  AT  VENUS  CRIlT  INSERTION. 
CRITICAL  SPACECRAFT  SURFACES  ARE  POSITIONED  TO  REMOVE  THE 
INCIDENT  HEAT  RATE  TO  ACCEPTABLE  LEVELS  CONSIDERING  THE  HEAT 
CAPACITY  AND  SURFACE  ABSCRPTANCE  TO  THE  PLUME 
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ORBITER  SPACECRAFT  VENUS  ANGULAR  AND  ALTITUDE  PARAMETERS 
NEAR  PERIAPSIS  WHEN  THE  SUN  1$  PARALLEL  TC  THE  LINE  Cf  NODES 
ICRBIT  DAY  168-  ESTABLISH  THE  MOST  SEVERE  VENUS  ALBEDO  HEAT  INPUTS 
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C COMPONENT  HEAT  DISSIPATIONS 
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G SOIAR  AND  VENUS  HEAT  INPUTS  DURING  ORBIT 


MAXIMUM  ORBITER  SPACECRAR  TEMPERATURES  OCCUR  NEAR  VENUS 
PERIAPSIS,  WHILE  MINIMUM  TEMPERATURES  FOR  OTHER  SPACECRAFT 
ELEMENTS  EXCEPT  COMPONENTS  IN  THE  EQUIPMENT  COMPARTMENT 
OCCUR  AT  THE  END  OF  THE  1.43-HCUR  MAXIMUM  ECLIPSE.  THE 
SPACECRAFT  ANTENNA  tS  POSITIONED  IN  THE  SCUTHERNiy 
DIRECTION  DURING  CRBIT 
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H VENUS  ORBIT  PERIAPSIS  AITITUOE.  SOtAR  ASPECT  ANGIE  AND 
SUN  OCCULTA  TION 
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Figure  A 714  Recommended  Thor/Oelta  Orbller  Spacecrilt  Thermal  E nvlronment 
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Thermal  Analysis  Tochniquos 


A computer  model  similar  lo  that  describca  in  Section  8. 7.2.2 
was  used  to  calculate  Thor/Delta  orbiter  temperatures.  Thruster  require- 
ments and  heater  requirements  are  identical  to  the  other  configurations. 

^•7.4  Optional  Spacecraft  Confije;urations 

A number  of  other  alternate  configurations  were  investigated  during 
the  study.  These  included  various  large  probe  t lermal  control  techniques 
and  several  orbiter  spacecraft  designs.  The  n-iost  significant  alternate 
configurations  are  discussed  below. 


8.7.4. 1 Probe  Bus  Spacecraft 

Seven  thermal  control  system  techniques  were  reviewed  before 
selecting  the  final  Atlas/Centaur  and  Thor /Delta  probe  bus  thermal  con- 
trol system  designs.  The  advantages  and  disadvantages  of  each  technique 
were  reviewed  as  described  in  Section  8. 7.  5. 2 before  deciding  on  the 
earth-pointer  design. 


8. 7. 4. 2 Orbiter  Spacecraft 


Two  alternate  normal -to-the-Venus -orbit-plane  orbiter  configura- 
tions were  studied. 


Despun  Reflector  Option  A/C  JV  7/D  ••• 

This  orbiter  spacecraft  was  equipped  with  a despun  reflector  assem- 
bly and  a 12-watt  transmitter.  The  selected  thermal  control  system  design 
for  this  configuration  is  shown  in  Figure  8.7-15.  The  thermal  system  is 
similar  to  the  other  orbiter  configurations  and  will  maintain  all  components 
and  experiments,  except  the  infrared  radiometer,  within  acceptance  limits. 
The  despun  reflector  element  temperatures,  shown  in  Figure  8.7-16,  are 
considered  in  the  antenna  design  to  limit  structural  deformation  to  toler- 
able limits.  Curves  5 and  6 of  this  figure  are  also  applicable  to  the  con- 
figurations shown  below. 


Fanbeam,  Fanscan  Options 


w 

A/C  III 


w 

T/D  III 


A simplified  orbiter  configuration  was  studied  that  used  a fanbeam 
anienna  with  a 31 -watt  transmitter.  The  design  and  thermal  performance 
ol  this  option  was  very  similar  to  the  Section  8.  7.  3 Thor /Delta  and  Atlas/ 
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Figure  8.7-16.  Optional  Ofbi ter  Oespun  Reflector  Spacecraft  Thermal  Performance 


Centaur  configurations  except  for  the  transmitter  temperature.  When  the 
higher  power  transmitter  units  are  mo\inted  to  the  standard  honeycomb 
equipment  platform,  excessively  high  temperatures  will  result.  Therefore, 
it  is  necessary  in  this  design  to  provide  a thermal  fin  insert  to  the  plat- 
form as  described  in  Section  8.  7.  5.  3 to  reduce  the  transmitter  upper 
operating  temperature  to  acceptable  levels. 

8.7.5  Tradeoffs  ALL  PROBE  CONFIGURATIONS 

Three  basic  tradeoff  studies  were  performed  to  select  the  most 
economical  and  reliable  thermal  control  system  design.  These  studies 
are  described  in  the  following  sections. 

8.7.5.  1 Methods  of  Accommodating  Power  Variations 

Tabic  8,7-1  compares  the  advantages  and  diaadvanta^;es  of  three 
control  methods  that  can  be  used  to  accommodate  component  and  environ- 
mentally-induced power  variations  within  the  spacecraft  equipment  com- 
partment. The  louvers,  heat  pipes,  and  heaters  will  maintain  acceptable 
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Tabu*  H.  7-1,  Comparison  of  Three  Thermal  Control  Methods  to 
AtH!ommodate  Component  and  Environmentally 
Indue  i‘d  Pow<*r  Variations 


jYjUm 

ADVANTAGES 

DISADVANTAGES  | 

itvuyiK'j 

I V Ph 

• 

HIGHI  PROVEN 

• 

WIDE  ACTIVATION  TEMPERATURE  RANGE 

• 

opera., NO  TEMPERATURE  RANGE 
SELECTABLE 

• 

INHERENT  REDUNDANCY 

HLAT  PIPES 

(VAKIABLt  CONDUCTANCE 

• 

CLOSE  CONTROL  OF  EQUIPMENT 
TEMPERATURE  DURING  THE  MISSION 

# 

REQUIRES  REDUNDANCY 

TYPC) 

• 

POSSIBLE  REDUCTION  Of  UNIT  AND 
SPACECRAFT  ACCEPTANCE  TESTING 

• 

MIGHT  AFFECT  SPACECRAFT  DYNAMIC 
BALANCE  AT  HIGH  SPIN  RATES 

• 

OPERATING  TEMPERATURE  RANGE 
selectable  (PRIOR  TO  INTEGRATION) 

• 

CONSTRAINS  SPACECRAFT  SOLAR  SIMU- 
LATION THERMAL  VACUUM  TESTS 

ELECTRIC  HEATERS 
(PROPORTIONAL  TYPE) 

• 

CLOSE  CONTROL  OF  EQUIPMENT 
TEMPERATURE  DURING  THE  MISSION 

• 

REQUIRES  LARGER  BATTERY  FOR  ECLIPSE 
OPERATION 

1 

• 

POSSIBLE  REDUCTION  Of  UNIT  AND 
SPACECRAFT  ACCEPTANCE  TESTING 

• 

MIGHT  REQUIRE  SLIGHTLY  LARGER  ARRAY 

• 

OPERATING  TEMPERATURE  RANGE 
SELECTABLE  (PRIOR  TO  INTEGRATION) 

• 

REQUIRES  ADDITIONAL  SWITCHING 
CAPABILITY 

• 

SHUNT  SIZE  MIGHT  BE  REDUCED 

• 

REQUIRES  REDUNDANCY 

component  temperatures  throughout  the  mission,  with  the  heat  pipe  sys- 
tem providing  the  best  control.  The  electric  heaters  offer  the  most  versa- 
tile system  since  they  can  be  controlled  by  ground  command.  However, 
both  the  heat  pipe  and  heater  systems  are  less  adaptable  to  design  changes 
during  the  spacecraft  development  phase.  This  is  because  heat  pipes  have 
to  be  integrated  into  the  mounting  platform  during  its  fabrication  early  in 
the  program,  and  the  heater  wire  routing  affects  the  spacecraft  harness 
design.  Slight  modifications  can  be  made  in  both  systems  at  a later  date, 
but  with  much  more  program  impact  than  needed  for  a louver  change. 
Louver  assemblies  can  be  repositioned  easily  by  bonding  new  screw 
inserts  into  the  platform. 

The  program  costs  of  all  three  systems  are  substantially  the  same. 
This  is  due  to  the  fact  that  the  heater  system  requires  a larger  array  and 
additional  command  capability,  and  the  heat  pipe  system  complicates  the 
performance  and  evaluation  of  thermal/ vacuum  tests.  In  addition,  since 
most  spacecraft  black  boxes  have  been  previously  qualified  to  a much 
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wider  temperature  range  the  potential  component  unit  cosi  savings  derived 
from  the  heat  pipe  or  electric  heater  systems  are  not  realixjed.  There- 
fore the  louver  system  was  selected  beca  .ise  it  is  flight  proven,  adaptable 
to  late  modifications  in  both  temperature  actuation  range  and  platform 
location,  by  design  has  inherent  re  dundancy,  and  does  not  constrain  space- 
craft solar  simulation  and  thermal  vacuum  testing. 


8,7. 5.2  Influence  of  Large  Probe  on  Thermal  Control  System  Design 


The  thermal  control  system  design  for  the  probe  bus  spacecraft  is 
largely  dependent  upon  large  probe  temperature  control  since  the  equip- 
ment compartment  and  small  probes  are  isolated  from  the  solar  environ- 
ment, Table  8.7-2  lists  the  primary  advantages,  disadvantages,  and 
characteristics  of  seven  thermal  control  methods  that  were  considered  to 
maintain  acceptable  large  probe  temperatures. 


Systems  1 through  5 were  considered  first  at  the  time  this  tradeoff 
was  performed  to  maintain  similarity  of  the  spin  axis  with  the  Thor /Delta 
orbiter  spacecraft.  The  first  two  systems  were  the  most  simple,  but  did 
not  meet  the  design  requirements.  Initially,  System  2 required  a heater 
power  output  of  27  watts  tiear  earth.  Subsequent  probe  insulation  tests 
reduced  this  value  to  15  watts,  a dissipation  still  top  great  for  the  current 
Thor/Delta  configuration.  The  Atlas/Centaur  design  could  support  this 
requirement  and  this  system  is  considered  an  alternate  for  that 
configuration. 


A multilayer  or  high  absorptance/emittance  ratio  cover  that  is  j 

jettisoned  prior  to  large  probe  release  is  utilized  in  Systems  3 and  4,  j 

These  systems  will  maintain  acceptable  temperatures,  but  add  weight 
and  complexity  to  the  design.  In  System  5 the  large  probe  is  raised  above 
the  array  so  that  it  is  fully  exposed  to  the  sun.  This  system  is  considered 
unacceptable  because  it  strongly  influences  the  probe  thermal  surfaces 
and  produces  a dynamic  instability  of  the  spacecraft. 

Systems  6 and  7 use  variable  solar  aspect  angle  control  to  maintain  j 


acceptable  large  probe  temperatures.  These  systems  were  the  most 
attractive  from  overall  spacecraft  design  considerations,  particularly  the 
Thor/Delta  configuration.  A summary  of  the  system  characteristics  is 
presented  in  Table  8,7-3, 
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Table  8.  7-2. 


Thermal  Control  Method  Characteristics 


SYSTEM 


1.  UNHEATEO 
LARGE  PROBE 


2.  HEATED 
LARGE  PROBE 


3.  UnSULATED 
LARGE  PROBE 


4,  THERMAL 
SHIELD  OVER 
LARGE  PROBE 


5.  EXPOSED 
LARGE  PROBE 


6. SPIN  AXIS  t 
TO  EARTH  LINE 


7.  MODIPIEO 
EARTH 
POINTER 


DECRIPTION 


PROBE 

INTERNAL 

HEATER 


SUN 


PROBE 
INTERNAL' 
HEATER 


MULTI  LAYERI 
INSULATION 
COVER 


SUN 


HIGH  a t 
THERMAL 
SHIELD 


SUN 


MOSAIC  PAINT 
PATTERN 


SUN  £7 


ANTENNA  PLANE , IN 
LINE  WITH  EARTH  ^ 


— 

INTERNAl 
HEATER 


11.57  RAD 
DEG) 


ANTENNA  TOWARD 
EARTH 


SOLAR  ASPECT 
ANGLE  (FROM 
SPIN  AXIS) 


1,57  RAD 
(90  DEG) 


1.57  RAD 
(90  DEG) 


1.57  RAD 
^90  DEG' 


1.57  RAD 
(90  DEG) 


1.57  RAD 
(90  DEG' 


VARIABLE 
SUN  ANGLE 


VARIABLE 
SUN  ANGLE 


advantages 


• LARGE  PROBE  HEATER 
NOT  REQUIRED 

• OPERATES  NORMAL  TO 
VOP 

• MINOR  PROBE  THERMAL 
INTERFACE 


• SIMPLE  SYSTEM 

• MINOR  PROBE  THERMAL 
INTERFACE 

• OPERATES  NORMAL  TO 
VOP 


• ACCEPTABLE  POWER 
LEVEL 

• OPERATES  NORMAL  TO 
VOP 

• MINOR  PROBE  THERMAL 
INTERFACE 


• LARGE  PROBE  HEATER 
NOT  REQUIRED 

•OPERATES  NORMAL 
TO  VOP 

• NO  PROBE  THERMAL 
INTERFACE 


DISADVANTAGES 


•EXCESSIVELY  LOW 
LARGE  PROBE 
TEMPERATURE  LEVEL 
1-65’C  (-«5-F)| 


• REQUIRES  LARGE  PROBE 
HEATER  U5  WATTS  NEAR 
EARTH) 

• REQUIRES  HEATER 
CONTROL 


• REQUIRES  LARGE  PROBE 
HEATER 

• REQUIRES  JETTISONABLE 
COVER 

•ADDED  WEIGHT  AND 
COMPLEXITY 

• REQUIRES  HEATER 
CONTROL 


• REQUIRES  JETTISONABLE 
COVER 

• ADDED  WEIGHT  AND 
COMPLEXITY 


• OPERATES  NORMAL 
TO  VOP 


• ACCEPTABLE  HEATER 
POWER  LEVEL 

• MINOR  PROBE  THERMAL 
INTERFACE 


• LARGE  PROBE  HEATER 
NOT  REQUIRED 

•MINOR  PROBE  THERMAL 
INTERFACt 


• REQUIRES  LARGE  PROBE 
HEATER  (9  WATTS  NEAR 
EARTH) 

• REQUIRES  HEATER 
CONTROL 

• MAJOR  DYNAMICS 
INPACT 

• MAJOR  PROBE  INTERFACE 


• REQUIRES  large  PROBE 
HEATER 

• REQUIRES  HEATER 
CONTROL 

• REQUIRES  ASPECT 
CONTROL  BY 
GROUND  COMMAND 


• REQUIRES  ASPECT 
CONTROL  BY 
GROUND  COMMAND 
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8. 7. 5. 3 Transmitter  Heat  Distribution  System 


w 

A/C  III 


w 

T/D  HI 


TIu'  fanbean  and  fanscan  antenna  system  for  the  optional  31 -watt 
Thor/Delta  orbiter  mission  spacecraft  would  increase  the  transmitter 
power  density  to  a point  whore  a special  heat  distribution  thermal  fin 
would  be  required  for  transmitter  mounting.  This  fin  could  be  fabricated 
of  a solid  piece  of  aluminum  or  designed  to  use  heat  pipes  to  distribute 
the  energy,  ^ The  heat  pipe  system  is  less  than  half  the  weight  of  the  solid 
metal  plate,  but  compromises  spacecraft  solar  simulation  tests.  Valid 
tests  can  be  performed  only  when  the  heat  pipes,  bonded  in  the  equipment 
mounting  platform,  are  kept  horizontal  throughout  the  test.  The  weight 
of  an  aluminum  thermal  fin  appears  to  be  acceptable  for  the  optional 
Thor/Delta  configuration.  If  weight  reduction  is  required  at  a later  date 
the  heat  pipe  fin  could  be  used  with  the  resultant  test  constraints. 


8.7-31 


ALL  CONFIGURATIONS 


8.8  STRUCTURE  AND  MECHANISMS 

The  structure  and  mechanisms  subsystem  includes  the  spacecraft 
primary  and  secondary  structure  as  well  as  its  mechanisms.  These 
include:  1)  large  and  small  probe  retention  and  separation  systems; 

2)  the  magnetometer  boom;  3)  the  nutation  damper;  and  4)  miscellaneous 
deployment  springs  and  initiators  for  deploying  the  radar  altimeter, 
electron  temperature  probe,  and  ultraviolet  fluorescence  grating. 

Figure  8.8-1  summarizes  the  key  features  of  the  subsystem.  It 
includes  information  on  both  the  probe  bus  and  the  orbiter. 

H e remainder  of  the  section  provides  further  detail  on  the  design. 

8.8.1  Structural  Subsystem 

• various  spacecraft  configurations  studied  were  identified  in 
Section  5.2.  Since  there  is  great  structural  commonality  between  all 
the  configurations,  only  one  is  shown  in  this  section.  Further,  since  the 
structural  configurations  for  the  probe  bus  and  orbiter  are  fundamentally 
identical,  the  probe  bus  design  is  discussed  primarily,  because  it  is 
much  heavier  and  represents  the  more  critical  of  the  two  vehicles. 

Where  differences  exist  between  the  structures  for  the  various  configura- 
tions and  the  two  launch  vehicles,  they  are  described. 

8.8. 1.1  Design  Requirements 

The  design  loads  and  flight  environments  of  Section  5.2  provide  the 
basic  structural  design  requirements  for  the  spacecraft.  From  a struc- 
tural viewpoint,  there  are  two  basic  differences  in  the  design  conditions 
between  the  probe  bus  and  the  orbiter: 

1)  The  probe  bus  is  approximately  30  percent  heavier  than  the 
orbiter. 

2)  The  orbiter  is  subjected  to  a deboost  into  Venus  orbit;  the  probe 
bus  is  not. 

8.8.1.2  Structural  Description 

The  spacecraft  structure  consists  of  four  primary  elements:  1)  the 

central  cylinder,  2)  the  equipment  platform,  3)  the  truss  support  system, 
and  4)  the  solar  array  substrate  and  ring  supports.  The  structure  uses 
conventional  aluminum  alloys  and  attachment  techniques.  (A  beryllium 
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centra  cvhndcr  la  required  fur  the  two  Thor/Delta  apacecratt  alruc. 
urea.  , Each  of  the  primary  atructural  elements  i.  described  in  the 
oUowtn*  paragraphs.  Tigure  8.8-.E  shows  the  structural  element,  and 
lustrates  the  commonality  between  probe  bus  and  orbiter.  The  figure 
IS  for  Atlas/Centaur;  Thor/Dclta  is  similar. 


Central  Cylinder 

The  central  cylinder  is  the  basic  building  block  for  the  spacecraft 


o niL-  spucccrc 

rue  urr.  he  booster  interface  ring  is  attached  to  the  aft  end  of  the 
cylinder. 


There  are  subtle  changes  in  the  size  and  function  of  the  central 
cyhnder  related  to  its  use  as  part  of  the  probe  bus  or  the  orbiter: 


Probe  Bus 

Shorter  than  on  orbiter 


p"aTtoio^tSir&‘ rfVr  ?h7^!;rr:;:fi7if--' 


Orbiter 

Larger  than  on  probe  bus 


P'”err"e;’’Ld°o2ion‘’’’l 

Internal  ring  to  mount  Vonus  orbit  tnjoctlon  motor. 


During  the  design  study,  various  material,  were  evaluated  for 
fabr.cat.ng  the  central  cylinder.  Table  8.8-t  show,  the  gauges  and 
wmghl  dtfferences  for  aluminum.  For  Atlas/Centaur,  aluminum  wa. 
elected.  Based  on  weight,  beryilium  was  chosen  for  Thor/Delta. 
Equipment  Platform 

This  sandwich  annular  panel  provides  the  mounting  surface  for  the 
majority  of  the  spacecraft  systems  equipment  and  the  science  instrum  t 
components.  The  panel  is  sized  to  provide  both  adequate  strength  and 
ness  to  withstand  the  launch  and  flight  loads  and  environments.  It 

-■./r7H  ;iTr 

3. 1 lfe-7P(5052)  honeycomb  core. 
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KEY  DESIGM  FEATURES 


MAJOR  STRUCTURE  COMMONAUTY  BETV;EEH  PSOBF  BUS  AhJDOR9IU» 

CONVENTIONAL  MATERIALS  AND  FULLY  PROVEN  MANUrACTUPING 
TECHNIQUES  USED  THROUGHOUT 

STRUCTURE  IS  DC  SIGNED  TO  rAClllTATI  INTEGRATION  AND  ACCESS 
DURING  TISf  PHASLS 

TRUSS  TUBES  AND  FITTINGS  ARE  DESIGNED  lO  MINIMIZE  EAB^ICATION 
COST  WHILE  MAINTAir  MNG  ABILITY  TO  HOI  D nvf  Pa|,L  AI  inr;Mf  nT 
AND  TON  RANG  S RfOUIRlD  EOR  INDIVIDUAL  PACIS  CE  Thl  SCAf  iCi'Ai  I 
STRUCTURE  IS  ARRAMGLD  TO  PROVIDE  DIRECT  lOAD  PATHS  TCP  A.  I 
PRIMARY  PAYLOAEjS  fLARGE  AND  SMALL  PROBES  ON  iHi  PKUBi  ?i':, 

AND  HIGH-GAIN  ANTENNA  AND  ORBlt  INSERTION  MOIOR  ON  THE 
OR8ITTR1 

STRUC  TURE  IS  CONF  IGURED  TO  FACItITATI  ACHIEVEMENT  OE  MASS 
BALA  'JCE  AND  FAVORABLE  MOMENTS  OF  INERTIA  RATIO 

STRurrURt  IS  ALSO  CONFIGURED  TO  AMINTAIN  AN  ACCEPT  ABEL 

ocnter-of-oravity  shift  on  the  probe  bus  during  the  total 

PROBE  DEPLCYA/IF.MT  SEQUENCE 

PROBE  retention  AND  DEPLOYMENT  SYSTEMS  USE  PROVEN  lECh- 
NIOUES  AND  PYROTECHNIC  DEVICES 

FULLY  COMPATIBLE  V/ITH  THE  ATLAS/CENTAUR  BOOSTER  SYSTEM 


PRINCIPAL  PHYSICAL  CHARACTERISTICS 

MASS  ESTIMATES 

PRC  3E  BUS 

CP 

fKG 

IkBQl 

PRIMARY  SPACECRAFT  (DRYi'^' 

161.0 

I355.0I 

195.4 

:433.9. 

LARGE  PROBE 

263.6 

i5B1.2> 

SMALL  PROBES  '3, 

210.1 

^463. 2 ■. 

SCIENCE 

13.8 

130.3  V 

45.4 

noo.i) 

SOLAR  ARRAY 

8.2 

ue.Oi 

14.: 

'31. 3’ 

HIGH-GAIN  ANTENNA 

3,3 

7.3: 

ORBIT  INSERTION  MOTOR 

163.2 

359.6: 

DIMENSIONS 

('MM' 

■ 11^1 

1'M^‘ 

■IN . 1 

OVERALL  HtIGHT 

>S75 

6? 

2103 

83 

MAXIMUM  DIAMETER 

2616 

103 

2616 

103 

*LESS  PROBES,  SCIENCE  AND/OR 

INSERTION  MOTOR 

BASIS  OF  STRUCTURAL  DESIGN 

COMPONENT 

PROPOSED  MATERIALS  AND 

fabrication  techniques 
PROBE  BUS  ORBIT FR 

CENTRAL  CYLINDER 

ALUMINUM  SHELL  AND 
RIF.'GS 

SAME 

TRUSS  SYTEM 

ALUMINUM  TUBES  AND 
MACHINED  ALUMINUM 
FITTINGS 

same; 

EQUIPMENT 

PLATFORM 

ALUMINUM  HONI V- 
COMB  SANDWICH 
M^ITH  CUTOUTS' 

SAME 

SOLAR  ARRAY 
SUBSTRATES 

ALUMINUM  HONEY- 
COMB AND 
FACESHEETS 

SAME 
t LARGER' 

SMALL  PROBE 
CONSTRAINT  AND 
DEPLOYMENT 
SYSTEM 

ALUMINUM  machined 
PLATE 

HIGH-GAIN 

ANTENNA 

FIBLROIASS  FACtSHtll/ 
ALUMINUM  HONEYCOMB 
SANDWICH  WITH  FIBLR- 
ClASS  FELD  STRUTS 

( 

9 


I, 


ALL  CONFIGURATIONS 


ALL  CONFIGURATI'^^S 


Table  Thor/Delta  Central  Cylinder 

Material  Tradeoff 


MA1ERIAL 

P a 
(KG/M'*) 

2 

(CM) 

WclOHT 

(KG) 

L- 

ALUMINUM 

2768 

703  X 0^ 

0.102 

MAGNESIUM 

1771.5 

457  xlO^ 

0,127 

BERYLLIUM 

1854.6 

2988  X \</ 

0,051 

TITANIUM 

4426.8 

1153  X 10^ 

0.076 

mm 

For  the  orbiter,  the  platform  is  essentially  complete.  On  the 
probe  bus,  cutouts  are  required  to  accommodate  the  three  small  probes 
which  penetrate  below  the  level  of  the  platform. 

Truss  Support  System 

The  truss  support  system  consists  of  tubes,  rings,  and  vertical 
tee  members. 

The  smaller  diameter  center  ring  forms  the  top  closure  to  the 
central  cylinder:  the  outer  ring  provides  a frame  for  tieing  together  the 
upper  solar  array  support  struts. 

Diagonal  struts  from  the  lower  end  of  the  outboard  verticals  to  the 
forward  central  cylinder  ring  support  the  outer  edge  of  the  equipment 
platform. 

The  vertical  tee  section  members  at  the  outer  periphery  of  the 
equipment  panel  react  the  axial  loads  from  the  solar  array  and  support 
the  small  probe  support  yokes.  They  also  mount  the  pivoting  frames  for 
retention  and  release  of  the  small  probes  and  their  thermal  covers. 

The  nearly  horizontal  tubular  truss  members  joining  the  inner  and 
outer  rings  shown  in  Figure  8.  8- IE  react  the  torsional  and  lateral  shear 
loads  from  the  solar  array.  In  addition,  they  provide  a forward  equip- 
ment compartment  thermal  closure  support  system. 

Solar  Array  Substrate  and  Ring  Supports 

The  solar  array  substrate  is  honeycomb  sandwich  (0.  95-cm-thick 
core  with  0. 020-cm-thick  aluminum  facesheets)  formed  into  conical 
frustum  sections  as  shown.  These  panels  will  attach  to  end  rings,  as 
shown,  to  tie  them  physically  together. 
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This  modol  and  program  am  usod  to  d..lormi..c  Iho  inlt-rnal  mombor 
load,  within  .hr  Btructnm  when  .uhjrclod  to  various  static  or  pseudo- 
Static  dcaign  loading  conditions. 

With  the  internal  mambrr  loads  idontUlcd.  the  structural  integrit  y 
of  the  spacecraft  is  confirmed  by  detailed  stress  analysis.  Table  B.B-2 
is  a weight  breakdown  used  to  distribute  the  masses  on  the  structure, 
and  Table  8.8-3  presents  the  summary  of  rntnimum  margins  of  salety 
for  the  critical  members  within  the  structure. 


Table  8.8-2.  Weight  Breakdown  for  Analytical  Model 


MAJOK 

ASSEMBLY 

compot::nt 

WEIGHT 
(KG)  (LB) 

subtot/ 

WEIGHT 

(KG) 

(LB)  1 

SOLAR  ARRAY 

UPPER  RING 
LOWER  RING 
BALANCE  WEIGHTS 
THRUSTERS 
SOLAR  ARRAY 

FORWARD  OMNI  AND  SUPPORT 

1.27 
1 .36 

i.ei 

0.54 

6.21 

0.52 

0.27 

(2.80) 

(3.00) 

(4.00) 
(1.20) 

(13.70) 

(1.15) 

(0.60) 

12.0 

(26.45)1 

.mrge  probe  ring 

^STATION  119.75) 

LARGE  PROBE 
RING  WEIGHT 
ATTACHMENT  HARDWARE 
TOP  STRUTS  (1/2) 

DIAGONAL  STRUTS  (1/2) 

PROBE  SUPPORT  AND  RELEASE  (LARGE) 

158.98 

2.31 

0,14 

C.59 

0.41 

3.63 

(350.50) 

(5.10) 

(0.30) 

(1.30) 

(0.90) 

(8.00) 

166.06 

366.10)  1 

RING 

(STATION  116.00) 

RING 

ATTACHMENT  HARDWARE 

verticals  (1/2) 

SOLAR  STRUTS  (1/2) 

THRUSTERS 

TOP  STRUTS  0/  2) 

1 .68 
U.09 
0.70 
0.52 
1 .09 
0.59 

(3.70) 
(0.20) 
(1.55) 
(1.15) 
(2.40) 
(1 .30) 

4,67 

(10.30)1 

platform  outer 

RING 

(STATION  103.625) 

FITTINGS  AND  ATTACHMENT 
hardware 
VERTICALS  (1/2) 

THRUSTERS 

DIAGONAL  STRUTS  (1/2) 

0.36 

0.70 

0.55 

0.41 

(0.80) 
(1 .55) 
(1  .20) 
(0.90) 

2.02 

14.45)1 

EQUIPMENT 

platform 

PLATFORM 

attachment  hardware 

EQUIPMENT  TIEDOWN 
SCIENCE  _ ^ 

magnetometer  BOOM  ASSEMBLY 
SCIENCE  SUPPORT  BRACKETS 
MISCELLANEOUS  BRACKETS 
WOBBLE  DAMPER 
ANTEF4NA  AND  SUPPORT 
PLATFORM-MOUNTED  EQUIPMENT 

7.85 

0.14 

1.36 

.5.90 

2.04 

2.27 

0. 91 

1. Bl 
1.13 

51.25 

(17.30) 

(0.30) 

(3.00) 

(13.00) 

(4.50) 

(5.00) 

(2.00) 
(4.00) 

(2.50) 

(113.00) 

74.66 

(164.60)  1 

OMNI  ANTENNA 
OMNI  SUPPORT 

0,41 

0.23 

(0.90) 

(0.50) 

0.64 

(1.40)  1 

propulsion 
AND  PROBES 

SMALL  PROBES  (3) 

SMALL  PROBE  SUPPORTS  (3) 

TANKS  (3) 

PROPELLANT  (3) 

PKOPUl  ANT  SUPPORT  ASSlMjUrS  (3) 

77.70 
1.72 
Z.54 
25. B5 
2.27 

(171.30) 

(3.80) 

(5.60) 

(57.00) 

(5.0U) 

110.08 

(242.70)  1 

CENlKAl 

CYLirTDtR 

central  CYLINDER 
StPARAllUN  RING 
MlDIUM-GAIN  ANTENNA 
medium-gain  antenna  SUPPORT 

2.22 

3.36 

0.45 

0.23 

(4.90) 

(7.40) 

(l.UO) 

(0.50) 

6.20 

(13.80)  1 

:i,  'MAI 

(UISTKIBUIL  - MOSTLY  LOUVERS) 



1 8.71  (19.20) 

total 

8.71 

385.1 

(19.20)  1 
(B49.U0)  1 
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Table  8,8-3,  Minimum  Margins  of  Safety 
(Thor/Delta  Probe  Bus) 


COMPONENT 

CRITICAL  tOAD 
CONDITION 

failure  mope 

MARGIN 
OF  SAFETY* 

REMARKS 

CENrOALCVUNOEIt 

THIRD-STAGE  BURNOUT 

SHEU  BUCKLING 

0.1S 

BERYLLIUM 

EQUIPMENT  PIATFORM 

third-stage  burnout 

facesheet 

WRINKLING 

0.34 

- 34  112 

VERTICAL  TEE  STRUTS 

9.42  RAO/S  (90RPM)  SPIN 

BUCKLING 

O.SB 

TRUSS  TUBES  (PLATFORM) 

AXIAL  VIBRATION 

STIFFNESS 

LARGE 

MINIMUM  GAUGE  AND 
SIZE  T0KIEPF^>35HZ 

SOLAR  ARRAY  SUPPORT 
TRUSS 

THIRD-STAGE  BURNOUT 

COLUMN 

LARGE 

MINIMUM  GAUGE  AND 
DIAMETER 

SOLAR  ARRAY  LOWER  RING 

THIRD-STAGE  BURNOUT 

CRIPPLING 

0.16 

.ARGE  PROBE  SUPPORT 

THIRD-STAGE  BURNOUT 

CRIPPLING 

0.07 

SMALL  PROOE  SUPPORT 
YOKE 

PROBE  PRELOAD 
(LATERAL  VIBRATION) 

CRIPPLING 

0.3S 

OMNI  ANTENNA  MA:T 

lateral  vibration 

STIFFNESS 

LARGE 

KEEPFfc.  >20  HZ 
^LAT 

‘SEE  MIL  H06K>SA 

8. 8. 2,2  Dynamic  Anal ya is 

The  structural  analysis  model  of  the  Thor/Delta  probe  bus  con- 
figuration described  in  Section  8.8,2. 1 was  modified  and  used  to  com- 
pute cantilevered  natural  frequencies  and  mode  shapes.  The  modes 
weie  then  used  to  compute  response  levels  to  the  specified  sinusoidal 
excitation  at  the  spacecraft/booster  interface  (Section  5.2)  over  the 
frequency  range  20  to  iOO  Hz.  Modes  and  frequencies  were  computed 
for  a 216-node  model  incorporating  an  18-node  mass  and  stiffness  model 
of  the  large  probe.  The  small  probes  were  considered  as  rigid  masses. 

Results  are  presented  in  the  form  of  a summary  of  frequencies 
and  mode  descriptio  i (Table  8.8-4),  and  peak  response  levels  for 
selected  nodes  (Table  8.8-5). 

The  fundamental  frequencies  of  33  Hz  lateral,  50  Hz  axial  are 
sufficiently  high  compared  to  the  minimum  frequencies  specified  (20  Hz 
lateral,  35  Hz  axial)  to  preclude  a strong  dynamic  interaction  between 
the  spacecraft  and  booster.  As  a result,  the  accuracy  of  the  specified 
launch  loads  for  primary  structure  will  not  be  significantly  affected  by 
spacecraft  flexibility.  The  natural  frequencies  of  the  large  probe  are 
high  in  comparison  to  the  spacecraft  and  have  a minimal  effect  on  the 
overall  spacecraft  response  characteristics. 
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Tabic  8,8-4,  Summary  of 
Thor/DeltP  Probe  Bus 
Configuration  Modes 


Table  8,8-5,  Summary  of  Predicted 
Response  Levels  for  Sinusoidal 
Input  at  Booster  Interface 


T/D  III 


MOOI 

F«QaNCt 

pudominant  motion 



FREQUENCY 

INPUT  LCVf 

PEAK  RESPONSE 

LOCATION 

DIRECTION 

! 

33 

kAT§)<At  B£n0inG/«OCkino 

(HZ) 

(0) 

(0,  OPEAK) 

2 

40 

lAMHAi  eENDlNO  ROCKING 

3 

50 

AXIAL 

SMALL  PROSE,  INftOARD 
ATTACH  POINT 

AXIAL 

SO 

2.3 

42 

4 

56 

LATCfiAi  BENOpNG.  ROCKING 

s 

6! 

uaUkAk  torsion 

EDGE  OF  EUUiPMENT 
platform 

AXIAL 

50 

2.3 

22 

6 

63 

LATERAL 

66 

lateral 

LARGE  PROBE. 
EQUIPMENT  Shelf 

AXIAL 

105 

2.3 

22 

8 

69 

I lateral 

9 

: 

PlAHO-'M  sending 

LARGE  PROBE,  CONE/ 
SKIRT  INTERFACE 

AXIAL 

105 

2.3 

9 

ic  i 

n 

82 

1 -mOmE-  modes 

HiOf'E'  MOUEi 

SMALL  PROBE.  INBOARD 
ATTACH  POINT 

lateral 

82 

1.5 

10 

i 2 

ICi  j 

higher  mooes 

13 

103 

HIGHER  mooes 

large  probe 

lateral 

33 

1.5 

5-8 

u 

! 105 

HIGHER  MODES 

15 

1 

large  PROSE  A.maL 

NOTCHING  TO  BE  APPLIED  AT  FUNDAMENTAL  FREQUENCIES  TO  MORE  REALISTICALLY 

SIMULATE  FLIGHT  LOADING 

ll2W 

Tlior/Delta  Orbiter  Configuration  4— T/0  III 


The  analysis  was  performed  for  the  Thor/Delta  probe  bus  configu- 
ration because  it  is  the  most  critical  from  a structural  weight  and  fre- 
quency standpoint.  Because  of  the  similarities  in  the  structure  and  the 
weight  distribution  and  because  of  the  lower  overall  weight,  the  funda- 
mental frequencies  of  the  Thor /Delta,  orbiter  configuration  will  be  slightly 
higher  than  the  probe  bus,  and  peak  response  levels  will  be  approximately 
the  same. 


The  most  significant  difference  will  be  the  fanbeam  antenna  on  the 
orbiter,  which  itself  will  have  a fundamental  frequency  of  approximately 
10  Hz. 
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Atlas/ Centaur  Probe  Bus  and  Orbiter  Configuration 

Fundamental  frequencies  for  the  Atlas /Centaur  probe  bus  and 
orbiter  configurations  will  be  similar  to  the  corresponding  Thor/Delta 
configurations e This  is  due  to  the  similarities  in  the  structural  contigu*- 
ration  and  the  increased  structural  weight  allocation,  which  compensates 
for  the  increased  spacecraft  weight  and  dimensions*  Respenoe  levels 
will  be  approximately  the  same*  since  the  spacecraft /booster  input  levels 
specified  for  Atlas /Centaur  and  Thor /Delta  boosters  are  identical  over 
the  frequency  range  which  contains  the  important  moies. 
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Largt‘  probe  release  system 
Small  probt‘  release  system 
Probe  t'leclrical  disconnects 
Magnetometer  boom 
Nutation  damper. 
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8.8.3.  i Large  Probe  Release  Mechanism 

The  single  large  centrally  mounted  probe  is  attached  to  the  forward 
ring  of  the  central  cylinder  by  three  equally  spaced  ball  locks  (Fig- 
ure 8.  8-iA).  Each  ball-lock  mechanism  uses  a set  of  four  spherical  balls 
protruding  from  the  shaft  to  engage  a self-aligning  notched  bushing  in  the 
mating  part.  The  drawing  shows  a cross  section  through  the  mating  sur- 
faces and  the  ball-lock  assembly.  The  shaft  reacts  only  tension  loads  at 
the  probe-spacecraft  interface.  Sliear  loads  are  reacted  by  a recess  in 
the  spacecraft  ring  engaging  a boss  on  the  probe  side  of  the  interface. 
Compression  loads  are  reacted  directly  from  the  prob<.'  inner  shell  to  the 
support  strut  in  bearing  at  the  interface.  Release  is  initiated  by  dual 
squibs  generating  pressure  to  drive  the  piston  inside  (he  ball-lock  pin. 

Outboard  of  each  ball-lock  is  a separation  spring  housed  in  a 
retainer  cup.  A retaining  pin  in  the  cup  which  holds  the  spring  in  the 
compressed  condition  will  permit  ease  of  assembly  to  ilie  underside  of 
the  support  strut.  The  retaining  pin  is  then  removed  after  installation  to 
allow  the  .spring  to  bear  against  the  probe  push  plate.  The  lower  end  of 
the  spring  will  be  permanently  attached  to  the  cup  to  prevent  easting  off 

as  debris.  The  springs  are  designed  for  a 0.3  m/s  (I  ft/s)  separation 
velocity* 

Table  8.8-6  shows  the  tradeoff  study  of  different  release  schemes: 
three  ball-lock  configurations  and  one  using  bolt  cutters.  Design  No.  2 
was  selected  because  of  its  light  weight;  it  is  pictured  in  Figure  8.8..3A. 
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Table  8,8-6.  Evaluation  of  Release  Systems  for  Large  Probe 


DlblGN  NO, 

v,OMl‘ONLNTS 

OUANUTY 

UNIT 

WllGHT 

(KC) 

SUBSYSTEM 

WtIGHT 

(KG) 

SYSTEM 

vVLlGHT 

(KG) 

RLMARKS 

1 

BALL  LOCKS 

J 

0.303 

0.912 

(MANIFOLD  bYSUM) 

GAS  OENIRATIONS 

2 

0.240 

0.4«I 

TUBE  IS  SINGLE-POINT 

ELECTROEXPLOSIVE  DEVICE 

4 

0.009 

0.036 

2 .24 

FAILURE 

PNEUMATIC  LINE 

(4M) 

0.240 

0.240 

. 

ELECTRICAL  DISCONNECT 

1 

0.572 

0.572 

(O&M  TECHNOLOGY.  INC.) 

2 

BALL  LOCKS 

3 

0.B04 

0.912 

: 

(INOEPENDFNT  SYSTEM) 

ELECTROEXPLOSIVE  DEVICE 

6 

0.009 

0.054 

1 .54 

electrical  disconnect 

1 

0.372 

0.572 

(G4H  TECHNOLOGY.  INC.) 

3 

IMILD  DETONATING  FUSE) 

BALL  LOCKS 

3 

0.304 

1 0.912 

MILD  DETONATING  FUSE  (DUAL) 

2 

0.340 

1 0.680 

I SHIELD  CABLE 

2 

i ^ 

1 0.481 

2.68 

1 ELECTROEXPLOSIVE  DEVICE 

4 

j 0.009 

1 0.036 

j ELECTRICAL  DISCONNECT 

1 

! 0.572 

1 0.572 

, IG&H  TECHNOLOGY.  INC.) 

4 

i 

1 BOLT  CUTTER 

I 6 

0.075 

1 0.454 

(BOLT  CUTTERS) 

; 

* 

: RETAINER  CAGE 

1 6 

0.002 

0.014 

MAY  REQUIRE 

i 

12  E'lCTROEXPLOSIVE 

i ELECTKOEXPLOSIVE  DEVICE 

6 

0.009 

0.054 

1 .50 

DEVICES 

; ELECTRICAL  DISCONNECT 

1 

0.572 

0.572 

i (O&H  TECHNOLOGY,  INC.) 

i 

! SUPPORT  BRACKET  AND  BOLT 

1 

3 

j 0.136 

0.408 

1 

8s8,3.2  Small  Probe  Retention  and  Release  Mechanism 

The  small  probes  are  each  supported  on  the  probe  bus  with  a 
mechanism  to  protect  them  during  launch  and  transit  environments,  and 
to  provide  unperturbed  initial  conditions  for  their  controlled  release 
under  pure  centrifugal  force  (Figure  8,  8-3B). 

A thermal  cover  provides  an  acceptable  thermal  environment  for 
the  probes  until  shortly  before  probe  release.  The  unperturbed  initial 
conditions  are  attained  by  a two-step  release  process:  first,  the  thermal 
cover  is  ejected,  and  at  the  same  time  the  preload  in  the  probe  retention 
device  is  relieved.  Then,  after  any  spacecraft  perturbations  due  to  the 
first  step  settle  down,  the  unpreloaded  probes  are  released  by  the 
second  step.  Without  any  preload  or  other  initial  indeterminate  forces, 
the  initial  release  conditions  are  well  known  for  use  in  accurate  targeting 
computations. 


8,8-11 


klliyillUVl 


A/C  IV  l|^T/DIII 


Each  small  probe  is  held  by  four  V'-shapod  pads  positioned  around 
the  probe  major  diameter  ns  shown  in  Figure  8,  8-4H.  The  pads  provide 
both  vertical  and  lateral  support  for  the  probe  during  flight  and  before 
release.  The  two  inboard  pads  arc  fixed  to  a rigid  part  of  the  spacecraft 
structure.  Each  of  the  two  outboard  pads  is  an  integral  part  of  a pivoting 
triangular  frame  member  which  is  hinge-mounted  at  the  longitudinal  space- 
craft  tee  members  on  each  side  of  the  probe.  Torsion  springs  at  their 
hinge  lines  force  the  free  position  of  the  pivoting  frames  to  be  away  from 
the  probe. 

The  two  pivoting  frames  are  joined  around  the  outer  major  diameter 
of  the  probe  by  a band  which  effectively  clamps  the  probe  back  against  the 
two  fixed  inboard  pads,  A preload  is  applit*d  to  the  band  to  prevent  probe 
chatter  during  launch  vibrations.  This  band  is  retained  by  two  pin  pullers 
which  function  in  sequence  to  produce  the  two-step  separation.  The  first 
of  these  pins  also  engages  a lug  which  holds  the  thermal  cover  and  its  light 
framework  in  position  around  the  probe  and  against  the  vertical  tee  mem- 
bers. Overlapping  channels  on  the  thermal  cover  and  on  the  band  provide 
vertical  alignment  of  the  cover,  and  also  provide  a push-off  surface  for 
leaf  springs  to  effect  cover  separation  at  release. 

The  probe  as  retained  in  the  spacecraft  is  depicted  in  Figure  8,  8-3B, 
with  the  thermal  cover  removed  for  clarity.  Also  pictured  is  a view  of 
the  retention  system  pin  pullers  as  they  are  engaged  in  the  locked  position 
(Figure  8,  8-4A).  A portion  of  the  retention  lug  for  the  thermal  cover  is 
shown  in  the  cutaway  view.  This  lug  is  attached  to  the  cover  and  is  ejected 
with  the  cover  as  indicated  in  subsequent  illustrations  of  the  sequence  of 
events. 

The  stowed  positio*i  and  deployment  sequence  is  illustrated  in  Fig- 
ures 8.  8-4B  and  C.  The  stowed  position  is  shown  in  Figure  8,  8-4C* 
and  the  position  of  the  lock  pins  with  respect  to  the  retention  band  for  this 
condition  is  shown  in  Figure  8,  8-4A, 

The  first  sequence  of  deployment  is  shown  in  Figure  8.  8-4A2,  where 
pin  puller  No.  1 is  actuated.  Tlic  pin  puller  is  actuated  by  dual  (redun- 
dant) squibs  which  drive  the  piston  of  the  pin  puller  assembly.  The  Iher- 
mal  closure  lug  is  released,  allowing  the  forces  from  the  leaf  springs  as 
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rponr  Rrif  AM 
TIN  rui  lit)  NO.  j 


REDUNDANT  . 

CARTRlOGfS.  1 

\ 1 
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T(  . ACEMAIf  1 

thermal 

COVER 
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'Tfer'- 

-PROBI 
F'l  TE  N nC»N 
BAN  13 

>>' 

r 1 THERMAL  COVER 
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FOR  PRELOAD  ' ^ 
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\ RELEASE 
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IFIRST  TO  ACTUATE) 
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A/CIV  well  as  centrifugal  force  to  eject  the  thermal  cover.  Figure  8.8-4B 
T/D  III  initial  path  of  the  released  cover.  When  pin  No,  1 is  pulled,  a 

slotted  hole  in  the  retention  band  fitting  permits  the  band  to  relax  approxi- 
mately 0,5  mm  (0.020  in.),  which  is  more  than  sufficient  to  relievo  the 
initial  preload  plus  any  thermal  expansion  of  the  band.  This  allows  the 
probe  to  be  free  from  any  clamping  load;  it  is  retained  only  by  the  band  at 
the  outboard  pads.  Also  at  this  time  the  electrical  cable  connecting  the 
probe  to  the  spacecraft  is  severed  by  a redundant  set  of  cable  cutters. 

The  cutter  is  actuated  by  the  same  signal  which  actuated  pin  puller  No.  1, 
The  cable  is  severed  at  this  time  in  the  sequence  to  ensure  that  there  is 
no  disturbance  when  the  probe  is  finally  separated  from  the  spacecraft. 

The  second  step  of  the  deployment  sequence  is  illustrated  in  Fig- 
ure 8,  8-4A3.  Pin  puller  No.  2 is  actuated,  allowing  the  two  pivoting 
frames  of  the  clamp  to  swing  outward  under  the  force  of  the  torsion 
springs.  These  springs  are  strong  enough  to  move  the  retaining  frames 
away  well  before  the  probe  begins  to  move  under  the  centrifugal  body 
force.  The  probe  is  then  free  to  begin  its  independent  trajectory  solely 
under  the  outward  acting  centrifugal  acceleration  without  any  indetermi- 
nate forces.  The  separation  mechanism  and  the  retention  band  are 
arranged  to  maximize  the  probe-to-spacecraft  clearance  as  the  separation 
takes  place. 

Probe  Electrical  Disconnects 

Table  8.8-7  shows  the  connectors  that  were  examined  between 
probes  and  spacecraft.  The  zero  entry  connectors  use  stiff  springs  to 
ensure  contact,  and  would  induce  indeterminate  initial  impulses  to  the 
small  probes  as  they  separated;  they  would  not  allow  unperturbed  probe 
release,  and  are  therefore  unacceptable.  The  cable  cutter  was  selected 
as  being  the  lightest  acceptable  design.  Short  circuit  isolation  is  not 
considered  a serious  drawback  to  its  application. 

8 . H . 3 . 4 Magnetometer  Boom  ALL  ORBITER  CONFIGURATIONS 

Summary  Specification 

The  magnetometer  boom  will  be  capable  of  mounting  a two-pound 
mass  approximately  the  size  of  a 4 -inch  cube  on  the  end  of  a deployable 
element.  In  the  retracted  or  stowed  position  it  will  be  capable  of  reacting 


8.8-14 


ALL  ORBITER  CONFIGURATIONS 


Tabic-  8,8-7,  Electrical  Disconnects 


A/CIV 

TYPL 

COMPONENT 

UNIT 

WEIGHT 

(KG) 

SUBSYSTEM 

WEIGHT 

(KG) 

QUANTITY 

PER 

SPACECRAH 

TOTAL 

WEIGHT 

(KG) 

REMARKS 

T/D  III 

G&H  TECHNOLOGY,  INC. 

PLUG 

0.399 

0.572 

4 

2.286 

MODEL  7m 

RECEPTACLE 

0.172 

CABLE  CUITEK* 

CUTTER 

0.077 

BRACKET 

0.136 

0.304 

4 

1.2)6 

ISOLATE  AGAINST 
SHORTS 

CONNECTORS 
(1  EACH  SIDE) 

0.091 

ZERO-ENTRY  CONNECTC7.S 

PLUG 

0.091 

RECEPTACLE 

0.091 

0.318 

4 

1.272 

BRACKET 

0.136 

‘martin  marietta  aerospace  PD5000010-003 


a 20  G a\ial  (thrust  axis)  acceleration,  while  at  the  same  time  reacting  a 
3 G lateral  acceleration  in  any  lateral  axis.  The  temperature  at  the  boom 
to  magnetometer  interface  may  range  from  -101. 12  to  +65.56  C ("150 
to  +150°F)  and  the  boom  will  be  capable  of  functioning  over  this  tempera- 
ture range. 

The  boom  deployment  will  be  in  a radial  direction  to  a maximum 
length  of  4.8  meters  from  the  stowed  position  and  will  be  accomplished  at 
a rate  not  to  exceed  1 m/min.  An  electrical  cable  attached  to  the  mag- 
netometer will  be  deployed  in  coordination  with  the  boom  deployment  and 
the  capability  to  retract  both  at  approximately  the  same  rate  will  be 
accommodated  in  the  boom  design. 

The  angular  position  of  a datum  line  on  the  outboard  end  of  the  boom 
will  be  known  to  within  0.017  radian  (1  degree)  with  respect  to  a corres- 
ponding line  on  the  boom  extension  mechanism,  after  repeated  extension/ 
retraction  cycles  and  after  exposure  to  a specified  solar  heating  condition. 

In  the  extended  position,  the  boom  will  be  capable  of  reacting  a 
0,  1 G acceleration  in  any  direction  without  yielding  the  boom  or  mecha- 
nism. Also,  the  minimum  natural  frequency  of  the  boom  in  this  extended 
position  will  be  not  less  tlian  1.2  Hz. 

A minimum  of  20  extension-retraction  cycles  will  be  required  in 
the  design. 
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The  boom  mcohantom  and  mechanical  and  electrical  interlace  hard- 
care  will  be  included  ouch  that  the  complete  ntechanian, 
on  the  spacecraft  equipment  platlorm  with  bolts,  and  power  lea  s 
motor  win  terminate  at  a connector  for  attachm.  nt  to  the  spaeecr 
power  system.  Magnetometer  mechanical  an.l  electrical  interfaces  are 

to  be  determined. 

Tradeoffs  and  Description 

This  mechanism  must  both  deploy  and  retract  the  magnetometer  to 
an  extended  length  of  approximately  4.8  meters  for  Atlas/Centaur  so 
3 meters  for  Thor /Delta. 

Three  mechanisms  have  been  surveyed:  Astromast.  El-Stem,  and 
Celesco  reel-type  booms.  The  Astromast  i : an  open  ' 

truss  With  multiple  hinges  and  joints.  Deployment  is  controlled  by 

unwinding  cable,  from  spool,  and  letting  springs  tn 

boom  into  the  extended  position.  Retraction  is  " 

the  spools  and  pulling  the  mast  back  in  via  the  cables . Rel.abtl. 
retraction  plus  indefinite  accommodation  for  cabling  makes  th.s  an  unde- 
sirable  choice.  The  Celesco  and  Astromast  booms  are  shown  tn  Ftg- 

vire  8.8-5. 

The  Bi-Stem  device  has  not  been  completely  evaluated  for  this 
application,  but  as  an  open  boom  section  it  is  not  as  torsionally  rigi  as 
thT  Celesco  closed  section  boom,  and  therefore  the  position  of  the  mag- 

• 1-  f irt  soacecraf*^  would  not  be  known  to  an  accept- 

netometer  with  respect  to  the  spacecrai.  wou 

able  degree  of  accuracy. 

The  Celesco  boom  is  preferred  for  the  following  reasons: 

. cabling  is  accommodated  (up  to  ‘'•f^^='„'2ne“mlte^w«^^^^^^ 
and  permits  eiectrical  attach^  to  he  „p  „„  Hs 

^ ":;rd"v^n"from-a  ^ot'mrihM,  with  iife  boom  as  it  is 
deployed  or  retracted. 

. It  is  torsionally  rigid,  with  pro  iicmblc  deformations  under  solar 

hrating. 
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ctiesco  eooM 


PAHHaUV  DfPLOyfD  ASTROMASI 


'HlCMT-DEAr^CNST?ATeD  ON  CLASSlflEO  PfiOORAM^ 


EITHER  DESIGN  CAN  MEET  REQUIREMENTS.  RfP  fQR  600M  BEING  PREPARE L> 

Figure  8. 8*5.  Existing  Boom  Design  Recommended  for  Magnetometer  Deployment 


On  the  probe  bus  the  boom  must  be  retracted  before  the  release  of 
small  probe  No.  3,  which  would  impact  it  if  not  retracted.  After  probe 
release  it  is  deployed  again.  On  the  orbiter  spacecraft  it  must  be  retrac- 
ted before  the  orbit  insertion  burn,  and  then  subsequently  redeployed. 
While  deployed,  the  maximum  loads  on  the  boom  normal  to  its  axis  are 
<0,01  and  <0.  10  G along  its  axis.  Capabilities  exceed  0.  1 and  10  G in 
the  two  directions,  respectively. 

If  the  magnetic  field  at  the  magnetometer  is  less  than  5y,  it  may  be 
necessary  to  use  a longer  length  boom.  It  appears  (hal  bulii  Celesco  and 
Astromast  booms  can  meet  the  specified  requirements  at  lengtlis  as  long 
as  10  meters. 
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8, 8. 3, 5 Nutation  Damper 

Description 

The  nutation  damper  recommended  for  use  on  Pioneer  Venus  is 
similar  to  one  developed  for  Meteosat  by  CNES  (Franco).  It  consists  of  a 
mercury-filled  U-tube  which  has  expanded  end  chambers  to  enable  its 
natural  frequency  to  be  tuned  to  the  spacecraft  nutation  frequency.  Since 
natural  frequency  of  the  damper  and  nutation  frequency  are  both  propor- 
tional to  ti  e spin  rate,  the  damper  is  self -tuning,  i.e.,  the  frequency 
ratio  is  independent  of  spin  rate.  The  range  of  frequency  ratios  over 
which  the  damper  is  required  to  operate  depends  on  the  range  of  space- 
craft nutation  to  spin  frequency  ratios  (i.e.,  inertia  ratios)  encountered. 
The  natural  frequency  (Table  8.8-8)  is  a function  of  the  radial  distance 
from  the  spin  axis,  length  of  tube,  and  area  ratio  of  the  tube  to  its 
expanded  ends.  Amplification  of  the  relative  motion  between  the  fluid  and 
tube  is  a function  of  the  natural  frequency  and  damping  inherent  in  the 
damper  design,  as  well  as  the  inertia  ratio  of  the  spacecraft.  The  damper 
is  mounted  to  the  edge  of  the  platform  to  achieve  maximum  excitation. 


Table  8.8-8,  Summary  of  Damper  Design  Parameter 


CONfIGUKATlON 

^ 

nrr 

H 

1 - 

[CM  (IN.)]|(CM  (IN.)] 

D 

[CM  (IN.). 

j VSEIGHT 
[KG  (LB)] 

^MAX 

(MIN) 

1 

• 0. 21-0. 24 

i 0.23 

8S.I 

21.6 

0.64 

7.75 

THOK,  delta 

(33.5) 

(8.5) 

(0.25) 

(3.05) 

).82 

PKOet  BUS 

i 

! 0.70-0.82 

1 

10 

{ 

: o.eo 

65.) 

25.4 

).02 

3.28 

(4.0) 

60 

(33.5) 

(TO) 

(0.40) 

0.29) 

Thor,  delta 
okbiter 

0.36-0.4) 

i 

0.39 

1 

1 

85.) 

(33.5) 

25.4 

(10) 

0.64 

(0.25) 

4.22 
0.66)  1 

1.14 

(2.5) 

20 

i 

0.22-0.24 

1 0.23  , 

>06.7 

26.7 

0.64 

7.80 

atlas  CENTAUR 

1 

i 

(42) 

00.5) 

(0.25) 

(3.07) 

PROBE  BUS 

0.73-0.84 

2.5 

15 

( 

0.82 

)06.7 

30.5 

1.52 

4.98 

(5.5) 

40 

j 

(42) 

(12) 

(0.60) 

0 .96) 

atlas  CENTAUR 
ORBITER 

j 

0.52-0.57 

0.54 

)06,7 

(42) 

30.5 

(12) 

1.02 

(0.40) 

4.93 
(1 .94) 

1.62 
1 (4.0) 

10 

natural  fkequencv  fig*  ^ 


^ DAMPtK  TO  SPIN  LKfcOUtNCV  KAilQ 

MAa  maximum  iHtORCTlCAl  TIMt  CONSTANT 
A!  V,b2  KAD  5 (3KPM) 
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Mercury  is  used  lo  rrunimize  the  damper  case  weight  for  a given  weight 
ot  ilmd.  Tlio  original  concept  included  the  use  of  a damping  fluid  in  the 
inboard  manifold  lube  (o  provide  the  desired  amount  of  energy  dissipation, 
tor  the  particular  damper  configurations  that  have  evolved  for  Pioneer 
Venus,  liowever,  the  mercury  alone  provides  sufficient  damping.  Damping 
can  be  enhanced,  where  required,  by  using  a cluster  of  smaller  diamelcr 
tubes  within  the  U-tube,  Air  is  evacuated  from  the  damper.  The  inboard 
connecting  tube  between  the  two  end  chambers  is  retained  to  prevent  mer- 
cury vapor  differential  pressure  from  influencing  the  natural  frequency. 

The  damper  designs  preferred  for  the  various  Pioneer  Venus  con- 
figurations are  described  in  Table  8.8-8.  Two  dampers,  tuned  to  differ- 
ent frequencies,  are  used  on  the  probe  bus  because  the  performance  of  a 
single  damper  is  significantly  degraded  by  a wide  range  of  inertia  ratios 
encountered.  The  damper  design  for  the  Thor/Delta  probe  bus  configura- 
tion that  is  tuned  to  the  nutation  frequencies  encountered  after  separation 
of  the  large  probe  is  illustrated  in  Figure  8.8-6. 


I iijure  8. 8 


Nutation  Damper  ConfHiuralion 
Huslw,,/y  0.801 


tor  lhor?Deltd  l*rot»r 
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The  seif-tuning  U-tubc  mercury  damper  is  preferred  over  other 
types  of  dampers  based  on  performance  versus  weight  and  simplicity  of 
design.  A tuned  dampeir  ig  used  to  achieve  the  desired  performance  with 
a minimum  weight.  (An  alternate  method  for  achieving  comparable  per- 
formance versus  weight  is  to  xisc  a damper,  similar  to  that  used  on 
Pioneers  10  and  11,  which  operates  off  the  motion  of  the  magnetor  oter 
boom,  taking  advantage  of  its  large  inertia.  This  was  rejected,  however, 
because  of  the  complication  to  the  boom  and  its  retraction  mechanism) 
and  because  the  damper  is  inoperable  with  the  boom  retracted. ) A damper 
that  is  self-tuning,  i.e, , the  natural  frequency  is  proportional  to  the  spin 
rate,  is  used  to  achieve  the  desired  performance  at  low  spin  rate  and  to 
accommodate  changes  in  spin  rate  without  unacceptable  loss  of  perfor- 
mance. Other  self-tuning  damper  types  (i.e.,  pendulum  dampers)  were 
rejected  because  of  the  difficulty  in  achieving  the  self-tuning  aspect  at  low 
spin  rates.  An  outward -pointing  pendulum  damper  cannot  be  tuned  to  the 
nutation  frequency  unless  the  pivot  is  on  the  opposite  side  of  the  spin  axis 
from  the  damper  mass.  In  addition,  the  stiffness  of  a flexural  pivot  has  a 
detuning  effect  at  low  spin  rates.  An  inward -pointing  pendulum  damper 
and  a pendulum  damper  oriented  along  the  spin  axis  can  be  tuned  to  the 
nutation  frequency  for  a particular  spin  rate  but  becomes  detuned  and  loses 
performance  as  spin  rate  is  varied. 

The  theoretical  performances  of  a 1.8  kg  (4  lb)  viscous  ring  damper 
and  a bellows-type  damper  used  on  Pioneers  10  and  11  have  been  computed 
as  a basis  of  comparison  and  are  presented  in  Table  8.8-9. 

Performance 

The  theoretical  time  constant  is  plotted  as  a function  of  spacecraft 
inertia  ratio  in  Figures  8,8-7  through  8,8-11  for  the  various  configurations. 

Variation  with  Inertia  Ratio 

The  time  constant  is  strongly  influenced  by  the  inertia  parameter 
through  the  effective  excitation  force  acting  on  the  fluid.  As  \ increases, 
the  relative  motion  between  the  fluid,  resulting  from  inertial  forces  acting 
on  it,  and  the  tube,  decreases,  resulting  in  a degradation  of  the  time  con- 
stant. When  X - 1,  i.e.,  inertia  ratio  “ 2,  the  fluid  is  in  equilibrium 
with  the  tube  and  no  relative  motion  occurs. 
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Figure  8. 8-7.  Thor/Delta  Probe  Bus  Nutation  Oanper  Theoretical 
Performance 


Figure  8. 8-8.  Thor/Oelta  Probe  Bus  Damper  Thwretical  Performancs 
lor  Various  Spin  Rates 


Figure  8. 8-10.  AtlasfCentaur  Theoretical  Damper  Performance  for 
Various  Spin  Rates 


Figure  8.8-U. 


AtlasfCentaur  Orbiler  Nutation  Damper  Theoretical 
Performance  for  Various  Spin  Rates 


l^JI.r)OlTT  fliAMR 
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The  implication  is  that  it  becomes  increasingly  difficult  to  achieve 
a good  time  constant  for  high  inertia  ratios  and  the  damper  must  be 
shaiply  tuned  to  achieve  a high  magnification  factor  to  compensate  for  the 
excitation  force  reduction. 

Variation  with  Spin  Rate 

The  time  constant  variation  with  spin  rate  is  shown  in  Figures  8.8-8 
through  8.8-11.  The  time  constant  always  improves  with  increasing  spin 
rate;  however,  the  amount  of  improvement  depends  on  the  frequency  ratio 
and  damping  factor.  At  resonamce,  the  time  constant  decreases  with  the 
square  of  the  spin  rate  increase.  The  variation  decreases  toward  zero  as 
the  frequency  ratio  moves  away  from  resonance. 

Variation  with  Temperature 

Time  constant  varies  with  temperature  through  viscosity  changes. 
The  percentage  variation  in  time  constant  is  always  less  than  or  equal  to 
the  percentage  variation  in  viscosity.  For  mercury,  the  variation  of  vis- 
cosity is  approximately  15  percent  over  the  anticipated  temperature  range 
of  -6. 67  to  +37. 78°C  (20  to  100°F).  The  percentage  variation  in  time 
constant  due  to  tempe^rature  changes,  therefore,  will  be  between  0 and 
15  percent. 

Divergence  Time  Constant  in  Thor/Delta 

Third-Stage  Injection  Mode 

The  nutation  frequencies  during  the  Thor/Delta  third-stage  injec- 
tion are  sufficiently  separated  from  the  damper  natural  frequencies, 
resulting  in  a long  divergence  time  constant  (50  to  700  minutes  for  the 
orbiter  and  70  to  180  minutes  for  the  probe  bus).  Consequently,  the 
wobble  buildup  while  the  spacecraft  is  in  this  spin-stabilized,  unfavor- 
able inertia  ratio  mode  (less  than  four  minutes)  will  be  insignificant  and 
no  valve  nor  diaphragm  is  needed  to  constrain  the  fluid. 

Damper  Design  Parameters 

Table  8.8-8  summarizes  the  recommended  design  parameters  for 
each  configuration.  Damper  geometry  is  determined  by  performance  and 
weight  requirements.  Tube  length  and  diameter  and  end-chamber  diame- 
ter are  selected  to  provide  the  values  of  natural  frequency,  damping,  and 
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mass  of  fluid  in  the  tvibe  that  is  required  to  achieve  the  desired  time  con- 
stant. The  amount  of  fluid  in  the  end  chambers  is  determined  by  the 
range  of  amplitudes  over  which  it  is  desired  to  maintain  linear 
performance. 

Surface  Tension  Effects 

At  low  spin  rates,  surface  tension  has  a significant  effect  on  the 
shape  of  the  liquid/vapor  interface  and  could,  as  a result,  affect  the  nat- 
ural frequency.  Damper  tuning  has  a significant  effect  on  performance, 
especially  for  high  inertia  ratio  configurations  for  which  a sharply  tuned 
damper  is  required  to  achieve  satisfactory  performance.  Therefore,  the 
effect  of  surface  tension  on  natural  frequency  must  be  properly  assessed 
to  ensure  a minimal  effect  on  performance.  Minimization  of  the  effect  of 
surface  tension  can  be  achieved  by  using  a plating  material  on  the  end- 
chamber  surfaces  that  mercury  will  wet  with  a contact  angle  close  to  but 
less  than  1.57  radians  (90  degrees),  thereby  minimizing  the  surface  cur- 
vature. Further  analysis  and  scale -model  testing  should  be  performed  to 
more  accurately  assess  this  effect. 

Testing 

Tests  to  verify  damper  performance  should  be  conducted  with  a 
damper  model  mounted  horizontally  to  the  end  of  a torsional  oscillator 
such  that  the  r jtion  provides  excitation  along  the  damper  tube.  Experi- 
mental determination  of  the  variation  of  performance  with  excitation  to 
natural  frequency  ratio,  damper  geometry,  and  damping  factor  should  be 
attained.  In  addition,  the  effects  of  surface  tension  on  damper  natural 
frequency  and  performance  should  be  determined  through  scale-model 
tests  which  simulate  low  Bond  numbers  (ratio  of  gravitational  to  surface 
tension  forces). 

8.8.4  Probe  Separation  Analysis  A/C  IV  [^T/DHI 
8.8.4.  1 Large  Probe— Atlas /Centaur  and  Thor /Delta 

The  large  probe  is  separated  from  the  bus  by  unlocking  the  three 
ball-lock  bolts,  thereby  allowing  the  three  separation  springs  to  impart 
an  axial  relative  velocity  of  approximately  0.3  m/s  (1  ft/s)  between  the 
large  probe  and  the  bus. 


8.8-23 


1^  A/C  IV  l^T/DIII 

The  relative  separation  velocity  betwi*en  the  probe  and  the  bus  for 
the  Atlas/Centaur  and  Thor/Dolta  configurations  are 


where 


AV 


rei 


I 

k 6^ 


(Mj  + M2) 
Mj  M2 


= 0.31  m/s  (1.02  ft/s)  (Atlas/Ccntaur) 
= 0.32  m/s  (1.06  ft/s)  (Thor/Delta) 


n = number  of  separation  springs  = 3 

k = spring  rate  of  each  spring  = 23  N/cm  (13.3  Ib/in.) 

(Atlas/Centaur) 

= 11.6  N/cm  (6.7  Ib/in.) 
(Thor/Delta) 

6 = stroke  of  each  spring  = 5 cm  (2  in. ) 

Mj  = mass  of  probe  = 300  kg  (21  slug)  (Atlas /Centaur) 

= 143  kg  (9.8  slug)  (Thor /Delta) 

M2  = mass  of  bus  = 470  kg  (32  slug)  (Atlas /Centaur) 

= 218  kg  (15  slug)  (Thor /Delta) 

The  inertial  velocity  changes  of  the  probe  and  bus  are  determined 
as  follows. 


AV  probe  . rc'e«'a“jeV 

= 0.  196  m/s  (0.65  ft/s) 
(Thor/Dclta) 


M 

AV  bus  = - TT — , ■ AV  , = - 0.  123  m/ s (-0.4  1 ft/s) 
1 ^2  (Atlas/Centaur 

= - 0,  124  m/s  (0.41  ft/s) 
(Thor/Delta) 
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Uncortaintios  in  those  values  can  he  limited  to  less  than  i5  per- 
cent by  calibration  of  the  separation  springs. 

The  separation  event  will  also  produce  disturbances  which  will 
process  the  probe  momentum  vecter  and  induce  nutation.  A summary 
of  the  primary  disturbances  is  shown  in  Table  8.8-10, 


Table  8,8-10.  Large  Probe  Separation  Tipoff  Errors 


DiSTURBANCf 

transverse 
angular  rate 
(KAD  S) 

MOMENTUM  VECTOR 
SHIFT  AND  NUTATION 
ANGL  E 
(DEG) 

ATLAS  CENTAUR 

THOR  DELTA 

ATLAS  CENTAUR 

THOR  DELIA 

\0RM 

20RPM 

NET  LATERIAL  SPRING  FOKCt 

2 NEWTONS  (0.44  LB)  (ATLAS  CENTAUR) 
1 NEWTON  (0.22  LB)  (THOR  DELTA) 

r“ 

0.004 

0.005 

0.2 

0.1 

0.5 

axial  spring  RATE  DIFFERENTIAL 
•2  PERCENT 

0.005 

0.006 

0.25 

0.125 

0.6 

COMPRESSED  HEIGHT  OF  EACH  SPRING 
^C.OSCM  (^0.02  ?N.) 

0.003 

0.005 

0. 15 

0.08 

0.5 

SPRING  RADIAL  LOCATtOrT 
-*0.I5CM  (4). 06  IN.) 

1 o.oot 

0.001 

0.05 

0.025 

0.1 

BALL  LOCK  RELEASE  DIFFERENTIAL 
5 MS 

0.003 

0.002 

0,15 

0.08  1 

! 

0.3 

RSS  total 

0.008 

Q.OI  1 

0.4  I 

0.2 

i.O 

The  transverse  rates  were  computed  using  a digital  computer  pro- 
gram. Examples  of  the  transverse  rate  induced  during  the  separation 
event  arc  shown  below. 


The  magnitudes  of  the  momentum  vector  shift  and  nutation  angle 
are  determined  as  follows. 


l^A/'CtV  I^T/DIII 


e 


a = 


A 


X 57.3 


where 

0 = nutation  angle 
OC  = momentum  vector  shift 
A = probe  transverse  moment  of  inertia 
C = probe  spin  axis  moment  of  inertia 
= transverse  rate  after  separation 
(jL>^  = spin  rate 

The  instantaneous  attitude  error  after  separation  will  be  due  to  a 
combination  of  the  momentum  vector  shift  and  nutation  describing  a 
circular  path  as  shown  below. 


The  vector  representing  the  nutation  angle  will  rotate  at  the  inertial 
precession  frequency  and  will  tend  to  diminish  in  magnitude  if  the  probe 
contains  any  nutation  damping  sources. 

8. 8.4. 2 Small  Probe  Separation  Analysis,  Atlas/Centaur 
and  Thor /Delta 

The  small  probes  are  released  sequentially  from  the  bus  with  no 
impulse  imparted  to  the  probe  during  a nominal  separation.  As  a 
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rt'hiilt,  thi'  px*ohi'  Iravt'ln  in  an  inortial  diroctiun  which  is  perpend icuUxr 
to  a radial  line  conned  in|j;  (he  spacecraft  centi  r of  mass  and  the  probe 
ceufc'r  i>(  nmss  at  the  instant  of  probe  release  as  shown  below. 


No  chanpe  of  spin  rate  of  either  the  probe  or  bus  occurs  as  a 
result  of  probe  release. 

A velocity  change  will  be  imparted  to  the  probe  and  bus  as 
follows . 


AV  . - (jJT  4 

probe  1 


iiV,  - u>r^ 
bus  2 


where 

w * spacecraft  spin  rate 

: distance  from  probe  center  of  mass  to  composite 
center  of  mass  before  release 

Nominal  values  for  these  velocity  increments  are  shown  below,  assuming 
a spin  rate  of  1.408  rad/s  (10  rpm)  for  Uie  Atlas/Contaur , and  0.524  rad/s 
(S  rpm)  for  (ho  Thor /Delta. 
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Kir  Hi  Small 
Froho  Ri'lcaso 


{mett  ry) 

Atlas /Contaur 

0.87 

Thor /Delta 

0.83 

(meters) 

Atlas /Centaur 

0.  18 

Thor /Delta 

0.  13 

'^''probo 

Atlas  / Centaur 

0.91 

Thor/Delta 

0.43 

^^bus 

Atlas  /Centaur 

-0.  19 

Thor/Dolta 

-0.069 

Second  Small 
Frohe  Rtdeasc* 

Third  Small 
Prohe  Ui'lease 

0.81 

0,  l»7 

0.77 

O.08 

0.22 

0.25 

0.  145 

0.  15 

0.85 

0.70 

0.40 

0.35 

-0.23 

-0.2b 

-0.07b 

-0.078 

Tho  trajectories  of  the  small  probes  relative  to  (he  bus  are  des- 
cribed by  the  equations  for  an  involute,  i.e. , 

AR  - (cos  ^ sin  0) 

AT  = -R^  (sin  0-0  cos  0) 

where 

AR  = radial  displacement  between  probe  and  bus 

AT  = tangential  displacement  between  probe  and  bus 

R - distance  between  probe  center  of  mass  and  bus  plus 
**  remaining  probe  center  of  mass  at  time  of  separation 

0 = angle  of  rotation  after  time  of  separation 


The  AV's  imparted  during  (he  second  probe  release  will  be  in  a direc- 
tion approximately  0.  lb  radian  (9  degrees)  off  perpendicular  to  the 
radial  line  connected  to  the  cent  .u’  of  the  probe  and  (he  center  of  the 
spaeeciMlt  due  to  the  eenter-of-mass  location  hefore  second  prohe 
release. 


1 
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Tlu>  rolnlivo  I ra.Uclorics  in  F'iKurt*  sljow  that  onJy  oiu>  prob,- 

inlrrliTi's  with  tlu>  tlrpiuyod  inagnlonuder  boom,  (horoby  roquirinn 
rt>l  rat-i  ion  ot  ilu>  boom  lor  «>nly  ono  proln*  roloaso.  Tlu>  relativo  Irajor- 
lorii's  ol  tiu'  tir.st  and  lliird  probos  rolcasod  begin  in  a direction  along  a 
radial  line  passing  through  Iho  spacecraft  centerline;  however,  the  real- 
live  Irajeelory  ol  the  second  probe  released  begins  in  a direction  approxi- 
mately 0.  16  radian  (9  degrees)  off  a radial  line  because  of  center-of- 
mass  offset  of  the  bus  and  last  remaining  probe  at  that  time. 


y- 
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During  the  small  probe  release,  disturbances  can  induce  trans- 
verse latcs  which  will  cause  precession  of  the  momentum  v'cetor  and 
nutation  of  the  spin  axis  after  probe  release. 

One  source  of  disturbance  torques  is  the  preload  energy  in  llie 
release  mechanism.  Ihis  energy  can  produce  a force  misaligned  with 
the  center  of  mass  of  the  probe  as  shown  below, 
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( ) 


I 1 

The  transverse  rate  of  the  small  probe  induced  by  this  disturbance 
is  determined  as  follows. 


I I I 

1 +^+  _-E_ 

Mh  Tj  mh*^ 


The  resulting  momentum  vector  shift  and  nutation  resulting  from 
this  disturbance^  assuming  a spin  rate  of  0,52  rad/s  (5  rpm),  is 


I CO 

e = a = U-i  X 57.3  100 

i CO  t 

XX 


where 


= transverse  MOI  of  probe 
= spin  axis  MOI  of  probe 
m = mass  of  probe 

= transverse  MOI  of  bus 
M = mass  of  bus 

h - ofisct  between  center  of  mass  and  impulsive  force  vector 
F - kx  = disturbance  force 

k ^ spring  rate  of  preload  system 
X = deflection  ol  preload  system 
“ nutation  angle 


K 


V 
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a = niomenturn  vector  shift 

- transverse  angular  rate  of  probe 
= spin  rate  o,  probe 

The  curve^i  in  Figure  8,8-13  indicate  the  magnitude  of  the  attitude 
errors  as  a function  of  the  relevant  parameters.  Since  the  center  of  mass 
is  approximately  2 cm  above  the  plane  of  the  release  mechanism,  the 
preload  force  at  the  time  of  release  must  be  limited  to  approximately 
25  to  100  newtons  to  limit  the  tipoff  errors  to  0,  017  radian  < 1 degree), 
using  representative  stiffnesses  for  the  Thor/Delta  configuration.  Cor- 
respondingly, the  preload  force  must  be  limited  to  100  to  400  newtons  for 
the  Atlas /Centaur  configuration.  Therefore,  a design  was  conceived 
which  releases  the  probe  in  two  stages.  The  first  stage  releases  the  pre- 
load, which  is  necessary  to  hold  the  probe  firmly  during  boost.  After 
this  preload  is  released,  the  probe  is  restrained  in  the  release  mecha- 
nism with  only  insignificant  loads  due  to  centrifugal  force  acting  on  the 
structure,  thereby  eliminating  this  source  of  tipoff  errors. 


figure  8. 8 13.  Small  Probe  Tipoff  Errors  for  a Preloaded  Release  System 
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9.  NASA/ESRO  ORBITER  INTERFACE 


This  seetion  presents  results  of  a technical  and  cost  tradeoff  to 
determine  the  most  effective  method  of  performing  the  orbiter  mission 
as  a cooperative  venture  with  the  European  Space  Research  Organization 
(ESRO).  It  is  based  on  variations  of  NASA  planning  which  assumed  that 
the  bus  portion  of  the  spacecraft  would  be  provided  to  ESRO  for  integra- 
tion of  orbiter  mission-peculiar  subsystems  and  scientific  instruments, 
and  that  ESRO  would  perform  the  system  test  program  for  this  mission 

and  deliver  the  spacecraft  to  CKAFS  for  NASA  launch  and  flight  mission 
operations  control. 


The  results  presented  in  this  section  are  based  on  the  work  done  up 
through  midterm,  as  directed  by  ASD:244-9/32-042,  dated  13  April  1973; 
they  do  not  reflect  the  subsequent  shift  to  Atlas /Centaur,  the  addition  of  ' 
the  X-band  occultation  experiment,  nor  the  schedule  impact  of  delaying 
the  probe  mission  from  1977  to  1978. 


The  technical  versus  cost  factors  analyzed  during 


oLuay 


based  on  the  following  criteria: 

• Maximum  use  of  probe  mission  hardware  and  design 

original  NASA  contractor  to 
ustain  the  experience  developed  on  the  probe  mission 

To  fulfill  those  criteria,  probe  and  orbiter  commonality  has  to  be  mani- 
mmed.  This  line  of  analysis  points  to  orbit  mission-peculiar  hardware 
and  other  program  factors  as  the  logical  assignment  for  ESRO 
participation. 


It  has  been  determined  that  the  anticipated  ESRO  debooet  propul- 
Sion  system  is  adequate  for  the  AUas/Centaur  orbiter  mission  and  that 
the  anticipated  nee  of  the  Helios  despun  reflector  antenna  is  suitable, 
except  that  incorporation  of  an  X-band  link  is  difficult. 

Figure  9-1  illustrates  the  key  orbiter  mission-peculiar  equip- 
ment incorporated  into  a configuration  compatible  with  the  probe  bus. 
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Figure  9-1.  ESRO  Har(liivare  Participation 


Tabu  9-1  expind.  on  the  mi..ion-peculiai:  items.  Themalnques- 

..an  1.  the  extent  of  ESRO  participation,  and  options  can  best  be  presented 
in  terms  of  integration  and  test  activities. 


Table  9-1.  ESRO  Participation  Definition 


ORBITER  MISSION-PECULIAR  ITEMS  “ 

FURTHER  WORK  REQUIRED  ‘ 

1.  EXPERIMENTS 

INTE.IFACE  DEFINITION  AND  CONTROL 

2.  SCIENCE  DATA  REDUCTION  AND  ANALYSIS 

MISSION  REQUIREMENTS  INPUTS  DEFINITION 

3,  DE800ST  PROPULSION 

definition  for  DESIGN  INTEGRATION 

4.  HIGH-GAIN  ANTENNA 

DEFINITION  FOR  DESIGN  INTEGRATION 

5.  ADAPTATION  OF  PROBE  BUS  STRUCTURE 

DEVELOPMENT  STATUS  AND  APPLICATION 

6.  INTEGRATION  AND  TEST 

Three  NASA/ESRO  integration  participation  options  were 
the  related  tasks  and  interface  flow  diagrams  for  the  respective 
arc  shown  in  Figure  9-2. 


re?  viewed; 
options 


0- 


OPTION  1 


OPTION  2 


m 


> PSOVIOI  lOUCATlON  AND  OBlfNTAnON  TO  ESRO  PERSONNEl 
fOR  INTEGRATION  AND  TEST  OF  WHOLE  SP»;v;ECRA?T. 


• PROVIDE  NASA  TECHNICAL  SUPPORT  AND  TEST  AUDITING  AND 
REVIEW  REPRESENTATIVES  THROUGHOUT  INTEGRATION  AND  TEST. 

• PACKAGE  AND  SHIP  ALL  INDIVIDUAL  FLIGHT  SPACiCRAFT 
HARDWARE  AND  DOCUMENTATION  TO  ESRO. 


» PACKAGE  AND  SHIP  ALL  GROUND  SUPPORT  EQUIPMENT  TO 
ESRO. 


I INSTALL  AND  VALIDATE  EGSE  AND  MGSE  FIXTURES. 

» PERFORM  COMPLETE  FLIGHT  SPACECRAFT  INTEGRATION  AND 
TEST  USING  ESRO  FACILITIES. 


• PROVIDE  ErAJCATlON  and  ORIENTATION  TO  ESRO  PE 
COMPLETIDN  OF  INTEGRATION  AND  ENVIRONMENTAt 

• PROVIDE  NASA  TECHNICAL  SUPPORT  AND  TEST  AUOITI 
REVIEW  REmSENTATIVE  DURING  COMPLETION  OF  INT 
AND  ENVIRONMENTAL  TEST. 

• SHIP  PARTIALLY  INTEGRATED  FLIGHT  SPACECRAFT  TO  I 
SHIPPING  CONTAINER.  SHIP  AND  PACKAGE  BACKUP ! 
PARTS.  ANDOOCUMSNTS. 

• PACKAGE  AND  SHIP  ALL  GROUND  SUPPORT  EQUIPMENT 
EUROPE. 


f 


• RETURN  SHIPMENT  OF  FLIGHT  SPACECRAFT  AND  GSE  TO  CKAFS. 


• INSTALL  AND  VALIDATE  EGSE  AND  MGSE  FIXTURES. 

• COMPLETE  FLIGHT  SPACECRAFT  K^TEGRATION  ANDPf* 
ENVIRONMENTAL  TESTS  USING  ESTEC  FAC lU TIES. 


► JOINT  ESRO/NASA  LAUNCH  SUPPORT  TEAM  AT  CKAFS. 


• RETURN  SHIPMENT  OF  FLIGHT  SPACECRAFT  AND  OSE  TO 
AND  SUPPORT  LAUNCH  OPERATIONS. 


PROVIDE  ESRO 
PERSONNEL  WITH 
SPACECRAFT 
INTEGRATION 
EXPERIENCE  AND 
EDUCATION 
THROUGH  STM  AND 
PROTO  SPACECRAFT 


EUROPE  (ESRO) 


PROVIDE  ESRO 

PERSONNEL 

WITH 

EXPERIENCE 

AND 

EDUCATION 
THROUGH  STM 
AND  PROTO 
SPACECRAFT 


RECEIVE, 

INSPEa, 

AND 

document 


OPTION  2 


OPTION  3 


AND  ORtENTATION  TO  fSRO  PERSONNEL  FOR 
^ INTEGRATION  AND  ENVIRONMENTAL  TEST. 


• PROVIDE  DESIGN  INTERFACE  SPECIFICATIONS  AND  COORDINATE 
CSRO  HARDWARE  DESIGN  AND  DEVELOPMENT. 


ECHNICAL  SUPPORT  AND  TEST  AUDITING  AND 
«'TA^*Vt  DURING  COMPLETION  OF  INTEGRATION 
*:fNTAL  TEST , 


► PROVIDE  ESRO  PERSONNEL  SUPPORT  FOP  INTEGRATION  OF 
EUROPEAN  PARTS-TEST  AUDITING  AND  REVIEWS  IN  USA. 


I-TsITECRATED  flight  spacecraft  to  EUROPE  IN 
AINER.  SHIP  AND  PACKAGE  BACKUP  SPARES, 
ttUM'NTS. 


• PERFORM  ALL  FLIGHT  SPACECRAFT  INTEGRATION  AND  TEST  IN 
USA  USING  USA  ENVIRONMENTAL  TEST  FACILITIES. 


• ESRO  PROVIDES  MINIMAL  LAUNCH  OPERATIONS  SUPPORT. 


^HtP  ALL  GROUND  SUPPOH  EQUIPMENT  TO 


^LIDaTE  EGSE  and  MGSE  FIXTURES. 


—IT  SPACECRAFT  INTEGRATION  AND  PERFORM 
TESTS  Using  UTEC  FACIUTIES. 


— JT  OF  FLIGHT  SPACECRAFT  AND  GSE  TO  CKAFS 
CLINCH  OPERATIONS. 


EUROPE  (ESRO) 


EUROPE  (ESRO) 


FLIGHT 

SPACECRAFT 

ANTENNA, 

DEBOO$T 

MOTO.:,  AND 
INSTRUMENTS 


ESRO  SUPPORT 
PERSONNEL 
INTEGRATION 
AND 

TEST/AUDITING 


Figure  9-2.  NASA/ESRO  Participation  Options 


Each  option  is  analyzed  and  summarized  in  terms  of  key  points  an 
Table  9-2.  The  second  option  is  recommended  on  the  basis  of  lowest 
total  cost  to  NASA,  However^  this  option  also  presents  the  most  difficult 
management  interface  between  NASA  and  ESRO  because  of  the  split  in 
spacecraft  operations  between  Europe  and  the  United  States, 

Table  9-2,  NASA/ESRO  Integration 
and  Test  Operations 


OPTION  1 

OPTION  2 

OPTION  3 

INDIVIDUAL  FLIGHT  SPACECRAFT 
ELECTRICAL  BLACK  BOXES, 
APPENDAGES,  THERMAL  CON- 
TROL, \ND  PROPULSION  SHIPPED 
TO  ESRO 

STRUCTURE  SHIPPED  TO  EUROPE 
OR  MANUFACTURED  IN  EUROPE 

INTEGRATE  FLIGHT  SPACECRAFT 
ELECTRICAL  BLACK  BOXES, 
APPENDAGES,  PARTIAL  THERMAL 
CONTROL,  AND  PROPULSION 
IN  USA 

INTEGRAT*"  USA  SCIENTIFIC  IN- 
STRUMENTS IN  USA 

INTEGRATE  FLIGHT  SPACECRAFT  IN 
USA  WITH  ESRO  SUPPORT 

SHIP  EUROPEAN  SCIENTIFIC  INSTRU- 
MENTS, ANTENNA,  STRUCTURE,  AND 
DEBOOST  PROPULSION  TO  USA  FOR 
FLIGHT  SPACECRAFT  INTEGRATION  AND 
TEST 

USA  SCIENTIFIC  INSTRUMENTS 
SHIPPED  TO  ESRO 

ALL  INTEGRATION  AND  ENVIRON- 
MENTAL TEST  PERFORMED  IN 
EUROPE 

SHIP  FLIGHT  SPACECRAFT  TO  ESRO 
, FOR  FINAL  INTEGRATION  OF 
ANTENNA,  DEBOOST  PROPULSION, 
AND  EUROPEAN  INSTRUMENTS 

PERFORM  ALL  FLIGHT  SPACECRAFT 
ENVIRONMENTAL  TESTS  AT 
ESTEC  FACItnES 

FINAL  INTEGRATION  AND  ENVIRON- 
MENTAL TEST  COMPLETED  IN  USA  W 
WITH  ESRO  SUPPORT 

! 

MAXIMUM  OVERLAP  OF  ORBITER 
AND  PROBE  SCHEDULE  TO  MEET 
ORBiTtR  LAUNCH  DATE 

MINIMUM  SCHEDULE  OVERLAP 

NO  SCHEDULE  OVERLAP 

NO  USE  OF  APPLICABLE  PROBE 
MISSION  GSE 

USE  OF  APPLICABLE  EGSE  FROM 
PROBE  MISSION 

USE  OF  ALL  APPLICABLE  PROBE  MIS- 
SION GSE 

PROGRAM  COST  HIGHER  THAN 
OPTION  2 

LOWEST  PROGRAM  COST  TO 
NASA 

HIGHEST  PROGRAM  COSTS  TO 
NASA 

EASIER  INTERFACE  BETWEEN 
NASA  AND  ESRO  THAN 
OPTION  2 

HARDEST  INTERFACE  BETWEEN 
NASA  AND  ESRO 

EASIEST  INTERFACE  BETWEEN  NASA 
AND  ESRO 

)0.  Mission  OperoHons  and  Flight  Support 
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10.  MISSION  OPERATIONS  AND  FLIGHT  SUPPORT 
10.  1 INTRODUCTION 

This  section  describes  mission  operations  and  events  to  show  how 
the  baseline  design  performs  its  intended  functions.  The  baseline 
sequence  of  events  for  the  orbiter  and  probe  missions  are  described  for 
the  preferred  Atlas /Centaur  configuration. 

10.  1.  1 Oi biter  Mission  Operations 

The  preferred  orbiter  spacecraft  is  characterized  by  the  conical 
solar  array  and  is  maintained  in  an  earth -pointing  attitude.  The  sun 
aspect  angle  at  launch  is  about  1.48  radians  (85  degrees),  with  the  spin 
axis  pointing  about  0.33  radian  (19  degrees)  below  the  ecliptic  plane. 

The  spacecraft  can  remain  in  this  attitude  until  the  first  midcourse 
maneuver  on  day  5.  Prior  to  the  midcourse,  the  spacecraft  is  processed 
to  earth -pointing.  This  maneuver  also  serves  to  calibrate  the  thrusters 
for  precession.  Once  earth -pointing,  the  thrusters  are  fired  for  about 
30  seconds  to  calibrate  for  the  ^V.  The  midcourse  maneuvers  are  per- 
formed open  loop,  identically  to  Pioneers  10  and  11,  with  the  calibrations 
performed  to  attain  direction  accuracies  of  about  0.02  radian  (1  degree) 
and  amplitude  accuracies  of  a few  centimeters  per  second. 

After  midcourse  execution,  the  nominal  cruise  orientation  would  be 
assumed  where  the  positive  spin  axis  (aligned  with  the  high-gain  dish  axis 
of  symmetry)  is  aligned  with  earth.  The  earth -pointing  attitude  need  not 
be  maintained  for  the  first  60  days  since  omni  communication  at  16  bits/s 
can  be  sustained  via  the  26 -meter  DSN. 

The  second  and  third  midcourse  maneuvers  are  performed  25  days 
after  launch  and  15  days  prior  to  Venus  orbit  insertion  (VOI),  respectively. 
A flip  of  the  spacecraft  is  performed  at  about  day  110  such  that  the  aft 
horn  is  earth  pointing  to  maintain  the  sun  in  the  forward  hemisphere. 

This  attitude  is  also  used  for  the  occultation  experiment.  Tlie  0.44- 
radian  (25-degree)  beamwidth  of  the  aft  horn  permits  a two-point  spin 
axis  location  strategy  to  replace  the  exact  earth  tracking  strategy  nor- 
mally associated  with  an  earth -pointing  spacecraft.  Orbit  insertion  is 
performed  by  a solid  rocket  motor  with  the  spacecraft  spin  stabilized  at 
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6.28  rad/s  (60  rpm).  After  orbit  insertion  200  days  after  launch,  the 
spacecraft  continues  with  the  aft  end  earth  pointing  until  37  days  after 
VOI.  Once  again,  the  spacecraft  is  flipped  to  maintain  the  sun  in  the 
forward  hemisphere  and  to  point  the  high-gain  dish  toward  earth. 

During  Venus  orbit  operation,  periapsis  is  maintained  within  200  to 
400  kilometers  of  the  surface  using  four  AV  maneuvers  performed  on 
days  30,  60,  145,  and  184  after  insertion.  About  13.7  kilograms 
(30  pounds)  of  fuel  are  required  for  three  midcourse  corrections  (99  per- 
cent correction  capability)  and  the  four  orbit  trim  maneuvers.  Excess 
fuel  left  over  from  midcourse  maneuvers  can  be  used  for  additional  orbit 
trims  to  tighten  the  periapsis  altitude  control  band,  or  can  be  used  for 
extended  mission  life.  On-orbit  operation  of  science  is  enhanced  by  an 
expanded  and  improved  (from  Pioneers  10  and  11)  stored  command  pro- 
grammer having  16  commands  with  ±2-secor.d  quantization.  This  com- 
mand programmer  can  be  set  to  perform  all  science  commands  for  days 
or  even  weeks  at  a time  with  only  an  occasional  trim  of  the  programmer 
time  and  daily  data  readout  from  the  data  storage  unit. 

10.  1.2  Probe  Mission  Operations 

The  probe  spacecraft  is  launched  with  a sun  aspect  angle  of  0.38 
radian  (22  degrees)  at  about  0.35  radian  (20  degrees)  above  the  ecliptic. 
This  attitude  is  also  desirable  for  cruise  since  it  provides  a good  thermal 
environment  for  the  large  probe,  ^hich  would  otherwise  require  heaters. 
The  spacecraft  remains  in  the  launch  orientation  until  the  execution  of  the 
first  midcourse  AV  after  which  the  orientation  is  set  about  0.31  radian 
(18  degrees)  from  the  launch  attitude,  0.35  radian  (20  degrees)  above  the 
ecliptic.  This  new  orientation  is  used  until  day  50,  or  the  time  for  the 
second  midcourse.  By  Jay  50  the  aft  omni  communication  bit  rate  is  down 
to  64  bits/s.  The  spacecraft  now  becomes  an  earth  pointer  with  the  aft 
medium-gain  horn  used  for  primary  communications.  The  earth  pointing 
configuration  is  maintained  until  the  third  midcourse,  30  days  prior  to 
entry.  Alternating  probe  deployments  and  AV  retargeting  maneuvers 
(sequential  deployment)  occur  every  2 days  starting  25  days  from  entry, 
and  ending  11  days  before  entry  with  all  four  probes  deployed.  The  bus 
is  also  retargeted  for  entry.  About  16.  1 kilograms  (35  pounds)  of  fuel 
is  carried  on  the  probe  bus  for  midcourse  and  retargeting  maneuvers. 
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Retargeting  and  probe  deployments  can  be  ejrecuted  either  for  sequential 
entry  or  simultaneous  entry  (or  any  combination  thereof)  with  only  slight 
changes  in  fuel  requirements  for  the  retargeting. 

10,  1.  3 Commonality  of  Configurations 

The  orbiter  and  pvobe  mission  have  operational  commonality  for 
most  maneuvers  and  pi  ocedures,  including  midcourse  maneuvers,  atti- 
tude determination,  and  attitude  corrections.  Probe  deployment  is  per- 
formed very  much  like  the  midcourse  AV  except  that  the  probe  release 
replaces  the  thruster  AV  firing.  The  major  equipment  differences 
between  orbiter  and  probe  missions  include  conscan  in  the  orbiter  only, 
and  the  small  probes  are  replaced  by  science  and  the  large  probe  is 
replaced  by  the  high-gain  dish  antenna.  There  are  other  slight  differences 
(such  as  Omni  antenna  complement),  but  most  electronics  and  functional 
elements  are  common. 

We  examined  four  primary  configuration  options  of  the  orbiter  which 
could  meet  the  assumed  science  requirements.  These  configurations  all 
have  a conical  solar  array  band  above  the  equipment  compartment  to 
maximize  clear  fields  of  view  for  experiments.  The  conical  array  permits 
operation  with  the  sun  anywhere  in  the  forward  "hemisphere”  [within 
1.92  radians  (110  degrees)  of  the  forward  spin  axis]  for  indefinite  periods 
without  performance  degradation.  The  differences  in  these  four  versions 
are  mainly  in  the  antenna  complement  and  the  nominal  flight  orientation: 

1)  Spin  axis  aligned  with  earth  using  high- gain  dish  for 
primary  communications  as  for  Pioneers  10  and  11. 

2)  Spin  axis  normal  to  ecliptic,  using  31-watt  fanbeam 
(pancake  pattern)  antenna  for  primary  communication. 

3)  Spin  axis  normal  to  ecliptic,  using  12- watt  fanbeam 
antenna.  This  option  depends  on  the  64-meter  DSN 
for  primary  science  data. 

4)  Spin  axis  normal  to  ecliptic.  Despun  reflector  used 
for  primary  communications. 

Mission  operations  are  similar  for  versions  2),  3),  and  4),  to  that  of  the 
preferred  configuration  1).  Only  the  preferred  (baseline)  version  is  dis- 
cussed in  detail  in  this  section.  The  major  differences  between  the  mis- 
sions are  discussed  in  Sections  1 and  8.5. 
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The  following  paragraphs  discuss  the  procedures  and  rationale  for 
midcoursc  maneuvers  (probe  bus  and  orbiter),  probe  deployment  and  data 
recovery,  orbit  insertion,  orbit  trim,  attitude  determination,  attitude 
maintenance,  and  science  operations* 

10.2  AV  MANEUVER  PROCEDURES 

10.2.1  First  Midcourse  ALL  CONFIGURATIONS 

Midcourse  AV  maneuvers  arc  performed  identically  on  the  orbiter 
and  probe  missions.  The  first  midcourse  is  performed  on  day  5 with 
communication  maintained  via  complete  coverage  of  the  omni  antenna. 

Fuel  is  budgeted  for  99.  9 percentile  injection  errors  which  are  about 
7.0  m/s  for  the  Atlas /Centaur.  Two  primary  methods  of  AV  execution 
can  be  performed  by  the  system  without  ground  intervention.  The  first 
primary  method  of  AV  execution  uses  thrusters  which  are  aligned  with 
the  spin  axis.  This  method  is  described  in  detail  in  this  section,  with  the 
second  primary  method  and  the  backup  modes  covered  in  later  paragraphs. 


figure  10-L  Fundionit  Eltmenli  for  Mideourst  (VUneums 


Precession  and  AV  maneuvers  involve  operation  of  elements  in  the 
digital  telemetry  unit  (DTU),  the  propulsion  subsystem,  and  the  control 
electronics  assembly  (CEA).  The  functional  operation  of  these  elements 
is  identical  to  that  of  Pioneers  10  and  11.  All  elements  used  for  preces- 
sion and  AV  maneuvers  shown  in  Figure  10-1  are  redundant  except  for  the 
program  storage  and  execution  assembly  (PSE).  All  functions  of  the  PSE 
can  also  be  performed  by  ground  commands  into  the  duration  and  steering 
logic  (which  is  redundant)  so  that  any  single  failure  can  be  tolerated.  The 
spin  period  sector  generator  (SPSG)  and  the  PSE  .irc  by  far  the  most  com- 
plex elements  and  are  off  the  shelf  (unmodified  designs)  from  Pioneers  10 
and  11.  The  duration  and  steering  logic  (DSL)  and  thrusters  are  slightly 
modified  in  that:  1)  new  thruster  selection  logic  is  required  because  of  the 
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increased  number  of  thrusters,  and  2)  the  thrusters  need  to  be  separated 
from  the  cluster  assemblies  used  for  Pioneers  10  and  H.  The  declustered 
thrusters  arc  being  developed  for  FLTSATCOM. 

A AV  maneuver  sequence  is  normally  performed  by  processing  the 
spin  axis  to  the  direction  of  the  desired  AV,  firing  the  thrusters  that  are 
aligned  with  the  spin  axis  to  execute  the  AV.  then  processing  back  to  the 
desired  final  orientation.  The  sequence  is  depicted  in  Figure  10-2.  The 
precession  is  performed  by  firing  short  (1/8-second)  torque  pulses  once 
per  revolution  at  a fixed  angle  to  the  sun.  This  continues  for  the  time 
necessary  to  obtain  the  proper  orientation.  The  AV  is  obtained  by  firing 
two  thrusters  on  opposite  sides  of  the  spacecraft  that  are  aligned  with 
the  spin  axis.  These  fire  continuously  until  the  AV  is  complete.  The 
entire  sequence  is  controlled  by  the  PSE.  Data  loaded  from  the  ground 
into  the  PSE  is  generated  from  known  initial  position  and  the  desired  final 
state  of  the  spacecraft.  Since  the  hardware  elements  for  the  AV  are 
identical  to  Pioneers  10  and  11,  the  existing  NASA/ARC  program  ge»'^ra- 
tion  software  (for  data  to  be  loaded  into  PSE)  can  be  used  off  the  shelf, 
without  modification.  A brief  explanation  of  this  flight-proven  software 
is  given  in  Appendix  lOA. 


(ENTRY  ON  DAY  1301 


Figure  lO-i  Probe  Mission  First  Midcourse 

Precessions  are  performed  open-loop  using  thrusters  that  have  been 
calibrated  by  ground  test.  The  ground  calibration  is  supported  and  refined 
by  in-flight  calibrations.  The  precession  maneuver  accuracies  for  open- 
loop  maneuvers  are  dominated  by  thruster  calibration  error.  This  error 
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is  approximately  6 percent  on  the  ground-  . . 

bration.  precession  maneuver  accuracies'  ^ cali- 

have  been  demonstrated  for  Pioneers  10  anTl/  ‘ ^ 

equipment  used  for  Pioneer  Venus.  ' identical 

AV  »equa„cVcrre7„‘lL7aTel““„rTr 

anown  in  Table  10-1  All  com  ^ yP»cal  command  sequence  is 

Of  Pioneers  10  and  I'l  excepITori  r 

change  is  required  because  the  ' ^ selection  command.  This 

a ....  " r--" — 

ware  can  remain  unchanged  for  the  ent  ’ ^^^^ting  command  soft- 
this  one  item.  command  sequence  except  for 


Table  10-1.  Primary  Commands  for  AV  Execution 

command  function 


I EXISTING  ARC 

I command  designator 


ACX  I 


MG) REFERlTiTTf 

SELECT  ACS  MODE  OF  SPSG 

USE  FORMAT  C FOR  TELEMETRY 

SUN  SENSOR  IS  SELECTA81E  FOR  REDUNDANCY 

POWER  ON  TO  PSE 

POWER  ON  TO  DSL 

SJ“.RS?'^'/c*eU"SS  '^"GNITUDE 

ArcnSl)*"'' ' magnitude  of  delay  and 

!En?R  ”«ECEM?oi?a?^^^  MAGNITUDE 

SELECT  PRECESSION  THRUSTERS 

rm2ireRT*“°''“  fOR  precession 

SELECT  AV  THRUSTERS  FOR  FORE  OR  AFT  THRUSTER  FIRING 
AND^NITlAUZ£^,^|  REGISTERS 


MODIFIED  FROM  PIONEERS  |0  AND  1 1. 

Opon  sequence  Initlalion,  the  contents  of  the  sto„. 

transferred  into  their  respective  counters  (angle  counter 

primary  magnitude  counter)  in  accordance  »ith  th  ’’ 

following  PSE  program  on  occurrence  of  the 

program  sequence  states.  .mred  programs  cycle 
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through  all  sequence  states  unless  interrupted  by  ground  commandi  The 
ground  commands  can  be  used  to  inhibit  the  sequence,  override  the  inhibit 
condition  to  continue  the  sequence  from  the  point  inhibited,  or  ’’stepped*' 
to  jump  into  the  next  state.  Sequence  "Step"  is  normally  used  to  shorten 
a delay  period. 

Sequence  State  Function  Command 


SO 

Reset 

ACX4 

SI 

Delay 

ACXl 

S2 

No,  1 Precession 

S3 

Delay 

S4 

Midccurse  AV 

S5 

Delay 

S6 

No,  2 Precession  (return) 

S7 

Program  Complete 

The  above  described  sequence  assumes  that  the  axial  thrusters  are 
fired  continually  for  the  AV  execution.  Other  alternatives  exist  as 
described  in  the  following  sections. 

10.2,2  Second  and  Third  Midcourse 

The  accuracy  of  the  proposed  method  of  AV  execution  has  been 
demonstrated  by  Pioneers  10  and  11.  For  both  of  these  spacecraft,  the 
first  midcourse  maneuver  AV  was  executed  within  0.02  radian  (1  degree) 
of  the  desired  pointing  direction.  Precessions  of  0.79  and  0.61  radians 
(45  and  35  degrees)  were  performed  open-loop  to  obtain  the  pointing  direc- 
tion. AV  execution  magnitudes  for  the  first  midcourse  of  Pioneers  10  and 
11  were  executed  to  accuracies  of  about  3 and  i.  5 percent;  however,  the 
AV  magnitudes  were  trimmed  in  each  case  to  negligible  magnitude  error 
by  inhibiting  the  stored  program  and  firing  individual  thruster  pulses. 
Magnitude  was  checked  using  the  doppler  shift  measurement  capability  of 
the  DSN  in  real  time.  Since  the  equipment  employed  for  Pioneer  Venus 
is  identical  to  that  of  Pioneers  10  and  11,  similar  accuracies  are  expected. 

Pointing  errors  during  midcourse  AV  maneuvers  are  most  signifi- 
cant if  a large  first  midcourse  maneuver  is  required.  In  that  case  pointing 
(and  other  execution)  errors  add  to  the  tracking  errors  in  determining  the 
resultant  second  midcourse  requirements.  As  a figure  of  merit,  second 
midcourse  AV  requirements  have  been  shown  in  Figure  10-3  as  a function 
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> ''T  I-'-'/'l  AVAlLOCAnON 

;;  ,.ol— 

rc:„,l  i'-T*  "~«!Mrv  , 
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POIFJTING  IRMOR 


0.017  0.015  0.Q'.7 


of  pointing  error  during  the  first  midcourAse. 
Pointing  errors  of  the  baseline  system  con- 
tribute only  slightly  to  overall  midcourse 
requirement's.  For  a worst-caAse  (99  per- 
cent) AV,  pointing  error  of  0,017  radian 
(1  degree)  would  contribute  about  O.lii  m/s 
for  Atlas/Centaur.  This  error  is  doininated 
by  ephemeris  and  tracking  errors,  with  uncertainty  in  the  solar  force 
model  also  contributing.  With  a 1 m/s  AV  allocation  for  the  second  mid- 
course execution  errors  are  negligible^  for  the  Pioneer  Venus  capability, 
as  demonstrated  by  Pioneers  10  and  11. 


figure  10*3.  Effect  of  first  Midcourse  Pointing 

Error  on  Second  Midcourse  Requirements 


Second  i.nd  third  midcourse  maneuvers  are  nominally  performed 
identically  with  that  of  the  first  midcourse.  However,  the  second  pri- 
mary AV  method  which  employs  all  four  transverse  thrusters  fired  in 
pairs  can  also  be  used.  This  method  is  discussed  in  the  next  section. 

Alternatives  for  second  and  third  midcourse  also  include  leaving 
residuals  from  the  first  (or  second)  midcourse  as  an  attempt  to  control 
the  direction  of  the  next.  With  the  probe  mission  as  an  earth  pointer,  a 
small  third  midcourse  could  be  pre-biased  in  the  direction  of  the  earth 
to  eliminate  reorientation  for  the  third  midcourse  AV . 


10,2.3  Maneuver  Options 

A major  feature  of  the  Pioneers  10  and  11  system  adopted  for 
Pioneer  Venus  is  the  design  flexibility.  If  a AV  is  to  be  executed,  the 
following  options  are  available: 

1)  Continuous  AV,  using  a stored  program  and  either  of  two  axial 
thruster  pairs  (axial  thrusters  are  aligned  with  spin  axis) 

2)  Pulsed  AV,  using  a stored  program  and  all  of  the  transverse 
(spin)  thruster  pairs.  All  four  spin  thrusters  are  fired  each 
revolution  in  the  inertial  direction  of  the  AV . 

3)  Pulsed,  by  real-time  ground  command  of  axial  thrusters 

4)  Pulsed,  by  real-time  ground  command  of  transverse  thrusters 

5)  Pulsed  or  continuous  as  in  the  previous  four  options  but  using 
only  single  thruster(s)  as  an  added  backup  mode. 
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Methods  1)  and  2)  are  both  autonomously  controlled  by  the  PSE,  an 
unmodified  part  of  the  CEA,  and  are  designated  as  primary,  Metliods 
3),  4)  and  5)  are  backup.  To  control  the  direction  of  the  AV , another 
set  of  options  are  available: 

1)  Rliumb  line  precession  to  the  desired  attitude  for  execution  of 
the  AV  by  one  of  the  above  options  (single  maneuver  to  any 
attitude) 

2)  Execution  of  the  AV  by  components  without  reorientation  of  the 
spacecraft 

3)  Precession  by  ground  command  via  the  so-called  Type  I,  Type  II 
precession  (for  Type  I precession  the  spin  axis  remains  in  the 
plane  defined  by  the  spin  axis  and  the  sun,  Type  II  precession  is 
about  the  sun  line) 

4)  Real-time  pulses  timed  from  the  ground  and  executed  at  the 
instant  received.  In  the  event  of  sun  sensor  loss,  phase  control 
can  be  obtained  from  downlink  doppler  modulation.  Round  trip 
light  time  must  be  taken  into  consideration.  This  mode  is  the 
ultimate  backup. 

Redundancy  considerations  were  of  primary  concern  in  the  development  of 
the  design  approach  to  maneuver  execution  equipment.  The  two  sun 
sensors,  two  spin  period  sector  generators,  two  duration  and  steering 
logic  assemblies,  the  program  storage  and  execution  assembly,  and  the 
thrusters  are  cross-strapped  so  that  the  complete  failure  of  one  each  of 
all  of  the  above  control  elements  (Figure  10-1)  would  not  be  critical  to 
mission  success.  In  the  case  of  the  eight  thrusters,  a complete  mission 
can  be  obtained  using  as  few  as  three  thrusters:  one  for  spinup,  one  for 
spindown,  and  one  axial  precession-velocity  thruster. 

A AV  can  be  executed  using  the  spin  control  thrusters  pulsed  radially 
where  all  four  spin  thrusters  are  fired  each  revolution  (Option  2).  The 
spin  axis  is  precessed  normal  to  the  desired  AV  such  that  the  plane  con- 
taining the  spin  thrusters  contains  the  AV  vector.  When  two  transverse 
thrusters  are  aligned  with  the  AV,  they  are  fired.  The  opposite  two 
thrusters  are  fired  after  a 3.  14  radian  (180  degrees)  rotation.  Although 
this  method  is  identical  in  operation  to  that  on  Pioneers  10  and  11,  with 
the  spin  thrusters  located  in  the  plane  containing  the  center  of  mass,  this 
mode  is  greatly  improved  over  the  equivalent  mode  for  Pioneers  10  and  11 
where  only  two  spin  thrusters  are  used.  The  additional  thrusters  reduce 
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the  execution  time  and  center  of  mays  offsets  are  such  that  prr^ci  ssi<>n 
coupling  is  n*;^gligibJe,  Redundancy  of  transverse  thrusters  also  permits 
spinup  for  execution  of  many  maneuvers  if  desired.  Dispersion  errors 
can  be  reduced  (by  a factor  inversely  proportional  to  the  srjuare  of  th(^ 
spin  speed)  by  increasing  spin  speed  for  AV  execution  using  n single 
thruster. 

Spin  coupling  is  a concern  in  all  large  AV  maneuvers  since  a sig- 
nificant spin  speed  re  duction  causes  greater  AV  dispersion  and  can  even 
cause  loss  of  spin  stabilization.  Spin  coupling  results  from  thruster  mis- 
alignment for  a AV  obtained  via  the  axial  thrusters  and  from  unbalanced 
thrusters  for  a AV  produced  via  transverse  thrusters.  The  worst  case 
magnitudes  of  tlie  spin  coupling  for  the  expected  maneuvers  are  given  in 
Figure  10-4.  Significant  spin  changes  for  the  Thor/Delta  spacecraft 
version  occur  not  only  because  of  the  higher  mass-inertia  ratio  than  for 
Atlas /Centaur,  but  also  because  of  the  large  first  midcourse. 


RACIAL  - PULSED  AV 
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f inure  10-4.  Spin  Coupfinc)  Efiects  for  Worst  Case 4V 


The  design  of  the  PSE  also  provides  the  benefit  of  independence  of 
spin  rate  for  all  procession  maneuvers.  This  is  achieved  by  precesslng 
for  a predetermined  time  rather  than  for  a predetermined  number  of 
thruster  pulse  counts.  If,  for  example,  the  spin  rale  doubles  during  the 
AV  (because  of  spin  coupling),  then  on  the  return  precession  each  thruster 
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impulse  will  cause  only  one-half  the  angular  step  change;  however,  pulses 
will  occur  twice  as  often.  Thus  a constant  rate  of  precession  occurs  with 
the  Pioneer  Venus  system  which  is  independent  of  spin  speed.  If  pulse 
counting  were  used,  very  large  precession  errors  could  occur  in  the  event 
of  spin  changes. 

10,  3 Attitude  Determination  Procedures 


10,3.  1 Introduction 


For  Pioneer  Venus,  the  sun  and  earth  have  been  selected  as  celes- 
tial references  since  existing  off-the -shelf  hardware  can  be  used  v/hich 
has  sufficient  accuracies  for  all  mission  objectives,  TVie  sun  sensor  pro- 
vides a pulse  which,  combined  with  the  . spin  period  sector  generator, 
provides  an  exceptionally  accurate  roll  reference.  In  addition,  the  sun 
sensor  provides  tiie  spin  axis -sun  aspect  angle  measurement  with  an 
accuracy  of  0,004  radian  (0.25  degree).  Earth  aspect  measurement  is 
provided  by  the  conscan  signal  processor  adopted  unmodified  from 
Pioneers  10  and  11.  Conscan  provides  the  earth  aspect  with  accuracy  of 
about  0.002  to  0.003  radians  (0,  1 to  0.2  degrees).  These  two  independent 
measurements  determine  essentially  the  same  angle.  As  a coplanar 
condition  is  approached,  the  geometry  causes  a steady  degradation  in  the 
system  accuracy  for  fixed  measurement  accuracies  of  sun  aspect  and 
earth  aspect.  The  effect  of  geometry  on  attitude  accuracy  is  illustrated 
in  Fif^ure  10-5, 


FAVORABLE  GEOMETRY 

MOST  ACCURATE  ATTJTUDE 
Ot TERMINATION  IS  WHEN  BOTH 
THE  EARTH-SPACrCRAn-SUE4 
AND  THE  ROLL  ANCLE  BETWEEN 
EARTH  AND  SUN  APPROACH 
1.S7  RAD  f9C  D(G‘ 


I.57RAD  i?0-0EG^  SUN/EARTH  ASPEO 
ANGLES  (SPIN  AXIS  l TO  PAGE»: 
UNFAVORABLE  SUN-SPAC>XRAFT- 
EARTH  ANGIE 

UNCERTAINTY  REGION  IS  ELONGATED 
AS  THE  MX..CRAF7-EARTH  ANGIE 

APPRO  ACHES  t)  OR  3.  TR  RAD  tO  OR  TBO  OtOi 


Figure  10-5.  Geometry  Effect  on  Attitude  Determination  Accuracy 


Fortunately,  unfavorable  geometry  occurs  only  for  short  intervals 
during  interplanetary  cruise  for  the  orbitcr  and  probe  missions,  and  at 
the  end  of  the  orbiter  mission.  These  short  periods  in  no  way  jeopardize 
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or  reduce  mission  objectives  or  effectiveness.  The  primary  advantage 
of  the  selected  sensors  is  that  the  measurements  3rc  direct  and  instan- 
taneous, and  very  simple  software  is  used  that  has  already  been  developed 
for  Pioneers  10  and  11.  Although  a sun  aspect  measurement  was  not 
used  on  Pioneers  10  and  11,  the  software  needs  only  a single  calibration 
curve,  thus  unique  attitude  can  easily  be  read  directly  from  the  displayec' 
telemetry, 

10.3.2  Open-Loop  Attitude  Accuracy 

Attitude  accuracy  is  maintained  by  periodic  attitude  measurement 
and  precession  correction.  This  process  continues  as  long  as  the  sptxe- 
craft  is  in  an  earth -pointing  configuration  where  attitude  is  maintained 
within  the  conscan  range  [0.  17  radian  (10  degrees)]  for  the  orhiter  forward 
end,  or  within  the  medium-gain  horn  beamwidth  [0,21  radian  (12  degrees)] 
on  the  probe  bus  and  orbiter  aft  end.  Offpointing  occurs  during  mid- 
course  maneuvers,  probe  deployment  and  retargeting,  Venus  orbic  injec- 
tion, and  periapsis  maintenance  AV.  Offpointing  also  occurs  fov  the  first 
50  days  of  the  probe  mission  with  the  spin  axis  pointing  about  0.44  radian 
(25  degrees)  from  the  sun.  Attitude  corrections  are  unnecessary  during 
this  period.  After  day  50,  the  probe  mission  becomes  an  earth  pointer, 
tail  toward  earth,  with  doppler  modulation  and  the  sun  'tensor  used  for 
attitude  determination.  For  the  orbiter  mission,  the  tail  to  earth  attitude 
is  maintained  during  the  108  to  237  day  period  losing  doppler  modulation 
for  attitude  determination.  The  wide  beamwidth  of  the  aft  horn  permits  a 
two-point  spin  axis  pointing  strategy  between  days  108  and  200  (VOI), 
with  attitude  corrections  also  unnecessary  during  this  time.  Before 
day  108  and  after  day  237,  the  orbiter  is  eartli  pointing,  using  the  high- 
gain  dish  for  communication  and  using  conscan  for  attitude  determination. 

The  analyses  presented  in  detail  in  Section  8.  5 and  the  orbital 
experience  of  Pioneers  lO  and  11  have  demonstrated  that  the  open-loop 
Pioneer  control  concept  used  for  these  maneuvers  is  well  within  the 
required  accuracy  to  meet  all  mission  objectives.  However,  the  Pioneer 
capability  has  been  improved  by  the  addition  of  sun  aspect  measurement 
which  provides  a check  on  system  accuracy.  The  open  loop  accuracy  will 
be  about  0.035  radian  (2,0  degrees)  (3'/)  for  all  AV  maneuvers  even  with- 
out the  other  attitude  reference  checks. 
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Precession  calibration  can  be  performed  with  greater  accuracy  for 
Pioneer  Venus  than  for  Pioneers  1C  and  11,  The  calibration  is  performed 
using  the  sun  aspect  measurement  capability  by  performing  the  precession 
calibration  maneuver  directly  toward  or  away  from  the  sun.  An  angular 
maneuver  of  precomputed  magnitude  is  executed.  The  aspect  angle  change 
is  then  compared  with  the  precomputed  value  to  determine  the  correction 
to  be  applied  to  all  future  precessions. 

10,3.4  Earth  Aspect  Measurement  A/CIV  [|^  A/C  IV 

Earth  aspect  is  determined  by  three  separate  methods:  conscan, 
doppler  modulation,  and  doppler  shift.  Conscan  is  the  primary  earth 
aspect  determination  method  for  the  orbiter  when  the  high-gain  dish  is 
pointed  within  0. 17  radian  (10  degrees)  of  the  earth.  This  is  the  case 
except  during  midcourse  maneuvers,  Venus  orbit  insertion,  and  during 
the  time  between  days  108  and  237  when  the  aft  end  medium-gain  horn  is 
earth  pointing.  The  probe  bus  uses  omni  communication  for  the  first 
50  days,  thereafter  operating  as  an  earth  pointer  on  the  aft  medium  gain 
horn.  Both  the  orbiter  and  the  probe  bus  use  doppler  modulation  for 
primary  attitude  determination  when  the  aft  end  is  toward  earth,  when 
offset  omni  antenna  can  be  viewed,  Doppler  shift  is  used  for  attitude 
determination  only  once,  for  Venus  orbit  insertion. 

Antenna  pattern  search  is  used  only  as  a backup  mode  where  con- 
scan has  failed  and  other  methods  cannot  be  used. 

The  conscan  concept  used  on  Pioneers  10  and  11  is  based  on  the 
modulation  of  RF  signals  produced  by  printing  errors  when  the  spacecraft 
antenna  boresight  is  offset  from  the  spin  axis  direction.  The  curve 

between  points  A and  B in  Figure  10-6  repre- 
sents the  ranges  of  antenna  gain  swept  through 
during  a spin  cycle  as  a consequence  of  the 
pointing  error,  a^.  The  modulation  amplitude 
and  phase  of  the  fundamental  are  detected  to 
produce  the  attitude  measurement.  The  main 
advantages  of  the  conscan  approach  are  its 
good  attitude  determination  accuracy,  low  cost, 
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• 0£TtRMINt  AMHITUIJI  AND  FHAS£ 
(RELATIVt  TO  SUN  PULSES)  Of 
EARTH  POINTING  ERIOR. 

• AUTOMAT  ICALU  CONTROL  THRUSTERS 
TO  PRECtSS  SPIN  A)«IS  TOWARDS  EARTH. 

figure  10*6.  Conscan  Concept 
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operational  simplicity.  Although  conscan  is 
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The  earth  aspect  angle  can  be  determined 
changes  produced  by  the  spin  on  the  fro- 
W-H  q^ency  of  RF  signals  from  an  offset  antenna  as 
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figure  10-g.  Doppler  Shl«  .arth  Aspect 
AttItuA*  Determination 


Doppler  shifts  can  also  be  used  for 
attitude  determination  with  angles  near 
1.57  radians  (90  degrees),  but  a AV  maneu- 
ver IS  required.  The  component  of  velo- 
city change  along  the  earth  line  is  obtained 
by  doppler  measurement,  and  the  ratio 
of  this  component  to  the  predicted  value 
of  the  AV  maneuver  executed  gives  the 
cosine  of  the  angle  between  the  spin  axis 
and  the  spacecraft-earth  line  (Figure  10-9). 
This  attitude  determination  technique  is 
most  sensitive  at  spin  aspect  angles  nor- 
mal to  the  earth  line,  as  shown  in  Figure 
10  8.  It  is  preferable  to  use  doppler  shift 
only  in  those  instances  where  a V is  to 
be  executed  (midcourse,  periapsis  main- 
tenance,  or  prone  retarget)  in  order  to 
minimize  propellant  allocations. 

Doppie,  shift  attiiude  dot, 

IS  required  for  Venus  orbit  insertion  wilh 


10-14 


] 

1 


A/C  IV  [[j)- A/C  IV 

doppler  measurements  made  via  the  forward 
omni.  This  omni  is  on  the  spin  axis,  as 
shown  in  Figure  10-10,  such  that  doppler 
modulation  cannot  be  used.  Since  the  earth 
aspect  is  1.09  radians  (62  degrees),  doppler 
shift  is  slightly  more  accurate  than  doppler 
modulation,  therefore  no  requirement  for  an 

offset  omni  can  be  justified  for  this  one  maneu- 
nqureio-io.  Doppler Shi.t (or ort.it insertion  During  the  2.  13  radians  (122  degrees) 

precession  maneuver  from  earth  pointing  to  the  Venus  orbit  insertion  atti- 
tude, the  spacecraft  attains  an  earth  aspect  angle  of  1.57  radians  (90  deg- 
rees). At  this  point  in  the  maneuver  a switch  must  be  commanded  to  change 
the  communication  link  from  the  aft  omni  to  the  forward  omni.  Since  dop- 
pler shift  is  most  accurate  at  1.  57  radians  (90  degrees)  attitude,  it  is  con- 
venient to  stop  at  this  position,  switch  the  omni,  and  execute  the  1.0  m/s 
for  attitude  determination.  The  precession  maneuver  can  then  be 
continued  open-loop  to  the  VOI  attitude  with  confidence  in  the  accuracy 
which  assures  the  proper  attitude  for  insertion. 

Both  doppler  modulation  and  doppler  shift  have  been  used  on 
Pioneers  10  and  11  for  attitude  determination  verification.  No  new  ground 
capability  or  software  is  required. 

10.4  ATTITUDE  CORRECTIONS 

Pointing  requirements  for  science  and  communications,  when  com- 
bined with  solar  torque  spin  axis  drift  and  earth  motion,  determine  the 
frequency  and  magnitude  of  attitude  correction.  In  the  case  of  the  probe 
mission,  essentially  no  attitude  correction  is  required  until  day  50  when 
the  spacecraft  becomes  an  earth  pointer.  Tracking  of  the  earth  then 
becomes  the  governing  factor,  since  drift  rates  are  generally  less  than 
0.0014  radian  (0.08  degree)  per  day.  Orbiter  drift  rate  near  launch  is 
about  0.009  radian  (0.05  degree)  per  day.  Increasing  to  0.0019  radian 
(0,  11  degree)  per  day  at  Venus  orbit  insertion  for  the  Atlas /Centaur,  as 
shown  in  Figure  10-11. 

Science  pointing  is  not  a constraint  on  absolute  pointing  accuracy 
since  attitude  determination  accuracy  meets  the  science  requ^* ements. 
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Fiqure  10  11.  Prei'f  ssion  Rates  Due  to  Solar  Pressure  and  Ea'-th  Irackinq 

The  attitude  accuracy  is  easily  determined  if  earth  aspect  angles  are 
small  [0.70  radian  (40  degrees)]  for  doppler  modulation  or  within  the 
0. 17 -radian  (10-degree)  conscan  range.  Thus,  absolute  pointing  is 
constrained  by  communications,  since  beamwidths  are  in  the  ±0.21  radian 
(±12  degrees)  range  for  the  medium-gain  horn  (probe  mission  and  orbiter 
aft  pointing)  and  ±0.06  radian  (±3.5  degrees)  for  the  high -gain  dish 
(orbiter  forward  pointing).  Earth  motion  ranges  from  0.005  to  0,009 


J 

I 


j 


;1 


i 


\ 


10-16 


■ ' ‘ 15>  R * • 


radians  (0,3  to  0,5  degrees)  per  day  for  the  probe  mission.  For  com- 
munication on  the  inc'dium-gain  horn,  the  earth -pointing  attitude  need 
only  bo  corrected  weekly,  since  the  beamwidth  is  large  compared  to  the 
earth  motion.  For  the  orbiter,  earth  motion  varies  from  about 
0,007  radian  (0,4  degree)  per  day  near  earth  to  a peak  of  0.023  radian 
(1,3  degrees)  per  day  early  in  the  orbit  phase.  Communication  can  be 
maintained  within  the  0.  12  radian  (7  degrees)  high -gain  beamwidth  by 
correcting  earth  pointing  at  5 -day  intervals.  Corrections  for  solar  torque 
drift  are  nearly  an  order  of  magnitude  less  than  correction  for  earth 
pointing.  However,  the  motion  caused  by  the  solar  torque  describes  a 
cone  about  the  instantaneous  sun  line.  For  the  small  drift  magnitudes 
between  attitude  corrections,  this  motion  is  observed  as  motion  perpen- 
dicular to  the  ecliptic  plane  and  the  earth  motion. 

Attitude  corrections  for  both  earth  motion  and  solar  torques  are 
readily  made  either  by  a stored  program  in  the  program  storage  and 
execution  assembly  (PSE)  or  by  using  the  fixed  angle  precession  logic 
and  the  stored  command  capability.  Daily  corrections  can  be  made  auto- 
matically via  the  stored  command  capability  by  having  the  stored  com- 
mands recycle  each  24  hours.  Closed  loop  (conscan)  can  be  selected  in 
place  of  open  loop  precession  to  maintain  earth  pointing  of  the  high -gain 
antenna  of  the  orbiter.  Conscan  is  primarily  used  for  attitude  determina- 
tion, but  can  be  used  for  closed-loop  control  to  maintain  the  antenna 
pointing  on  the  earth  if  desired. 

10.5  GROUND  STATION  SUPPORT  REQUIREMENT 
10.5.1  DSN  Support  ALL  CONFIGURATIONS 

DSN  support  requirements  are  determined  by  spacecraft  bit  rate 
capability  and  the  times  of  mission  critical  events.  These  include  mid- 
course  maneuvers,  probe  deployment  and  entry,  Venus  orbit  insertion 
and  periapsis  maintenance  AV.  Figures  10-12  and  10-13  show  the  bit 
rate  capabilities.  For  the  probe  mission,  operations  are  performed 
using  only  the  26-meter  DSN  until  the  third  midcourse  and  the  probe 
deployment  sequence.  For  the  orbiter,  the  64-meter  DSN  is  optional  for 
data  acquisition  while  on  orbit,  but  is  necessary  for  communication  during 
the  flip  maneuvers,  Venus  orbit  insertion,  and  the  third  midcourse. 
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figure  10  12.  c^it  Rate  Capability  Profile  for  Probe  Mission 
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Figure  10-13.  Bit  Rate  Capability  Profile  for  Orbiter  Mission 


10.5.2  Interference  wilh  Other  Missions 

Tlie  DSN  must  be  shared  with  other  interplanetary  spacecraft. 

Those  pre  sently  known  or  possible  for  on-orbit  operation  in  the  late  1970's 
include  Mariner-Jupiter-Saturn  (MJS),  Pioneer  11,  Pioneer  Saturn- 
Uranus  (PSU),  Pioneer  Jupiter -Uranus  (PJU),  and  Viking  1975.  Of  these, 
the  Viking  1975  and  Mariner  Mars  missions  will  have  been  essentially 
completc'd  prior  to  Pioneer  Venus  launch  and  will  no  longer  be  requiring 
extensive  coverage.  Other  surviving  spacecraft  using  the  DSN  might 
include  Pioneers  6 through  10  and  Helios.  Possible  PSU  and  PJU  launch 
windows  occur  in  late  1979;  however,  these  follow  the  nominal  Pioneer 
Venus  end -of -mission  by  about  3 months.  A Mariner  Mars  might  also  be 
launched  in  the  late  1979  window. 

Those  interplanetary  missions 
which  significantly  overlap  with 
Pioneer  Venus  are  shown  in  Figure 
10-14.  The  Jupitc'r  flyby  would 
coincide  with  the  middle  of  a 1978 
orbiter  mission,  and  the  Saturn 
flyby  of  Pioneer  11  might  interfere 

f »()u re  If)  14.  I nterpianeta ry  Mission  Overlap 

with  the  end  of  the  orbiter  mission. 

Ihc  relutivriy  sliort  duration  of  a planetary  flyby  (about  48  hours)  would 
not  significantly  perturb  orbiter  operation.  One  orbit  of  data  can  be 
Stored  on  board  and  dumped  in  3 to  4 hours  using  only  26-meter  stations; 
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therefore  even  if  the  64-meter  stations  are  dedicated  to  Mariner  or 
Pioneer  il,  no  major  operational  difficulties  are  envisioned  from  inter- 
ference with  these  missions. 

10*5.3  Support  Software  Modifications 

Because  of  the  great  similarity  between  Pioneers  10  and  11  equip- 
ment and  that  selected  for  Pioneer  Venus,  a quantitative  measure  is 
desired  of  the  usable  portion  of  the  software. 

One  possible  measure  of  the  required  modification  in  the  Pioneers 
10  and  11  software  to  adapt  it  to  the  Pioneer  Venus  spacecraft  was  obtained 
by  examination  of  the  Pioneers  10  and  11  CRT  telemetry  displays  fiom  the 
Space  Flight  Operations  Facility  (SFOF).  Each  item  was  examined  on  1 1 
of  the  display  formats  to  determine  which  items  would  be  totally  unchanged, 
modified,  deleted,  or  added.  By  definition,  modifications  were  limited  to 
scale  changes  (e.g.,  temperature^ s)  or  name  changes  (e.g.,  experiment 
acronyms).  All  other  changes  were  considered  as  deletions  and  addi- 
tions. Deletions  were  caused  primarily  by  RTG*s,  star  logic,  command 
memory  changes,  and  sequencer  deletion.  Modifications  were  caused 
primarily  by  experiments  and  temperature  ranges,  and  probe/orbiter 
only  related  telemetry.  Additions  were  caused  by  the  solar  array  power 
source,  additional  thrusters,  and  the  new  stored  command  programmer. 

The  study  results  tabulated  in  Table  10-2  showed  51  percent  of  the 
engineering  telemetry  was  completely  unchanged,  with  25  percent  dele- 
tion, 12  percent  minor  modification,  and  12  percent  addition. 

An  example  of  the  display  modification  is  shown  in  Figure  10-15. 

This  subsystem  display  (attitude  control)  is  typical  of  the  displays  to  be 
modified  in  that  about  50  percent  of  the  items  are  unchanged,  however, 
there  are  a somewhat  higher  number  of  additions  and  deletions  than 
average.  Only  engineering  telemetry  was  examined.  All  science  telem- 
etry was  assumed  as  new,  but  was  not  included  in  the  totals  shown.  An 
independent  study  was  performed  to  determine  the  usability  of  the  Sigma  5 
EGSE  software  of  Pioneers  10  and  11.  This  study  showed  that  about 
60  percent  of  the  engineering  software  was  directly  usable. 
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Table  10-2,  TcTen^ctry  CRT  Display  Modifications 


OK 

DELETION 

MINOR 

modification 

ADDITION 

LAUNCH  SEQUENCE 

- 

22 

... 

Rf/C  DU/DATA 

35 

2 

15 

5 

CDU/DATA 

27 

13 

-- 

12 

POWER  NO.  3 

19 

16 

15 

9 

ACS/PROPULSION 

42 

20 

5 

22 

ACS  REGISTER  STATUS 

22 

- 

- 

- 

SPACECRAFT  STATUS 

41 

6 

11 

2 

CONSCAN 

17 

1 

- 

— 

THERMAL 

17 

12 

8 

4 

RTG 

25 

- 

- 

GROUND  DATA 

17 

- 

- 

“ 

237 

117 

54 

53 

PERCENT  OF  TOTAL 

51.4 

25.4 

11.7 

11.5 

SC-24  21  56-75  FORMAT s-iv  r*?0=3  ri*:. 


J MINOR  MODinCATION 

V7//A  deleted 
'■ROP  SUBStS  SIATU 
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ADD  TWO  FIRING 
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A3EQS 

75.45536 
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mmm 
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ftVELPECS 
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APPER25 

SAFE 

PC5TH3 

BELO 

mi 

PCSIIS 

OFF  j 

FICLK5 
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ASPSCPPS 

OD  / 

TMOrK 

AVlTIpJ^ 

A/LT2PCI 

rtVLTSPCi- 
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AFEV5K 

IFhTC 

WIi 

A';Cn'v‘f'i: 

A:"5iH5 
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:e:ipat  2045 


:J| 

. 1 64'- 


AVPtir 

’2-5.92 

AVPT2T 

46'. 18 

wnai 

48?.  18 

AVPT4T 

725.92 

telVC;.' 

:6 

APPOPP 

W/M^ 

CHANGE 

RANGE 
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TMfiUSTER 

temper  mures 


Flgura  10"15.  Example  of  CrtTelemetry  Display 
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I 0.  b , 1 T^rf3b(’  Ta  rget  Selection  and 
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compatible  with  Uu-  science,  requirements  have  S-  -n  .1  on  ■•i.lrv  «)<• 

beh'Clion.  Thesi'  constraints  define  a ere;;,  en'  or  i.ii-  pi.ii.ei  sutl-in  i., 
shown  in  Fif-ure  10- In.  The  upper  edge  excludes  <-nt  ry  sP.  h having  com- 
munication angles  greater  than  0.9o  radiant  m degrm  s).  Tin  l-^Aver  edge 
eliminates  sites  having  entry  angles  steeper  than  u.  V radian  (4  r dt  grtts) 
Tlie  communication  angle  constraint  implicitly  requires  that  entry  angles 
shallower  than  0.44  radian  (25  degrees)  are  excluded. 
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Figure  10*16.  Probe  Entrv  Locations  for  SinuManeoiis  or  SequenticI  Release 


Probe  deployment  can  be  performed  with  either  simultaneous  or 
sequential  release.  Sequential  release  requires  that  the  center  of  mass 
of  each  probe  lie  in  the  same  plant  ns  the  bus  center  of  mass  in  order  to 
maintain  alignment  of  the  principal  (spin)  axis  between  deployment. 

Other  allernafives  can  also  be  selected,  including 


• Probe  entry  site  selection 

• Spin  rale  increase  prior  to  deployment  to  minimize  deployment 
tipoff  or  solar  torque  induced  error 


Retargeting  to  control  individual  probe  entry  times, 
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S<^u<.n.,al  rolcaac  la  a„  ..tronaoly  CK  xibU.  d.-ploym-n,  mod.  winch 
permits  the  acquisition  of  any  set  of  target  sites  within  the  c riscMi^  wn 
obtainln.  rcro  a„alc  of  attack  for  each  probe.  The  proboa  color  with 

obtaining  . ..  n a?  lo  t 22  radians  (iO  to  70  dogroca), 

sobar  aspect  angles  varying  from  0.52  to  1.22  radt  t 

but  this  variation  may  be  accommodated  with  identical  thermal 
on  each  probe.  The  probes  may  bo  released  at  any  desired  spm  rale. 
« the  bos  roJgots  may  be  designed  so  that  ail  small  prob.  en.i. 
either  simultaneously  with  the  large  probe,  sequentially  wo 
at  individual  separate  times. 

The  simultaneous  release  eharacteristies  are  also  indicated  on 
Figure  10-16.  To  obtain  a reasonable  system  the  probes  must  be  re  e 
at  essentially  .be  same  aitiPide.  This  causes  non-aero  angles  of  attack 
,n,  to  Obtain  a spread  of  entry  sites.  « released  21  day, 
the  o = 0.87  radian  (50  degrees)  pattern  required  a spin  ra  e o 
sec  (19.5  rpm).  The  limes  of  arrival  are  different,  as  indicated,  i 
tnaximnm  coverage  is  desired.  The  solar  aspect  angle,  are  ident.  . 
which  simplifies  the  thermal  control  problem. 

Sequential  release  with  entry  two  at  a time  appears  to  be  the  most 
desirable  deployment  mode  because  of  its  characteristic. 
low  spin  rates,  aero  angle  of  attack,  and  entry  ame  separa  ton. 
method  combines  the  science  benefll.  of  simultaneous  entry  with  opera- 
tional ease  and  multiple  ground  station  coverage.  Retargeting  an  ep  oy 
ments  can  be  performed  to  control  tho  lime,  between  each  probe  entry 
simplify  the  ground  communications  lockup. 

10.6.2  Probe  Release  Timeline 

The  operational  timelines  of  sequential  and  simultaneous  release 
are  essentially  the  same,  with  sequential  release  requiring  a repetition 
of  several  events.  The  ground  system  operatiomd  timelines  must  cove 

the  following  functions; 

stale  vector. 
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• Detail  .st‘4uei»cu  and  command  generation:  conservatively  a 

6«hour  task  to  jprenerate  detailea  IfTommand  sequences,  validate 
the  sequences  against  system  performance  capabilities,  validate 
actual  command  structure,  and  hold  command  conferences,  as 
required.  Tlris  will  normally  be  done  the  day  before  the  event. 

• Release  and  validate  commands:  conservatively  1 hour  to 

release  commands,  validate,  transmit,  and  verify,  and  retrans- 
mit if  required. 

• Spacecraft  implementation:  conservatively  6 hours  to  process, 
verify  attitude^  correct  attitude,  execute  AV  (or  probe  release), 
.and  unwind  to  cruise  attitude*  Four  hours  from  start  of  preces- 
sion to  execution  is  assumed* 


The  baseline  design  provides  retargeting  and  probe  deployment 
maneuvers  to  be  performed  alternately  every  2 days,  as  shown  in  Fig- 
ure 10-17. 

THIRD  MIDCOURSI  - 0,79  RAD  (45  DEG>  PRECESSION,  2 M/5  AV, 

0,79  RAD  (45  DEG)  RETURN 


fRESEPARATION  CHECKOUT,  FOUR  PROBES 

PROBE  STATUS,  PROBE  AND  BUS  RETARGETING  ANAIYSIS 

SPIN  UP  TO  1,05  RADA  (TO  RPM) 


LARGE  PROBE  RELEASE  - 0.42  RAD  (24  DEG)  PRECESSION  , 

0,42  RAO  (24  DEG)  RETURN 

RETARGET  NUMBER  I - 0,96  RAO  (55  DEC)  PRECESSION,  1 .21  M/S  AV, 
a96  RAO  (55  DcG)  RETURN 

RELEASE  SMALL  PROBE  1-0.55  RAD  (31.5  DEG)  PRECESSION, 

0.55  RAO  (31.5  DEG)  RETURN 

RETARGET  NUMBER  2 - 0.61  RAD  G5  DEG)  PRECESSION, 

16.1  M/S  AV,  0.61  RAD  (35  DEO)  RETURN 

RELEASE  SMALL  PROBE  NUMBER  2 -0.76  RAO  (43.5  DEO^ 

PRECESSION,  0.76  RAD  (43.5  OCG)  RETURN 

RETARGET  NUMBER  3 - 0.09  RAD  (5.0  DEG)  PRECESSION,  6.12  M/S  AV 
0.09  RAO  (5.0  DEG)  RETURN 

RELEASE  SMALL  PROBE  3 - 0.24  RAO  (14.0  DEG)  PRECESSION, 

0.24  RAO  04.0  DEG)  RETURN 

RETARGET  BUS  - PRECESSION  0.45 RAD  (25.8  DEG),  25.7  M/S  AV 
0.4T  *>AD  (2S.B  DEG)  RETURN 

PRECESS  TO  ENTRY  ATTITUDE  AND  SPIN  UP  TO  6.28  RAO/S 


FlounB  1047.  ProDulslon  Events  Timeline 


Typical  precession  and  AV  sequence  ' are  given,  although  the  system 
flexibility  permits  many  options.  The  sequence  shown  provides  simultan- 
eous entry  of  the  large  probe  and  one  small  probe,  followed  1.  5 hours 
later  by  the  other  two  small  probes,  with  bus  entry  1.  5 hours  later.  Slight 
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modificaiion  of  the  sorond  rotargotjng  in  this  scqnc'iaa*  (f h <- rfsi  iii  t i. 
t/.  H rr»/;  ) would  pornnf  siinul t»anoous  «*n  ry  of  all  probi  s lolJowtM]  |»v  ihi 
pfolif  bu:^  in  on  ocklitioual  l.G  houro.  l^ntry  n « aaaa  r.'  uv^  ; . . 

p Orionl  ad  In  SiMlioJi  f n.  7.  dh»*  Irval  J'rounri  )jpr,firt  df  pi  Jid,  > d..  lit,  ► 

'dj  if  ir  j»r»,b«  ..  or*'  i.  In  . l i d uul  at:  1)  ■«  t-  ia  ;.a  ;iii  < , ti  : f o-n  i 

lialjy  just  prior  to  t*arh  probe*  rfleasn.  Method  1)  is  ri'  '.irnd  in  lii.Oi  jt  pro- 
V icl L. ^ ta Llis  toj.  a.fX  fiiLix  pt obn at  otie^  tijoei  tht‘r*-rby  provj^ljn^  iva.jja-  — 

bihly  to  reassign  rotargids  for  the  probes  in  the  ove  nt  of  anomalies. 


A jiiini  dirneline  fur  a probe  deployment  and  n target  is  given  in 

r igure  10-18* 


•PE«FO«MANCE  «a.  iGt 
WECBSION  sm  SI7E 
PEAK  NUTATION 

WOWiE  DAMPING  TIKsE  CCf  ;iiAal 
ATTITUOf  At  .‘MACY 
PROPfUANT  AV 

mcis» 


0.007  TO  0.014  HAD  (0.4  TO  0.79  OtG) 

0.013  TO  0,72  RAD  (0.75  TO  1.25  DEG: 

10  TO  40  A IN 

0 017  RAL'  (1  0EC»  Iff 

2.9  kO 

0.6P  KG 


lO-lfi.  Probe  Ocpti'yment  Timelnc 


The  probe  release  sequence  time  allocations  arc  based  Oii  Pioneers 
10  and  ii  Xii  st  midcourse  maneuvers.  Th  probe  release  and  retargeting 
is  performed  idf'nticailv  to  the  Pioneer-  lO  and  11  nudeo’  rse,  whicli 
nilows  complete  ground  ccv.trol  and  rionitoring  of  all  phases  of  the*  mancu- 
vet%  However,  the  open  loop  approach  u a very  conservat  vc  method 
which  provides  thr  baiJKup  of  continuing  to  execute  the  pre  programmed 
maneuver  autoreatically  even  without  ground  intervention  or  contact  . 
CoiifcinucuF  monitcring  permits  iu  oper  itor  to  iniem/pt  the  manruver, 
determine  attitude,  and  make  or  cotrer:iion.s  in  either  poiniing 
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direction  or  AV  magnitude  to  improve  accuracy  if  desired.  In  a con- 
tingency situatioii,  release  (or  AV)  times  can  be  delayed.  AV  trim  can  be 
done  in  an  arbitrary  direction  while  in  the  release  attitude  if  desired. 

Maneuvers  are  performed  every  other  day,  and  car  be  performed 
during  a reasonable  working  day.  Considerable  time  (Z  hours)  is  allocated 
for  delay  prior  to  the  A'/  and  each  precession  in  order  to  minimize  wobble. 
As  will  be  shown,  all  probe  release  maneuvers  and  most  retarget  maneu- 
vers are  on  the  order  of  0.  52  radian  (30  degrees)  and  can  be  performed 
with  high  accuracy  [0.02  radian  (1  degree)]  with  only  open-loop  maneuvers 
and  on-orbit  calibration,  which  wil3  have  been  supported  by  the  midcourse 
maneuvers. 

The  timeline  shown  is  for  a nominal  probe  release  sequence,  and 
the  worst  case  retarget  maneuver.  The  sun  aspect  angles  lie  generally 
between  0,44  and  1.05  radians  (25  and  60  degrees)  for  the  entire  deploy- 
ment and  retarget  sequence.  The  conical  array  powder  capability  and 
thermal  design  concepts  are  totally  in  concert  with  the  leisurely  deploy, 
ment  and  retarget  times  for  these  events. 

Figure  "0-19  shows  the  locations  of  the  spin  axis  during  the  entire 
probe  deployment  and  retarget  sequence  projected  onto  a unit  sphere 
about  the  spacecraft.  Using  the  probe  bus  as  an  earth  pointer  during  this 
period  permits  maximum  communications  utilization  prior  to  maneuvers, 
and  is  an  excellent  starting  point  for  maneuvers  because  the  precession 
magnitudes  required  are  reasonably  small.  Two  options  for  mission 
operations  are  apparent.  First,  maneuver?  can  be  minimized  by  orienta- 
tion to  a position  (say  the  large  probe  relca  ;e),  executing,  and  staying 
there  until  the  next  maneuver  twe  days  later.  The  next  maneuver  is  the 
first  retarget,  which  is  only  an  0.  14 -radian  (8-degree)  precession.  The 
spacecraft  can  now  remain  in  this  position  until  time  to  maneuver  for  the 
first  small  probe  release,  again  a short  maneuver.  This  process  can  be 
continued  for  the  entire  sequence,  since  the  baseline  design  pe-^mits  the 
resultant  sun  angles  for  indefinite  periods.  Power  and  thernj.  designs 
are  ideal  for  this  process.  However,  if  high  bit  rate  communication 
using  only  the  26-meter  DSN  is  desired,  the  second  option  can  be  used; 
that  is,  the  spacecraft  ran  be  processed  back  to  earth  pointing  at  any  time 
(aft  of  spacecraft  *o  earth). 
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figure  10-19.  Stereographic  Projection  Showing  Angular  Geometry  During  Prohe 
Bus  Cruise  and  Probe  Deployment  and  Retargeting  f^neuvers 


As  part  of  the  overall  study,  bus  configurations  which  cruise  with 
the  spin  axis  normal  to  the  sun  line  (nominally  normal  to  the  V^enur?  orbit 
plane)  have  been  considered.  With  the  baseline  modified  earth -pointing 
approach,  ail  probe  release  maneuvers  are  sh  ortened  considerably  com- 
pared to  a spacecraft  with  spin  axis  normal  to  the  Venus  erbit  plane 
during  cruise. 

10.7  BUS  AND  PROBE  ENTRY  DSN  COVERAGE 

For  the  multiprobe  and  orbiter  missions,  the  bus  and  probe  entry 
phase  imposes  the  most  severe  requirements  on  the  utilization  of  the 
DSN,  receivers,  recorders,  and  personnel.  This  section  discusses  the 
entry  phase  impact  on  the  DSN  and  recommends  a bus/probe/DSN  con- 
figuration that  utilizes  the  DSN  capabilities  to  its  fullest  with  maximum 
probability  of  mission  success. 

One  of  the  early  study  constraints  for  probe  entry  had  bee  r a doubly- 
differenced  very  long  baseline  interferometry  (DDVLBI)  experiment  that 


dosirod  near -simuitanoous  entry  for  all  four  probes,  with  the  bus  entry 
delayed  about  1 hour.  With  the  initial  requirement  for  a 1977  multiprobe 
mission  tlie  64 -meter  DSN  coverage  consisted  of  Goldstone  and  Madrid. 
Additional  non-DSN  coverage  was  possible  with  the  Arecibo  and  Haystack 
antennas,  one  of  which  was  required  for  the  DDVLBI  experiment.  With 
the  simultaneous  probe  entry  sequence,  there  were  not  enough  receivers 
at  each  64 -meter  site  to  track  each  of  the  probes  and  the  bus  in  real 
time  and  provide  a predetection  recording  capability,  which  requires 
another  receiver  operated  in  an  open-loop  mode.  A recommended  DSN 
configuration  for  this  simultaneous  probe  entry  phase  was  defined  and  is 
discussed  in  Appendix  lOB.  The  Version  IV  science  payload  definition, 
which  delayed  the  multiprobe  mission  to  1978,  changed  the  optimum  DSN 
entry  coverage  to  Goldstone  and  TidbinbUla,  eliminated  Arecibo,  and 
weakened  the  requirement  for  a VLBI  experiment.  Figure  10-20  shows 
the  DSN  station  coverage  for  the  1978  entry.  These  changes,  along  with 
a desire  to  improve  on  the  redundancy  of  the  DSN  probe  entry  tracking 
capabilities,  opened  the  door  for  consideration  of  a sequential  probe  entry 
sequence. 
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Figure  10-2Ql  TricWng  Stetlon  Coverage  for  \m  Prote  Mission 

With  sequential  probe  entry  more  than  one  receiver  at  each  station 
could  be  used  to  track  each  probe.  The  preferred  configuration  discussed 
here  recommends  two-probes -at -a-time  entry:  first  the  large  probe  (LP) 


TIDBtNeiLLA  GOLDSTONE  TRAKiSMITTEft  PtOFILfS 


and  small  probe  one  (SPl),  then  90  minutes  latei  small  probes  two  and 
three  (SP2  and  SP3),  and  finally  another  90  minutes  later -bus  entrv 
(nominal  end-of-mission,  EOM).  The  entry  timeline  for  the  bus  and 
probes  is  shown  in  Figure  10-21.  The  transmission  periods  and  station 
receiver  utilization  show  that  two  receivers  (Blocks  III  and  IV)  per  probe 
at  each  64-meter  station  are  used  to  insure  redundant  tracking.  A 20- 
minute  interval  is  allocated  between  LP/SPl  impact  and  SP2/SP3  entry 
to  account  for  any  arrival  time  uncertainties  and  possible  post-impact 
transmissions.  At  approximately  30  minutes  into  the  SP2/SP3  descent 
i hour  before  bus  entry)  a Block  IV  receiver  at  each  64-meter  station 
should  be  switched  to  the  bus  as  the  bus  entry  high  data  rate  mode  is 
activated  (1024  bits/s),  requiring  the  64-meter  antenna.  Also,  the 
Block  IV  receiver  is  desired  to  use  its  programmable  oscillator  capa- 
bility to  track  the  bus  through  the  high  doppler  buildup  during  entry. 


HOURS  FROM  LARGE  Ft06€  ENTKY  -3  >2  -I  0 ) 2 3 
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Figure  10-21.  Probe  end  Bus  Entry  Transmission  Profile  E3 


The  link  configurations  for  the  different  phases  of  tlie  entry  sequen.jc  *=»re 
illustrated  in  Figure  10-22.  Uplink  to  the  bus  for  coherent  two-way  (and 
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. THE  LARGE  WOK  AND  SMALL  WOBE  NO.  1 HAVE  IMPACTED 
AND  -iUPPOSEDlY  CEASED  TRANSMITTING. 

SMALL  PROBES  2 AND  3 SP2  AND  SP3)  ARE  NOW  IN  THE 
ENTRY  AND  DESCENT  PHASE. 

. TWO-WAY  DATA  COMMUNICATION  M BIT/ S WITH  THE 
PROBE  BUS  IS  STILL  MAINTAINED  BY  THE  OOLOSTONE  26- 
UnS  UNtIi  IHOUk  «FO«E  «U5  ENWY,  < 120. 

I PRE DETECTION  RECORDING  OF  BUS  AND  WOBE  SIGNALS 
IS  CONTINUED. 

double  redundant  OCMOOULATION  of  WCH 
sSnAL  is  MAIPTTAINEO  until  I HOL«  OEFOtf  BUS  ENTRY. 

sE“SS«.!&  s'S'sE 

SSIUlA. “o  M wmfoI«VFUL 

RECEIVER  TUNING  DURING  THE  HIGH  DOPPLER  BUILDUP.) 

• THREE  RECEIVER  REDUNDANCY  IS  THEREBY  MAINTAINED  ON  ALL 
PROBES. 


I iqiin’ 


Prniu-  Ji;(t  Hir.  Hotel  Rffnv*>rv  Sr.|ui*ntiol  i ntrv 


POLDOTTT  FRAr.i'iJ 


10-^9 


ALLORBITER  CONFIGURATIONS 


three-way)  tracking  is  maintained  from  the  26-meter  station.  All  real 
time  downlink  tracking  and  data  recovery  is  fully  compatible  with  the 
existing  DSN  receivers,  subcarrier  demodulators,  symbol  synchronizers, 
and  data  decoders.  Only  predetection  recording  for  off-line  processing 
may  require  the  implementation  of  nonstandard  hardware  (see 
Appendix  IOC). 

10.8  ORBIT  OPERATIONS 
10.8.1  Venus  Orbit  Insertion  (VOI) 

Venus  orbit  pa-.,  meters  depend  primarily  on  arrival  velocity  and 
position  error,  arrival  weight,  orientation  error,  timing  of  the  insertion 
burn  start,  and  dynamic  performance.  In  addition  to  controlling  these 
errors,  the  VOI  should  be  independent  of  ground  station  operations.  This 
latter  requirement  is  necessary  first  because  the  insertion  firing  occurs 
while  the  spacecraft  is  in  earth  occultation,  and  second  because  this 
mission-critical  event  occurs  at  a predetermined  time  and  should  not 
depend  on  uplink  capability.  On-orbit  operations  for  the  VOI  insertion, 
depicted  in  Figures  10-23  and  10-24,  include  precession  to  the  proper 
attitude,  spinup  to  minimize  execution  errors,  and  commanding  of  the 
AV  start.  The  operations  are  performed  to  minimize  the  above  execution 
errors  while  maintaining  independence  of  ground  station  time  critical 
commands.  Attitude  e ''ution  errors  in  the  injection  AV  have  an  almost 
negligible  effect  compared  to  arrival  velocity,  position,  and  weight 
errors.  Orbit  period  is  the  parameter  most  strongly  affected,  and  this 
is  easily  corrected  with  the  onboard  AV  capability. 

10.8.2  Precession  to  VOI  Attitude 

The  approximate  attitude  for  the  insertion  burn  is  about  1.08  radians 
(62  degrees)  from  the  normal  position  such  that  the  "FX  axis  (spin  axis 
along  the  high  gain  antenna)  is  down  0.  49  radian  (28  degrees)  from  the 
ecliptic  plane  with  1.  12 -radian  (67-degree)  sun  aspect  and  1.06-radian 
(61 -degree)  earth  aspect  angles.  Precession  to  this  attitude  and  execu- 
tion with  as  much  as  0.05  to  0.07  radians  (3  to  4 degrees)  of  pointing  error 
would  result  ir  satisfactory  orbit  insertion  so  that  errors  would  be  well 
within  the  spacecraft  correction  capabilities. 
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Rgure  10-»a.  OAltif Mission  Trajocloty  Choracterlstics 


Figure  10-236.  Venus  O16II  Insertion  and  Otbil  Phase  Geometry 
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Figut*  10-24.  Venus  Oititer  Insertion  Sequence 


Prior  to  Venus  orbit  insertion,  the  spacecraft  nominal  attitude  is 
such  that  the  tail  of  the  spacecraft  is  earth  pointing.  A 2.  13 -radian 
(122-degroe)  maneuver  is  performed  to  attain  the  proper  attitude  for 
orbit  insertion.  Precession  to  the  VOI  attitude  is  performed  using  the 
open-loop  precession  capability  of  the  PSE  assembly  described  previously. 
To  insure  proper  pointing  for  VOI,  there  are  two  options:  1)  process  open 

loop  from  the  known  initial  position  and  depend  on  the  open  loop  accuracy 
and  sun  aspect  measurement,  or  2)  perform  attitude  determination  at  an 
intermediate  point  using  doppler  shift.  Either  option  will  yield  sufficient 
accuracy  for  insertion.  For  the  second  option,  the  attitu  e at  1.5  7 radians 
(90  degrees)  to  earth  in  the  maneuver  is  used  as  a stopping  point  to  switch 
the  omm  antenna,  and  execute  a 1 m/s  AV  to  determine  attitude  via  the 

doppler  shift  method.  The  precession  to  VOI  is  thev  eonlinueu  ut  ing  the 
corrected  attitude. 
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Execution  errors  in  the  burn  result  in  three 
primary  orbital  errors:  1)  deviation  from 
nottiin:.!  24-hcur  period,  2)  periapsi.s  altitude 
error,  and  3;  deviation  ot  argument  of  periap- 
sis.  The  AV  misalignment  results  primarily  in 
an  error  in  o;rbital  period;  however,  the  ('fleet 
is  .small  compared  to  other  .‘jy.stem  errors.  In 
Figure  10-25,  the  /.ero  misa]  igninenl  intercept 
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shows  Ihi-  result  ot  all  other  system  errors,  with  the  curve  slope  showing 
the  ailditional  period  error  introduced  by  attitud<  error  at  injection. 

For  option  1)  above  a capability  has  boon  n.  nonstrated  by  Pioneers 
10  and  11  experience  for  procession  magnitude  accuracy  of  3 percent  of 
th<‘  ni Anov.vc r length.  For  the  VOI  maneuver,  the  direction  of  procc'ssion 
is  known  within  0.013  radian  (0.72  degree)  (3a),  while  the  magnitude  error 
is  0.  06  radian  (3.6  degrees)  [ 3 percent  of  2 • 12  radians  (122  degrees)]. 

The  sun  aspect  sensor  permits  measurement  of  the  sun  aspect  angle  within 
0.003  radian  (0.2  degree)  and  this  measurement  provides  an  excellent 
check  of  the  open  loop  precession  accuracy.  Error  detected  in  the  final 
sun  aspect  should  be  attributed  to  rhumb  line  magnitude  and  corrected 
accordingly.  Option  2)  for  precession  attitude  determination  is  to  per- 
form a small  maneuver  (I  m/s)  at  an  intermediate  [1.57  radians 
(90  degrees)  earth  aspect]  position  and  determine  the  earth  aspect  angle 
by  doppler  shift  measurement.  At  the  VOI  attitude,  this  method  provides 
attitude  within  0,036  radian  (2.04  degrees). 

For  either  option,  the  effects  of  the  relatively  large  attitude  errors 
permitted  during  the  injection  burn  have  an  almost  negligible  effect  on 
orbit  parameters. 

10.8.3  Stabilization  Spin 

To  stabilize  the  spacecraft  during  the  VOI  burn  and  to  overcome 
disturbance  effects  caused  by  the  injection  engine,  it  is  necessary  to  sp'.n 
up  to  approximately  6.28  rad/s  (60  rpm).  The  dynamic  analyses  of 
Section  8.  5 show  that  the  AV  dispersion  will  be  less  than  0.  021  radian 
(1.2  degrees)  worst  case.  Again,  this  error  has  a negligible  effect  on  the 
resulting  orbit  parameters  compared  with  arrival  errors.  Spinup  of  the 
spacecraft  is  performed  by  ground  command.  Since  the  spinup  and  pre- 
cession orientation  commands  cannot  be  time  critical,  it  is  necessary  to 
have  the  capability  of  orientation  and  spin  up  for  days  prior  to  the  inser- 
tion burn.  The  conical  solar  array  spacecraft  design  provides  the  capa- 
bility of  remaining  at  the  insertion  orientation  for  an  indefinite  time.  At 
6.28  rad/s  (60  rpm)  solar  drift  would  be  less  than  0.0018  radian  (0.  1 
degree)/day  for  Atlas/Centaur,  such  that  orientation  to  VOI  attitude  and 
spinup  can  be  performed  as  much  as  1 week  prior  to  VOI. 
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10.8.4  VOI  Solid  Rocket  Motor  Ignition  Command  Control 

The  scilid  rocket  motor  (SRM)  ignition  command  must  not  depend  on 
ground  station  timing  for  its  execution.  Furthermore,  no  single  failure 
should  prevent  proper  command  timing  and  execution.  Timing  sensitivity 
studies  (Section  4.3.3)  indicate  that  it  would  be  desirable  to  execute  this 
mission-critical  command  with  an  accuracy  of  about  15  seconds. 

To  obtain  the  desired  accuracy  without  dependence  on  ground  station 
commands,  an  onboard  programmer  is  required.  To  meet  the  failure 
mode  criteria,  redundant  commands  are  also  required.  The  onboard 
stored  command  programmer  has  been  designed  using  dual  independent 
command  channels  each  containing  an  eight-command  capability  No  single- 
point failure  can  cause  premature  firing  of  the  solid  rocket  motor.  The 
ordnance  arm  and  fire  commands  are  separate,  with  both  required  for 
engine  ignition.  The  design  is  equivalent  to  quad  redundancy  (see 
Section  8. 4). 

The  stored  command  programmer  design  permits  the  load  of  com- 
mands at  ground  station  leisure,  with  start  of  countdown  for  command 
execution  as  much  as  1.52  days  prior  to  VOI.  Longer  storage  can  easily 
be  provided,  but  the  1.52-day  capability  waia  assumed  adequate  in  view  of 
likelihood  of  multiple  (three)  ground  station  coverage,  although  only  one 
is  required.  Of  the  16  command  capab.'.lity  provided,  only  four  are  used 
for  SRM  ignition, 

10.8.5  Per  japs  is  Maintenance 

The  baseline  orbiter  trim  strategy  .s  to  keep  periapsis  altitude 
within  a band  from  200  to  400  kilometers.  Parametric  analyses  show 
that  the  total  AV  time  does  not  increase  significantly  when  the  pexiapsis 
altitude  control  band  is  reduced  to  25  kilometers.  The  number  of  maneu- 
vers required  to  keep  periapsis  within  the  control  band  does  increase  as 
the  control  band  is  tightened.  In  fact,  there  is  a significant  increase  in 
the  number  of  apoapsis  maneuvers  when  the  control  band  is  decreased 
from  ±100  to  ±25  kilometers.  This  effect  is  shown  in  Figure  10-26.  Con- 
sequently, an  adaptive  strategy  would  be  to  control  periapsis  altitude  from 
200  to  300  kilometers  or  even  lower,  provided  the  additional  fuel  required 
is  available.  Although  the  baseline  fuel  loading  docs  not  include  the  extra 
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FIjure  10-26.  Perljpsis  M»lntenane«  Altitude  Verletlcn  E"«ct' 


fuel  to  provide  this  option,  there 
is  a very  good  chance  that  all  the 
midcourse  maneuvers  will  not 
require  the  AV  load  for  each 
maneuver.  Thus,  the  additional 
trim  maneuver  fuel  could  come 
from  the  excess.  Furthermore, 
the  fuel  tanks  have  been  pur- 
posely oversized  so  that  weight 
margins  at  launch  can  be  used 
to  provide  extra  AV  capability. 
The  baseline  trim  strategy  in- 
cludes four  AV  maneuvers  which 
occur  on  days  0,  60,  1 45  and  180 
after  Venus  orbit  insertion,  as 
shown  in  Figure  10-27.  These 
maneuvers  are  nominally  per- 
formed at  apoapsis  with  the  AV 
direction  along  the  velocity  vec- 
tor. There  area  number  of 
options  for  performing  the  first 


Fl9ure  10-27.  Periapsis  Altituda  Maintenance 


I 


pcriapsis  AV  maneuver  including  all  the  options  discussed  «n  Section  10.^. 3. 
Ihese  includi?: 

• Prc'CC'BS  spin  axis  to  apoapsis  velocity  direction,  execute  AV 
with  axial  thrusters 

• Process  normal  to  npuapsis  velocity  vector  and  perform  AV  with 
radial  (spin)  thrusters 

• Perform  AV  using  components. 

The  latter  option  is  most  desirable  for  all  periapsis  trim  maneuvers  other 
than  the  first  (day  30)  since  the  downlin)c  omni  communication  capability 
rxins  out  after  day  37.  An  additional  alternative  exists  for  the  third  peri- 
apsis  maintenance  AV  when  the  spin  axis  is  nearly  in  the  orbit  plane  (142 
± 3 days).  The  AV  can  be  imparted  using  only  axial  thrusters  along  the 
velocity  vector  at  a true  anomaly  of  3.02  radians  (173  degrees);  h )weve^, 
the  AV  magnitude  is  increased  from  12  m/s  to  about  20  m/s  by  thij 
strategy. 

The  selected  approach  for  pc.iapsis  maint>‘  nance  is  to  maintain 
earth  pointing  orientation  and  execute  the  AV  by  cotnponents,  usinp  the 
pulsed,  radial  thruster  AV  (AV/SCT)  for  the  lateral  component,  and  the 
axial  thrusters  for  the  earth  line  component.  This  method  is  completoiy 
discussed  in  Section  10,2.3, 

10.8.6  Attitude  Corrections  A/C  Ml  [0- A/C  IV 

Attitude  corrections  to  maintain  earth  pointing  are  dominated  by 
earth  motion.  Small  corrections  are  also  required  to  correct  for  solar 
torque  drift  which  is  an  order  of  magnitude  less  than  the  earth  motion. 

The  earth  motion  and  solar  torque  drift  are  shown  in  Figure  10-28. 
Corrections  can  be  made  using  the  PSE,  the  fixed  angle  pulses,  or  con- 
scan  as  described  in  Section  10.2.3.  Corrections  need  only  maintain 
attitude  within  the  antenna  beamwidth,  which  varies  from  about  ±0.27 
radians  (±12  degrees)  early  in  the  orbit  phase  (medium-gain  liorn),  to 
aoout  ±0,017  radian  (±1  degree)  at  the  end  of  tlie  nominal  mission.  The 
frequency  of  attitude  correction  varies  from  alternate  weeks  at  the  start 
of  the  orbit  phase  to  every  1.5  days  at  peak  correction  limes,  while  com- 
municating via  the  high -gain  dish. 
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Figun  10-28.  Attitude  Drift  Retes  it  Oibit  Due  to  Soler  Pnssun  and  Earth  Motion 


10,8.7  Orbiter  Science  Operations  and  Options  [J^ A/C IV 
10,8.7.1  Introduction 

Flexibility  in  orbiter  science  operations  is  provided  by  equipment 
that  is  normally  required  for  otlier  purposes.  The  units  which  provide 
this  additional  system  flexibility  for  science  operation  include  the  data 
storage  unit,  the  command  memory,  the  ram  platform,  and  the  earth- 
pointing configuration.  The  flexibility  provided  is  incidental  to  their 
existence,  not  the  cause.  The  most  significant  contributor  to  the  opera- 
tional flexibility  is  provided  by  the  command  memory.  A 1.52 -day  maxi- 
mum time  lag  is  provided  for  16  independent  commands  with  2 -second 
quantization.  One  of  these  commands  can  be  used  to  reset  the  command 
memory  clock  such  that  the  command  memory  recycles  without  ground 
interruption.  A 24-hour  recycle  period  would  permit  all  science  opera- 
tion commands  that  are  periodic  to  be  autonomously  operated  by  the  com- 
mand memory.  This  system  capability  and  its  interaction  with  the  ground 
stations,  the  data  storage  unit,  and  certain  experiments  is  described  in 
the  following  paragraphs. 
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Figure  10-29.  Orbiter  Version  IV  Science  Payload  Data  Rate  Prolile 


10.8.7.2  Use  of  the  Data  Storage  Unit  and  the  Command  Memory 

Experiment  operations  are  performed  with  major  emphasis  on  high 
data  rate  near  periapsis.  Most  experiments  require  higher  data  rates 
within  a few  minutes  of  periapsis  with  much  smaller  data  rates  (if  any)  at 
the  higher  altitudes  shown  in  Figure  10-29  for  the  baseline  instrument 
complement.  Switching  of  experiment  data  to  higher  rates  begins  at  an 
altitude  of  4000  kilometers  (21  minutes  before  periapsis  at  200  kilometers) 
with  commands  to  the  electron  temperature  probe,  neutral  mass  spec- 
trometer, and  ion  mass  spectrometer.  At  3000  kilometers  or  17  minutes 
before  periapsis,  the  infrared  radiometer  is  switched  to  the  high  data  rate 
mode.  The  next  switch  is  a power  switching  to  the  transmitter  driver  of 
the  radar  altimeter  at  1000  kilometers  (8  minutes  before  periapsis).  This 
is  the  only  switch  of  experiment  power  that  must  occur  during  the  24 -hour 
orbit.  The  last  switch  before  periapsis  occurs  to  provide  a second,  higher 
bit  rate  for  the  ion  and  neutral  mass  spectrometers.  As  shown  in  Fig- 
ure 10-29,  the  entire  high  bit  rate  switching  operation  is  reversed  after 
periapsis.  Since  a number  of  the  bit  rate  switch  commands  are  desired 
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sinuiUaiU'ous I V I thr  i'nt  i ri'  swii t hin|j;  soqiu'nso  c';m  ht*  porfornu'd  with  only  j 

ei^ht  conmiands*  On  (lu‘  fir«t  totumand,  tlu*  maj^mdunudor , oloctron  ^ 

tiMuporaturn  pn>l)4',  ullraviolot  spoct  roimdn r and  tlio  neutral  and  ion  mass  j 

spectrometers  are  switclied.  The  second  command  is  usi“d  for  the  infra-  ; 

red  radionudi'r,  the  third  for  the  radar  altimeter  transmitter  driver  i 

power  and  high  bit  rate,  and  the  fourth  (which  can  also  be  a memory  flag)  | 

produces  the  higher  bit  rate  for  the  ion  and  neutral  mass  spectrometers. 

Commands  five  through  eight  are  used  to  reverse  the  above  bit  rate  j 

switching  after  periapsis.  A ninth  command  can  be  used  to  reset  the  I 

li 

stored  command  program  clock  after  24  hours  to  have  the  stored  program 
repeat  itself  each  orbit.  Science  operations  would  thereby  be  completely 
automated  to  run  for  days  or  oven  weeks  with  perhaps  only  an  occasional 
trim  of  the  clock  reset  time  to  account  for  clock  drift  or  orbit  changes. 

The  data  storage  unit  becomes  a key  operational  feature  for  two 
specific  situations;  earth  occultation  of  periapsis  events » and  low  bit  rates 
for  real-time  telemetry  which  occur  near  mission  end  on  the  26-meter 

i 

ground  stations,  hi  the  event  of  earth  occultation^  real-time  telemetry  is  1 

impossible^  requiring  stored  commands  to  route  data  into  the  DSU  for 

temporary  storage.  As  shown  in  Figure  l0-29»  tJie  maximum  bit  rate  is 

440  bits/s  witli  all  experitnents  in  the  highest  bit  rate  mode.  If  the  telem-  j 

etry  bit  rate  is  above  512  bits/s»  tl\en  real-time  telemetry  can  be  used  ; 

and  the  DSU  bypassed,  Howevcr»  the  first  70  days  on  orbit  include  earth  i 

I 

occultations  within  5 minutes  of  periapsis,  thus  data  storage  is  necessary,  | 

After  day  47,  the  bit  rate  using  the  26-meter  DSN  dish  drops  below  j 

512  bits/s;  however,  the  1024  bits/s  capability  remains  throughout  the  j 

mission  with  the  64-meter  DSN  dish,  ] 


There  are  several  options  for  data  readout  once  the  data  has  been 
stored*  These  include  operation  with  the  64 -meter  DSN  to  reduce  readout 
tinu'S,  and  readout  in  real  time  of  some  data  while  storing  of  other  expej  - 
ment  outputs.  The  memory  dump  times  for  the  various  formats  depend  on 
the  available  DSN  dish  as  shown  below. 
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(min) 

Low  altitude  data  21 

High  altitude  data  12 
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Tlu'  data  handling  options  includo  two  scii  iu f iiu  iu.ii  strm  turrs 


ri't’ori'i'd  to  .as  tlu*  low  altitudi*  ami  high  idlitmii'  h 
modifications  of  tho  A foritiat  and  iiro  in  addiih  n 
mats  (sucl»  as  tho  C ongiiu‘oring  formats).  1'lu  si 
operation  options  as  follows: 


M*mals,  whiili  .ire  slijdd 
1 o the  otiu'r  luomial  tor  - 
/ a i*t‘  used  with  I>SU 


• Low  altitude  format  can  be  used  for  real -lime  data  readout  during 
tl)e  entire  orbit  if  the  bit  rate  is  at  least  bits/s.  AH  data 
from  experiments  operating  at  high  bit  rat.*  at  p.'riapsis  is  lor- 
matted  and  iransntitled  in  real  time. 


• Low  altitude  "partial”  format  is  used  at  low  bit  rates  (t'4  bits/s). 
The  magnetometer,  electron  temperature  probe  and  tlie  ultra- 
violet spectrometer  data  (plus  housekeeping)  is  formatted  and 
telemetered  in  real  time.  The  remaining  science  data  is  stored 
unformatted  in  tlio  DSU. 


• The  high  altit^ide  ^ormat  prescMits  real-limo  data  trum  the  mag- 
netometer, solar  wind  analy^'^er  and  ultraviolet  spectrometer,  all 
at  their  lowest  bit  rates.  This  format  is  similar  to  the  A/D 
interleaved  format  of  Pioneers  10  and  t 1 with  all  data  in  the  **A" 
section  of  the  format.  Large  blank  spaces  (D  section)  wall  appear 
in  ♦^he  telemetry. 

• High  altitude  format  with  real-time  data  as  in  the  item  above. 

The  blank  sections  described  above  are  filled  wath  the  memory 
dump  data  which  is  the  unformatted  (raw)  data  stored  previously. 


To  summarize  the  capabilities,  a noimal  sequence  of  operation  is 
next  described  for  a 26-meter  DSN  for  an  end -of -miss  ion  bit  rale  of 
64  bits/s.  The  first  of  the  eight  stored  commands  occurs  at  the  4000 
kilometers  altitude  before  periapsis  to  change  experiment  bit  rides.  The 
magnetometer,  electron  temperature  probe,  and  ultraviolet  spectrometer 
are  formatted  and  ston'd  in  the  DSU  memory  . (It  the  bit  ratv'  is  at  U'ast 
128  bits/s,  this  data  can  also  bo  sent  real  time.)  The  data  from  the  ion 
and  neutral  mass  spectrometers  is  also  stored,  but  ;is  unformiitted  raw 
data.  The  second  command  for  bit  rale  change  of  the  intrarod  radiometer 
also  adds  this  data  to  the  memory  storage.  Tlu  third  and  fourth  stored 
commands  perform  similar  functions.  The  eighth  command  not  only 
reduces  the  bit  rates  for  experiments,  but  also  switches  to  the  high  alti- 
tude format,  with  only  magnetometers,  solar  wind,  and  ultraviolet  data 
presented  in  real  time.  A ground  command  must  he  used  to  dump  i\w 
memory  contents. 
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to. 8.  7. 3 Qcciiltation  ITxporimoni  Operation 

Earth  occultafion  occurs  during;  Iwu  periods,  llu'  first  70  days  in 
orbit  plus  a short  period  from  day  12!  today  14(».  The  first  occultation 
is  centered  approximately  at  the  time  about  periapsis,  with  a maximum 
occultation  of  20  minutes  duration.  ‘The  second  occultation  is  centered  at 
about  75  minutes  before  periapsis  with  a maximum  duration  of  about 
96  minutes.  Figure  10-30  shows  the  duration  and  altitudes  of  the 
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The  earth-point in^T  orientation  of  the  spacecraft  is  limited  in  sun 
aspect  angles  that  can  be  maintained.  The  lin^iting  factor  is  thermal 
control,  wliic^  prohibits  sun  «aspect  angles  greater  than  about  1.7B  radians 
(100  degrees)  to  prevent  direct  sunlight  into  (lie  louvers.  A 1.52  radian 
(90-degree)  aspect  angle  occurs  37  days  after  VOI.  Although  this  day  is 
nominally  designated  for  a spacecraft  flip  maneuver  (move  from  aft  toward 
earth  to  front  facing),  the  flip  can  be  delayed  as  much  as  18  days  and 
remain  within  the  1.75-radian  (100-degree)  aspect  angle  constraint,  giving 
a 55-day  occultation  experiment  capability. 

The  aft  medium-gain  horn  is  used  fo3‘  both  the  X-  and  S-band  occulta- 
tion exporitnents.  The  baseline  metiiod  for  operation  is  to  off-point  the 
spin  axis  about  0.21  radian  (12  degrees)  to  optimize  both  S-  and  X-band 
gain  over  the  occultation  time;  howcwer,  the  capability  exists  to  process 
the  spacecraft  during  (his  time  at  a fixed  rale.  Fixed-rate  procession 
can  give  a linear  approximation  within  about  0.05  radian  (3  degrees)  of 
the  optimum  pointing  direction  for  the  entire  pointing  history.  This  is 
achieved  by  selecting  the  closest  precession  rate  and  the  precession  start 
time  to  minimize  the  error  between  the  linear  precession  curve  and  the 
ideal  pointing  history.  The  stored  program  would  be  used  to  return  the 
spacecraft  lo  earth  pointing. 

During  (lie  occultation  off-pointing,  platform  mounted  experiments 
(ion  and  mass  spectrometers)  can  bo  maintained  pointing  in  the  ram  direc- 
tion during  pi'riapsis  by  computing  the  new  direction  caused  by  the  off- 
^ arth  altitude,  and  commanding  the  platform  to  tMs  new  angle. 

10.8.7.4  Experiment  Platform  Updating 

The  experiment  platform  can  be  commanded  to  point  within  0.004 
radian  (0,25  degree)  of  the  desired  pointing  direction  relative  to  the  space- 
craft. Each  ground  command  is  used  to  step  the  platfortn  direction  by 
0,009  radian  (0.5  degree)  in  the  direction  d^'termined  by  a poharity  sivlect 
command.  The  nominal  pointing  direction  of  the  experiment  platform  is 
sliown  in  Figure  10-31  which  shows  a worst -case  pointing  direction  change 
of  0.031  radian  (1.75  degrees)  per  day.  This  pointing  profile  can  easily 
be  mainlaineri  within  an  order  of  magnitude  better  than  the  estimated  experi- 
ment tolerance  of  about  0,  17  radian  (10  degre<*s).  About  fbrci'  and  oue-hatf 
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commands  per  day  would  be  used.  The  commanding  can  be  performed 
automatically  bv  the  stored  command  programmer,  with  three  commands 
per  day  for  the  first  4 days  and  four  per  day  during  the  next  week.  Three 
to  four  commands  per  day  would  then  be  alte mated  for  the  next  4 weeks 
with  only  the  weekly  program  update  necessary  fron\  ground  operations. 

Two  major  experiment  advantages  of  the  experiment  platform  include 
the  ability  to:  1)  maintain  experiment  pointing  in  the  ram  direction  even 

for  off-earth  pointing  maneuvers,  and  2)  point  the  experiment  platform  in 
the  ram  direction  at  altitudes  other  than  pt*riapsis  if  desired  and  at  the 
discretion  of  tlxe  ground  operator. 

1 0.  8.  7.5  Ultraviolet  Spectrometer  Dayglow  Maneuver 

The  ultraviolet  (UV)  spectrometer  experiment  capability  can  be  ex- 
tended to  obtain  dayglow  measurements  by  performing  an  additional  space- 
craft maneuver.  The  nominal  UV  experiment  field  of  view  is  a 0.  017  by 
0.  0000  radian  (1  by  0.  17  degree)  slit  which  scans  a cone  0.  14  radian 
(8  degrees)  trom  the  spin  axis,aas  shown  below.  For  optimum  conditions, 

the  dayglcw  measurements  should  be 
taken  with  Venus  just  filling  Uio  0.017- 
radian  (1 -degree)  field  of  view.  To 
exaclly  meet  these  conditions,  the 
spacecraft  would  perform  a preces- 
sion maneuver  of  about  0.  70  radian 
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(40  degrees)  such  that  the  cone  of  the  FOV  is  just  in  froiil  of  the  path  of 
Venus  at  the  time  Venus  is  600,000  kilometers  from  the  spacecraft.  Ihere 
are  t-wo  difficulties  involved  in  this  maneuver:  1)  the  0. 01  7-radian  (1-degree) 
Venus  disc  (at  693,  000  kilometers  from  Vi'ims)  occur.s  1.  !>  days  prior  to 
entry;  .i)  a 0.70-radian  (40-degree)  precession  maneuver  is  requireil  to 
properly  point  the  experiment.  The  inertial  rate  of  Venus  motion  relative 
to  the  spacecraft  spin  axis  is  about  0.  07  deg/hour  at  1.5  days  before  entry, 
as  shown  in  Figure  l0-3<i.  If  the  spacecraft  is  pointed  within  0.  017  radian 
(I  degree)  of  the  desired  pointing  for  this  experiment,  then  10  to  15  hours 
would  be  required  before  the  planet  passes  into  full  experiment  view.  I his 
time  would  not  permit  sufficient  margin  for  spacecraft  reorientation  and 
spinup  for  entry.  As  a compromise,  a 0.  005-radian  (0.  34-degree)  planet 
view  of  the  experiment  is  proposed  w'hich  would  occur  at  180,000  Kilometeis, 
4 days  before  entry.  Now,  if  the  spacecraft  is  pointed  0.  017  radian  (1  deg- 


ree) ahead  of  Venus  (pointing  error  worst  case)  then  Venus  would  pass 
through  the  FOV  of  the  experiment  3 days  out  at  about  a 0.  009- radian  (0.50 
degree)  view  diameter  (see  Figure  10-33).  After  one  full  day  of  planet 
viewing,  the  spacecraft  can  be  oriented  and  spun  to  6.  rad/s  (60  rpm) 
with  sufficient  time  margins  for  entry. 
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1 1.  LAUNCH  VEHICLE-RELATED  COST  REDUCTIONS 


n.  1 INTRODirC'nON 

A hrit  l survey  of  tht‘  factors  c onl r ihut in).'  most  si^jinificautly  to  the 
c ost  of  any  hiph-technology  endeavor,  such  as  spacecraft  development, 
shows  convincinjj;3y  that  hardware  c'ost  reduction  requires: 

• Use  of  existing  designs  to  reduce  the  design  and  development 
cost  of  reinventing  each  element  of  a system 

• Commonality  of  design  between  elements  of  the  system  to  reduce 
parallel  effort  and  realize  efficiencies  in  design,  manufacture, 
and  testing 

• Cfenerous  margins  in  critical  parameters  (such  as  weight, 
volume,  and  power)  to  simplify  new  designs  and  to  provide 
greater  flexibility  in  application  of  existing  designs. 

The  launch  vehicle  tradeoff  studies  focused  on  the  degree  to  which 
relaxation  of  weight  anc  volimie  constraints  (consistent  with  Atlas /Centaur 
capability)  could  reduce  overall  program  cost.  The  following  sections 
examine  Uie  effects  of  weight  and  volume  relief  on  costs  both  qualitatively 
and  quantitatively,  discuss  cost/ weight  allocations,  and  summarize  the 
Thor/ Delta-Atlas /Centaur  cost  tradeoffs  leading  to  the  recommended 
mission  system. 

11.2  QUALITATIVE  EFFECTS  OF  WEIGHT/ VOLUME  RELIEF 

Thor/ Delta  baseline  designs  for  the  probe  bus  and  orbiter,  even 
with  fairly  tight  weight  constraints,  are  able  to  make  extensive  use  of 
existing  vinit  designs  based  largely  on  Pioneer  10  and  11  subsystems.  The 
Thor/ Delta  probes,  on  the  other  hand,  arc  severely  weight/ volume  con- 
strained and  require  significantly  high'^r  proportions  of  now  and  major 
modification  design  effort. 

Consideration  of  relative  influence  of  the  developn\ent  cost  factors 
on  the  probe  bus/orbitcr  and  the  probes  is  summarized  in  Table  11-1. 

This  comparison  shows  clearly  that  the  probes  have  greater  potential 
benefit  from  weight/ volume  relaxation  than  do  the  probe  bus/orbiter. 

Atlas /Centaur  provides  twice  the  capability  of  Thor/ Delta  for  the  probe 
missions,  increasing  tlie  injection  weight  from  385  kg  (849  lb)  to  771  kg 
(1170  lb).  Initial  allocation  of  this  capability  ine  vease  between  probes  and 
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Table  ll-I,  Qualitative  Effecta  of  Woi^ht/Volurne 
Relief  on  Costs 


CnECI  ON  1 

COST  iNfMlfNCt  f ACTOR 

\ - 

Y 

PROBE  BUS 

ORBIT  TR 

PROlUS 

USE  OF  EXISTING  PfSIGNS  HARDVAKl 

SAMLL 

LARGE 

IMPROVEU  COMMONALITY 

SMAU 

VLRY  LARGE 

NEW  DESICN  SIMPLIFICATION 

* HIGH  MARGINS,  LESS  ANALYSIS ^TLST 

MODERATE 

LARGE 

• LOWER  FABRICATION  COSTS 

SMALL 

MODERATE 

• PACKAGING  DENSITY 

SMALL 

LARGE 

OTHER  FACTORS 

• BETTER  ACCESS  EFFICIENCY 

SMALL 

SMALL 

• REDUCED  WEIGHT  CON 'ROL 

MODERATE 

MODERATE 

• MAGNETIC  CLEANLINESS 

NEGLIGIB'E 

LARGE 

• IMPROVED  SCHEDULE  CONFIDENCE 

SMALL 

LARGE 

probe  bus.  shown  in  Table  11-2,  reflected  the  anticipated  benefit  to  the 
probe  design  by  assigning  approximately  three-fourths  of  the  increase  to 
probes  and  one -fourth  to  the  probe 
bus.  For  purposes  of  establishing 
the  most  cost-effective  weight  allo- 
cation, however,  both  probe  and 
probe  bus  design  analyses  explored 
the  full  range  of  potential  cost 
savings,  up  to  the  full  amount  of 
increased  capability  availability. 

This  aspect  is  treated  in  detail  in 
the  next  section. 

11.  3 COST/WEIGHT  ALLOCATION 
11.  3.  1 Optimum  Use  of  Increased  Capability 


Table  11-2,  Initial  Allocation  of 
Increased  Atlas  / 
Centaur  Capability 


WEIGHT  1 

THOR  delta 
(KG  (IB)| 

ATLAS /CENTAUR 
IKG  (LB)I 

SMAU  PROBE 
LARGE  PROBE 
PROBE  BUS 
TOTAL 

237  (522) 

N8  (327) 

385  (C49) 

52?  (M50) 

249  (550) 

'21  (1200) 

Cost,  as  well  as  several  other  parameters,  is  a major  factor  in 
selecting  subsysteni  and  system  configurations.  Comparisons  h.  twe.-n 
various  configurations,  or  emparisons  of  variations  within  a giv.-n  . on- 
figuration.  are  best  made  on  the  basis  of  cost  differences.  They  arc 
simpler  to  identify  and  define  tiuan  absolute  costs  since  the  differing 
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aspocls  bt'twi'on  variotis  clujjcc's  cun  bt'  rc*rined  without  great  concern 
about  the  cost  of  the  (usually  large)  portion  which  is  common. 

A major  tradeoff,  which  must  always  be  considered  in  any  syst«'m 
definition,  is  tliat  between  insl  and  weiglh.  Tlu'  significance  of  this  factor 
was  recognized  by  the  addition  ot  the  Atlas/Centaur  consideration  to  the 
Phase  M study,  with  the  explicit  ground  rule  that  tlie  stiidy  "shall  empha- 
size the  low  cost  and  not  use  the  Increased  capabilities  of  the  Atlas/ 
Centaur  launch  vehicle  to  enhance  or  modify  the  n\ission.  " The  approach 
described  in  the  preceding  paragraph,  that  of  considering  the  cost  change 
effects  of  weight  cliitnges,  was  also  applied  to  the  major  elements  of  the 
spacecraft,  the  probe  bus/orbiter,  and  the  probes. 

A general  treatment  of  optinnim  weight  allocation  for  mininumi  cost 
is  presented  in  Appendix  1 lA.  Appendix  III!  treats  the  more  general 
case  of  weight  and  reliability  allocation  for  minimum  cost,  where  cost 
can  be  expressed  as  a function  of  these  factors.  Application  of  the  gen- 
eral n-variable  cost/weight  optimization  criteria  requires  data  to  define 
total  cost  curves  for  each  of  the  n elements  comprising  the  system.  These 
data  are  difficult  to  obtain  even  for  the  elements  of  the  system  that  are 
part  of  the  spacecraft  (namely,  the  probe  bus/orbiter  and  probes)  and 
virtually  impossible  to  obtain  for  the  elements  such  as  the  scientific 
experiments,  w'hich  are  not  yet  fully  defined.  Correct  application  of  the 
allocation  technique  should  consider  all  contributing  elements.  Still, 
much  useful  insight  into  the  interaction  between  the  probe  bus  and  probes 
can  be  obtained  from  a limited,  two-variable  treatment.  This  is  the 
approach  adopted  for  consideration  of  cost/weight  allocation  and  sensi- 
tivity in  this  study. 

In  applying  the  general  concepts  to  a two-variable  case,  the  question 
to  be  answered  is  wh»*ther  the  total  available  capability  is  allocated  to  the 
two  elements  in  the  way  which  results  in  minimum  cost.  Further,  for 
the  increased  Atlas /Centaur  capability,  the  analysis  need  only  consider 
the  best  allocation  of  the  weight  increase  relative  to  the  Thor /Delta 
baseline  configuration.  Establishment  of  the  Thor/Delta  probe  and  bus 
configurations  as  baseline  cost  and  weight  points  permits  treatment  of 
Atlas /Centaur  variations  as  incremental  changes  from  tnese  baseline 
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Probo  data  aro  plotfod  from  iho  loft  orifzin.  ..ml  bus  data  from  iho  rijahl. 
riio  distamo  bolsvoon  tho  two  origins  (probo  and  bus)  r.  pr.’sonls  Iho  total 
incrcaso  in  injecliun  oapability  of  Allas/C, 'ntaur  ovor  rhor/n.  lla,  svhioh 
in  principle  ran  bo  alloral. -d  in  any  proportion  to  iho  prob.'s  and  bus.  By 
plotting  probo  and  bus  svoiuht  rbangos  from  opposilo  b.uindarios  of  tho 
capability  limits,  any  vortiral  lino  dofinos  a "possibl. ’■  p.iir  of  ss  . ight 
allocations.  Algebraic  summ.ition  of  tin*  savings  curves  yii'lds  tho  t.ital 
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cost  savnn^j?^  curve,  with  the  maximum  indicated  by  the  vertical  dashed 
line.  Figure  11*IB  is  a plot  of  the  cost /weight  slopes  for  this  general 
rx.im[>lt‘,  shovving  Ihc  i uincUlc.nco  of  the  equal  values  with  the  point  of 
maxinmin  cost  s.ivings  (ininimum  cost)  above.  When  plotted  in  this 
fashion  (probes  and  bus  in  opposite  directions),  the  "balance"  of  the 
eqvial  and  opposite  s loot  s with  the  maximum  (zero  slope)  poin!;  on  the 
total  savings  curve  is  made  clearly  evident.  This  condition  corresponds 
exactly  with  llio  criterion  for  the  general  n-variablc  case  described  in 
Appendix  1 lA. 

Figures  11-lC  and  11-lD  illustrate  the  application  of  these  concepts 
to  practically  realizable  hardware  cases.  The  data  are  not  continuous 
since  each  point  represents  a distinct  design  with  different  sets  of  equip- 
ment and  configurations.  These  points  are  shown  by  the  circles  on  the 
probe  and  bus  curves.  The  most  nearly  optimum  pair  of  points  shows 
roughly  equal  cost/weight  change  values,  and  further  displays  a signifi- 
cant additional  margin  (35  to  40  kg)  over  the  predicted  contingency  re- 
quirements. These  points  represent  the  selected  Atlas/Centaur  probe 
and  probe  bus  configurations. 

The  other  possible  pair  of  points,  representing  the  lightest  Atlas/ 
Centaur  probe  configuration  and  a bus  with  cold  gas  attitude  control,  is 
nonoptimum  for  two  reasons.  The  weight  margin  is  very  small  and  the 
savings  curve  slope  ($K/kg)  for  the  probes  is  much  higher  than  for  the 
bus,  indicating  an  imbalance  in  sensitivity  to  weight  changes.  The  se- 
lected configurations  are  the  optimum  pair. 

11*3.2  Cost/ Weight  Sensitivity  — Thor /Delta 

Weight  allocation  to  achieve  minimum  cost  depends  on  finding  the 
point  where  the  slopes  of  the  cost  versus  weight  curves  are  the  same. 

This  process  does  not  depend  on  the  absolute  values  of  the  slopes,  only 
the  coincidence  between  them.  Examination  of  sensitivity  to  changes 
reveals  some  interesting  related  aspects  of  this  subject. 

Since  we  are  interested  in  examining  the  effects  of  changes  away 
from  a nominally  defined  combination  (presumed  optimum,  or  near- 
optimum),  it  is  convenient  to  establish  th<‘  nominal  weight  allocation 
point  as  the  origin.  Figure  tl-2  displays  the  cost/weight  effects  of 
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various  combinations  of  design  variations  around  the  baseline  c 
tion.  Changes  in  one  direction  (say  to  the  right)  then  represent 
taneous  increase  in  probe  weight  and  a corresponding  decrease 
weight.  The  reverse  is  true  for  changes  in  the  other  direction. 


onfigura- 
simul- 
in  bus 


Considering  U,e  Thor/Del, a case  shown,  a range  of  possible  design 

changes  has  been  identified.  Most  of  these  represent  weight  decreases. 

with  corresponding  cost  increases,  tor  both  probes  and  bus.  For  the 

probes,  these  changes  are  in  the  range  of  150-500  0K/kg  (70-230  gK/lb). 

While  for  the  bus,  they  are  in  the  lower  range  of  20-150  $K/kg  (10-70 

$K/lb).  This  disparity  indicates  that  the  nominal  design  point  should  he 

shifted  to  more  nearly  equalize  these  rates  of  change.  Weight  changes  of 

5 kg  or  less  represent  cost  changes  on  the  order  of  $500K,  indicating  a 

relatively  high  sensitivity  to  change.  This  observation  is  significant  in 

light  of  the  marginally  s„«ll  weight  contingency  associated  with  the  Thor/ 
Delta  design. 
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1 1.  i Cost/ Wei^j»ht  Sensitivity  Atlas /Centaur 

Data  for  tho  Atlas /Centaur  cost/ weight  tradeoffs,  plotted  in  the 
same  manner  as  the  previous  Thor/ Delta  case,  arc  shown  in  Figure  11-3. 
In  this  rase,  the  wtught  axis  is  compressed  by  a factor  of  iO  and  the  cost 
change  axis  expanded  by  a factor  of  20.  These  changes  preserve  the 
equivalent  cost  per  unit  area,  and  also  maintain  a visual  similarity  be- 
tween the  two  curves. 

Cost/weight  changes  for  both  probes  and  bus  are  in  the  range  of 
7-12  $K/kg  (3-5  $K/lb).  Comparison  of  these  rates  of  change,  and  the 
range  of  weight  changes  involved,  indicates  that  Atlas/Centaur  is  roughly 
one-twentieth  as  sensitive  as  Thor/Delta.  Further,  the  low  cost  change 
per  unit  weight  change  indicates  proximity  to  the  region  of  diminishing 
returns. 

The  very  large  areas  associated  with  the  various  probe  configura- 
tion changes  are  indicative  of  the  large  savings  attained  by  providing 
sufficient  weight  and  volume  to  use  existing  designs  and  high  commonality 
in  the  probes. 


Ik^KG 


riqure  U-3,  Atlas/Centaur  Cosl/Welght  Tradeoffs 
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11.4  HARDWARE  IMPACT 


Having  considered  the  general  effects  of  cost/weight  variations  and 
shown  (in  Figures  11- 1C  and  11-lD)  that  an  optimum  Atlas/Centaur  probe 
bus  combination  exists,  we  can  now  examine  the  quantitative  benefits  of 
the  added  Atlas/Centaur  capability.  The  hardware  categories  outlined  in 
Table  11-1  will  be  discussed  in  the  following  sections,  with  the  nonhardware- 
related  factors  covered  in  Section  11.5. 

1 1.  4.  1 Increased  Utilization  of  Existing  Designs 

Design  selection  for  the  probe  bus  and  orbiter  spacecraft,  based 
largely  on  Pioneer  10  and  11  subsystems  results  in  high  utilization  of 
existing  designs  for  both  Thor/Delta  and  Atlas/Centaur.  As  can  be  seen 
from  Table  11-3  for  Thor/Delta,  cuid  Table  11-4  for  Atlas/Centaur,  more 
than  half  the  units  are  useable  without  change  or  require  modifications  so 
minor  that  requalification  will  not  be  required.  All  of  the  new  designs 
are  low-risk  applications  of  current  technology. 

Probe  design  selection,  while  able  to  draw  extensively  on  existing 
designs  and  technology,  requires  significantly  more  new  design  effort  for 
Thor/Delta  (Table  11-5)  than  for  Atlas/Centaur  (Table  11-6). 


Table  11-3.  Use  of  Existing  Designs  - Thor Delta 


SUBSYSTEM 

PROBE  BUS 

ORBITER  1 

r 

2 

3 

4 

TOTAL 

1 

2 

3 

4 

TOTAL 

electrical  power 

0 

0 

1 

4 

5 

0 

0 

I 

4 

5 

COMMUNICATIONS 

5 

2 

1 

1 

9 

e 

4 

2 

1 

15 

electrical  integration 

0 

1 

0 

1 

2 

0 

1 

0 

1 

2 

data  handling 

1 

0 

1 

0 

2 

i 

0 

1 

1 

3 

ATTITUDE  CONTROL 

0 

0 

2 

0 

2 

1 

0 

2 

0 

3 

PROPULSION 

4 

3 

0 

1 

8 

5 

3 

0 

1 

9 

THERMAL  CONTROL 

0 

1 

0 

I 

2 

0 

2 

0 

1 

3 

STRUC^JRE/MECHANISMS 

0 

0 

0 

3 

3 

0 

0 

1 

3 

4 

toial 

10 

7 

5 

n 

33 

)5 

10 

7 

12 

44 

PERCENT 

31 

2) 

15 

33 

100 

34 

23 

16 

27 

100 

*1  -USt  AS-IS 

2 - modify  existing  design  - NO  requalification 

3-  modify  EXISTING  DESIGN  - REQUAIIFICATION 

4- N£V;  DESIGN 
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Table  11-4.  Use  of  Existing  Designs  - Atlas /Centaur 


PROBE  BUS 

ORBITER  1 

1* 

2 

3 

4 

TOTAL 

1 

2 

3 

4 

TOTAL 

tlECTRlCAL  POWER 

0 

2 

1 

3 

6 

1 

2 

1 

3 

7 

COMMUNICATIONS 

7 

0 

1 

1 

9 

10 

4 

2 

1 

15 

ELECTRICAL  INTEGRATION 

0 

I 

0 

I 

2 

0 

1 

0 

1 

2 

DATA  HANDLING 

1 

0 

I 

0 

2 

1 

0 

1 

1 

3 

ATTITUDE  CONTROL 

0 

0 

2 

0 

2 

1 

0 

2 

0 

3 

PROPULSION 

4 

3 

0 

1 

B 

5 

3 

0 

1 

9 

THERMAL  CONTROL 

0 

1 

0 

1 

2 

0 

1 

0 

1 

2 

STRUCTURE/MECHANISMS 

0 

0 

0 

3 

3 

0 

0 

1 

3 

4 

TOTAL 

:: 

7 

5 

10 

34 

IB 

II 

7 

11 

47 

PERCENT 

35 

21 

IS 

29 

100 

39 

23 

15 

23 

100 

M - USE  AS-IS 

2 - MODIF-Y  EXISTING  DESIGN  .NO  REQUALIPICATIOK 

3 - MODIFY  EXISTING  DESIGN -REQUAUFICATION 

4 . NEW  DESIGN 


Table  11-5,  Thor/Delta  Probe  Design 


SUBSYSTEM 

SMALL  PROBE 

LARGE  PROBE  | 

1* 

2 

3 

4 

TOTAL 

1 

2 

3 

4 

TOTAL 

ELECTRICAL  POWER 

0 

0 

0 

2 

2 

0 

0 

0 

2 

2 

COMMUNICATIONS 

0 

0 

3 

0 

3 

0 

1 

3 

0 

4 

DATA  HANDLING  AND 
COMMAND 

0 

0 

0 

1 

1 

0 

0 

1 

0 

1 

HEATSHIELD/THERMAL 

2 

0 

0 

0 

2 

2 

0 

0 

0 

2 

STRUCTURES/MECHANISMS 

0 

1 

0 

2 

3 

0 

1 

0 

2 

3 

AEROSHELL 

0 

0 

0 

2 

2 

0 

0 

0 

2 

2 

DECELERATOR 

- 

- 

- 

- 

0 

0 

0 

1 

1 

TOTAL 

2 

1 

3 

7 

13 

2 

2 

4 

7 

15 

PERCENT 

15 

8 

23 

54 

100 

13 

13 

27 

47 

100 

*1  - USE  AS-IS 

2 - USE  AS-IS,  400-C  AND  HIGH-TEMPERATURE  QUALIFICATION 

3 - MODIFY  EXISTING  DESIGN  - REQUAUFICATION 

4 - NEW  DESIGN 


Table  11-6.  Atlas /Centaur  Probe  Design 


SUBSYSTEM 

SMALL  PROBE 

LARGE  PROBE  | 

1* 

2 

3 

total 

1 

•o 

3 

4 

total 

ELECTRICAL  POWER 

n 

1 

0 

n 

2 

D 

1 

0 

1 

2 

COMMUNICATIONS 

1 

2 

mm 

3 

mm 

1 

3 

0 

4 

data  HANDLING  AND 

0 

t 

0 

1 

0 

\ 

0 

1 

COMMAND 

HEATSHIELD/THERMAL 

2 

0 

0 

■■ 

mm 

2 

0 

0 

0 

2 

STRUCTURES/MECHANISMS 

0 

I 

0 

Wm 

0 

1 

0 

2 

3 

AEROSHELL 

0 

1 

0 

o 

n 

mm 

1 

0 

1 

2 

DECcLERATOR 

- 

- 

- 

H 

o 

B 

0 

0 

1 

1 

TOTAL 

2 

4 

a 

^9 

99 

4 

4 

S 

IS 

PERCENT 

15 

31 

23 

too 

LL 

27 

27 

33 

100 

•1  - USE  AS-IS 

2 . USE  AS.|$,  400-G  and  HIGH-TEMPERATORE  QUALIFICATION 

3 - MODIFY  EXISTING  DESIGN -REQUAUFICATION 

4 - NEW  DESIGN 
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These  results  are  shown  graphically  in  Figure  11-4,  where  bus/ 
orbiter  data  are  combined  on  the  left  half  of  the  figure  and  probe  data  are 
on  the  right.  The  small  effects  of  increased  capability  on  the  bus/orbiter 
can  be  summai'ized  by  the  minor  reduction  in  new  designs  from  30  to  27 
percent.  The  benefits  of  Atlas/Centaur  to  the  probes  show  clearly  in  the 
reduction  of  new  designs  from  50  to  32  percent,  with  corresponding  in- 
creases in  the  use  of  existing  designs.  This  improvement  in  utilization 
of  existing  designs  results  in  bus/orbiter  savings  of  $0.  3M  and  probe 
savings  of  $1.  5M. 


ATlAS/aNTAUR 
o THOVKLTA 


Figure  11-4,  Use  of  Existing  Designs  Lowers  Development  Cost 
1 1 . 4,  Z Increased  Design  Commonality 

Commonality  between  probe  bus  and  orbiter,  shown  by  Table  11-7, 
is  relatively  high  and  not  launch  vehicle  sensitive.  Considering  subele- 
ments of  the  designs,  such  as  structure  components,  commonality  is 
improved  still  further.  Excluding  items  that  do  not  have  like  functionp 
on  both  probe  and  orbiter  missions  (e.  g. , X-band  equipment,  probe 
ejection  mechanism,  etc.  ),  approximately  two-thirds  of  the  units  are 
common.  These  results  are  not  surprising  since  bus/orbiter  common- 
ality is  a prime  design  objective. 

Similar  tabulations  for  the  small  and  large  probes,  shown  in 
Table  11-8,  illustrate  the  dramatic  effect  of  Atlas /Centaur  capability 
increase  on  probe  commonality.  The  significance  of  these  factors  on 
cost  reduction  is  the  avoidance  of  much  new  (separate)  design  and  develop- 
ment for  both  the  small  and  large  probes. 
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COMMON 

PK\.)BL 

PUS 

UNIQUE 

nRRiTl'R 

UNIQUE 

total 

IHOK  UtUA 

USE  AS-IS 

10 

0 

S 

IS 

MODIFY  EXISTING  DESIGN  - 

NO  requalification 

6 

1 

4 

n 

MODIFY  EXISTING  DESIGN  - 
REQUALIFICATION 

4 

1 

3 

8 

NEW  DESIGN 

2 

9 

10 

2) 

TOTAL  DESIGNS 

22 

11 

22 

55 

PERCENT  OF  TOTAL 

40 

20 

40 

100 

ATLAS  CENTAUR 

USE  AS-IS 

12 

0 

6 

18 

MODIFY  EXISTING  DESIGN  - 
NO  REQUALIFICATION 

6 

1 

5 

1 

12 

MODIFY  EXISTING  DESIGN  - 
REQUALIFICATION 

4 

1 

: 3 

1 

8 

NEW  DESIGN 

1 

9 

10 

20 

total  DFSIoNS 

23 

1) 

24 

58 

PERCENT  OF  TOTAL 

40 

19 

4] 

Table  11-8.  Probe  Design  Commonality 


COMMON 

SMALL 

PROBE 

UNIQUE 

LARGE 

PRC3E 

UNIQUE 

TOTAL 

THOR/OELTA 

USE  AS-IS 

2 

0 

0 

2 

USE  AS-IS,  400-G  AND  HIGH 
TEMPERATURE  QUALIFICATION 

0 

1 

2 

3 

MODIFY  EXISTING  DESIGN  ~ 
REQUALIFICATION 

1 

2 

2 

5 

NEW  DESIGN 

0 

7 

6 

15 







total  designs 

3 

10 

|2 

25 

PERCENT  OF  TOTAL 

atlas/centaur 

12 

40 

48 

100 

USE  AS-IS 

2 

0 

0 

2 

USE  AS-IS,  400-0  AND  HIGH 
TEMPERATURE  QUALIFICATION 

1 

2 

3 

6 

MODIFY  EXISTING  DESIGN  ♦ 
REQUALIFICATION 

4 

0 

0 

4 

NEW  DESIGN 

1 

3 

4 

6 





TOTAL  DESIGNS 

8 

5 

7 

20 

PERCENT  OF  TOTAL 

40 

25 

35 

100 
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Commoualily  In^lwoon  tho  probo  Inis  and  pro!)os  also  iinpnwos 
significantly  wiili  Atlas/Contavir  since  Pioneer  1 0 *uui  11  data  luuuUing 
\inits  can  be  used  in  tlie  !>us  and  both  probes.  In  addition  to  1lu‘  use  of  an 
existing  design  rather  than  a new  one  in  the  probes,  this  approach  re- 
sults in  the  savings  related  to  common  use  of  tht*  same  assemblies  in 
several  system  elements. 

The  results  are  shown  gr  aph- 
ieally  in  Figure  11-5,  in  a manner 
similar  to  that  used  in  Figure  11-4 
for  design  utilization.  The  major 
improvement  in  probe  eommonality 
results  in  cost  savings  of  bM. 

11.4.  3 Design  Simplification 

Increased  weight  and  volume 
margins,  in  addition  to  the  major 
benefit  of  pern\itting  a wider  choice  of  existing  designs,  provides  the 
opportunity  to  simplify  the  remaining  new  design  effort  through  use  of 
greater  design  margins  and  safety  factors.  This  has  further  benefit  in 
reducing  the  analysis  and  test  effort  required  to  verify  design  adequacy. 

For  the  probe  bus/orbiter,  these  effects  are  apparent  primarily  in 
structxiros  and  mechanisms  since  these  areas  \m\vv  the  highest  concentra- 
tion of  new  design  effort.  Use  of  standard  shapes,  simple  fittings,  and 
conventional  fastening  techniques  contribute  to  less  costly  design,  tooling, 
detail  fabrication  and  assembly,  at  a relatively  modest  increase  in  weight. 
This  approach  is  expecteil  to  result  in  at  least  a 10-percent  lower  cost  in 
these  elements*  Similar  effects  are  expected  in  the  new  electronic 
assemblies,  although  the  potential  is  less  significant  in  these  limited 
cases* 

The  probes  realize  substantial  cost  savings  from  design  simplifica- 
tion. Use  of  larger  design  margins  in  the  pressure  vessels,  aeroshell, 
heatshield  and  thermal  control  areas  permits  significant  reductions  in 
development  testing  and  analysis.  In  addition,  the  increased  factors  of 
safety  permit  deletion  of  structural  model  testing*  Tlu'  combined  cost 
avoidance  of  t\ese  prolie  factors  is  $1.  4M. 


ti'MMONAi  m 
I^NUN 


SMAU  lAKcU 
PROMS 


□ AtlA^  «.1N1AI(K 
”]  IIUXIMHA 


Figure  U -S.  Design  Ccmmonalitv  lowers  Development  Cost 
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Simplification  of  the  system  level  design  integration  and  analysis  tasks, 
due  to  improved  commonality  and  more  nearly  optimum  equipment  layout, 
is  expected  to  permit  cost  avoidance  of  about  $0,  IM.  The  total  result  of 
the  greater  flexibility  on  the  new  design  acti'.'ity  will  be  at  least  $1. 9M. 

11.5  OTHER  LAUNCH  VEHICLE-RELA TED  FACTORS 

Several  other  factors  reflect  the  benefits  of  relaxed  size  and  weight 
constraints,  either  directly  or  indirectly.  Typically,  spacecraft  are 
tightly  weight  constrained  and,  to  a lesser  extent,  size  constrained. 

While  the  principal  benefit  from  relaxing  these  constraints  is  shown  in 

hardware  costs  described  above,  there  are  collectively  signifi* 
cant  lesser  items  that  deserve  recognition. 

The  costs  of  "weight  control,  " i.  e.  , the  direct  action  to  avoid 
weight  growth  and/or  effect  weight  reduction  if  overweight  conditions 
exist,  can  be  sizable.  Comparison  with  recent  spacecraft  and  planetary 
lander  programs  indicates  that  approximately  $0.  2M  can  be  saved  in  the 
probe  bus /or  biter  and  at  least  $0.  4M  in  the  probes  for  this  factor. 

Possible  additional  "hidden"  costs,  such  as  retest  where  weight  reduc- 
tion redesign  has  invalidated  previous  testing,  are  not  considered  in  this 
assessment. 

The  larger  size  of  the  probe  bus/orbiter  and  probes  improves 
access  in  several  important  aspects.  Basic  assembly,  test,  and  checkout 
are  simplified  and  speeded  up.  Perhaps  more  importantly,  fault  isolation 
or  troubleshooting  during  system  testing,  when  serial  downtime  is  very 
costly  in  both  direct  manpower  and  diminished  schedule  confidence,  can 
be  significantly  improved  through  better  access  to  individual  boxes  and 
connectors.  While  very  difficult  to  assess  in  an  accurate  quantitative 
fashion,  this  factor  contributes  at  least  $0.  IM  each  for  both  the  probe 
bus/orbiter  and  probes. 

Another  benefit  of  the  relative  "roominess " of  the  probes  in  the  Atlas/ 
Centaur  design  is  the  marked  easing  of  the  science  integration  and  magnetic 
cleanliness  requirements,  for  the  case  where  the  payload  includes  the 
small  probe  magnetometer.  The  very  tight  packaging  of  the  Thor /Delta 
probes  poses  some  very  stringent  and  demanding  problems  in  these  areas. 
Relaxation,  due  to  size,  is  estimated  to  result  in  approximately  $0.  3M 
savings, 
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11.6  THOR/ DELTA-ATLAS/CENTAUR  COST  TRADf:OFFS 

SummarizanH  thi-  preceding  spacecraft  hardware  and  other  cost 
savings  factors,  Table  11-9  shows  clearly  the  major  impact  of  the 
Atlas/Centaur  capability  increase  over  Thor/Dclta,  especially  on  probe 

cost.  This  summary  also  highlights  the  basic  findings  of  the  study  cost 
reduction  analysis: 

• To  reduce  cost,  reduce  new  hardware  development 

• If  an  existing  design  will  do  the  job,  use  it 

• If  a unit  can  be  used  in  more  than  one  application,  do  it. 

Greater  weight  and  volume  allowances  increase  the  probability  of  applying 
one  or  more  of  the  above  maxims. 


Table  11-9.  Weight/Volvime  Effect  Cast 
Summary 


APPROXIMATE  SAVINGS  ($M!  | 

BUS/ 

ORBITER 

OROBES 

GREATER  UTILIZAl  'ON  OF  EXISTING 

0 2 

1 5 

DESIGNS 

IMPROVED  COMMONALITY 

--- 

3.6 

SIMPLIFICATION  OF  NEW  DES!Gi4S 

0.5 

1 .4 

OTHER  FACTORS  THAT  LOW:R  C.OST 

0.3 

1.5 

TOTALS 

l.l 

8.0 

Offsetting  the  savings  tabulated  above  for  Atlas/Centaur  is  the 
significant  increase  in  launch  vehicle  and  related  support  costs,  $9.  OM 
for  each  launch. 

It  may  readily  be  seen  that  launch  vehicle- related  cost  reductions, 
primarily  for  the  probes,  are  adequate  to  offset  the  cost  increment  of  one 
Atlas/Centaur,  but  not  two.  With  this  in  mind,  the  concept  of  a "split 
launch  evolved,  using  Atlas/Centaur  for  the  probe  mission  and  Thor/ 
Delta  for  the  orbiter  mission.  The  major  probe  savings  are  unaffected, 
while  the  loss  of  commonality  between  the  probe  bus  and  orbiter  results 
in  increased  costs  of  about  $1.  5M  for  these  elements. 


11-14 


Table  11. ,0  aummariaea  .hoao  con»id„atio„a,  1„  the  upper  portion 
<■  the  table,  and  provides  a limited  assessment  ot  some  other  related 
costs  no,  directly  within  the  scope  ot  the  study.  From  these  liBures,  the 
spht  m.ss.on"  concept  presents  a tavorablo  cost  Iradeoft,  even  allowinB 
or  w.de  variations  m the  assessment  ot  the  related  costs.  For  example, 
o intangible  costs,  which  include  such  factors  as  schedule  contldenco 
are  likely  to  be  attected  by  the  use  ot  different  launch  vehicles,  and  may 
even  be  positive  (extra  cost)  for  the  "spUt  mission.  " The  essential 
result  IS  unchanged,  however.  Probe  savings  are  greatly  dependent  on 
the  greater  capability  of  Atla./CenUur,  while  the  probe  bus/orbit.r  is 
only  slightly  affected  by  launch  vehicle. 

Table  11-10.  Split  Mission  Cost  Summary 


MISSION 

definition 

COST 

ELEMENT 


SPACECRAFT 


PROBE  BUS 
PROBES 
ORBITER 
SUBTOTAL 
LAUNCH  VEHICLE 


TOTAL  HARDWARE  COST 


related  COSTS 


GROUND  DATA  HANDLING 
SCIENCE  DEVELOPMENT 
INTANGIBLE 
SUBTOTAL 

TOTAL  COST  PIFFERFMf  C 


THOR/nPi  TA  AT.  Ae atlas/centaur  PROBE 

THOR/DELTA  ATUS/CENTAUR  THOR/DELTA  ORBITER 


BASED  ON  ASSESSMENT  OF  PROBE  SCIENCE  ONLY 
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11.7  RECOMMENDED  MISSION  SYSTEM 


The  basic  cost  of  the  Pioneer  Venus  multiprobe  and  or  biter  mis- 
sion spacecraft  can  be  kept  reasonably  low  by  extensive  use  of  existing 
designs^  from  Pioneers  10  and  11,  Viking,  and  other  programs.  Use  of 

the  greater  capability  of  Atlas/Centaur  provides  major  cost  savings  in 
the  probes,  largely  throvigh  greater  use  of  existing  designs  and  improved 
commonality.  Improvements  in  the  probe  bus/orbiter  are  not  svifficient 
to  justify  the  use  of  Atlas/Centaur  for  both  missions,  within  the  scope  of 
the  study  guidelines  and  data. 

On  the  basis  of  these  considerations,  the  recommended  mission 
system  uses  Atlas/Centaur  for  the  probe  mission  and  Thor/Delta  for  the 
or  biter  mission.  This  combination  is  cost  effective  and  greatly  reduces 
the  risk  Inherent  in  the  demanding  multiprobe  mission. 

The  program  redirection  of  13  April  1973,  which  delayed  the  probe 
mission  launch  from  January  1977  to  August  1978,  injected  several  other 
factors  into  the  consideration  of  laxmeh  vehicle  selection.  The  close 
proximity  of  the  probe  mission  launch  to  the  May  1978  orbiter  mission 
launch  understandably  raises  concern  regarding  use  of  different  launch 
vehicles*  It  is  also  recognized  that  the  Thor/Delta  orbiter  mission, 
while  entirely  feasible  for  the  payload  defined  by  the  study  ground  rules, 
has  virtually  no  potential  for  growth  or  flexibility.  Accordingly,  the 
NASA  decision  to  utilize  Atlas/Centaur  for  both  missions,  considered  in 
the  total  program  environment  (including  lower  spacecraft  and  science 
costs)  is  a fxxndamentally  sound  one.  The  entire  program  will  benefit 
from  the  opportvinity  to  demonstrate  the  very  real  benefits  ox  reac^onable 
relaxation  in  weight  and  volume  constraints. 
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12,  Long  Lead  Items  and  G'itical  Areas 


LONG  LEAD  ITEMS  AND  CRITICAL  AREAS 


A Hi  dy  was  ctuidvicted  to  define  any  hi  jL»!i  - ri  sk , high -cost,  or  long 
load  item^  *nd  areas  whore  performance,  coBt.  or  Bchodulo  are  critical, 
This  work  includod  a review  of  all  probe  elomeiits  to  identify  any 

possible  roiacarch  and  technology  required  to  support  implementation  of 
the  overall  program  containerl  In  Volume  II  and  shown  in  summary  form 
in  Figure  I 2**  1 . 


Figure  \2-\,  Schedule  Summery 


12.  1 LONG  LEAD 

Probe  program  elements  were  examined  to  define  any  long  lead  items, 
i.e.  , any  design  activity  that  must  start  early  in  the  program  because  of 
the  technical  risk  involved*  We  concluded  that  no  such  items  exist;  in  fact, 
the  use  of  existing  designs  and  proven  technology  is  one  of  the  key  features 
of  our  proposed  design*  Therefore,  we  do  not  propose  any  long  lead  tech- 
nology or  hardware  design  activities. 

12.2  CRITICAL  AREAS 


Examination  of  critical  areas  associated  with  the  proposed  probe  pro- 
gram revealed  that  several  critical  performance  and  engineering  activities 
exist,  due  primarTy  to  hardware  development*  build,  and  delivery  schedule 


imposed  on  the  probes.  These  schedule  - related  critical  activities,  shown 
in  Figure  12-2,  fall  into  three  categories: 


1)  System  performance  (aero  tests  and  science  window  development) 

2)  Interface  definition 

3)  Preliminary  procurement  activities. 

The  necessity  for  these  activities  is  rather  obvious  in  supporting  the 
center  loaded  program  discussed  in  Volume  III.  For  this  program  approach, 
it  is  essential  that  all  hardware  design  requirements  and  specifications  must 
be  defined  at  the  time  "hard  start"  is  indicated;  in  other  words  hardware 
must  be  designed,  fabricated,  and  procured  in  a quick,  direct  fashion  in 
order  to  support  the  schedule.  No  time  is  allowed  to  finalize  or  fine  tune 
the  aero  shape,  negotiate  interfaces,  or  develop  procurement  paperwork 
after  the  hard  start.  Therefore,  we  have  designated  the  actiyities  shown 
in  Figure  12-2  as  critical  areas  for  support  of  the  proposed  center 
loaded  schedule. 
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A)  PflOfiE  SCIENCE  ICO  MAINTENANCE  1.  AftC/Pl  COO«DINATION 
5Cin4C£  WINDOW  DEVELOPMENT 
M.  MISSION  ANALYSIS 

A)  PROBE.  DSM  INTERFACE  SPEC  AND  ICO  MAINTENANCE 
m.  SYSTEM  OESION 

A)  APPROVED  PARTS  LIST  (MMC  SUKONTRACTORS) 

B)  APPROVED  system  LEVEL  TFST  PLAN 

C)  SUBSYSTEM  INTERFACE  AND  ICD  PREPARATION 

IV.  MECHANICAL  SUBSYSTEMS 

A)  AERO  CONFIGURATION  TESTING 

B)  DEFINITIVE  PD  PREPARATION 

Cl  SUBCONTRACTOR  LIAISON  (SUPPORT) 

V.  electrical  SUBSYSTEMS 

A)  DEFINITIVE  PO  PREPARATION 
Bi  SUBCONTRACTOR  LIAISON  (SUPPORT) 

C)  ICD  MAINTENANCE 
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Figure  12*?.  Critical  Activities 


